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Foreword

This publication, Composite Structures: Theory and Practice, contains papers presented at the
symposium of the same name held in Seattle, Washington, on 17-18 May 1999. The symposium was
sponsored by ASTM Committee D-30 on Composite Materials. The symposium co-chairmen were
Peter Grant and Carl Q. Rousseau. They both served as STP editors.
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Overview

The Symposium on “Composite Structures: Theory and Practice™ sponsored by Committee D-30
on Composite Materials, was held in Seattle on 17th and 18th May 1999. This topic was a departure
from the traditional D-30 symposia themes of “Design and Testing” and “Fatigue and Fracture.” The
reasons for this were to focus more specifically on structural certification/qualification issues. and to
garner more interest and participation from government and industry experts. As stated in the Call for
Papers. “The objective of this symposium (was) to bring together practitioners and theoreticians in
the composite structural mechanics field, to better understand the needs and limitations under which
each work.”

The Symposium was structured around seven general topics (the various sessions), seven invited
speakers on these or more global issues, the Wayne Stinchcomb Memorial Award and Lecture, and
a wrap-up panel discussion with the invited speakers. The following paragraphs provide brief
overviews of all of the papers included in this STP. as well as comments on the panel discussion and
additional oral presentations given during the Symposium.

Professor Paul Lagace opened the Symposium with an invited talk on “Technology Transition in
the World of Composites—An Academic’s Perspective.” Professor Lagace provided the attendees
with an insightful and entertaining overview of some of the more popular composite structures re-
search topics over the years, and some of the resulting successes and/or barriers to practical use. No
technical publication in this STP was warranted for Prof. Lagace’s editorial subject.

Structural Damage Tolerance

Lincoln USAF/ASC, gave an invited talk and related paper that reviews the development of pro-
cedures used by the United States Air Force in the qualification of composite structures. He also re-
views Navy programs. and the resulting Joint Service Specification Guide. The challenges in future
certification initiatives, in particular, the need to reduce cost and address changes in manufacturing
processes are discussed. He proposes a re-examination of the building-block process and a critical re-
view of probabilistic methods.

Dr. Larry Ilcewicz, FAA National Resource Specialist for Composites, gave an invited talk on his
previously published “Perspectives on Large Flaw Behavior for Composite Aircraft Structure.” This
presentation gave an authoritative overview of low-velocity impact and discrete source damage
threats, certification requirements. and structural response. No technical publication of this work was
possible for this STP.

Olsson, Asp, Nilsson, and Sjogren review, in the main work performed at the Aeronautical Re-
search Institute of Sweden (FFA). of studying the effects of impact upon composite structures. Both
damage resistance and damage tolerance are studied, along with an assessment of the effects of global
buckling.

Anderson presented a practical approach to design-specific compression strength-after-impact cer-
tification. The application cited was that of a carbon/thermoplastic light helicopter tailboom.

Skin-Stringer Behavior

Greenhalgh, Singh, and Nilsson investigate the behavior of damaged skin-stringer panels under
compressive loading. Analysis and test of delamination growth are compared through the use of fi-

Vil



viii OVERVIEW

nite element and fractographic analysis. Local delamination and global buckling are modeled through
the use of a moving mesh technique. The effects of embedded skin defects, with respect to size and
location. are studied. Guidelines for realistic modeling and damage tolerant design are presented.

Rousseau. Baker, and Hethcock perform a parametric study of critical compression-after-impact
(CAD strength variables for three-stringer panels. and demonstrate practical global-local analytical
tools to predict initial buckling and CAI strength. A particular benefit to this paper is the large size of
the experimental three-stringer CAI panel database (39 specimens). which should be of use to future
analysis validation exercises.

Krueger, Minguet, and O’Brien present a simplified method of determining strain energy release
rates in composite skin-stringer specimens under combined in-plane and bending loads. In this
method. a quadratic expression is derived for the two relevant fracture modes, and three finite ele-
ment solutions are used to determine the quadratic coefficients. Both linear and geometrically non-
linear problems are evaluated. The resulting quadratic expressions for energy release rates are in ex-
cellent agreement with known linear solutions, and satisfactory agreement over a wide range of
nonlinear loading conditions.

Dr. Andrew Makeev (co-author Armanios) gave an oral presentation on a global analysis for sep-
arating fracture modes in laminated composites. An exact elasticity solution with approximated
boundary conditions for self-similar delamination growth was used. The predicted mode ratio was
compared with existing results for eight-ply quasi-isotropic laminates under axial extension. No
manuscript is published in the STP for this presentation.

Rotorcraft and Propeller Structural Qualification Issues

Altman, Reddy. and Moore in an invited paper. present the rationale for substantiation of the fiber-
glass/epoxy V-22 proprotor yoke using a “fail safe” methodology. Significant delaminations were ob-
served in fatigue tests on both prototype and production components within the “safe life” goal of
30 000 hours. “Fail safe” qualification of other Bell Helicopter composite yokes is reviewed. In these
components delamination is shown to be a benign failure mode. “Fail safe” substantiation methodol-
ogy results in a lower life cycle cost.

Dobyns, Barr, and Adelmann discuss the RAH-66 Comanche airframe building-block structural
qualification program from testing at the coupon level to full scale static test of the complete airframe
structure. Testing discussed includes bolted joints, sandwich structure. crippling specimens. fuselage-
sections, and design specific tests. The interaction of the building-block test results with detail design
is shown to be important.

Caiazzo, Orlet, McShane, Strait, and Rachau develop a method for predicting key properties of
composite structures containing ply waviness. several times the ply nominal thickness. These “mar-
celled” regions have been observed in thick components. This analytical tool is intended to be used
to disposition parts containing these defects. The validity of the method is demonstrated in correla-
tion with test data.

Murri studies the effect of ply waviness upon the fatigue life of composite rotor hub flexbeams.
Delamination failure of test specimens having these “marcelled” regions occurs at significantly
shorter fatigue lives than in similar specimens without marcels. Geometrically, nonlinear analysis ad-
dressing interlaminar normal stresses shows the critical influence of the degree of marcelling. A tech-
nique is presented for acceptance/rejection criteria of marcels in flexbeams.

Smith and Mattavi show that unique challenges exist in the development of design allowables for
a resin-transfer-molded (RTM) propeller blade. They show that coupon level tests successfully pro-
vide data for elastic constants, effects of batch variability, effects of adverse environments, and for
the shape of fatigue curves, but do not provide enough guidance for the design of full scale structure
in the absence of full scale test data. The number of full-scale tests needed is greater for a RTM blade
or structure than for a metal blade or standard prepreg structure.
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Bolted Joint Analysis

larve and Mollenhauer use a 3-D displacement spline approximation method to evaluate an ob-
served stacking sequence effect upon the pin-bearing strength of two quasi-isotropic laminates. A
qualitative agreement is obtained between predicted stress distributions and experimental damage ob-
servation. The analysis identifies critical transverse shear and normal stresses.

Qing, Sun, Dagba, and Chang propose an approach for the design of bolted composite joints based
on a progressive damage model. The computer code. 3DBOLT/ABAQUS. is capable of predicting
joint response from initial loading to final failure. The effects of bolt clamping force and area, and
joint configuration upon joint response are summarized.

Bau. Hoyt. and Rousseau present work aimed at developing better numerical predictions of open
hole compressive strength, a key structural design driver currently determined experimentally. First,
experimental results for a wide range of carbon/epoxy laminates are studied and the predominant lam-
ina-level failure modes isolated. Secondly. a progressive damage 2-D finite element code developed
by F. K. Chang at Stanford. is evaluated relative to the large set of experimental data. It is concluded
that the progressive damage model yields good results for hard laminates exhibiting 0°-ply-domi-
nated failure modes. but improvements to matrix/off-axis-ply-dominated failure modes are required.

Sawicki and Minguet investigate the effects of fastener hole-filling and hole clearance upon the
strength of composite bolted joints loaded in compression. Experiments show three primary modes
of failure. which vary depending upon the bolt diameter, hole diameter, and bearing-bypass loading
ratio. Strength predictions based upon progressive damage finite element analysis demonstrate rea-
sonable agreement with experimental trends.

Test Methods

Mr. Rich Fields. ASTM D-30 Vice-Chair, made an invited oral presentation on “"An American Per-
spective on International Standardization of Composites.” This sensitive subject covered recent D-30
experience with [SO TC61 as well as the author’s opinions of the relative merits of ASTM versus ISO
approaches to consensus standardization. This briefing was well-attended by ASTM leadership, in-
cluding Jim Thomas. President. No technical publication in this STP was warranted for Mr. Field's
editorial subject.

Martin and Rousseau compare mode I delamination growth behavior at a 0°/0° ply interface with
that of a 0°/45° ply interface in glass/epoxy tape. The motivation for this work was that most struc-
tural delaminations occur at dissimilar ply interfaces. such as 0°/45°. while the ASTM standard
coupon delamination test methods all utilize unidirectional coupons (in order to minimize residual
and free-edge stresses). Martin and Rousseau observe in their experimental work that fiber-bridging
is similar in both lay-ups (unexpected for the 0°/45° configuration). delaminations grow in a self-sim-
ilar manner (i.e., do not jump to other ply interfaces), and static critical strain energy release rate, Gy..
from the 0°/45° lay-up exhibits a lower mean and higher scatter (on a small sample size) than the uni-
directional configuration. Both specimen designs yvield similar fatigue delamination onset results. A
useful sidelight to this work is the development of a general method of designing multidirectional
laminated delamination coupons that minimizes bend-twist coupling, free-edge. and residual stresses.

Piggot reviews several ASTM D-30 standards. concentrating on the aspects of shear dominated
failures. He applies his knowledge of the failure of polymers when subjected to shear loading, and
shows that these failures are in fact tensile in nature. He presents a case for a re-evaluation of D30
standards, which involve apparent shear failures.

Schuecker and Davidson present a timely study on the effect of friction on the calculated mode II
fracture toughness of the proposed ASTM standard four-point end-notch flexure (4ENF) coupon test,
This finite element-based study shows that frictional effects, while present, do not fully account for
experimentally observed differences in Gy between the 4ENF and other mode II test methods.
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Konig, Kreiiger, and Rinderknecht present both two-dimensional higher-order plate and three-di-
mensional layered solid-finite element results in a multidirectionally-laminated end-notch flexure test
coupon. The results suggest that width-wise variation in both magnitude and mode ratio of strain en-
ergy release rates along the crack front contribute to the shape of the delamination front as well as the
final unstable delamination growth. Comparison with experimental results shows that global delam-
ination growth in this case of pure shear (combined modes II and III) is correctly predicted by Grif-
fith’s criterion.

Brunner and Paradies (in a paper submitted for publication in this STP. but not presented at the
Symposium) evaluate several different T-joint sandwich designs, made from balsa-wood cores hav-
ing carbon fiber reinforced polymer facesheets. In addition to load-displacement and strain gage data,
the test program makes extensive use of acoustic-emission techniques. These techniques monitor
early onset of damage and accumulation up to final failure. The specimens were subjected to quasi-
static tension and compression loads.

Bucinell and Roy develop a test method for evaluating the properties of closed-section composite
laminates. Analysis and test demonstrate that the contiguration accurately develops compression
properties, and that buckling modes are suppressed. The authors suggest that other laminates be eval-
uated. and a round-robin test program performed to demonstrate reproducibility of the method.

Owens. Schmidt, and Davis present test methods for generating design properties for skin-to-spar
type composite bonded joints, loaded in both shear and pull-off. Data acquisition techniques were de-
veloped to capture initial and localized failure modes. The use of a 3-D textile reinforcement is shown
to provide improvements over typical unreinforced cocured joints.

Strength Prediction

Hart-Smith, in an invited paper, presents a critical review of fiber-reinforced composites un-
notched failure criteria both as taught in academia and as used in practical applications. His criticisms
center on the use of interactive failure theories in progressive ply-by-ply failure analyses. He shows
that the inhomogeneity of fiber reinforced materials invalidates the use of these theories. and makes
a strong recommendation that both the use and teaching of these cease. A strong case is made for the
use of separate mechanistic models for failures in the fibers. matrix and at the interfaces.

Dr. Chiristos Chamis (co-authors Patnaik and Coroneos gave an oral presentation on the capabil-
ity of an integrated computer code entitled Multi-faceted/Engine Structures Optimization,
MP/ESTOP. The discipline modules in this code include: engine cycle analysis, engine weight esti-
mation, fluid mechanics, cost, mission, coupled structural and thermal analysis, various composite
property simulators, and probabilistic methods to evaluate uncertainty in all the design parameters.
He described the multifaceted analysis and design optimization capability for engine structures. Re-
sults illustrated reliability. noise. and cascade optimization strategy. Both weight and engine noise
were reduced when metal was replaced by composites in engine rotors. No manuscript is published
in the STP for this presentation.

Peck develops closed form 2-D solutions for the displacements, strains. and stresses in curved and
laminated orthotropic beams due to both mechanical and thermal loading. The solutions are exact and
thus equally applicable to both solid laminates and sandwich structures. Sample calculations for alu-
minum honeycomb beams having graphite/epoxy facesheets. predict anticipated failure modes.

Chatterjee uses damage mechanics to develop an approach for inelastic analysis of structural ele-
ments made from laminated fiber composites of a brittle nature. This method is used to predict be-
havior beyond initial damage for a pressure vessel and also address the hole size effect. He suggests
that use of this approach to address environmental effects still requires material characterization at
the appropriate environments.

Barbero and Wen develop a methodology to estimate the strength of fiber-reinforced composite
production components, utilizing minimal characterization data. Compression strength is related to
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shear strength and stiffness, and fiber misalignment, which is measured from actual production parts.
The method is validated through comparisons with test data.

Environmental Effects

Lubke, Butkus, and Johnson study the long-term durability of a toughened epoxy used to bond
graphite/bismaleimide composites. Test data are presented addressing the effects of temperature, en-
vironmental exposure, and adherend type on the toughness of these bonded joints. The combination
of prior environmental exposure and low test temperature resulted in severe degradation of fracture
toughness.

Reynolds and McManus present experimental observations of microcracking damage in PETI-5
and PIXA-M composites exposed to realistic hygro-thermal cycling. With these materials moisture
cycling is shown to play a critical role in moisture distribution. Levels of moisture near surfaces and
free edges exhibit a cyclic pattern, often with a benign level in the laminate interior. Time at mois-
ture is the dominant factor in material degradation. For these materials damage is shown to be lim-
ited to the free edges.

Plenary Session

Starnes, Nemeth, and Hilburger in the final invited paper. present the results of an experimental
and analytical study of the effects of initial imperfections on the buckling response of thin unstiffened
graphite-epoxy cylindrical shells. The nonlinear finite element code is shown to account for accu-
rately both traditional and non-traditional shell imperfections and load variations. It is proposed that
the nonlinear analysis procedure can be used as a basis for a shell analysis and design approach.

Stinchcomb Lecture

Dr C. C. Poe (NASA Langley Research Center) who was the recipient of the Wayne Stinchcomb
memorial award gave this lecture, which was not published in the STP. He reviewed a test program
aimed at developing damage tolerance allowables for a stitched resin-film-infused material. The ma-
terial was that used on the NASA Advanced Subsonic Technology {AST) Composite Wing Program,
and consisted of IM7 and AS4 fibers in the 3501-6 resin, stitched transversely with Kevlar-29 thread.
Tests were conducted in the three fiber directions, and on four different thicknesses to replicate the
wing skin from tip to root. The configurations included compact, extended compact, and center
notched tension specimens. Normal and shear strains were calculated on fracture planes using a
William's type series representation of strain fields for plane anisotropic crack problems. A charac-
teristic distance for ultimate tension and shear was calculated, and an interaction equation deter-
mined.

Panel Discussion

The panelists were Drs. Chris Chamis (NASA Glenn Research Center), John Hart-Smith (Boeing).
Larry llcewicz (FAA), Paul Lagace (MIT), Jack Lincoln (USAF), and Jim Starnes (NASA Langley
Research Center). The format included introductory remarks. five questions, to which each panelist
had three minutes to respond, and one audience comment on each question. The following were the
questions and related general comments.

1. Will composite structures experience more widespread aerospace use due to increased: (a) weight
savings or (b) cost savings? Why? General consensus was that reduced cost is the one item that
would lead to more widespread use of composites. Comment was made that the General Aviation
industry was reducing cost relative to traditional aluminum structure through the use of
composites.
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. Can the cost/cycle time of aerospace composite structural substantiation be significantly reduced?

If so, by how much? If not, why? General response was yes. However, comments were made that
there is not enough understanding of failure modes. We need better analysis methods, education
of practicing engineers could be improved, and we need to share specifications.

. What flight safety/damage tolerance issues will dominate composite structural airworthiness de-

bates 20 years from now? What should we do now to address these issues? We have developed
methods based on metals behavior and do not recognize the brittle nature of composites. We need
a probabilistic approach to design. We need developments in NDE, and need to address the weak
bond issue. Long term aging issues may become important.

. What emerging analytical tools will be in widespread use 20 years from now, and what near-term

initiatives should be pursued to enable their development? We need to develop computer stimula-
tion of the fabrication process and couple this with the other issues. We need design/cost models
from early design through to the end of lifetime. Knowledge regarding nonlinear effects in struc-
tures, and progressive failure analyses need to be developed. Education was again brought up as
an issue. Development of artificial intelligence and self-diagnostic structures was mentioned. We
need to solve production problems quickly.

. How much standardization (of design guidance, test methods. material specifications, etc.) is ap-

propriate for high performance composites, and why? We need to be careful when standards are
cast in concrete (this was really emphasized), and must understand the standard. We need educated
(education again !!) standardization. We need common databases and need to banish multiple pur-
chase specifications (an example was given of 12 different purchase specifications for one mate-
rial). We need standards for processes.

The session was moderated by C. Rousseau.

Summary

In summary, the editors feel that the papers in this STP reflect a good cross-section of the current

state of the art in composite structures technology. The editors would like to thank the following ses-
sion chairs for their advice and assistance and in seeing that the sessions rain in a smooth and pro-
fessional manner:

Darwin Moon (The Boeing Co.)

T. Kevin O'Brien (Army Research Lab)

Steve Hooper (Wichita State University)

Steve Ward (The Boeing Co.)

Brian Coxon (Integrated Technologies. Inc.)

Gene Camponeschi (Naval Surface Warfare Center)
Crystal Newton (University of Delaware)

Finally, the editors wish to thank the paper authors. and reviewers, who’s collective effort made this
publication possible. Special thanks is extended to the ASTM staff. Their combined work is sincerely
appreciated. The editors also wish to acknowledge John Masters for his work in the review phase.

Peter Grant

Symposium co-chairman and Editor:
The Boeing Co.

Carl Rousseau

Symposium co-chairman and
Co-Editor; Bell Helicopter/Textron, Inc.
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John W. Lincoln'

USAF Experience in the Qualification of
Composite Structures

REFERENCE: Lincoln. J. W, “USAF Experience in the Qualification of Composite Structures,”
Coinposire Structures: Theory and Practice, ASTM STP 1383, P. Grant and C. Q. Rousseau, Eds..
Ammerican Society for Testing and Materials. West Conshohocken, PA. 2000. pp. 3-11.

ABSTRACT: The prospect of significant reduction in aircratt structural tnass has motivated the United
States Air Force (USAF) and the aerospace industry to incorporate composite structures in their aircraft
designs. The USAF found threats to structural integrity such as moisture. temperature. delaminations,
and impact damage that made them take a cautious approach for the acquisition of aircraft with com-
posite materials. Each of these threats acted as an inhibitor to using these materials in the design of op-
erational aircraft. However. the USAF has successfully incorporated composites on several aircraft. in-
cluding the B-2, C-17, and F-22. The challenge is to find new approaches for the qualification of
composite structures that will make them more economically viable for future procurements. It is the
purpose of this paper to discuss the background for the current qualification prograin for composites and
suggest some possibilities for improvement of the certification process.

KEYWORDS: damage tolerance, moisture, temperature, impact damage. allowables, design develop-
ment testing. full-scale testing, and technology transition

Composite structural technology has been in the process of maturing for approximately 40 years.
Froin the early days, both the [now] Materials Directorate and the Air Vehicle Directorate of the Air
Force Research Laboratory (AFRL) of the United States Air Force (USAF) have been infiuential in
promoting the technology. These early pioneers faced numerous setbacks in the course of develop-
ment of the technology. The cause of these setbacks was, in reality. the lack of understanding of the
threats to structural integrity. Some of the threats discovered were the degradation from temperature
and moisture environment, impact damage. and delaminations.

When these threats revealed themselves through test results. the AFRL sponsored numerous pro-
grams that have contributed to the understanding of composite behavior. Some that stand out as be-
ing influential to understanding the threats to structural integrity are the following:

—Fatigue sensitivity; contract to Northrop.

—Environmental sensitivity of composites; contract to Grumman.
—Wing/fuselage critical components: contract to Northrop.
—Damage tolerance of composites; contract to Boeing and Northrop.

The process for certification of composite structures for USAF aircraft has been evolving for ap-
proximately 30 years. Establishment of the requirements for structural integrity of composite struc-
ture for an aircraft has long been a challenge for the certification authorities. This challenge is much
greater when the aircraft is operated in an environment where heating of the structure is a factor.
However. even for structures where heating does not appreciably affect the structural capability, there

! Technical advisor for Aircraft Structural Integrity for the United States Air Force, ASC/EN, 2530 Loop Road
West, Wright-Patterson AF Base, OH 45433-7101.
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are some major considerations. One of these is the scatter in strength and fatigue data. This scatter,
which is larger than observed in metals, is not a deficiency in composites, but a fact that one must ac-
count for in the certification process. Another consideration is the difficulty in establishing the growth
characteristics of manufacturing or service-induced defects due to load application. This difficulty is
due to the mathematical problems in simulating this growth and to the apparent inconsistent empiri-
cal results from presumably identical damage conditions. Another consideration is the effect of low-
energy impact on thin laminates. The authorities must consider this durability issue in establishing re-
quirements for composite structures.

Several organizations have initiated etforts aimed at addressing the issues related to composite cer-
tification. The Technical Cooperation Program (TTCP) made such an effort through sponsoring the
Subgroup H Action Group (HAG)-5 panel in 1983. This panel brought the major issues into focus
and described some alternative approaches that the designer could use. Another contribution was a
United States Navy (USN) sponsored effort by Northrop [/]. This work concentrated on approaches
relating to reliability and made recommendations on probability distributions that could be used for
both strength and durability certification.

In 1976. members of the [now] Structures Branch of the Aeronautical Systems Center
(ASC/ENFS) wrote a paper [2] that reflected the status of the certification process in the Air Force at
that time. This paper painted a rather bleak picture. mainly because the technology base for compos-
ites had not matured. The value of this paper was that it examined the potential for certification of
composites within the guidance of the USAF Aircraft Structural Integrity Program (ASIP). In addi-
tion, it cited the need for the technology development required for certification of future aircraft.

By 1981, the USAF laboratories had made sufficient progress in technology to motivate
ASC/ENFS to update [3] the proposed approach of the 1976 paper. The Fatigue Sensitivity Program
and the Environmental Sensitivity of Advanced Composites Program significantly influenced their
thinking. In the 1981 paper. the authors suggested an approach on the primary aspects of composite
structural certification. However, this paper did not have the benefit of the results of the Wing/Fu-
selage Critical Components Program [4] and the Damage Tolerance of Composites Program [5].
Consequently. certain aspects of the 1981 version of the certification process were lacking.

The major turning point in composite certification for the USAF came with the Wing/Fuselage Crit-
ical Components Program and the Damage Tolerance of Composites Program. ASC/ENFS closely fol-
lowed these programs from their inception since they realized that these programs could resolve most
of the remaining issues for the certification ot composite structures. At the completion of these pro-
grams, they incorporated the results in the military specification AFGS-87221A released in 1990.

The USAF used the requirements in AFGS-87221A for establishing the contract for the F-22 in
1990. Tables 1 and 2 summarize the requirements of this specification.

TABLE |—Low-energy impact {tool drop).

Zone Damage Source Damage Level Requireinents
1 12.7 mm diameter solid  Impact energy smaller No functional irnpairment
High probability of impact ilnpactor of 8.16 Joules than or structural repair
Low velocity visible damage (2.54 required for two design
Normal to surface inm deep) with lifetime and no water
minimum of 5.44 intrusion
Joules No visible damage from a
single 5.44 Joule impact
2 Same as Zone 1 Impact energy smaller No functional impairment
Low probability of impact of 8.16 Joules than after two design
visible damage (2.54 lifetimes and no water
mm deep) intrusion after field

repair if dmage is
visible
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TABLE 2—Low energy impact (hail and rumvay debris ).

Zone Damage Source Density Requirements
All vertical and upward Hail Uniform density No functional impairment
facing horizontal 20.3 mm diameter 20.3 mm on center or structural repair
surfaces Specific gravity = 0.9 required for two design
274 m/s lifetimes
Normal to horizontal No visible damage
surfaces
45 deg angle to vertical
surfaces

Structure in path of debris ~ Runway debris No functional impairment
12.7 mm diameter for two design lifetimes

Specific gravity =3.0
Velocity appropriate to
system

and no water intrusion
after field repair if
damage is visible

By this time. the USN had completed the certification of composites in the F-18 and the AV-8B
aircraft and they were in the process of certifying the composites in the V-22 and the A-6 wing re-
placement. They adopted the lower of a B-basis allowable or 85% of the mean for an allowable for
strength. They required a component test program that included environmentally conditioned static
and fatigue test specimens. They loaded the fatigue test components as well as the full-scale fatigue
test article with a severe (critical point in the sky) spectrum. The full-scale static test article and the
fatigue test articles did not need to be environmentally conditioned. They required an environmental
knockdown on the full-scale static test results. The full-scale fatigue test article was cycled for two
lifetimes of severe usage. Later, the USN added requirements for damage tolerance. They required
that the structure, after being damaged to the point of being readily detectable with an external visual
inspection. have an ultimate strength capability fully compensated for the knockdown described
above. They did not allow growth of this damage from cyclic loading.

Subsequently. the USAF and the USN came under considerable pressure from the Department of
Defense to have a joint specification for certification of all structures. including composites. They ini-
tiated this effort in 1994 and completed it in 1996. The product of this effort was a Joint Service Spec-
ification Guide named JSSG-2006.

Current Approach to USAF Composites Certification

The USAF had previously qualified several composite structures for flight. Among these are the
F-111 horizontal tail, the F-4 rudders. the A-7 outer wing, the F-16 empennage, and the B-1 hori-
zontal tail. Each of these structures was qualified for flight on an ad hoc basis. Consequently, there
was little commonality in the qualification processes. For example. the manufacturers subjected the
A-7 outer panel to an environmentally conditioned durability test and the F-16 horizontal tail to a
proof test to ensure its structural integrity.

Experience in the development of the process for certification has shown that the ASIP, as defined
in MIL-HDBK-1530, is flexible enough for qualifying composite structures. MIL-HDBK-1530 is
mandated by an Air Force Policy Directive and Instruction for ASIP. The USAF augments MIL-
HDBK-1530 with JSSG 2006, which provides the detailed guidance for composite structures. The
major difference between the applications for metal aircraft components and composite aircraft com-
ponents is a change of emphasis in several of the ASIP elements. The five major tasks that comprise
ASIP are

I. Design Information
II. Design Analyses and Development Tests
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II. Full-Scale Testing
IV. Force Management Data Package
V. Force Management

Each of these major tasks contains elements that are appropriate to the task heading.

Task I addresses several aspects relating to the composites. It provides the guidance in the area of
structural design criteria for strength, damage tolerance, durability. flutter, vibration. sonic fatigue.
and weapons effects for both the metal and composite structural elements. For composites. the ana-
lyst should place particular emphasis on the issue of battle damage from weapons since the contain-
ment of this damage may well dictate the design configuration. In addition to a composite design that
can survive weapons damage. the design must also be repairable from in-service damage to maintain
operation readiness. Another Task I effort that the USAF must consider carefully is the selection of
the design usage. They must adequately define the design missions such that they properly represent
potentially damaging high load cases.

In Task IT of ASIP, there is an element for the establishment of material allowables. The AFGS-
87221 A guidance is use B-basis allowables from MIL-HDBK-5 for tested structural components.
The allowables for other components should be either A-basis or S-basis from MIL-HDBK-5. All
allowables should include the effects of the environment. The temperatures are from the design op-
erational envelope of the aircraft and the moisture conditions range from dry to the end of lifetime
condition expected from a basing scenario that is representative of the worst expected moisture ex-
posure.

The allowable for a given flight condition should be based on the temperature appropriate for that
flight condition combined with the most critical of the range of possible moisture conditions. Since
the strength of a composite structure is inherently dependent on the layup of the laminate, geometry.
and type of loading, the B-basis allowable should include these factors. However, the cost of a test
program involving the number of complex components necessary to determine the B-basis allowable
could be prohibitive. An alternative approach could be to determine a B-basis allowable from coupon
data generally representative of layup and loading. This allowable divided by the mean strength of
the coupons would be the fraction of the strength allowed when interpreting the results of single com-
plex component tests. Kan showed [/] that the scatter in strength of composites is greater than that
exhibited by metal structure. He quantified this scatter by showing that a Weibull shape number for
composite strength is approximately 20. The Weibull shape number for aluminum structure is some-
what larger, indicating a smaller coefficient of variation. It appears that a Weibull shape number of
approximately 25 is representative of the aluminum materials. Probabilistic analyses show that the
relative risk between the aluminum structure and the composite structure is significant. However, the
absolute risk is low enough to support the use of a B-basis allowable for both metals and composites.
A factor of safety of 1.5 is appropriate for use with the allowables derived above.

The AFRL programs alluded to earlier demonstrate that composite structures are relatively insen-
sitive to low-cycle fatigue loading for the low stress cycles, but may suffer damage by the higher
stress cycles. Unfortunately. the database from which one may derive high stress cycles for a new air-
craft is somewhat meager. Consequently, the USAF will need to carefully define the composite struc-
ture usage in Task L

As for metal structures, the strength, durability, and damage tolerance analyses in Task II for com-
posites are interrelated with the design development tests also required in Task II. For support of all
three of these analyses it is envisioned that the design development testing will consist of “building
blocks™ ranging from coupons to elements, to subcomponents and finally to components. These
building block tests must include room temperature dry laminates. In addition, if the effects of the en-
vironment are significant, then the manufacturer must perform environmentally conditioned tests at
each level of the building block process. In addition, they must adequately strain-gage the test arti-
cles to obtain data on potentially critical locations and for correlation with the full-scale static test. In
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addition, the test program is to be performed so that environmentally induced failure modes (if any)
are discovered. The design development tests are complete when the program achieves the following

—The test identifies the failure modes.

—The nonrepresentative portion of the test structure does not significantly affect the critical fail-
ure modes in the tests.

—The structural sizing is adequate to meet the design requirements.

For static test components, the USAF adjusts the failure loads to the B-basis environmentally con-
ditioned allowable.

For durability, the relatively large scatter in fatigue test results and the potential of fatigue damage
from high stresses make it difficult to establish a test program that will ensure the durability of the
composite components. Experience, however, has shown that the durability performance of compos-
ites is generally excellent when the structure is adequate to meet its strength requirements. Therefore,
the thrust of the durability test should be to locate detrimental stress concentration areas not found in
the static tests. An acceptable way to achieve this goal is to test the durability components to two life-
times with a spectrum that the USAF expects to be the upper bound of loading for the aircraft. One
possibility of acquiring this spectrum is to use the “worst point in the sky™ approach that has been
used extensively by the USN. When the effects are significant, the durability tests for design devel-
opment tests should include moisture conditioning. In addition to the testing performed to the design
usage spectrum, tests should determine the sensitivity to potential usage changes. In addition, it is ev-
ident from the approach described above that separate tests may be appropriate for the metallic and
mixed metallic and composite structural parts.

Composite structural designs (as well as metal) should minimize the economic burden of repairing
damage from low-energy impacts such as tool drops. To accomplish this goal, it is useful to divide the
structure into tworegions. The first region is where there is a relatively high likelihood of damage from
in-service sources such as maintenance. The second region is where there is a relatively low probabil-
ity of the structure sustaining damage from these sources. Table 1 gives the specific guidance for these
two areas, There are two other threats to the structure that may cause an economic burden. These threats
are hail damage to parked aircraft and runway debris damage to aircraft from ground operations. The
recommended hailstone size for which the structure should not sustain damage was chosen such that
this size or smaller was representative of 90% of hailstorms. The USAF chose the runway debris size
to include most of the potentially damaging objects found in ground operations. The velocity of these
objects is dependent on the weapon system. Table 2 gives details of the hail and runway debris guid-
ance. The loading spectrum and environmental conditioning for the testing associated with the guid-
ance given in Table 1 and Table 2 should be the same as that described above for the durability tests.

In addition to the threats described above, safety of flight structure should be able to meet other
damage threats. These threats are those associated with manufacturing and in-service damage from
normal usage and battle damage. Table 3 describes the non-battle damage sources for manufacturing

TABLE 3—lInitial flaw/damnage assumptions.

Flaw/Damage Type Flaw/Damage Size

Scratches Surface scratch 101.6 mm in length and 0.51 mm deep

Delamination Interply delamination equivalent to a 50.8-mm-diameter circle with dimensions most crit-
ical to its location

Impact damage Damage from a 25.4-mm-diameter hemispherical impactor with 136 Joules of kinetic en-

ergy or with the kinetic energy required to cause a dent 2.54 mm deep. whichever is
less




8 COMPOSITE STRUCTURES: THEORY AND PRACTICE

initial flaws and in-service damage. The design development tests to demonstrate that the structure
can tolerate these defects for its design life without in-service inspections should utilize the upper-
bound spectrum loading and the environmental conditioning developed for the durability tests. These
two lifetime tests should show with high confidence that the flawed structure will meet the residual
strength guidance in Table 4. This table shows the loads associated with various categories of in-
spection. For example, for the “Walk Around Visual™ category. the load is the maximum load ex-
pected in ten magnified by 100 or 1000 flights. The residual strength guidance is the same for both
composite and metallic structures. To obtain the desired high confidence in the composite compo-
nents, the goal is to show that the growth of the initial flaws is insigniticant. As for the durability tests,
there should be additional testing to assess the sensitivity to changes in the design usage spectrum.

For many composite structures. the design for damage tolerance will establish the allowable strain.
However, the design tor battle damage requirements will likely influence the composite structural ar-
rangement. For example. the need to contain battle damage to prevent catastrophic loss of the aircraft
may dictate the use of fastener systems and/or softening strips. The analyst should consider the bat-
tle damage threat in the initial phase of the design. A fallout capability for battle damage based on
configurations that meet all other requirements may not be adequate.

Task III of ASIP includes all of the full-scale testing elements. There will normally be a full-scale
durability and damage tolerance test in the development of a weapon system; however, verification
of the metal structure is the usual goal of these tests. In the cases where the design development tests
can confidently establish metallic structure durability and damage tolerance capability. then the full-
scale durability and damage tolerance tests may not be required. For example, a structure that is pri-
marily composite with metallic joints proven in design development testing may fall in this category.
Normally, the design development tests of Task IT will be able to verify the durability and damage
tolerance capability of the composite structure. The full-scale static test. however, is essential for the
verification of the composite structure. This test is. of course, also essential for the verification of
metallic structure. The USAF recommends testing to ultimate without environmental conditioning
only if the design development tests demonstrate that environmental conditioning does not introduce
a critical failure mode. To provide assurance that the component static tests were representative of the
component tests, these articles must be extensively strain gaged. A test of this structure to failure
should be a program option; however, a failing load test is useful in the certification process. If the
design cannot meet the failure mode criterion above, then the static test should include environmen-
tal conditioning.

Tasks I'V and V of ASIP relate primarily to the individual tail number tracking programs for ASIP.
With one exception, the composite portion of the aircraft will not change the tracking program guid-

TABLE +—Residual strength requirements.

Pxy* Degree of Inspectability Typical Inspection Interval Magnification Factor. M
Prg in-flight evident one flight** 100
Pse ground evident one day (two flights)** 100
Pyv walk-around visual ten flights** 100
Pgy special visual one year 50
Ppar depot or base level '+ lifetime 20
P non-inspectable one lifetime 20

* Pyy = Maximum average internal member load that will occur once in M times the inspection interval. When
Pparor Prris determined to be less than the design limit load, the design limit load should be the required resid-
ual strength level. Pxy need not be greater than 1.2 times the maximum load in one lifetime if Py is greater than
design limit load.

** Most damaging mission.
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ance in these tasks. Since the composites may be critical for the severe loading cases, then care must
be exercised that these high-level occurrences are properly recorded.

Future Certification Initiatives

The certification approach described above has led to excellent structural integrity in operational
aircraft. The reason is that the process, when properly applied. addresses the threats to structural in-
tegrity. However. the cost of the current approach is high. For example, the B-2 program [6] moved
successfully through the building block process. full-scale testing, and into operational service. In all.
composite coupon and more complex specimen tests for the B-2 included 160 000 specimens. The
total cost of this effort is not readily obtainable. but an estimate of $1000 per test specimen would be
believable. The total cost of these design development tests, therefore. approximates the cost of the
full-scale durability test. The USAF now recognizes that they should make significant changes to the
process of certification. The building block process as described above may not be viable in some
cases. The testing of thousands of coupons has cost so much that some programs were not able to fund
testing of the more important representative structural configurations. New processing techniques
have made the testing of numerous coupon specimens even more of questionable value. Industry, in
an effort to lower the costs of composite structures, has introduced new manufacturing techniques
that have made it difficult to use coupon data to predict the performance of the structural components.
The various infusion processes are examples of this change in approach. The emphasis in testing
should be on deriving the allowables from ten to twenty specimens that are representative of the man-
ufacturing process. If planned properly. this should be less costly than the current approach. Multiple
test components would solve this problem, but again the cost would be high.

Another initiative that holds promise of reducing the cost of composite structures is the use of prob-
abilistic methods. The USAF needs to determine if probabilistic methods {7] will provide the accu-
racy and versatility needed for structural integrity calculations. The incentive here is that probabilis-
tic methods will significantly reduce the scope of the test program. These methods also have the
virtue that the analyst could include both the environment and the applied loads and determine the
risk of structural failure. The USAF laid the foundation for the use of probabilistic methods by in-
corporating an acceptable failure probability in AFGS-87221A. They made the determination that a
single flight probability of failure of 10~ or less was acceptable.

The impact criteria for damage tolerance in many cases determine the allowable strains in the struc-
ture. The USAF derived the current guidance for impact energy from the Damage Tolerance of Com-
posites Program performed by Boeing and Northrop. They intended that the impact energy in Table
3 be the once-per-fleet-lifetime magnitude. Experience has shown that the strains consistent with this
energy criterion provide good operational performance. The criterion in Table 3 could be too con-
servative. However, the database to make this judgment is not readily available. The problem is in
identifying the least upper bound of the impact energies that the aircraft population could expect to
encounter in service. The judgment at the time of the Damage Tolerance of Composites Program was
that the impact energy should be limited if the impact caused a dent of 2.54 mm. The use of this con-
cept could be unconservative since it supposes that someone will identify the damage in a walk-
around inspection. Although the USAF has not determined that they should change the impact energy
criteria, they are open to its reconsideration.

AFGS-87221A was silent on the use of bonding. The USAF earlier believed that manufacturers
used adequate quality control measures to ensure that bonds had acceptable structural integrity. They
reexamined this view and decided that the experience with bonds may not justify confidence in the
quality control procedures.

The threats to structural integrity of bonded structure are many. One of them is environmental
degradation. A bond could initially have apparently adequate strength, but could degrade with time.
The degradation process is poorly understood, but based on successes of many repairs in the field and
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those made in a factory, the use of strict quality controls during the bonding process appears to solve
the problem. Another threat to bond integrity is that the bond did not initially have adequate strength.
Contamination in the bonding process is one cause for this problem. This is a difficult threat to over-
come because there are no known methods to determine the bond strength by a nondestructive in-
spection. However, there is evidence that a bond made under strict quality control conditions appears
to have its intended strength.

To ensure a bond will have the strict quality control conditions required to rely on its initial strength
and its resistance to environmental degradation, one could use the five elements in the technology
transition process for materials and processes [8]. From a study of the successful transitions of struc-
tural technologies from the laboratory to engineering and manufacturing development, the USAF
found that five factors constituted a common thread among these successes. In addition, they found
that these five factors were essential to the successful completion of the tasks of the MIL-HDBK-
1530. These five factors are

—Stabilized material and/or material processes
—Producibility

—Characterized mechanical properties
—Predictability of structural performance
—Supportability

The USAF did not attempt to establish a ranking of importance of these factors. A deficiency in
any one of the factors could constitute a fatal defect. The manufacturer should address these elements
in the qualification of a bonded structure.

The government can go only so far in criteria modification for the development of composite struc-
tures. Innovative designs by the manufacturer have the largest potential for both cost and weight
savings. They should work on designs that are inherently resistant to battle damage. They could elim-
inate many concerns of the certification authorities through designs that are fail-safe. The develop-
ment of fail-safe designs in composite structures could be as important as the use of this concept has
been in metal structures. Another initiative is to remove the inherent weaknesses in composite struc-
tures, such as interlaminar strength. One approach that appears promising is the use of “Z-pins.” This
innovation should remove concerns about bonded joints and should enhance battle damage
resistance.

Summary

The USAF has found that that they can easily tailor the Aircraft Structural Integrity Program to pro-
vide the essentials of a certification program for composite structures. The current program as de-
scribed will provide a structure that is safe and economical in operational service. However, this pro-
gram leads to high costs in the engineering and manufacturing phase of development that could
discourage the use of composites. Therefore. the USAF could lose the benefits of being virtually free
from fatigue cracking and corrosion. The challenge, therefore, is to reexamine the building block pro-
cess and perform the tests that truly contribute to the process of qualifying the structure. Probabilis-
tic methods may be the key to both cost and weight reduction. They deserve a critical examination to
determine if the potential benefits are achievable. The future for composite structures looks promis-
ing, but industry and government must work together to ensure that the promise is realized.

References

[1] Whitehead, R. S., Kan, H. P., Cordero, R., and Saether, E. S., “Certification Testing Methodology for Com-
posite Structures,” Prepared under contract no. N62269-84-C-0243 for the Naval Air Development Center,
Warminster, PA, Dec. 1985.



LINCOLN ON USAF QUALIFICATION OF COMPOSITE STRUCTURES 11

Goodman, J. W., Lincoln, J. W., and Bennet. T. H., “The Air Force Structural Integrity Program.” ATAA
paper 77-460 presented at the AIAA/ASME Aircraft Composites Symposium, San Diego, CA, 24 March
1977.

Goodman, J. W, Lincoln, J. W., and Petrin, C. L.. Jr., “On Certification of Composite Structures for USAF
Aircraft.” AIAA paper 81-1686 presented at the ATAA Aircraft Systems and Techanology Meeting, Dayton.
OH. 11 Aug. 1981.

Whitehead. R. S., Kinslow, R. W.. and Deo, R. B., "Composite Wing/Fuselage Program.” AFWAL-TR-
3098, Feb. 1989.

Horton. R. E., Whitehead, R. S.. et al.. "Damage Tolerance of Composites,” AFWAL-TR-87-3030, July
1988.

Grimsley. F. M., "B-2 Structural Integrity Program.” 36th AIAA/ASME/ASCE/AHS/ASC Structures.
Structural Dynamics and Materials Conference, April 1995.

Chamis. C. C. et al.. "Probabilistic Assessment of Fracture Progression in Composite Structures.” Proceed-
ings of the USAF Structural Integritv Conference, Dec. 1998.

Lincoln, J. W., “Structural Technology Transition to New Aircraft,” Proceedings of the 14th Symposium of

the hternational Committee on Aeronautical Fatigue, EMAS Publication. West Midlands. UK. 1987, pp.
619-629.



Robin Olsson,' Leif E. Asp,' Soren Nilsson,* and Anders Sjogren'

A Review of Some Key Developments in the
Analysis of the Effects of Impact Upon
Composite Structures

REFERENCE: Olsson. R., Asp. L. E., Nilsson, S., and Sjogren. A.. *“A Review of Some Key Devel-
opments in the Apalysis of the Effects of Impact Upon Composite Structures,” Composite Struc-
tures.: Theory and Practice, ASTM STP 1383, P. Grant and C. Q. Rousseau, Eds.. American Society for
Testing and Materials, West Conshohocken, PA, 2000. pp. 12-28.

ABSTRACT: This paper reviews work at the Aeronautical Research Institute of Sweden, and addresses
major issues of importance in evaluating the effect of impact on composite structures. Some niore ex-
tensive reviews of work by other researchers are referenced. The paper addresses impact response and
damage formation. damage characterization. and residual strength and stability by combination of ex-
periments and analysis. Studies showing that impact response type depends on impactor-plate mass ra-
tio are presented. Small mass impact is generally more critical at a given configuration and energy. An-
alytical models for small mass impact and for damage initiation and growth during large mass impact
are discussed. Rate dependency ot matrix-dominated properties is briefly discussed. Geometric and
constitutive characterization of impact damage zones is presented and the influence of degraded prop-
erties demonstrated. The use of an FE-based plate model to simulate delamination growth due to sub-
laminate buckling and panel skin buckling in stitfened panels after impact is described. Skin buckling
causes a steep increase in delamination strain energy release rate and should be prevented.

KEYWORDS: buckling. carbon fiber composites, composite materials. composite structures, damage
assessment, delamination growth. impact damage. impact resistance, residual strength

Impact damage may cause severe reductions in the strength and stability of laminated composite
structures. The reductions in compressive properties are usually the most critical. For this reason ex-
tensive studies in many countries have been devoted to impact on composite structures [/,2]. A
methodology for treating impact events and their effect on the residual strength of laminates was sug-
gested in Ref 3. The methodology is based on a building block approach. which divides the complex
problem into a number of separate subproblems to be addressed sequentially. Most experimental
studies have focused on impact damage resistance, which deals with the damage caused by an im-
pact. and impact damage tolerance, which deals with the etfect of the damage on strength and sta-
bility of the structure (Fig. 1). A more limited number of studies have focused on impact response,
i.e., the structural response and formation of damage during impact, which is necessary to fully un-
derstand the factors governing impact resistance. Models for analysis of impact response and resid-
ual strength have gradually been developed to reduce the large costs of certification tests and to make
design more efficient. The ultimate goal of the work on impact is to efficiently combine impact re-
sistance and impact damage tolerance in design to minimize undesired eftects of a given impact. This
may be termed a strive for impact tolerance.
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FIG. 1—Major concepts of interest when considering effects of impact.

The Aeronautical Research Institute of Sweden (FFA) has extensive experience in experiments and
analysis of impact on composites. The work on impact and related subjects, such as contact problems,
dynamical material properties, and delamination buckling and growth covers more than 50 scientific
papers and reports since 1986 [4]. The ultimate goal of our work is to integrate the solution of each
subproblem into an efficient building block methodology to model the effects of impact, which will
allow prediction of impact criticality and more efficient designs. The present paper reviews work at
FFA and addresses major issues of importance to evaluate the effect of impact on composite struc-
tures. More extensive reviews of work by other researchers can be found in the papers on analytical
response models [/.5]. damage characterization [6]. and buckling-induced delamination growth [7].

Earlier studies at FFA were aimed at certification and to study the effect of impact on residual
strength. and measurements during impact were limited. The development of response models has
changed the focus to model validation and for this reason later experiments have been extensively in-
strumented. The overwhelming majority of impact experiments at FFA and elsewhere have been
done with large mass impactors, which cause a “‘quasi-static” impact response. However. analytical
work showed a need to consider the different response caused by small mass impactors [5,8]. Mod-
els developed for this response type have been validated by several experimental studies, e.g.. Refs 9
and 10. In-house impact response models may be used to predict damage initiation [/7]. The inter-
action between moderate damage growth and structural response is also modeled well for sandwich
panels, while our present models only provide bounds for the behavior of monolithic panels [//]. The
goal to improve design of real structures and the importance of impactor mass, geometry, and mate-
rial motivates surveys of realistic impact threats [/2].

Comprehensive studies have also been done in impact damage characterization by use of thermal
deplying to describe delamination shape and fiber fractures in each ply, ultrasonic C-scan and opti-
cal microscopy of sections [6,10,73,14]. Analytical and computational models of delaminations after
impact in this paper are based on the largest delaminated region as obtained from C-scan. Research
has recently begun in geometrical and constitutive characterization of the impact damage zone for a
range of impact cases [/5].

The research on impact damage tolerance has been focused on compressive failure. Under com-
pression loads, delaminations formed at impact may buckle and grow, causing further decrease in the
compressive load carrying capacity of the structure [/]. Modeling work has focused on simulation of
buckling induced delamination growth, and a program package has gradually been developed to ad-
dress fracture mode separation. local delamination buckling of sublaminates with contact and inter-
action with global skin buckling [7,/6-18). A recent extension allows analysis of impacted skin-
stiffener panesl [/9]. Previous experiments have demonstrated the need to also consider other failure
mechanisms and the change of stiffness properties in the damaged region [/5,19.20]. Furthermore,
the multitude of delaminations, matrix cracks and fiber fracture precludes modeling of each feature
and necessitates a degree of simplification. The future development of the program will include con-
sideration of degraded material properties in the damage zone and the competition or interaction be-
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tween buckling-induced delamination growth and other failure mechanisms, such as ply failure and
in-plane “notch type” failure due to stress concentrations. A review of available notch failure criteria
for laminates and various failure criteria for sandwich panels was given in Ref 2/.

The following sections give a more detailed description of the work on impact response and dam-
age formation, impact damage characterization and residual strength and stability. All results and
analyses apply for Hexcel HTA/6376C carbon/epoxy prepreg with ply data E|; = 140 GPa, E5; =
E33 = 10 GPa, G[g = G]j =52 GPa, G23 =39 GPa, Vig = Vi3 = 030, Vaz = 0.50 lply =0.13 mm.
Gy = 260 J/m?, Gy = 600 J/m? [1]], and G. = 450 I/m" for Gi/Gy =1 [7].

Impact Response and Damage Formation
Response Tvpes

In general, an impact initiates elastic waves propagating from the impact point. Material damping
and the energy diffusion associated with two- or three-dimensional wave propagation results in a de-
caying influence of the corresponding waves [2]. Thus, for impact times in the order of the transition
time for through-the-thickness waves, the response is dominated by three-dimensional wave propa-
gation (Fig. 2a). For longer impact times, the response is initially governed by flexural waves and
shear waves (Fig. 2b). For times much longer than the time needed by these waves to reach the plate
boundaries the lowest vibration mode of the impactor-plate system predominates (Fig. 2¢). The re-
sulting response is quasi-static in the sense that deflection and contact load have the same relation as
in a static case.

The response dominated by through-the-thickness waves is typically associated with ballistic im-
pact while accidental impact normally results in impacts of longer duration. Theoretical studies
[5,22,23], and several experiments [9] show that the impact response type is governed by mass ratios
and not by impact velocity. Thus, a distinction between large mass impact and small mass impact is
more relevant than the common distinction between “high velocity™ and “low velocity” impact. As
shown in Ref 5, wave propagation governs the response for impactor masses smaller than one-fifth
of the plate mass affected by impact, e.g.. hail and runway debris (Fig. 3a). The largest plate mass
which can remain unaffected of boundaries during a wave controlled impact is determined by the
flexural wave speed in different directions and the distance to the first boundary reached by these
waves. Impactor masses larger than twice the entire plate mass provide a sufficient condition for
quasi-static (large mass) impact [5,22]. (Fig. 3b). Figure 4 shows differences in response and damage
due to 10 J impacts with a large and small mass on a clamped 127 X 127 X 6 mm laminate [/0].

Damage Initiation and Growth

Evidently, response models for undamaged plates may predict damage initiation. Matrix cracks
normally initiate first, followed by delamination and eventually fiber fracture. Thus. modeling of im-

Response dominated Response dominated Quasi-static
by dilatational waves by flexural waves response
Very short impact times Short impact times Long impact times
a b c

FIG. 2—Response types during impact on plates [5].



15.

16.

17.

18.

19.

N
(31

N
(o2}

Copyrighted Material downloaded from Woodhead Publishing Online

Delivered by http://woodhead.metapress.com
Hong Kong Polytechnic University (714-57-975)

Hong Kong Polytechnic University (714-57-975)
Saturday, January 22, 2011 6:57:44 PM

IP Address: 158.132.122.4

27.

28.

20.

30.

31.

20.

21.

22.

23.

N
E

Virtual testing for material formability 113

Reumann, R.-D., Neuartiges Berechnungs-verfahren fir das flachenstructur-
abhangige Kraft-Dehnungs-Verhaltertextiler Flachengebilde.Wissen.Z. Techn.
Univ. Dresden 1988.37(6) 163—169.

Chen, B. and T.-W. Chou, Compaction of woven-fabric preforms in liquid
compositemolding processessingle-layer deformation. CompositesScienceand
Technology 1999.59 1519-1526.

Chen,B. andT.-W. Chou,Compactionof woven-fanricpreformsnestingand multi-
layer deformation.CompositesScienceand Technology 2000.60 2223-2231.
Chen, B., A.H.-D. Chengand T.-W. Chou, A nonlinear compactionmodel for
fibrous preforms.Compositegrart A, 2001.32 701-707.

Chen,B., E.J.LangandT.-W. Chou, Experimentalandtheoreticalstudiesof fabric
compaction behaviour in resin transfer moulding. Materials Science and
Engineering 2001.A317 188-196.

Kurashiki, T., M. Zako and |. Verpoest,'Damage developmentof woven fabric
compositesconsideringan effect of mismatchof lay-up’, in Compositesor the
Future, ProceedingslOth EuropeanConferenceon CompositeMaterials (ECCM-
10), 2002 Brugge.CD edition.

Lomov, S.V.andl. VerpoestCompressiomf wovenreinforcementsa mathematical
model.Journal of ReinforcedPlasticsand Composites2000.19(16) 1329-1350.
Long, A., ‘Procesanodellingfor textile composites’jn InternationalConferencen
Virtual Prototiping EUROPAM200Q 2000 Nantes.1-17.

Long, A.C., M.J. Clifford, P. Harrisonand C.D. Rudd, ‘Modelling of drapingand
deformation for textile composites’,in ICMAC — International Conferencefor
Manufacturingof AdvancedComposites2001,I0M CommunicationdBelfast. 66—
76.

Long, A.C., F. Robitaille, B.J. Souterand C.D. Rudd, ‘Permeability Predictionfor
Shearal, Compactad Textiles During Liquid Compaite Modelling’, in 13th
InternationalConferenceon CompositeéMaterials (ICCM-13). 2001.Beijing, China.

. Crookston,J.J., A.C. Long and I.A. Jones,Modelling effects of reinforcement

deformationduring manufactureon elasticpropertiesof textile compositesPlastics,
Rubberand Composites2002.31(2) 58—65.

. Harrison,P., J. Wiggers,A.C. Long and C.D. Rudd, ‘Constitutive modellingbased

on mesoand micro kinematicsfor woven and stitched fabrics’, in Proceedings
ICCM-14. 2003 SanDiego. CD edition.

Harrison,P.,M.J. Clifford, A. Long andC.D. Rudd,A constituent-basegdredictive
approachto modelling the rheologyof viscoustextile compositesComposite$art
A, 2004.35 915-931.

Harrison,P.,M.J. Clifford andA.C. Long, Shearcheracterisatiomf viscouswoven
textile composites A compaison between picture frame and bias extension
experimentsCompositesScienceand Technology 2004.64 1453-1465.

Liu, L., J. Chen and J.A. Sherwood, Two-dimensionalmacro-mechanicshear
modelsof wovenfabrics. Compositedart A, 2004.36 105-114.

Boisse,P., M. Borr, K. BuetandA. CherouatFinite elementsimulationsof textile
compositeforming including the biaxial fabric behaviour Composite®art B, 1999.
28B 453-464.

Boisse,P., A. Cherouat,J.C. Gelin and H. Sabhi, Experimenalstudy and finite
elementsimulation of a glassfibre fabric shapingprocess.Polymer Composites
1999.16(1) 83-95.



COMPOSITE STRUCTURES: THEORY AND PRACTICE

16

[%] utens ‘[ww] "yoqg

Z0

"[01] ssowut jjpws puv 2340] p &q odua [ ([ 01 INP ISV pun ISUOASIY—p DI

[sw] awny
(N 00
a/a\/\ _ n‘ °
< (m |,

._..r- ixsmzm b
:mm. P-.:l(taie
fueng 1z
a0 \

8l

BoL‘rou

[N1] @2104

[%] urens ‘[ww] "yeg

[sw] sy

abeweq

B3 gL ‘rol

¢l

8l

[N>] @2104



Copyrighted Material downloaded from Woodhead Publishing Online

Delivered by http://woodhead.metapress.com
Hong Kong Polytechnic University (714-57-975)

Optimization of composite forming 125

for approximating deterministic (computational) data (Sacks, 1989).
Researchersave developedthe Kriging methodto overcomethis limitation
(Sacks,1989).

The Kriging methodis very similar to RSM but providesan interpolation
modelirg technique to appraimate the resultsof the determiristic compua-
tional experimers. It consiss of the sumof manylocd functions(frequently the
Gausdunction) andoneglobalfunction, which maybea polynomial asin RSM.
Thelocd function is usedto bridgethe differencebetwea the global function
andthe simulation resdts using a maximum likelihood estimate which allows
for capturirg multiple locd extrema A moredetaileddesciption of the Kriging
methodcan be found in the work of Sacks(1989). The implementaton of the
Kriging methodcanbe carriedout using the Matlab Kriging Toolbax which is
opento the public (Lophaven, 2002).

Figure 5.6 showsthe respoise surfacefor a two-dimensimal Rosenbock
function, which wasconstuctedusing the Kriging method.The optimizaion is
now performedeasily on the respnsesurfacethat is analyticdly expressed,so
that any minimization algaithm (DS or CG method)can be utilized. Here, a

©
& couple of issuesarise when consideing the Kriging respmse surfaceas an
5 - optimizer. The first issueconcernghe numker of designpoints(parametersets),
Er & oan issueis directly relatedto the number of simulations. Simply stated the
= answemaybe ‘the more the better’ sinceinterpolation in the surrogaé mode is
22 improvedasthevolumeof dataincreags.Howeva, it is not possibe to increa®
> . .. . .
5 g < the volume of datainfinitely. Thus,a propernumker of designpointsshout be
T N&set up for the first time (e.g., eight points) which can be determired by the
o~
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om ¥ ///
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5.6 Response surface constructed using Kriging method for the two-
dimensional Rosenbrock function.
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FIG. 5—Structural model for quasi-static impact response [11].

load for delamination growth Eq 1. With this modification the response model (Fig. 5) was used to
predict critical impact load and impact energy in various quasi-isotropic and cross-ply laminates [17],
(Figs. 6 and 7). It may be concluded that Eq 1 provides a fairly good conservative prediction of the
critical load, which may be further improved by considering membrane effects. Critical impact ener-
gies can be significantly improved by considering the energy consumed by indentation and mem-
brane effects as given by the nonlinear solution (Fig. 7).

10
HTA/6376C Layup:BC:size
! QI:SS:63%63
_ G,,.=600 J/m? *
= 8 L O QI:CC:127x127
= O Ql:$S:127x127
T 6 X 0/+45;CF;230x150
g H 0/90:CF: 150x150
o A Ql:CS:230x150
s 4
O | QI:CC:85x85
= O QI:SS:85x85
o 2 Nonlinear theory
Linear theory
O | | | ]

0 2 4 6 8 10 j 14
Laminate thickness [mm]

FIG. 6—Predicted and observed critical load for delamination growth [11). (Qf = quasi-isotropic,
0/90 = cross-ply, C = clamped, F = free, S = simply supported).
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Type B: clamped 127 x 127 x 6 mm
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FIG. 7—Predicted and observed delamination width vs. impact energy in a 127 X 127 X 6 mm
clamped laminate [11].

Further damage growth is highly dependent on the number of delaminations developing after the
first delamination. Deplying of a quasi-isotropic layup indicated that the average delamination area
per interface was 30% of the base atea of a cylinder encompassing all delaminations [/3]. An exten-
sion to orthotropic laminates should replace the circular cylinder by an elliptic cylinder through or-
thotropic rescaling as outlined in Ref 2. Figure 7 shows solutions for a single circular delamination
and a “saturated” case with delaminations in 30% of the interfaces, i.e., 14 circular delaminations.

Impact Damage Characterization

An impact damage is complex in its features and depends on the geometry and boundary condi-
tions of the structure. A good understanding of the impact, and the resulting damage, is therefore vi-
tal for modeling the behavior of a composite structure after impact.

At FFA several experimental studies have been carried out to characterize the impact damage for
different geometries and boundary conditions. Early tests were done with the brittle epoxy system
T300/914C while in later tests the tougher epoxy system HTA/6376 has been used. Laminate thick-
nesses have ranged from 2 to 6 mm and layups have usually been quasi-isotropic. although a few stud-
ies have been done on orthotropic layups [4,6]. Four geometries have mainly been used in the tests:
clamped 800 X 200 mm panels to simulate panels common in application [/3,/4]. smaller square
panels to study the effect of span to thickness ratio and different boundary conditions [6. /0], rectan-
gular panels. approximately 250 X 150 mm, clamped at the short sides and simply supported at the
long sides, and a few tests on clamped square panels with two sides unsupported [6].

Our studies show that damage growth normally initiates by matrix cracking, followed by delami-
nation growth, and finally fiber fracture [6,/0]. Delaminations in thick laminates with span-to-thick-
ness ratios of 10 to 20 typically initiate close to the impacted surface, while delaminations in thin lam-
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FIG. 8—Delamination growth sequence in thick and thin laminates [6].

inates initiate close to the midplane [6,10] (Fig. 8). In the following. the “upper face™ refers to the im-
pacted surface. Further delamination growth in thick laminates occurs in a “barrel shaped” region by
growth of delaminations around the midplane, although a single large delamination may occur at the
lowermost interface [6,/0]. Delamination growth in thin laminates occurs in a conical region by
growth of delaminations towards the lower face of the laminate [6,13]. Delamination growth in thick
laminates may be extensive. while the growth in thin laminates seems to be suppressed by significant
membrane effects and the early occurrence of fiber failure and penetration.

Delaminations typically occur between plies of different orientation. and increase in size with
thickness and mismatch angle of the plies [/3]. A characteristic impact damage consists of an array
of interconnected matrix cracks and delaminations which separate the laminate into sublaminates
[24]. The individual delaminations are more or less peanut shaped, extending along the fibers of the
neighboring lower ply. In contrast, cracks with fiber failures generally follow the fibers of the neigh-
boring upper ply and appear below delaminations as extensions of a matrix crack [6,10]. The width
of the zone where fiber fractures are observed generally range from one-third to one-half of the max-
imum delamination width [6, 10).

In the stability and residual strength analyses of an impacted composite structure one needs to un-
derstand how the impact has changed the constitutive properties of the damaged region. Recent stud-
ies of in-plane tensile and compressive properties in impact damage zones prior to sublaminate buck-
ling demonstrated significant differences between thin and thick laminates [/5]. Delaminations and
matrix cracks had a negligible influence on the stiffness and significant stiffness reductions were only
observed in a small central region of the thin laminates where fiber failure had occurred. In this re-
gion the tensile stiffness was reduced by 80% and the compressive stiffness by 50%. Future work will
study flexural properties and the behavior at higher strains.

Residual Strength and Stability

This section concerns damage tolerance of impacted composite structures. The residual strength of
an impacted composite plate is governed by delamination growth and/or by the damaged region act-
ing as a stress raiser. The approach taken at FFA is to model the two mechanisms separately at the
model development stage. When completed, the models are to be included in a residual strength-mod-
eling package.

Modeling of delamination growth requires data of interlaminar toughness for mixed mode condi-
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tions. Several studies have been performed at FFA using the Double Cantilever Beam (DCB), End
Notch Flexure (ENF) and Mixed Mode Bending (MMB) tests [32—34]. Interpolation of data produces
the material failure locus used in modeling to predict delamination growth. Modeling of damage act-
ing as a stress raiser. on the other hand, requires data of stiffness reductions in the damaged area.

Effect of Delamination Growth

Historically. most investigations on delamination growth in laminated composite panels focus on
the influence of local delamination buckling only. i.e.. adopting the thin film assumption [16,17]. A
requirement in these studies is prevention of global skin buckling. If. however, global buckling is al-
lowed the panel may buckle in such way that local delamination buckling interacts with global buck-
ling. Such interaction is foreseeable for deep delaminations, i.e., delamination thickness more than
one-tenth of the plate thickness. Recent work at FFA has concerned development of models with gen-
eral nonlinear kinematics to account for interaction of global and local buckling with contact for a
panel with a single delamination of arbitrary shape located at the critical ply interface [7,18]. The fi-
nite-element model developed is based on nonlinear plate theory. using 4-noded mixed interpolation
Mindlin/Reissner shell elements. Delaminated plates ate represented by two stacked plates repre-
senting material above and below the delamination. The plates may be modeled ply by ply using the
material properties and ply orientations of the individual layers. Outside the delaminated area the up-
per and lower segments are coupled by constraint equations to ensure displacement continuity at the
plate interface. In the delaminated area, out-of-plane constraints are imposed by spring elements only
active at contact. It is assumed that delamination growth is governed by linear elastic fracture me-
chanics parameters. The strain energy release rate. G, at local delamination growth is computed from
the discontinuity in an energy momentum tensor component across the crack front [7].

Analysis of a plate or stiffened panel with a delamination is performed in the following steps: (1)
Global buckling analysis. (2) Local buckling analysis of the delaminated member. (3) Postbuckling
analysis from local buckling with contact iteration and automatic load increase until delamination
growth criterion is attained. The growth criterion is currently based on the total critical strain energy
release rate. (4) Delamination crack propagation by moving the FE mesh in the growth regions and
continued postbuckling analysis.

By this approach, the evolution of delamination propagation is simulated by a large number of
crack propagation increments. Note that the moving mesh technique maintains a smooth delamina-
tion shape and a suitable mesh at the crack front even at extensive growth. A detailed description of
this technique is presented in Ref 17. The developed model has been validated by experiments on ar-
tificially delaminated and impacted plates [7, 19] and stiffened panels [/8]. Below, the most impor-
tant results of these studies are presented.

Numerical and experimental studies of compression loaded plates have been performed using
cross-ply laminates with artificial delaminations placed after 3, 5, or 7 layers [7]. The loaded edges
of the plates were clamped in the test machine, while the two remaining edges were free (Fig. 9). Fig-
ure 10 shows the experimental and computed load versus out-of-plane deflection results for two de-
lamination depths. The numerical model is shown to capture the main observations regarding trans-
verse deflections and buckling loads. Furthermore, critical loads, direction, and shape of growth were
also well predicted by the model. From a practical point of view the most important result of these
studies seems to be that delamination growth for all cases occurred more or less at the global buck-
ling load. Consequently, precaution should be taken in allowing structures with delaminations to
buckle globally. Another observation is that, at least for the geometries and materials studied, the so-
called thin film assumption is inadequate to predict growth. even for thin delaminated members. This
is illustrated in Figs. 10 and 11 where the computed load-deflection and strain energy release rate ver-
sus load for the thin film and global bending cases are depicted. In contrast to predictions by the thin
film model. the maximum strain energy release rate at the delamination edge predicted by the global
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The simulaion of the energytranspot is also usedin the latter stagesof the
programto calcukte the tempenature depenént materid propeties aswell as
the developnent of internal stresses.

6.2.2 Heat transfer simulation
Energytransport during the filling stage

Becaue the fill ing stages of the compresion moulding process are strongly
temperatire depeneént, the calculation of the temperatire distribution is an
essentiabktep in the simulaion of the processEq. 6.7 givesthe simplified form
of the enegy equaton usedin the simulation of the heattransfer:
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The equationabovewas derivedusing the following assumptias:

Conducion

Diffusion

1. Conducton heattransferonly occursin the throughthicknessdirection

. Convecton heattransferonly occursin the direction of materialflow.

. The tempeature profile is symmetric.

. The heattransferbetwea the mateial andthe mouldwallsis ided, resulting
in a consant mould tempeaturethroughoutthe filling stege.

. In the casewhere a thermpsetis being simulaked, it is assumedhat the
materid beginsto cure only after the entire mould hasbeenfilled.

A OWN

[

The validity of the assumpbns usedin the appication of the Hele-Shaw
modelaswell asthe simplification of theenergyequaton arevalidatedin (Heber
1995). The simplified energyequationis then solved in conjunction with the
govening flow equationwhere the non-linearviscaosity actsto connet the two
govening equatonsto one anoher. This, however, increagsthe complexity of
the simulation, meaning that the calculaton time significantly increags.
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Energytransport during and after the filling stage

After themould hasbeenconpletelyfilled the convedion anddiffusion termsin
the aboveenergyequatia drop out, leaving the singe condudion term on the
right-handsideof the equationlIf athermosets being simulatedthenthe soure
term (responsibé for accountimg for the heatgeneation during curing) mustbe
reintrodued. Howeve, overall the energyequation becones simpler, meanirg
that a less rigorous methodcan be appled to solve this equaton, saving the
unnecssaryexpenditureof computdional time.
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a 10% reduction in global buckling load, while the reduction caused by impact damage is 20%. These
results imply that the reduced stiffness in the impacted zone in some cases may have a fairly large ef-
fect on the panel buckling load. Thus, correct prediction of the buckling load of an impacted struc-
ture requires methods that consider influence/interaction of the stiffness reduction of the damaged
zone. Nevertheless, both the artificially delaminated and impacted plates failed by delamination
growth. Hence, the artificially delaminated plate test is appropriate for validation of models devel-
oped for residual strength predictions of impacted composite plates of the type investigated.

Effect of Reduced Stiffness in the Impact Damage Zone

In addition to delaminations, which may promote buckling-induced delamination growth, an im-
pact damage may also be associated with local stiffness reductions. Such stiffness reductions affect
delamination growth by reducing the buckling loads and cause stress concentrations which may pro-
mote in-plane “notch type” failure, as discussed in Ref 21.

In combination with the experimental study of the constitutive properties of an impact damage a
numerical study was carried out to examine how different parameters in the stiffness matrices affect
the global buckling load. Figure 13 presents the retained global buckling load of the plate in Fig. 9 as
a function of reduction in in-plane stiffness, [A]. As expected, the buckling load decreases with re-
duced [A] matrix. A large difference is, however. observed between a symmetric and an unsymmet-
rical soft inclusion. A 43% reduction in the [A] matrix reduces the global buckling load by 2% for a
symmetric soft inclusion and by 15% for an unsymmetrical soft inclusion. This highlights the im-
portance of considering thickness-wise stiffness asymmetries of the damage.

As observed in Ref /5 fiber failure in the impact damage zone causes significant local reductions
of the tensile and compressive stiffness. For example, damage studies of 230 X 150 X 4 mm speci-

120
100 p—— —
—_‘_‘__‘—_H___H_'_h‘—'—-—-_._
_._____________’_’_-_—‘_-_-_H
80 I orsge
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HTA/6376
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Retained global buckling load [%]

Reduction in A-matrix [%]

FIG. 13—Retained global buckiing load of the plate in Fig. 9 as a function of reduction in [A] ma-
trix.
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buckling. delamination growth, in-plane failure, and interacting failure modes. Necessary input data
for models involve damage characterization, interlaminar properties, and strain rate effects. The dis-
cussed subjects constitute elements in a building block approach aimed at design of impact tolerant
aircraft structures.

The impact response type is shown to depend on the impactor versus plate mass ratio and appro-
priate models have been suggested for the various response types. A small mass impact on a given
laminate results in earlier damage initiation and larger damage if impactor energy and tup remain un-
changed. The load for initiation of delamination growth under large mass impact is almost indepen-
dent of boundary conditions and delamination size if due account is taken for the membrane load con-
tribution. The corresponding initiation energy is obtained by summing contributions due to contact,
bending, shear. and membrane deformation. Further delamination growth during impact is highly de-
pendent on the number of delaminations. but reasonable bounds for delamination size have been es-
tablished.

The damage geometry and degree of fiber fracture depends on the span-to-thickness ratio and on
how much the energy for damage initiation has been exceeded. Fiber fracture, which is common in
thin laminates. occurs in a small central region of an impact damage and reduces both tensile and
compressive stiffness, although the effect in tension is more severe. Such a stiffness asymmetry or a
geometrical asymmetry of the damage through the thickness may have a strong influence on the
global buckling behavior of the panel.

A finite-element based plate model has been successfully used to model buckling-induced delam-
ination growth in plain laminates and skin-stiffener panels. The model involves an analysis of local
delamination buckling and global buckling and a moving mesh routine for treating delamination
growth when a growth criterion is satisfied. The most important observation is that the strong inter-
action between local and global skin buckling causes a catastrophic increase in the delamination
strain energy release rate at global buckling. Thus, precaution should be taken in allowing delami-
nated structures to buckle globally.

Future work will include a more accurate prediction of the impact damage, incorporation of fail-
ure criteria for competing failure modes, and an appropriate constitutive model of the damage zone
in the model for buckling-induced delamination growth.
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Certification Cost Reduction Using
Compression-After-Impact Testing

REFERENCE: Anderson, T. C., “Certification Cost Reduction Using Compression-After-Impact
Testing,” Composite Structures: Theory and Practice. ASTM STP 1383, P. Grant and C. Q. Rousseau,
Eds.. American Society for Testing and Materials, West Conshohocken. PA, 2000, pp. 29—46.

ABSTRACT: An approach to reduce certification development cost can be accomplished by testing the
important strength allowables that make up the primary design drivers. Through a process referred to as
a “moditied building block approach,” these primary design drivers are weighted and selected based on
criticality. This approach was used to minimize the development cost of a prototype composite tailboom
being considered for alight model helicopter (similar in size to a Bell Model 407). The material systein
of choice (AS4/APC-2 thermoplastic) and the tailboom’s susceptibility to impact damage drove the
need to understand impact dumage and its effect on strength. Compression atter impact (CAI) at barely
visible impact damage (BVID) was therefore selected as the critical design parameter. The cost benefit
is realized by focusing on the critical design parameters: thus the number of coupon tests necessary to
support full aircraft development can be significantly reduced because only limited design aspects have
to be considered. The critical design drivers selected would not necessarily be applicable to the fuselage
or rotor blades, but they do provide a means to optimize the tailboom design while minimizing the de-
velopment cost. Certification would still be verified by full-scale testing.

KEYWORDS: compression after impact. barely visible impact damage. composite tailboorn, modified
building block. thermoplastic, certification

The goal of the Low-Cost Composite Tailboom Program was to develop a lightweight cost-effec-
tive tailboom by utilizing a relatively new thermoplastic material and processing system. Specifi-
cally, this program was to investigate a PEEK resin system (AS4/APC-2) using an in situ fiber place-
ment process as it applies to thin-walled structure. There were only limited amounts of material
properties data available for AS4/APC-2. with most of that data being company proprietary. The
available data were more applicable for thick-walled structure. A portion of the data was directly ap-
plicable, such as tension and shear data; however. given that the structural design was a thin mono-
coque shell, it was felt that additional strength data would be necessary for compression. These ad-
ditional strength data were to guide the design that would eventually be certified by test. However,
the cost associated with the development of a full set of material allowables suitable for certification
was not acceptable. The problem was to determine what testing would be necessary to develop an op-
timum design that would be capable of completing certification requirements.

The objective was to eventually certify the tailboom for production. There are several equally ac-
ceptable approaches to certification that can be taken. When qualifying a redesigned component on
an existing aircraft, such as a tailboom, not all approaches are cost effective. The first approach is to
develop a full set of design allowables for the material system, as illustrated in Fig. 1. This option is
more applicable for the development of a new aircraft and involves a large capital expense in devel-
oping the material allowables, while still requiring a full-scale verification test. The second approach
is to build a full-scale component and test to ultimate. If the structure fails to meet strength require-

! Principal engineer, Airframe Structures, Bell Helicopter Textron Inc., P.O. Box 482, Fort Worth, TX 76101.
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FIG. |—Tvpical building block approach used for full aircraft development.

ments, then the component is redesigned in the region of failure and retested. This iterative process
not only yields an inefticient design: it also is very expensive. The third alternative is to mitigate the
design cost by identifying important strength parameters and develop a corresponding strength al-
lowable that is used during the component design. The use and application of this approach is dis-
cussed in Ref 1. This option. which was used in the development of the low-cost composite tailboom,
becomes more cost effective because the magnitude of the coupon tests has been minimized. This ap-
proach essentially qualifies the component using a tull-scale test, but develops only those material al-
lowables that most greatly influence the design.

Approach

A costly and time-consuming full-up building block approach is shown in Fig. 1. This approach re-
quires the development of material and structural allowables ranging from element, to coupon, to
component, to full-scale tests. A modified building block approach, as shown in Fig. 2, was used to
design the tailboom. This approach eliminated element tests (very costly) and minimized the coupon
tests, while relying heavily on the full-scale test to validate the structure. The elimination of element
tests and reduction of coupon test has significantly reduced the cost of development, but increased
the risk of redesign. To reduce the risk of failure, the modified building block approach must be care-
fully planned. The process has been divided into four phases.

Phase I establishes a preliminary design concept. It may involve trade studies or may be a proof-
of-concept, but it will also always be governed by as set of rules in the form of certification require-
ments. Tt is the starting point.

Phase II involves defining those parameters that affect design. Under this phase there are four pri-
mary areas from which the design parameters conie. First. the design requirements are established by
defining strength, stability, and dynamic requirements. Second. the operational environment will es-
tablish parameters such as temperature, corrosive resistance, and/or foreign object damage (FOD)
damage requirements. Third, the proposed material system may have strengths or weaknesses that
must be addressed. Granted, this assumes that there is some level of existing data that can be used to
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address the weaknesses. The engineer must make an assessment of those laminate characteristics that
need to be evaluated based on a limited knowledge of the material system, loading. environment, etc.
As in the case of an APC-2, a thermoplastic material system, laminates constructed of this material
system have increased toughness, but poor adhesion capability. Fourth, there may be preliminary ma-
terial properties available (such as tension, compression, shear, or bearing) from the vendor or some
other source that could aid in the design. The use of those material properties must be reviewed rela-
tive to the proposed design not only for the type of properties but for the standard and method used
in development. Are any or all of the material properties applicable? What properties must be estab-
lished based on the preliminary design?

During Phase 111, the critical design parameters identified under Phase II will be considered and
used to determine what tests are necessary to reduce the cost of certification. This phase can be bro-
ken down into four steps (as shown in Fig. 2):

1. Establish the critical design parameters.

2. Develop a suitable test matrix that will provide confidence in the resulting laminate allowable.

3. Design the specimen. It is best (where applicable) to use a standardized test and specimen con-
figuration, but that may not always be possible.

4. Test the specimens.

Phase IV is where the final design is completed based on the above-established laminate proper-
ties and receives full-scale testing.

Phase |

The objective of the program was to reduce both the cost and weight of a component utilizing a
thermoplastic material. The structure to be developed is a thermoplastic monocoque tailboom to be
used on a light helicopter model. The basic design of the thermoplastic tailboom is shown in Fig. 3.

Phases Il and 111

AS4/APC-2 thermoplastic material system was used for the preliminary design of the tailboom.
The plies are laid on a metallic mandrel using an in situ fiber placement process. This process allows
for the conventional orientation of fibers, that is, 0 deg (along the boom axis), 45 deg (bias), and 90
deg (circumferentially around the boom). The tailboom has a small taper to it as it transitions from
the body of the helicopter to the tailrotor gearbox attachment. This taper presented a problem in drop-
ping the plies. That is. the plies being laid on a bond tool, which are only 0.24 in. (6 mm) wide, re-
quire a series of laps and gaps. A significant amount of effort was expended in trying to reduce the
effect of the lap and gap by compacting the ply as it was laid on the tool; but these laps and gaps pro-
vide an inherent crack (or delamination) initiation source. In addition to material processing, and as
shown in the design of the tailboom, the boundary conditions (as mentioned above) need also be ad-
dressed when trying to determine the material’s strength. That is, considering the combined effect of
skin thickness and distance between frames, the compression strength allowable was considered in-
adequate. Material allowables for the most part are generic regardless of where they are used, and
therefore rarely would be defined as a function of geometry or boundary conditions. However, to
evaluate a specific set of design parameters, as in the case of the tailboom, structural design allow-
ables that consider the uniqueness of the product must be considered. Testing to determine these
structural allowables must be considered carefully for every application. The tailboom’s thin com-
posite monocoque structure drives the need to understand the effect of stability. In other words, the
effect of the boundary conditions must be considered in the test coupons used to establish the struc-
tural allowables for the tailboom. In addition, the usage profile shows that the tailboom is more sus-
ceptible to impact damage both from natural causes such as hail or human-induced damage such as
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basedon aluminium sheetsrequirea mud largertime before flames penetate
throughthe laminae (in the order of 10—15 minutes). The rea®n is that the
composie layers carbonig and delaminate,thereby shieldng the heat from
insidelayers. At the sane time the aluminium, dueto its condudivity, dissipats
the heatover a large area.

Corrosion resisance

Another protection mechaném is active when the laminae is expose to
moisture In metalalloysthis will resudt in corrosion:the metaldissoheslocaly,
andpits andholesarisein the metal.In FML, the composie layersstopsfurther
corrosbn attack,andthe corrosbn is limited to the outsde metallayer. On the
other hand, the metal layers protect the composie layers. Theselayers can
deteriorae under the influence of ultraviolet radiation and moisture. Metal
layerscoverthe compositelayers(except for the edge$, andtherebre, thereis
almostno deteioration of the composie layers.Only minimum moistureingress
is possibk via the edges

8.4 Production processes for fibre metal laminates

Produgion processsfor hybridsarerelatedto the propeties of the constituets.
In this section both machiring and forming processesare descriled, with
emphads on the forming proceses Mary production proces®s have a
resemkanceto either metal or composie productbn processes.

4.1 Cutting processes for FML

0O o

utting of FML is not too difficult, but the constiuentsand the compaosition
of the laminatesrequire procedurs different from the cutting of metal alloys
or compositesFor cutting of FML, the following issuesshould be kept in

mind:

e The highly abrasivefibres causerapid tool wea, unlessspecific tooling
materids areused.This is true for glassand carbonfibres. For aramd fibres
wear resistanttooling is also required, but for anotherreason.The aramil
fibre is neither hard nor abrasive, but very tough and only sharp cutting
edgesare able to cut thesefibres.

e Dull cutting tools, due to tool wear, produ@ heat This heatcan affect the
laminate, and is specifically detrimental to the laminate causing
delaminaipns and/ormatrix damage.

* Forcesperpendicula to thelaminatesmay causedelaminatons. Theseforces
actperpendiularto theinterfacesetwea the differentlayers,andshouldbe
controled carefuly. Pat of this control is the limitation of tool wea, since
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ter, 5/8 in. (15.8 mm) and 2 in. (50.8 mm). The impact sites were spaced so as to ensure that the im-
pact damage from one site would not influence another site, and also to allow sufficient size to cut
the CAI specimens (Fig. 7) from the BVID specimen.

The configuration and size of the CAI specimen was predominantly determined by boundary con-
ditions of the specimen. The length of the specimen was predetermined by observations of similar
damage from various impact energies from preliminary tests. It was important to ensure both that any
internal damage associated with the impact was not imbedded in the potting compound used to clamp
the end of the specimen, and that the structural mechanisms from the full-scale structure were cap-
tured in the specimen. The width of the specimen was determined by both the width of the impact
zone and the length. Consideration was also given to establishing a specimen size that would be free
of end or edge effects at the impact site. A common specimen configuration was used for all tests.

The boundary conditions were represented as clamped ends and simply-supported side walls. Pot-
ting compound was used to clamp the ends, while back-to-back steel rods clamped to the edges (as
seen in Fig. 8) were used to represent the boundary conditions. Without the rods along the edge, an
unrealistic failure due to the bending associated with column buckling would occur. In the actual
structure, out-of-plane support is inherently provided by the continuous monocoque structure. Some
form of verification was done to ensure that the boundary conditions of the test don’t influence the
strains in the gage region of the specimen. A photoelastic coating on one of the specimens was used
to ensure that the edge effects were negligible at the impact site.

BVID Tests and Results

The test matrix shown in Table 2 was designed to establish the onset of BVID and its associated
CAI strength. During the course of establishing BVID, an interesting occurrence in the maximum de-
flection versus impact energy was observed, as seen in Fig. 9. Maximum deflection increased up to
penetration, at which point the maximum deflection decreases slightly as the tup penetrates the struc-
ture. For thin structure, BVID will occur prior to penetration. Note, backside damage is not consid-
ered since this damage is not visible to the maintainer. BVID for this tailboom configuration (mate-
rial and structural geometry) occurred at approximately 60 in. 1b (6780 mN - m). As shown in Fig. 4,
visible damage must be capable of taking limit load; for the material used in this tailboom, that
equates to approximately 180 in. 1b (20 340 nM - m) (onset of penetration), which according to Fig.
5 would be a hailstone approximately 1.5 in. (38.1 mm) in diameter. From the perspective of a global
structural response, increasing the steel tup size (impactor diameter) from % in. (15.8 mm) to 2 in.
(50.8 mm) showed very similar results relative to deflection and impact energy. However, locally
within the structure there is a significant difference in maximum contact force between the tup di-
ameters, influenced by the contact area between the tup and the specimen, as demonstrated by the fact
that penetration never occurred with a 2-in. (50.8 mm) tup. It should be noted that flexibility of the
tup relative to the impact site was not addressed. This damage associated with this energy level is very
similar to the bending failures seen in Ref 5. As the impact energy increases towards penetration the
damage area becomes larger. At penetration (Fig. 10e), the damage area is dramatically decreased
representing more of a shear failure in the matrix system. Figures 10a through 10e show the pro-
gression of internal damage as defined by a TTU ultrasonic inspection for 20, 40, 60, 80, and 180 in.
Ib (2260, 4520, 6780, 9040, and 20 340 mN - m) impact energy using a s in. (15.8 mm) tup. The dam-
age region due to penetration is shown in Fig. 10e. The circular region is where the tup penetrated the
laminate. There was significant damage localized to the impact site (fiber brooming), but the lami-
nate did not show the same level of damage propagating along the axis of curvature as that seen by
lower impact energies. It should be noted that the observed external damage was very consistent in
size with internal damage observed from the ultrasonic inspection of the damaged specimens, thus in-
dicating, “What You See Is What You Get” (WYSIWYG). Similar results are shown in Ref 5 for
curved surfaces. Although not quite exact, the similarity suggests that geometric curvature of the
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TABLE 2—BVID and CAI test matrix.

Number of Tests

Impact Energy

Specimen ID (in. - 1b)* BVID CAI Baseline
1,10, 19, 28 0 4
2.11.20,29 60 4 3

3.12,21.30 90 4 3

4,13,22,31 120 4 3

5,14,23,32 150 4 3

6,15.24,25 180 4 3

7,16, 17,26 210 4 3

8,9,18,27 240 4 3

*lin. - 1b=113mN - m.

component will induce failure along the axis of the curve. The work done in Ref 5 also suggests that
layup plays a large role in the orientation of the failure. That is. a highly biased ply orientation will
skew the impact damage along the direction of the fibers. and more quasi-isotropic laminates pro-
vided symmetric damage response. Unless the ply orientations are highly tailored. the laminate prop-
erties will generally be quasi-isotropic, and for impact damage the resulting external damage (crack)
would extend along the axis of curvature. The percentage of 0, 45, and 90-deg plies, while not con-
stant along the axis of the boom. is similar in percentage. Therefore the thinner region along the boom
was investigated, t = 0.058 in. (1.47 mm). The component being evaluated is limited to the laminate
percentages and/or thicknesses being tested. Deviations from those laminate percentages or thick-
nesses would require additional testing. While this appears to be very limiting, the cost associated
with developing the same data for other laminate configurations is mitigated.

0.8 z

04

/e
e
V4

= 58 inch tup curve fit
oao 58 inch tup data
== 2inch tup curve fit
coo 2ijnchtup data

0.2

Maximum deflection (in)
oo P
a
"
o

100 150

250

Impact energy (in-lb)

FIG. 9—BVID impact test results.
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10.3.8 Stack forming behaviour

Whenafabricis required to confarm to acomplexshapesuchastherib shapen
Fig. 10.5,the orientationof the weavecontrolsthelocd intra-ply shearequirel.
Figure 10.7 shows the shapeof arib for anaircrét control surfaceleadingedge
with the drapepatten of a 0°/90°ply (left), anda 45°ply (right), prediced
using the DRAPE simulation software(Bergsma2000). It canreadly be seen
that the required shearpatternis different for the two fabric orientations.

Theseshearpatternspredictedusing drapesimulaion software may only be
realisedby forming sinde plies underideal conditions.In multi-ply stacksthe
resistane to intergy slip imposesconstrants on locd intraply shear,andit is
observedthat the shearpatten of surfaceplies in suchstacks often doesnot
matchthat prediced by draping theory. Intraply sheardeformation is usually
lessthanpredicied. The consguentresidua compressionstressn the pliesmay
be dissipaed by the formation of local wrinkles, or by increasedocd crimp in
the fabric.

10.4 Tape prepreg

Thedeformationmechanisrafor tapeprepregarein manywayssimilar to those
of fabric prepreg.Interply slip behaviourin particula is similar (Phunget al.
2003).0ut-of-planebendingresistaneis higherin thefibre direction andmuc
lower in the transvese direcion.

The important differenceis in intragy shear behaviour Intraply shear
resistane is thought to be considerahl lower than for fabric prepregsbut is
somevwvhat difficult to measuredirectly. Bias extenson testson two ply [ 45,

45] specinensgive similar resultsto tho onasinge 45fabric prepeg(see
Fig. 10.4)andto some extent produe theintrapy sheatbehaviourexpededof a
in-jointed net (Poter 2002a),althoughthereis no tow locking effect,andboth
intertow slip and interply slip becomemore obvious at higher extensons.
Howeve, muchof the apparenintraply shearresistane in suchbiasextenson

:,'O

z
X/l\y 7 (a) xj\y (b)

10.5 Solid model of the leading edgerib tool ‘draped’ with afabric at 0/ 90°and
45° orientations using simulation software. Locations of maximum shear can
be seen for each case.
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Strength Test Results

The strength test results are shown in Fig. 11. While this plot combines the effects of DR (response
to the impact event) and DT (response of damaged structure to design loads), they are clearly sepa-
rate mechanistic issues. The general trend indicated that as impact energy increased, the residual
strength decreased as shown in Fig. 9. However, the increase in CAlI strength at the higher impact en-
ergies is an indication of changing internal failure modes. Internal collateral damage characterized by
interlaminar shear failure results in increased CAI strength loss until through penetration occurs.
Through penetration is a result of the fibers’ inability to support the impact event, minimizing the ef-
fect of interlaminar shear. The increase in CAI strength is therefore a result of decreased interlami-
nar shear damage. However, similar to the condition shown in Fig. 9, as the impact energy ap-
proached penetration the slope (strain versus impact energy) changed direction, so in this case an
increase in strength was shown. Failure was defined as when the specimen could no longer sustain
load, as shown in Fig. 12, where the average bifurcation (shown using back-to-back strain gages) on
the strain gages flatten out. As a side note, as instability occurred, the curved specimen would snap
through, generally initiating at the impact site. A transverse strength failure, when it occurred, would
pass through the center of the impact site. For those specimens that snapped though, no additional
propagation of damage was observed. It was suggested that the toughness of the thermoplastic resin
system helped prevent further laminate degradation. Failure was defined when load could no longer
be applied. For those laminates that failed due to a transverse strength failure, compression or lack of
the resin system supporting the compressive loads appeared to be why the laminate fractured normal
to the loading direction. Again, failure was defined when load could no longer be applied, but in this
case, there was a distinct failure line. As was the case with snap through, the external crack and sub-
laminate delamination along the axis of the specimen did not change.

Specimen BE9-31C Load vs Strain
60 inlb Impact Energy

Specimen Failure

—Backleft  ~—FmtRght

Strain (microinch/in

-3000 ; ; Y . ; . .
8000 7000 6000 5000 4000 3000 -2000  -1000 0
Load (Ib)

FIG. 12—CAI typical load vs. strain.
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Discussion of Results

The standard compression specinien as used in the modified ASTM Test Method for Compression
Properties of Rigid Plastics (D 695) compression tests are laterally supported from out-of-plane buck-
ling during loading. Laterally supporting the CAI specimen in the region of the impact site would re-
sult in overly conservative strength properties relative to the design of the tailboom. As discussed ear-
lier, the circular cross section of the tailboom offers an inherent out-of-plane support for the
monocoque skin. The lateral supports, representing simply-supported edge conditions. represents the
best approximation at the monocoque geometry of the tailboom. Since the lateral supports are not to
be placed at the impact site, the resulting allowable becomes more of a function of stability than it
does strength. Realistically this should be considered an accurate structural allowable provided the
boundary conditions have been chosen correctly (to be verified by the full-scale test). There will be
some regions on the component (near supports) that are nonbuckling in which the allowable will be
overly conservative. But in other regions of the component that more closely represent the boundary
conditions of the test, the structural allowable will be much more accurate. Since the structural al-
lowable reflects both stability and strength. the critical location becomes sized for the worst case sce-
nario. Therefore the allowable ranges from conservative to accurate, depending on the location of the
component being sized. Increased weight due to a conservative allowable would not be an issue, since
that would indicate decreased thickness near a support, when in reality the thickness nearly always
increases near a support due to other strength requirenients. This allowable then becomes transparent
to the stress analyst, thus allowing use of traditional strength analysis methodology.

Summary

Using a modified building block approach shows promise in mitigating the dependency on a fully
populated test matrix, as defined in a traditional building block approach, to certify a component
structurally. This approach is limited to the component under design in that it used those parameters
important to that component. In this case, the time and the associated cost of developing a thermo-
plastic tailboom have been substantially decreased—keeping in mind that it is not cost effective to go
through a full-blown design allowables approach for a redesign or improvement of a component.
Therefore. this becomes a very viable approach to any development process. However, it is impor-
tant to note that the design allowables become a part of the geometry evaluated and potentially may
not be transferable to other applications.
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ABSTRACT: The main objective of this work was to investigate and predict the behavior of damaged
structural elements (skin-stringer panels). The study combined characterization through testing with
fractographic analysis, and analysis of delamination using the finite-element method. The experimental
studies entailed investigation of damage growth from embedded skin defects in panels under compres-
sive load, and the subsequent structural failure. Parameters such as defect size. location with respect to
substructure and through-thickness position were studied. Local delamination and global panel buck-
ling were modeled, and the resulting delamination growth was simulated using a moving mesh tech-
nique. The results illustrated the importance of the location of the 90° plies to the damage evolution, and
the criticality of global buckling and stringer detachment in the structural failure. The understanding
gained from both the experimental investigations and numerical simulations has led to guidelines for re-
alistic modeling and rules for designing damage tolerant structures.

KEYWORDS: skin-stringer panels. delamination, tractography, finite-element modeling, moving
mesh, structural failure

Introduction

Composites are now widely used in aerospace applications but have not delivered the cost savings
expected. This is partly due to the limited success in extrapolating behavior at a material level to
structural conditions. Thus, component testing rather than predictive modeling is the required route
for certification. In particular, predicting the delamination behavior in composite structures is prob-
lematic. There have been many studies into delamination, including a recent one by one of the au-
thors [1]. but few have investigated the behavior in structures.

The main objectives of this work were to understand and predict the behavior of damaged struc-
tural elements (skin-stringer panels) manufactured from a current aerospace material (Hexcel
T800/924). For comparison, delaminations in plain laminates under pure compressive (in-plane)
loading were also studied, details of which are given elsewhere [2]. Delamination initiation and
growth were studied using single plane defects between the plies (PTFE inserts). The defects were
positioned at three sites: in the bay, partly beneath a stringer foot, and directly beneath the stringer
centerline. The finite-element models were constructed using separate layers of shell elements for the
two skin sublaminates, linked by constraint equations outside the defect, and further shells repre-
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sented the stringer feet, webs. and caps. Delamination and global panel buckling were modeled and
the damage growth was simulated using a moving mesh technique.

Experimental Details

A plain (i.e., unstiffened) laminate was developed to characterize the effect of purely in-plane load-
ing on the damaged region. A sandwich design (Fig. 1) was used to avoid the complications result-
ing from using an anti-buckling guide [3]. This panel, designed to withstand strains up to — 10 000
ue. allowed sizable damage growth: the surface was free from obstructions. These panels had quasi-
isotropic skins [(+45°/—45°/0°/90°);]¢ with 40 mm thick aluminum honeycomb core. The artificial
defects were disks cut from 10 um-thick PTFE film and placed between the plies during manufac-
ture. The panel details are summarized in Table 1. Panels A. B, and I contained defects at the 0°/90°
ply interface, three plies deep, while panels E and F contained defects at the +45°/—45° ply inter-
face, five plies deep. Panels B and I were identical so as to characterize the effect of specimen varia-
tion. The defects were circular. with diameters typical of damage from 15 J impacts in stiffened pan-
els [4].

The skin-stringer panels (Fig. 2) were designed to withstand a strain of —6000 ue before buckling
and had skins of the same stacking sequence as the plain panels [(+45°/—45°/0°/90°)4]s. The panels
each had three I-stringers with tapered feet (Fig. 2) which were co-cured onto the skin. The defects
were placed at various locations with respect to the stringers (Table 1): the geometry and depth of
these defects were chosen from the results of the plain panel tests. Six skin-stringer panels were
tested. two with defects three plies deep at the (0°/90°) ply interface and four with defects five plies
deep at the (+45°/—45°) ply interface, counting from the inner face.

All the panels were tested in compression in a 1000 kN servohydraulic test machine at a rate of 0.3
mm/min. Testing of the plain panels was stopped when significant unstable damage growth had oc-
curred: the skin-stringer panels were loaded to failure. Delamination growth was monitored using
shadow moir€ interferometry [/]. After testing. the delaminated surfaces were exposed and examined
using optical and electron microscopy.

Modeling Method

Simulation of delamination buckling and growth was carried out using the finite-element based
program package DEBUGS (DElamination BUckling Growth and Simulation). DEBUGS, which is
based on a shell element formulation, can simulate buckling and growth of in-plane delaminations of
quite general contours. The model accounts for the effects of global bending of the structure and con-
tact between the delaminated plies. The development of DEBUGS has been described in a number of
papers and reports [5—/1] and only a synopsis of the main features is given here. DEBUGS uses the
commercial FE-code ADINA to generate structural solutions. An FE-mesh of the stiffened panel is
depicted in Fig. 3.

Two kinematically nonlinear shear deformable plates model the delaminated skin [9,10] as out-
lined in Fig. 4a. In the undelaminated domain, the upper and lower plates are constrained by dis-
placement continuity along the “interface” as illustrated in Fig. 4b. In the delaminated domain, Fig.
4c, delaminated members are free to deflect from each other but constrained not to penetrate by
means of special contact springs [9,10]. Stiffeners are also modeled by shell elements connected by
constraint equations similar to those used for the undelaminated skin [72].

Delamination growth is assumed to take place when the energy release rate attains a critical value.
For mixed-mode interface crack growth, the critical energy release rate is usually a function of the
pure fracture modes. This is often expressed as G = G(), where # is the phase angle defined by
= atan (Ky/Kj). The energy release rate at local crack growth, G, can be computed from the discon-
tinuity in field variables across the crack front
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TABLE 1—lnsert locations and initiation strains for plain and stiffened panels.

Artificial Defect

Delamination
Panel Diameter Interface Depth Site Initiation Strain (&)
A 35 mm 0°/90° 3 Plies (plain unstiffened panel) —2400
B 50 mm 0°/90° 3 Plies (plain unstiffened panel) —2400
I 50 inm 0°/90° 3 Plies (plain unstiffened panel) —1950
SS#6 50 mm 0°/90° 3 Plies Beneath the stringer foot —4950
SS#8 35 mm 0°/90° 3 Plies Center of the bay ~2500
E 35 mm +45%/—45° 5 Plies (plain unstiffened panel) —4150
F 50 mm +45°/—45° 5 Plies (plain unstiffened panel) —3150
SS#1 50 min +45°/—45° 5 Plies Center of the bay —2850
SS#2 50 mm +45°%/—45° 5 Plies Beneath the stringer foot Less than —5250
SS#3 50 mm +45°/—45° 5 Plies Beneath the stringer center In excess of —7174
SS#4 35 mm +45°/—45° 5 Plies Center of the bay —2900
G = (Pl — P + (PGS} — P3)) (h

The superscript denotes the location of where the tensor, P,,, is evaluated (see Fig. 5a) and where
Py =W = NSw — oMay), — M ye, @)

In Eq 2, W is the strain energy function; N, M and Q denote membrane forces. moments and trans-
verse shear force, respectively; &; is the midplane displacement and 6 transverse rotation; n denotes
the normal direction to the crack front; double Greek indices denote summation of normal and tan-
gential components.

The nonlinear plate problem may locally be reduced to a linear problem if a homogenous strain
field is superposed such that the undelaminated region becomes undeformed [5,13,14] as outlined in
Fig. 5b. The number of unknown load resultants is reduced to five but the energy release rate and
stress intensity factors are the same as in the nonlinear plate problem. The tensor components, P,
then become

s

N ()=(h Nyt TFU = —
N®et + Ngw  Mur® Qg
Pl =—— +E= k=12
5 . :
3)
P =0k =34

where & and « denote the strain and curvature and where the bar refers to the quantities after super-
position.
The fundamental fracture modes are linear functions of the five load resultants
KI = alNrm + a2Nrm + aSQn + a4N,,, + aSNnt
KII = blNrm + bZNnn + b3Qn + b-dvnr + bSNn/ (4)

KIII = CINnn + CZle + C3Qn + C-dvm + CSNm

The coefficients in Eq 4 may be determined by solving the split beam problem for the material com-
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FIG. 3—Finite-element mesh of skin-stringer panel with a 50-mm-diameter embedded defect.

a) Upper
(]
z
y 4—1
Lower
L]

FIG. 4—Model of delamination skin.
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bination of interest with unit sectional loads one-by-one. This can be a formidable problem for a gen-
eral layered material. Closed-form solutions for the coefficients have been given in Ref 14 for the
isotropic split beam problem and when there is no shear. The only nonvanishing coefticients were
then

_ cosw _sinfw t+ )
| =T 2= =
VU 23V
i cos{w + v)
po=Sne 2P Y (5)
Vuu Vv
o= [LE T
N 2T
and where n = t/(T + 1) is the thickness ratio. and vy, w, V, and U geometry functions.
UV =12(1 + 3. VU=1+4n+ 67 + 39
(6)

y=asin(6n3(l+n)\/W) w=52.1°—3°y

The split-beam problem with the shear force Q,,, was solved using the in-house FE code STRIPE.
The loading was virtually pure Mode I for all delamination depths. The very same FE model was also
used to confirm the closed-form coefficients given in Eq 5.

In the analysis. energy release rate distribution was calculated along the delamination front using
Eqgs 1 and 3. Only the “isotropic mode decomposition” was adopted, using Eqs 4 and 5 and assuming
that the shear force gives pure Mode I loading. This is obviously a bold simplification. Work is in
progress to generate solutions for general layups.

A complete analysis of delamination buckling and growth includes the following steps:

+ The global (plate) buckling load is first determined for the structure.

» The delamination buckling load is subsequently determined with due account for contact.

» This is followed by the kinematically nonlinear postbuckling analysis where the full Newton
method is adopted and where the contact analysis 1s performed at each load. Once the contact
analysis has converged, the energy release rate is computed along with fracture mode separa-
tion (in the present implementation with the isotropic material simplification). Load increments
are taken automatically such that load increments are small near the delamination and global
buckling loads (where the tangential stiffness may be very low). Load increments are also ad-
justed such that the crack growth criterion is attained but not significantly exceeded. In the nu-
merical analyses given here, the energy release rate was within 1% of the critical value at crack
growth.

The delamination front may propagate when the crack growth criterion, G(¥) = GA ¥), has
been attained at some node. The front is then advanced by moving the nodes which have reached
the crack growth criterion a small distance in the local normal direction to the front and in the
plane of the delamination (see below), followed by a second step where the entire mesh is slightly
moved. The postbuckling analysis is then restarted at the previous propagation load. but with the
new updated mesh.

By this approach, the evolution of the delamination growth is modeled by performing a large num-
ber (typically in the order of a few hundred) of incremental crack propagations. The “small” distance
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the nodes are propagated must be finite but sufficiently small. The mesh is moved by solving a two-
dimensional finite-element problem using the same mesh as in the shell analysis. Nodes along the de-
lamination front, which have attained the crack growth criterion, have prescribed displacements equal
to the crack increments. Nodes along the front, which have not attained the crack growth criterion,
and nodes along the outer boundary and stiffeners have zero prescribed displacements. The new nodal
coordinates for the shell problem are taken as the nodal coordinates after deformation of this two-di-
mensional problem.

The following measured properties {/] of T800/924 were used: E;| = 155 GPa, E>; = 8.57 GPa,
vi2 = 0.33. G|, = 7.4 GPa and ply thickness = 0.125 mm. The remaining mechanical properties were
assumed: E33 = E;n = 8.57 GPa, vi3 = vip = 0.33, vo3 = 052, G35 = Gz = 7.4 GPa.

In e plain panels global buckling was inhibited, which was simulated by making the substrate
considerably thicker than the delaminated plies. In the skin-stringer panels (Fig. 3). the loaded edges
were locked in all degrees of freedom while the nodes on the opposing edge were joined by rigid links
to a master node (free only to move in the loading direction). to which a point load was applied.

Experimental Results
Pluin Panels

Examples of the damage growth in the plain panels are shown in Figs. 6 and 7 (50 mm diameter
disbonds at 0°/90° and +45°/—45° ply interfaces, respectively): the loading direction was vertical in

FIG. 6—Moiré images of damage growth in a plain panel with a 50 mm-diameter defect ar 3/4
(0°/90°) ply interface.
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OD
(Load)

FIG. 7—Moiré images of damage growth in a plain panel with a 50-mm-diameter defect at 5/6
( +45%/—45°) plv interface.

these images. The increase in damage width is shown in Figs. 8 and 9 and the delamination initiation
strains are given in Table 1.

Damage development from inserts at the 0°/90° ply interface all followed the same pattern (Fig.
6). As the load was increased, the delaminated region became elliptical and growth initiated at the
transverse boundaries. The delamination developed into a lozenge shape. with lobes growing on the
right side. from just above the major axis of the ellipse and. on the left side, from just below the ma-
jor axis, almost parallel to the —45° ply. Secondary growth also developed. propagating parallel to
the +45° ply. leading to the development of rectangular and ultimately dogbone damage shapes. Fi-
nally, there was splitting at the surface and axial damage growth. Comparison between panels B and
[ (Fig. 8) indicated there was little specimen variation.

The damage development in the panels containing inserts at the +45°/—45° ply interface also fol-
lowed a pattern (Fig. 7) though not the same as that of the inserts at the 0°/90° ply interface. The de-
laminated region became elliptical as the load was applied, the major axis of the ellipse was aligned
at 105° (clockwise) to the loading direction. Delamination growth initiated from the ends of this el-
liptical blister and then developed as a flattened ellipse until the test was stopped.

The delamination initiation strains (Table 1) in the plain panels varied considerably. which was at-
tributed to the difficulty in measuring this parameter [/]. This was due to the poor resolution of the
moiré interferometry at the tip of the defect. There was no trend with insert size, but the initiation
strains for the inserts in the 0°/90° ply interfaces were 40% lower than those for the +45°/—45° ply
interfaces. However, after initiation, the damage growth from the defects at the 0°/90° ply interface
was slower than that from the +45°/—45° ply interface.
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edge and, at an applied strain of —4950 u.e, started to extend across the bay, forming a double-peaked
front. At an applied strain of —6000 &, the panel started to buckle and the delamination extended
along the stringer edge. Failure (—7153 ue) was preceded by rapid delamination growth and debond-
ing of the central stringer.

The height of the delamination blister from the insert in the bay rose faster and was higher than that
partly beneath the foot. In addition, as shown in Fig. 8, the damage growth was dependent on the de-
fect site with respect to the substructure; at a given strain, the damage from the insert beneath the foot
(SS#4) had grown less than that in the bay (SS#8). Consequently, the latter failed at a lower strain.

Skin-Stringer Panels with Defects at +45°/ —45° Ply Interfaces

Panels SS#1 and SS#4 contained defects in the bay: both exhibited similar damage behavior to that
shown in Fig. 7 for the plain panel. An elliptical blister formed at about —2000 pe with the major
axis aligned in the 105-deg direction. The sublaminate beneath the insert bent outwards as the dam-
age extended along the major axis of the elliptical blister. The delamination grew until it reached the
stringers, at which point it flattened and growth was inhibited. The panel buckled at about —5200 ue
and surface splitting developed within the stringer feet. Eventually. there was massive outward bend-
ing of the sublaminate beneath the insert and the panel failed.

The damage development in panel SS#2 (50 mm defect partly beneath the stringer foot) is shown
in Fig. 11. There was no visible damage until at —5274 pe, when there was massive outward deflec-
tion beneath the insert and rapid delamination growth across two-thirds of the bay. The panel buck-
led and the damage continued to extend, reaching the right stringer at —6200 we. The damage ex-
tended along both stringer feet, forming a horizontal band across the bay. At —6413 ue cracking
developed at the central stitfener foot and the panel failed.

In panel SS#3 (50 mm defect beneath the stringer centerline) there were no significant nonlinear-
ities in the strain gage responses and no evidence of local buckling from the moiré interferometry.

- 1
X
A
0° !
(Load) o <
Centre/ 5270ps Left
Stringer - ______  Stringer
Feet , Feet
__'r o~ T
3 ‘L E =5 : S T M P T Foig
6200uc 6500uc

FIG. 11—Moiré images of damage growth in a skin-stringer panel with a 50 mm-diameter defect
at +45°%/—45° ply interface beneath stringer foot.
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Global buckling was at —5800 ue but, due to test limitations, at —7174 ue the test was stopped. Ul-
trasonic inspection showed that some limited lateral growth had occurred.

There was little difference between the panels in the out-of-plane displacement of the damage, al-
though the delamination from the insert beneath the foot did not start to grow until late in the test. The
delamination initiation strains (Table 1) were very dependent on the defect location but all three pan-
els failed at similar applied strains. The damage behavior (Fig. 9) in the two panels containing defects
in the bay were relatively similar. However, the damage growth from the defect partly beneath the
foot exhibited the same trends in growth as the other panels, but at a higher compressive strain.

Failure Analysis
Plain Panels

In the plain panels the damage mechanisms were governed by the orientation of the delaminated
plies. Although the insert was at a single plane, the subsequent damage growth consisted of a num-
ber of mechanisms including multiplane delamination growth, ply cracking and fiber fracture. The
fracture surfaces exhibited rotational symmetry about the defect center.

The fracture surfaces from a panel containing a defect at the 0°/90° ply interface are shown in Fig.
12. First, splits (marked as white dashed lines), tangential to the defect edge, had developed in the 0°
ply directly above the defect plane. Cracks migrated through these splits, forming delaminations at
the 2/3(—45°/0°) ply interface growing parallel to the — 45° ply (zone B in Fig. 12). Splits also de-
veloped in the — 45° ply, through which the crack migrated into the 1/2 (+45°/—45°) ply interface,
growing parallel to the +45° ply (zone A in Fig. 12). Finally, Mode II delamination had occurred at
the defect plane (zone C in Fig. 12). This was all deduced from inspection of the fracture surface mor-
phology.

The damage growth at the +45°/—45° (5/6) ply interfaces was quite similar for all the defects (Fig.
13a). Unlike the previous panels. the delamination failure initiated at the defect plane and extended
as a mixed-mode fracture along the +45° ply. Splits then developed in this ply, through which the
delamination migrated and extended along the 90° plies in the adjacent interface (+45°/90°). The de-
lamination continued to grow within this interface, as a Mode I dominated fracture, for the remain-
der of the test. Splits also developed in the 90° ply, through which the delamination migrated into the
0°/90° layer, where it grew parallel to the 0° ply.

Skin-Stringer Panels Containing Defects at the 0°/90° (3/4) Ply Inteirface

The fracture which led to the failure in SS#8 (35 mm defect in the bay) remained isolated from the
original defect. However. the buckling strain of this panel had been reduced by the presence of the
delamination. The failure of the panel with the defect beneath the stringer foot (SS#6) had initiated
from splitting and delamination growth in the skin beneath the central stringer. This had led to
stringer detachment, followed by local bending and massive skin delamination. The left-hand stringer
had then debonded and the inner face of the skin had failed in compression at two sites, initiating from
beneath the central and left-hand stringers. Finally, the right-hand stringer had debonded and the outer
face of the panel had failed, initiating from the right-hand edge.

Skin-Stringer Panels Containing Defects at the +45°/—45° (5/6) Ply Interface

In both panels with inserts in the bay (SS#1 and SS#4), the delamination growth had initiated fail-
ure from beneath the stringer feet. In panel SS#1, the presence of damage beneath the central stringer
foot had promoted detachment from the skin. This had caused compressive failure of the skin which
initiated in the delaminated bay and extended across most of the panel width. In SS#4 compressive
failure of the skin had initiated from beneath the right stringer after it had partially detached from the
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skin. This mechanism was associated with the damage growth from the defect inducing local split-
ting and delamination within the foot.

In SS#2 (defect partly beneath the foot). delamination growth had developed from the insert and
had extended beneath the central stringer into both bays. This stringer had then debonded from the
skin, leading to initiation of compressive failure which had then grown towards the panel edges. The
outer stringers had then failed and debonded.

Damage growth in the skin-stringer panels exhibited similarities with that in the plain panels, as
can be seen from comparing Fig. 13a (Panel F) and Fig. 13b (SS#1). In the stiffened panels there had
also been massive delamination growth within the 0°/90° (7/8) ply interface (below the defect plane).
This had initiated from splits in the sixth (—45°) and seventh (0°) plies with some delamination at the
—45°/0° (6/7) ply interface. The damage growth in the skin-stringer panels was not only governed by
the orientation of the delaminated plies but also by that of the substrate. The damage growth had also
been affected by the stringers; delamination was more extensive in the bays than beneath the
stringers.

Modeling Results

Due to time constraints, only plain panels with 35 mm defects (Panels A and E) and skin-stringer
panel with a 50 mm defect in the bay (SS#1) were chosen to be analyzed. The algorithm for moving
the mesh to simulate growth, previously validated for plain laminates, was adapted for the skin-
stringer panel. The models had not been designed to represent the observed crack migration. which
had led to the crack front “seeking out” the ply interface with the most favorable fiber orientations
for growth. To help account for this behavior, single-plane propagation from circular delaminations
was simulated, not only at the 3/4 (0°/90°) and 5/6 (+45°/—45°) ply intertaces, but also at neighbor-
ing interfaces, both for plain panels (35 mm defect) and skin-stringer panels (50 mm defect).

Figure 14 shows elliptical contours of out-of-plane deflections for plain panels, prior to the devel-
opment of any damage (corresponding to the images in Figs. 6 and 7). For the +45°/—45° ply inter-
face the initiation sites (major axis of the ellipse) were at approximately 105 and 285 deg to the load-
ing axis. Figures 15 and 16 show the corresponding maximum strain energy release rate around the
circular delamination front for plain and skin-stringer panels, respectively. The maximum value was
attained along elliptical axes of the height contour depicted in Fig. 14.

(0°/90° defect)

FIG. 14—Predicted out-of-plane buckling displacement contours prior to delamination growth for
a 35-mm-diameter defect.
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FIG. 15—Predicted maximum strain energy releuse rate vs. in-plane strain (plain panels).

The results shown in Fig. 16 indicate that interface at which growth initiated in both the plain and
stiffened panels was the 5/6 (+45°—45°) ply interface. Calculation of the mode-mixity [/2] sug-
gested that the delamination growth was about 50% Mode II (G = 384 J/m*, as given in Ref 1), im-
plying an initiation strain of about —2000 e in the stiffened panel (experimental value was —2850
pe), although the fractographic results indicated that Mode I dominated growth at the 4/5 (+45°/90°)
ply interface was more relevant. The energy release rate for the strain at which delamination growth
initiated for the plain panels in Fig. 15 was below the critical energy release rate, which may be an
indication that the sandwich core should not have been modeled as infinite.

Figure 17 shows the buckling behavior of the delaminated plies and the substrate for skin-stringer
panels with single-plane delaminations at a number of depths. In this figure the out-of-plane deflec-
tion of the delaminated plies (local buckling) is shown as positive values while the out-of-plane de-
flection of the sublaminate (primarily global buckling) is shown as negative values. As the defect
plane became deeper, the strain at which local buckling occurred increased. However. the opening of
the delamination blister also became more rapid as the defect got deeper. Figure 18 shows the distri-
bution of G (normalized with respect to Gp,x) around the defect boundary, s, for different defect
depths. It can be seen that the strain energy release rate peaked at approximately the s = 0.25 and s
= 0.75 positions, i.e.. the lateral extents of the defect boundary. The only exception was the peak in
the strain energy release rate for the defect five plies deep which was approximately at s = 0.33. as
had been observed in the experiments (Fig. 7).

1000
——2 deep -45°/0°
800 °
—e—~ 3 deep 0°/90
—---4 deep 80°/+45°
E 600 0145°
s S e 5 deep +45°/-45
g 400 | , —»— 6 deep -45°/0°
Gc=384J/m? : il —e— 7 deep 0°/90°
(50% Mode I}
200 1 _
0 2~ applied Strain (uc)
0 3000 6000 9000

FIG. 16—Predicted maximum strain energy release rate vs. in-plane strain (stiffened panels).
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FIG. 17—Strain vs. out-of-plane displacement for a stiffened panel with 50 mm-diameter defects
at different ply interfaces.

Figures 19a, b. and ¢ show the predicted damage growth for skin-stringer panel SS#!1 for defects
three, four, and five plies deep, respectively. As indicated in Fig. 18, the maximum G was at the lat-
eral extents of the defect boundary. and it was from these sites that the damage growth occurred.
Models of skin-stringer panels containing bay delaminations predicted global buckling at strains be-
tween —6000 pe and —6500 ue, depending on the defect depth, which was in good agreement with
the experimental results.

Discussion

The damage development and structural failure were relatively similar in all the skin-stringer pan-
els, although the detailed processes were affected by defect depth and location with respect to the sub-
structure. Upon loading. the first event was local buckling of the delaminated plies on the stiffened
tace of the skin. This inward buckling was generally followed by outward bending of the sublaminate
beneath the defect, such that the delaminated surfaces moved apart.

As the load increased, delamination initiated from the transverse boundaries of the insert. although
the strain at which this occurred was strongly dependent on the surrounding substructure. The subse-
quent damage growth was similar to that observed in the plain panels. The damage then grew across
the bay towards the stringers although, once it was beneath the stringers, growth was inhibited. Panel
buckling developed at strains of between —5600 pe and —6600 pe: damage in the bay promoted
buckling. The damage then grew beneath the stringer feet and into the bays. The combination of the
damage and large out-of-plane deflections (global buckling) led to stringer detachment, which pro-
moted panel instability and skin failure.

The models were able to represent the local buckling. rotation of the elliptical blister resulting from
an unbalanced sublaminate, and the location of the initiation site. It was important that the stacking
sequence of delaminated plies was represented explicitly rather than by homogenized orthotropic
properties. However, this can generate more complicated local buckling mode shapes than those pre-
dicted using homogenized properties, which may cause “snap-through” problems in the analysis.
More sensitive time-stepping algorithms than those employed in this study may be required to fully
model the behavior. The strong fracture mode dependence of the toughness in conjunction with the
indication that the proportion of Mode II was larger in the analyses than in the experiments empha-
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FIG. 19—Predicted delamination growth in stiffened panel with 50 mm-diameter bay defect be-
nween (a) plies 3 and 4, (b) plies 4 and 5, and (c) plies and 5 and 6.

sizes the importance of accurate mode separation for general layups, although refinement of the anal-
ysis (including Q, term) would reduce the proportion of Mode II.

The damage growth processes and structural failure were affected by a number of factors, the most
important of which were the ply interface of the initial defect. The lower thickness and transverse
stiffness of the delaminated material for the defects at the 0°/90° ply interface accounted for the lower
initiation strain. The subsequent damage growth could be explained by considering the damage
mechanisms. Delamination growth did not remain in the defect plane, but migrated towards the free
surface, via ply cracks. until it reached an interface in which the driving forces and upper ply direc-
tions were approximately coincident. In both instances the main driving force was identified from
fractographic evidence as Mode I fracture parallel to the 90° plies []. For the defect at the 0°/90° ply
interface, the upper ply direction was never coincident with this driving force, so growth was inhib-
ited. However. for the defect at the +45°/—45° ply interface, the delamination migrated into the
90°/—45° ply interface, in which it then rapidly grew. This migration mechanism has been previously
identified in studies into the fracture toughness of multidirectional laminates [/]. To simulate growth
from defects and, more importantly, from structural features, it is essential that algorithms are devel-
oped to model delamination migration.

The migration mechanism has implications for the strength of the skin-stringer panels. For defects
in the bay at the 0°/90° ply interface, the damage didn’t reach the stringers before panel failure. so the
strength was dictated by other factors such as global buckling. For the defects at the +45°/—45° ply
interface, the damage extended up to the stringers before failure which promoted stringer detachment



70 COMPOSITE STRUCTURES: THEORY AND PRACTICE

and catastrophic failure. Delamination migration should be exploited to develop damage tolerant lam-
inates such as by eliminating or reducing the number of 90° plies in the skin. In addition, optimizing
the design of the stringer feet to reduce out-of-plane stresses, particularly during global buckling,
should significantly enhance the panel strength.

For design, the critical depth for delamination growth under in-service loads should be determined
from the predicted Mode I component, and then the stacking sequence of the outer material within
this critical depth should be engineered to ensure that none of the ply directions are coincident with
the driving forces. For example, in skin-stringer panels under compression this would mean there
should be no 90° plies in the outer material up to the critical depth.

Although the early stages of damage growth were similar in the plain and stiffened panels, the lo-
cal substructure had a significant effect in the later stages. As predicted by the models, the global
panel buckling interacted with the damage and increased the Mode I component at the defect bound-
ary. As the damage approached the stringers, the effect of the stress field changed the behavior from
that observed in the plain panels: the out-of-plane constraint suppressed the Mode I component and
the growth rate was reduced. For defects partly or completely beneath the stringer feet, this constraint
led to massive increases in initiation strain.

The moving mesh technique had two distinct advantages over the more common method of simu-
lating crack growth by releasing nodal constraints. First, an initially continuous crack front main-
tained a continuous profile, thereby avoiding the generation ot any mesh-dependent spikes in the
strain energy release rate profile. Second, during each growth increment, the connectivities were not
changed, and the applied loads and nodal coordinates were only slightly modified. Consequently the
stiffness matrix was essentially unchanged. and the previous solution could be used as an approxi-
mate solution during the time-stepping, avoiding the need to completely restart the analysis after each
increment. Also, this technique simplified tracking of the nodes along the crack front and the evalu-
ation of the energy release rate. However, since the element topology did not change, only moderate
crack extension could be modeled, typically 50% of the delamination size [8,9]. Larger crack exten-
sion would require remeshing.

It should be noted that the approach taken here (evaluating the tendency to grow of cracks at each
of a number of ply interfaces) and which was first outlined in Ref 12 is more effective in laminates
and structures containing delaminations resulting from impact. It can then be assumed that there ex-
ists a sizable delamination at each interface. and one of these will, due to its orientation and depth, be
the most favorable for delamination growth. Analysis times could be reduced if an algorithm were
developed to automatically identify this critical ply interface, thus removing the need for redundant
simulations. Realistic simulation of delamination growth using a fracture mechanics approach de-
pends on representative toughness data in terms of not only the mode mixture but also the ply orien-
tation relative to the loading direction.

Conclusions

The following conclusions have been drawn trom the characterization and modeling of delamina-
tion growth from implanted defects in CFRP skin-stringer panels under compression.

1. There were similarities between damage growth in plain and skin-stringer panels, particularly
for damage in the bay between stringers.

2. The ply interface of the defect and location with respect to the substructure governed the de-
lamination initiation and damage growth processes.

3. Delamination growth from a single plane defect did not occur at one plane, but migrated
through the thickness via ply cracks. until it reached an interface in which the driving forces and ply
directions were approximately coincident.

4. The substructure (stringer) inhibited delamination buckling which, in turn, increased damage
initiation strains and reduced growth rates.
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5. Failure of the skin-stringer panels was induced by the interaction between the delaminated ma-
terial and the stringer foot. The high out-of-plane displacements generated by global buckling then
led to stringer detachment and skin compression failure.

6. The moving mesh technique successfully predicted delamination buckling. initiation, and
early stages of growth in the skin-stringer panels. This technique is highly efficient at simulating sin-
gle plane delamination growth. However, further research is required to model crack migration or the
damage growth beneath structural features.

7. The delamination migration mechanism could be used to develop damage-tolerant laminates
such as by reducing the number of 90° plies. In addition. designing the stringer feet to reduce out-of-
plane stresses. particularly during global buckling, will enhance the panel strength.
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ABSTRACT: Damage tolerance requirements for integrally stiffened composite wing skins are typi-
cally met using design allowables generated by testing impact-damaged subcomponents, such as three-
stringer stiffened panels. To improve these structures, it is necessary to evaluate the critical design pa-
rameters associated with three-stringer stiffened-panel compressive behavior. During recent research
and development programs. four structural parameters were identified as sources for strength variation:
(a) material system. (b) stringer configuration, (c) skin layup. and (d) form of axial reinforcement (tape
versus pultruded carbon rods). The relative effects of these parameters on damage resistance and dam-
age tolerance were evaluated numerically and experimentally. Material system and geometric configu-
ration had the largest influence on damage resistance: location and extent of the damage zone influenced
the sublaminate buckling behavior, failure initiation site, and compressive ultimate strength. A practi-
cal global-local modeling technique captured observed experimental behavior and has the potential to
identify critical damage sites and estimate failure loads prior to testing. More careful consideration
should be given to accurate simulation of boundary conditions in numerical and experimental studies.

KEYWORDS: composite material, structure, damage tolerance. impact, compression, experimental,
numerical, wing, stringer

In the field of applied composite structural mechanics, a great deal of time and effort has been de-
voted to ensuring the structural integrity of aircraft components in the presence of low velocity im-
pact damage. The low velocity impact threat has long been viewed as the most critical type of in-ser-
vice damage for laminated composite structures®; thus all certifying/specifying agencies have explicit
impact damage requirements as part of their more general static strength and/or damage tolerance
rules [/—3]. Numerous publications have defined the general problem and oftered both experimental
and analytical studies of various critical variables [e.g., 4-10]. The purpose of this paper is to add to
the current body of knowledge by collecting available compression-after-impact (CAI) data from a
variety of sources and attempting to isolate and evaluate several key structural parameters. A brief
description of damage resistance, damage tolerance, and the generic three-stringer panel problem is
given in the following introductory subsections. followed by a statement of the scope and objective
of this parametric study.

Damage Resistance and Damage Tolerance

The framework for this study is set by regulatory static strength and damage tolerance requirements
and accepted methods of quantifying damage and assessing its criticality. Specifically, such a regu-

! Principal engineer and senior engineering specialist, respectively, Bell Helicopter Textron Inc., Fort Worth,
TX 76101.

2 Research scientist, USA ARL/VTD, NASA Langley Research Center. Hampton, VA 23681.

3 Discrete source damage (DSD) from ballistic or uncontained engine failure threats is another important dam-
age-tolerant design consideration. While DSD has sized large portions of composite structure in fixed-wing air-
craft designs, CAI has proven to be the main design driver in Bell Helicopter military and civil tiltrotor aircraft.

72
Copyright®2001by ASTM International www.astm.org



ROUSSEAU ET AL. ON THREE-STRINGER PANEL COMPRESSION 73

lation is the Federal Aviation Administration (FAA) Advisory Circular AC29-2B, “Certification of
Transport Category Rotorcraft,” Section (g)(5), which requires that “static strength substantiation
should consider . . . impact damage expected during service up to the established threshold of de-
tectability of the field inspection methods to be employed.” The field inspection methods are assumed
to be visual; thus the established threshold of detectability is commonly defined as “barely visible im-
pact damage” (BVID). BVID is quantified by performing an impact survey on a representative struc-
ture and choosing a particular energy level or dent depth, with concurrence of the regulatory or spec-
ifying agency. Usually an upper bound energy level of 135 J (1200 in.-1b) is used for thick structure,
based on a U.S. Air Force study of impact threats such as tool-drop (some form of through-penetra-
tion damage tolerance is required for thin-gage structure).

Note that a structure’s resistance to damage is not relevant to flight safety. Only the tolerance of
undiscovered/unrepaired damage under flight conditions is of concern to the regulator. Nonetheless,
for substantiation purposes, as well as for economic durability reasons, the damage resistance of a
structure must be separately characterized, at least to the extent of identifying a threshold of de-
tectability. This characterization effort typically takes the form of the above-noted impact damage
survey. This survey introduces the first of several parameters, which affects the resulting level of
damage tolerance. These parameters are the boundary conditions (in terms of both panel support and
location relative to geometric details such as the stringers and ply edges) for the impact events and
the energy and tip geometry of the indenter.

The damage tolerance of a structure is determined by imposing the worst-case impact damage (the
location on the structure where the BVID energy-level is highest) and testing to failure under the most
critical loading condition, usually compression. The resulting strength or strain to failure is then re-
duced to account for environmental and statistical effects, and used as a special design allowable over
the whole expanse of primary structure represented by the tested configuration.

Three-Stringer Panel Problem

In order to realistically simulate the boundary conditions of stiffened panel structures (both for the
impact event and subsequent residual strength testing), the common approach is to provide one stringer
and two adjacent skin bays for the test region, with a stringer on either side to approximate the proper
widthwise and skin-bay constraint. The length of the specimen is determined by the maximum rib or
frame spacing (assumed to be the worst case for compressive stability). Panels are often flat rather than
curved, in order to simplify specimen fabrication. This simplification is generally assumed to be con-
servative (for curvature transverse to the loading direction), since it should yield lower results than
would a curved panel. Another conservative simplification is in the form of end supports for the im-
pact events. Specimen ends are typically clamped in wooden forms or potted in epoxy casting mate-
rial (required for subsequent compression testing). Both of these end conditions are assumed to absorb
less energy from the impact event than deeper, less stiff rib or frame webs, thus imparting more en-
ergy to the test panel than would be seen by the actual on-aircraft fuselage or wing panel.

Scope and Objective of the Parametric Study

The purpose of this paper is to identify and isolate several key parameters controlling the structural
efficiency of skin-stringer compressive panels meeting a given level of damage tolerance. This study
uses a compilation of available three-stringer compression-after-impact data, and thus is not a de-
signed experiment to isolate particular variables. Nonetheless, a study of the available data combined
with limited numerical verification allows certain conclusions to be drawn and improvements in
methodology to be discussed. A list of parameters and their studied ranges is given in Table 1. A
schematic of a typical [-beam skin-stringer cross section is shown in Fig. 1, and representative tape-
and rod-reinforced hat sections are shown in Figs. 2—4. The following sections of this paper describe
the experimental and numerical results, and provide a summary discussion and conclusions.
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TABLE 1—Parametric variables.

Parameter Initial Intermediate  Intermediate  Intermediate Final
Stiffener section I Hat
Skin layup - (0/12/0)* (1/16/2) (3/1072) (10/10/2)
Plank layup none (4rp/26/4)° (21/16/2)° (21/16/2) (35/32/2)
Resin 3501-6 8552 E7T1-2 3900-2 5276-1
Axial reinforcement Tape Rodpack

® Number of (0/+45/90) plies.

® Subscript “RP” denotes rodpack (pultruded carbon rods encapsulated in syntactic
adhesive rather than unidirectional tape layers).

¢ Grade 05 FM300 adhesive layers above and below each 0-deg ply pack in plank.

| e —— |

— l-stiffener
0° plies} +45° Skin plies

"""""""" "= Plank

FIG. 1—Schematic of a tvpical I-beam/plank/skin configuration.

| \Sl-:in
FIG. 2—Schematic of a typical tape hat/plank/skin configuration.
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FIG. 3—Schematic of a tvpical rod-reinforced hatlplank/skin configuration.

Experimental Results

This section is separated into discussions of impact survey and compression testing results. The
three-stringer panel configurations studied in this paper are described in Table 2. Note that the
nomenclature was chosen in order to efficiently capture the state of the parametric variables.

Damage Resistance

Impact surveys were conducted on a variety of three-stringer panels using apparatuses such as that
shown in Fig. 5. The drop tower drops a 25-1b (11.3 kg) mass that has a 0.5 in. (0.5 mm) spherical ra-
dius on the impactor. The panels are clamped to a table using the potted ends for panels to be tested
later or wooden end supports for the damage survey panels. Impact surveys described in this paper
were conducted at Bell Helicopter (Fort Worth, TX) and in the NASA Langley Research Center
(LaRC) Structural Mechanics Laboratory. These tests were performed without dynamic instrumen-
tation. Impact locations in the surveys were made along the lengths of the specimens without regard
to rib support location. During these impact surveys, a number of widthwise locations were hit—typ-
ically the skin, mid-stringer. flange termination, plank ramp, and/or web-skin intersection. The results
of all impact events were then judged visually by engineering and in some cases by U.S. Government
representatives, and a somewhat subjective determination was made of the threshold of visibility.
Dent depth was not measured. Future testing would benefit both from instrumeniation and careful
control of impact Jocation relative to rib spacing. clamping, and stiffness.

Representative examples of survey panels are shown in Figs. 6 and 7. Contact pulse-echo C-scans
(color maps of ultrasonic attenuation) were performed on each impact site and the perimeter of the

Web

Flang
L ——————— k)

2 skin— 77

FIG. 4—Schematic of a typical tape hat/skin configuration.
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TABLE 2—Panel configurations.

Nomen. Stiffener Skin®®  Web*  Flange®  Plank" Cap® Resin _Tested
ITIA Ltape (1/16/2) (30/10/4) (15/5/2) (21/16/72) (30/10/4) 3501-6
IT1B Ltape (1/16/2) (30/10/4) (15/5/2) (21/16/2° (30/10/4) 3501-6
IT2B Ltape (1/16/2) (28/10/4) (14/5/2) (28/16/2)° (30/10/3) 3501-6
IT1C I tape (1/16/2) (30/10/4) (15/5/2) (21/16/2) (30/10/4) 8552
ITID I tape (1/16/2) (30/10/4) (15/5/2) (21/16/2) (30/10/4) ETTI1-2
HTIC Hat,tape (1/16/2) (0/10/0) (0/20/0) (35/32/2) (36/30/0) 8552

NWWWWARANSWWWNNON

HTID Hat,tape (1/16/2) (0/10/0) (0/10/0) (35/32/2) (36/30/0) ETT1-2
HRIC Hat,rod (1/1672) (0/9/1)  (0/9/1) (4p/26/4) (4p/9/1) 8552
HR3D Hat,rod (0/12/0) (0/10/0) (0/10/0) (4pp/26/4) (4gp/10/0) ETT1-2
HTAC Hat,tape (3/10/2) (2¢8:0) (2¢/8¢0) (201,27/85/0) 8552
HT4E Hat,tape (3/1072) (2#8:0) (2¢/850) (201,2¢/8¢/0) 3900-2
HTSC Hat,tape (10/10/2) (2¢/8+0) (2#/850) (201,29/85/0) 8552
HTSE Hat,tape (10/10/2) (2¢/8+0) (2/850) (20r,2¢/85/0) 3900-2
HTSF Hat, tape (10/10/2) (2¢/8¢/0) (2#/8/0) (201,2¢/850) 5276-1

® Number of (0/+45/90) plies; tape unless otherwise indicated (RP = rodpack or F = fabric).

® One ply of 45-deg fine-grade carbon fabric on IML, and one on OML not shown in
layups.

¢ Grade 05 FM300 adhesive layers above and below each 0-deg ply pack in plank.

maximum delaminated area marked in pen. In some cases. the area and aspect ratio of this marked re-
gion was measured using a planimeter. The panel descriptions, compression test results, and areal
characterization of the impact damage zones (as measured on the impact survey panels, not on the test
specimens themselves) are given in Table 3. As a general observation from the survey panels, it is ap-
parent that material system and geometric configuration had the largest influence on damage resis-
tance. The combination of geometric configuration and end support essentially defined the boundary
conditions for the impact event.

Finally, for the numerical modeling effort reported later in this paper, additional ultrasonic work
was done: time-of-flight (TOF) measurements. These measurements were performed only on the
damage sites chosen for analysis in order to discriminate between the individual delaminations. Fur-
ther discussion of these data is reserved for the subsequent numerical results section.

Compressive Strength-After-Impact

A typical three-stringer compression test specimen is shown in Fig. 8. Carbon/epoxy doublers 4 in.
(102 mm) long were bonded to the stringer caps and skin outer mold line (OML) opposite the plank
regions, and on the inside of the caps/flanges of the stringers. The ends were potted in RP1220 pot-
ting compound. 1 in. (25 mm) thick, by the Bell Helicopter Methods and Materials Lab. The potting
was restrained in an aluminum frame made of 1 X 1 in. (25 X 25 mm) bar. The potted ends were then
ground flat and parallel to a tolerance of 0.005 in. (0.13 mm). Various configurations of strain gage,
transverse LVDT. and moiré interferometry instrumentation were used. The specimens were tested
either in the Bell Helicopter Mechanical Test Lab or the NASA Langley Research Center Structural
Test Lab. A typical test configuration is shown in Fig. 9.

Compression test results for each specimen are summarized in Table 3. Comparing results for the
I-stiffened panels IT1A and IT1B made tfrom Hexcel 3501-6 resin system indicates that interleaving
adhesive layers between the local 0-deg plies added to the panels at the stiffeners (see Fig. 1) and the
continuous *+45-deg layers in the plank region of the skin increased the failure strain by over 1200
ue. However, a change in plank and stringer configuration (IT1B to IT2B) decreases the failure strain
by 1100 pe. Changing from the untoughened 3501-6 resin system to the first-generation toughened
8552 resin (but without adhesive interlayers) resulted in a much higher BVID threshold (500 in. -+ 1b
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(56 J) for ITIB versus 1000 in. * Ib (113 J) for IT1C), but also a larger damage area (noted by engi-
neers but not quantified in the ITIB data in Table 3). Thus the failure strain for the ITIC panels was
1600 pe lower than ITIB and also somewhat lower (337 ue) than IT1A. Changing to the E7T1-2
toughened resin system in the panels with an I-stiffener configuration (IT1D versus ITIC) yields
somewhat better results (perhaps 620 ue) relative to 8552, but still with a much higher BVID thresh-
old. Note that while higher BVID thresholds are desirable from an operational and supportability
standpoint, the toughened resins are penalized due to the visual-inspection-based BVID qualification
criterion.

Changing the reinforcement type in the soft skin/plank /hat-section configuration from tape to car-
bon rod reinforcement (HT to HR) yields mixed results. A detailed examination of the rod-reinforced
hat-section panels indicaied that the rods in the first layer of the subcomponents made from 8552 resin
system (HR1C) were fractured by the 550 in. - Ib (62 J) and 1200 in. - 1b (136 J) impact events. When

FIG. 5—NASA Langley low-velocity drop tower.
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FIG. 6—Three-stringer IM7IE7TI-2 [-beam impact survey panel.

impacted with 250 in. - 1b (28 I) of energy to obtain BVID, the rod-reinforced hat-section panel made
from E7T1-2 resin system and with a (0/12/0) skin layup (HR3D) did not have fractured layers un-
der the impact site. However, when the (1/16/2) skin layup was used (H*1%). both 8552 and E7T -2
panels generally showed high failure strains when the plank region was not severely impacted, and
low strains to failure when it was. Similarly, in the plankiess hard-skin/hat configurations (HT4* and
HTS5*), the harder the skins, the lower the failure strains. Finally, it is noted that the tougher 3900-2
and 5276-1 resins outperformed the less tough 8552 resin system in the hard skin configurations; and
the plankless designs, overall. did better than the discretely stiffened soft-skin/plank configurations
(i.e., internal ply dropoffs in planks caused pseudo-free-edge/Poisson effects that were detrimental
to skin compressive stability).

Typical strain resuits for the [- and hat-stiffened panels are shown in Fig. 10a through 10f, Strain
gage results for Specimen IT1DO, an undamaged I-stiffened panel, are shown in Fig. 10a for the cen-
terline cross section and Fig. 105 for a cross section at the quarter point. Figure 10a indicates a small
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amount of bending in the center and one side stiffener and no bending in the skin. The results shown
in Fig. 10b for a cross section located at the quarter point indicate bending in the skin and no bend-
ing in stiffeners. Strain gage results for Specimen IT1D2. a panel that has been impacted with a 1000
in. - Ib (113 J) of energy near the skin and ramp intersection, are shown in Fig. 106 and 10¢. Results
shown in Fig. 10c. for a cross section located at the center of the specimnen, indicate bending in the
skin and stiffener adjacent to the impact site. Results shown in Fig. 104 for a cross section located at
the quarter point indicate some bending in the skin and stiffener in the bay adjacent to the impact site.
Strain gage results for a hat-stiftened panel. Specimen HT 1D, are shown in Figs. 10¢ and 10f. This
panel was impacted with 400 in. - 1b (45 J) of energy on the ramp between the hat flange and the skin
to give BVID on the skin side. Strain gage results shown in Fig. 10e indicate bending in the skin on
the impact side and also in the center stiffener. The results at the quarter-point cross section. shown
in Fig. 10f, indicate bending in the center stiffener and a smaller amount of bending in the outside
stiffener. The local moiré fringer pattern at the impact site of specimen IT1D2 at a load of 328 klbf
(1.46 MN). with the delamination perimeter superimposed over it. is shown in Fig. 11. Note the high
local gradients in out-of-plane displacement due to both fiber damage from the indenter and delami-
nated sublaminate buckling.

Typical failures for the I- and hat-stiffened panels are shown in Figs. 12a through 12A. The tailure
of undamaged Specimen IT1DO is shown in Figs. 12 and 12b. Figure 12a shows the failure on the
skin side of the test specimen. while the opposite side is shown in Fig. 12b. The I-stiffeners have
failed as shown in Fig. 12b. The failure of Specimen IT1D2 is shown in Figs. 12¢ and 12d. The fail-
ure of the skin side shown in Fig. 12¢ has the saine pattern as the undamaged specimen shown in Fig.

FIG. 7—Three-stringer IM7/IE7TI-2 tape har impact survey panel.
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FIG 8—Tvpue al three-sivinger compressiont [est spec o,

12¢ of two failure bands or branches merging into a single branch and then extending through the im-
pact site. The fwlure on the stringer side is shown in Fig. 12d. Two stringers have failed at one loca-
tion while the third stringer failed at two locations and all of the stringers have delaminated [rom the
~Kin for the full length of the test arca. The failure of Specimen ITID1 is shown in Figs. 12¢ and 12
This specimen was impact damaged with 1000 . - Ib (FL3 1) of cnergy at two locations as shown in
Fig. 12¢. The impact sites were on the ramp of the center stiffener at a quarter of the length and on
the centerline of the skin. located at the quarter point from the opposite end. The panel failed through
the damage on the ramp of the center stiffencr. Eacli stringer tailed at one location as shown in Fig.
12, The failure of the damaged hat-stiffener specimen is shown in Figs. 12¢ and 124, Although the
skin has many branches to the failure. none of the branches intersect the impact damage. All of the
stiffeners failed as shown in Fig. 12/ and also delaminated at various places between the stiffener
flange, the plank runout. and the skin.
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FIG. 9—Typical three-stringer compression test setup (Bell Helicopter Mechanical Test Lab).
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FIG. 10a—Load-strain response at center cross section of (undamaged) Specimen IT1DO.
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FIG. 10b—Load-strain response at cross section located at quarter point of Specimen IT1DO.
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FIG. 10¢-—Load-strain response at center cross section of Specimen IT1D2.
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FIG. 10d—Load-strain response at cross. section located at quarter point of Specimen IT1D2.
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FIG. 10e—Load-strain response at center cross section of Specimen HTIDI.
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Global finite-element models were built at NASA in order to correlate the observed geometrically
nonlinear test results with numerical models that are suitably accurate yet yield efficient elastic re-
sponse (i.e., strain and displacement) prediction. Global, local, and/or substructured (i.e., fine-grid)
models were built at Bell in order to predict ultimate compression strength after impact. The objec-
tives of the NASA and Bell modeling were different, and the results are discussed separately in the
two following subsections.
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ips

FIG. 10f—Load-strain response at cross section located at quarter point of Specimen HTI1DI.

500 -

400

300

200

100

Strains shown a
solid line on this surface

=T

Strain, percent

1 2000

] Load,
1500 )

1 1000

1 500




86 COMPOSITE STRUCTURES: THEORY AND PRACTICE

Moiré fringe for a
load of 328 kips
(1460 kN)

Impact delamination
perimeter determined
by C-Scan

FIG. | 1—Moiré fringe pattein and delamination perimeter of Specimen IT1D2 at 328 kips.

Global Elastic Response Modeling

The finite-element mesh for an [-stiffened panel (Specimen [T1DO0) is shown in Fig. 13, and the
mesh for the hat-stiffened panel (Specimen HT1D1) is shown in Fig. 14. The meshes shown in Figs.
13 and 14 reflect the actual panel dimensions. Solutions from NASA were generated using the
STAGS (STructural Analysis of General Shells) Version 3.0 finite-element program [//]. MSC/PA-
TRANTM?* was used for pre- and post-processing. The STAGS models used Element 410, a four-node
quadrilateral element. The applied boundary conditions for the two global models are shown in Fig.
15.

+ MSC/PATRANT is a trademark of MSC Software Corporation, Los Angeles, CA.,
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Comparisons of measured response and STAGS predicted displacements and axial strains. for se-
lected locations, are shown in Figs. 16a through 164 for Specimens IT1DO and IT1D2 and Fig. 17 for
Specimen HT1D1. The end shortening of Specimens IT 1DO and IT1D2 as a function of applied load
are shown in Fig. 16a. The predicted end shortening is also shown in Fig. 16a. The impact damage
does not affect the axial stiffness of Specimen IT1D2. Disregarding the offset shown in the experi-
mental results. there is a good comparison between the predicted and experimental results. The out-
of-plane displacement at the center of the specimens, on the top of the stiffener, is shown in Fig. 165
for Specimens IT1DO0 and IT1D2. The predicted displacement at the panel center is also shown in Fig.
16b. The out-of-plane displacement (filled squares) for the damaged panel (IT 1D2) exceeds the dis-
placement for the undamaged, which would be expected since the impact damage is adjacent to the
center stiffener. The out-of-plane displacement for the undamaged panel is less than predicted, as
shown in Fig. 16b. The predicted and experimental strain on the center stiffener and skin at the quar-
ter point in length is shown in Fig. 16¢. The experimental strain exceeds the predicted strain at fail-
ure by approximately 1000 pe. Very little bending is indicated, at this point in the panel. in either the
predicted or the experimental strains. The predicted and experimental strain in the center of the skin
at the quarter point in the length is shown in Fig. 16d. The test results indicate some bending in the
skin at the noted point. The average experimental strain exceeds the predicted strain by approximately
2000 pe. The predicted end shortening for a hat-stiffened panel identical to Specimen [HIDI is
shown in Fig. 17. The experimental results for Specimen HT1D1 are also shown in Fig. 17. The test
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FIG. 12a—Failure location on skin side of Specimen IT1DO.
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FIG. 12b—Failure location on stiffener side of Specimen ITI1DO.

panel appears to have a lower stiftness than the panel in the analysis. since the predicted values for
strain and deflection are less than the test values.

The predicted initial buckling load for an I[-stiffened panel, Specimen IT1DO. and a hat-stiffened
panel identical to Specimen HT1D1 was 693 kibf (3.08 MN} and 669 klbf (2.98 MN), respectively.
Since the predicted buckling load is more than 150% of the failure loads. failure by global buckling
was not considered further.

Fine-Grid Strength-After-Impact Modeling

The objective of the fine-grid strength-after-impact modeling was to predict the maximum load
carried by the three-stringer panels. The following three subsections will (@) overview the general nu-
merical method, (5) describe the typically observed behavior for these three-stringer panels, and (¢)
present the numerical results.

General Numerical Method—Finite-element analysis performed at Bell used MSC/NASTRANT
Version 70.5 solution 106 [/2]. MSC/PATRANT™ was used for pre- and post-processing. The NAS-
TRAN™ CQUAD4, RBEZ, and CGAP elements were the primary elements used. Microsoft® Excel®
Version 7.0 spreadsheets—developed under a Rotorcraft Industry Technology Association project

3 Microsoft® Excel is a registered trademark of Microsoft Corp.. Redmond, WA.
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[13]—were used to automate the most labor-intensive aspects of the local modeling and/or substriic-
turing effort. For this CAI study. six ditferent three-stringer panel configurations were modeled. The
Excel spreadsheets. collectively referred to as the Structural Laminate Impact Computations (SLIC),
automatically build MSC NASTRAN™ geometric nonlinear finite-element models that capture the
impact damage state with multiple layered plates tied together with either rigid body or compression-
only gap contact elements. This approach makes several assumptions:

1. No delamination growth occurs prior to failure.

2. For damage that occurred directly on plank transition areas such as those shown in Figs. 1-3,
open-hole compression (OHC) mean failure strain captures the local pseudo-free-edge effects of ply
dropulis.

3. For panels that do not contain internal ply dropotfs, such as the hat-stiffened uniform skin pan-
els as shown in Fig. 4. an unnotched laminate compression strain allowable was used to establish the
point of tailure (for these panels. the hat flange drops off abruptly and this geometry was adequately
captured in the finite-element model mesh).

4. The state of damage is repeatable (i.e.. identical impact energy and location on an identical
panel. produces the same state of damage. and the test panels were assumed to have the same dam-
age state as the damage survey panels even though boundary conditions including the proximity and
degree of end support most likely varied).

5. Material response is assumed linear to failure, and geometry is the only contributor to
nonlinearity.

Impact site

\/Jf_,.L:r.(’ “

¥

Failure

FIG. 12c—Failure location on skin side of Specimen ITID2.
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led I-stiffer

FIG. 12d—Fuailure location on stiffener side of Specimen ITID2.

The local damage state used in the modeling was determined via contact pulse-echo ultrasonic time
of tlight (TOF) measurements on the appropriate impact energy and location on the damage survey
panels. These scans provide data that show the extent and depth of each delamination. Typical TOF
scan examples are shown in Figs. 18 and 19. Fig. 18 being a relatively large delamination in an 8552
I-stiffened panel. and Fig. 19 being a much smaller delamination in a tougher 3900-2 resin-system
hard-skin/hat configuration. Since the largest delamination is typically on the back side of the panel,
one such scan provides all the information required to define the shape. orientation, and depth of all
the delaminations. The color scale on the scan is the time required for the ultrasonic wave to bounce
off and return from the first interface in the laminate. The scale is proportional to depth or thickness
(note that the edges of the dropped 0° plies in Fig. 18 show up as a change in depth as the delamina-
tion follows the plank contour). The outer surface on the panel must be smooth in order to provide a
consistent reference plane for automated TOF scans. Several damage survey panels had a rough outer
surface and could only be hand scanned. Sufficient data was gathered, however, with hand scans to
proceed with the SLIC analysis.

As shown in Figs. 20 and 21, the element density for the global portion of the model was typically
about 0.4 in. t0 0.75 in. (10 mm to 19 mm) using CQUADH elements. The global /substructured model
of an I-stiffened three-stinger panel is shown in Fig. 20. while Fig. 21 shows a hat-stiffened panel. In
the proximity of the impact site, the element density is increased to about 0.10 in. (2.5 mm). This fine-
meshed region is duplicated into multiple stacks of plates that align with each other through the thick-
ness and encompass the entire damage region and extend out some distance beyond, as shown in Fig.
22. Each plate layer represents a sublaminate whose boundaries are defined by the delamination in-
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terfaces. The extent of damage at each sublaminate interface can be independently defined as a unique
ellipse oriented at an alignment angle. SLIC automatically generates a full or truncated ellipse. Any
other shape can be transferred from the scans by manual editing. CGAP gap elements are inserted in-
side the ellipses and transfer only compression forces that prevent the sublaminates from passing
through one another. RBE2 rigid body elements are then used to connect the sublaminates in the re-
maining fine meshed area outside the damage zone.

The models can be set up to run two ways. The first is to run a coarse grid global model with local
damage element softening only. A moment fringe plot is then set up in PATRANT™ with the fringe
bounds set very tightly around zero. A positive moment then plots as one color. while the negative
moment region plots as another. The moment inflection lines are then obvious. The local model is
then built and run separately using the moment inflection lines as a simplified loading boundary. This
method is illustrated in Fig. 23. The total number of elements for a global three-stringer panel model
using this technique is around 5000 to 10 000 with around 20 000 to 30 000 degrees of freedom
{DOF). The run times are between 30 and 100 central processing unit {CPU) minutes. The local
model then contains about 10 000 to 20 000 elements with 20 000 to 80 000 DOF, and the run times
go trom 100 to 400 CPU minutes. This method requires a careful consideration of local model bound-
ary stiffness, especially for an impact at an edge of a flange or a ramp. It works best tor damage iso-
lated in the center of a skin panel.

The second technique is to run the combined local and global model together. i.e.. substructuring.
This is the technique used in the models shown in Figs. 20-22. The substructuring version of SLIC

FIG. 12e—Failure location on skin side of Specimen ITIDI.
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FIG. 12f—Failure location on stiffener side of Specimen ITID].

builds one model and includes a mesh transition region or band between the multilayer fine-grid mesh
and the surrounding single-layer coarse elements. SLIC generates a PATRANT™ session file that fully
generates the combined model in approximately 10 to 20 min work time. This technique contains be-
tween 50 000 to 100 000 elements with 70 000 to 120 000 DOF and runs in about 500 to 1000 CPU
min.

In both approaches, the elements at the immediate impact site location are softened to represent lo-
cal matrix cracking and fiber damage. This local impact damage zone is idealized as a cone that gets
progressively larger away from the impact side. The 0.5-in. (13-mm) indenter tip radius and the dent
depth, if recorded, determine the impact diameter of the cone. The cone angle is then assumed to be
45 deg. The model now contains two major zones where strain or stress concentrations can develop.
The first is along the outside edges of the delaminations where local bending strains can become high,
and the second is at the edge of the local impact site where load wants to locally redistribute around
the soft spot.

The geometrically nonlinear NASTRANT™ solution 106 is typically set up to run in ten load in-
crements to 100% of the expected failure load and then ten more increments to 150%. The model will
usually reach a point where the solution becomes unstable. This point may not be the actual point of
final collapse. The next step is to query PATRAN™ for the highest axial strain magnitude (i.e., in the
direction of loading). Once the element is identified that has the highest laminate-level axial strain
magnitude, the maximum zero degree ply strain is calculated. This strain is then compared to an av-
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erage room temperature allowable. If this strain is lower than the allowable, the model must be rerun
with either finer load increments or a finer mesh in order to get the model to run stable for a higher
load. If the model strain is higher than the allowable, the applied load is reduced by the ratio of worst
minimum zero ply model strain over the strain allowable.

Typically Observed Behavior—The typically observed failure modes for these three-stringer pan-
els are various types of buckling and load redistributions leading up to a final compressive strength
failure. Pure buckling and strength modes were not found in the three-stringer panels that were eval-
uated. Three-stringer panels contain multiple load paths. If a web buckles, the stringers can take ad-
ditional load. If a sublaminate buckles. other parallel sublaminates will also react additional load. As
more and more of the redundant load paths become soft from buckling, the remaining strain energy
concentrates at an increasing rate into the last stable load paths. Finally. the point of local fiber sta-
bility is exceeded and a 0-deg compressive (or “kink-band™) failure is initiated. Energy is released by
the fiber failure and immediately overloads the adjacent fibers. leading to a sudden collapse. This
nonlinear phenomenon is illustrated in Fig. 24 (and captured experimentally in the moiré fringe pat-
tern shown in Fig. 11), and the numbered events may also be related to the exploded view of the sub-
structured model in Fig. 22. The nonlinear NASTRAN analysis will reproduce the progressive sub-
laminate buckling phenomenon. Numerical instabilities resulting in nonconvergence, and suspicious
failure modes (and/or locations) were often encountered. and some judgment was required in recog-
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FIG. 12g—Failure location on skin side of Specimen HTIDI.



94 COMPOSITE STRUCTURES: THEORY AND PRACTICE

N . it

RN AL HT1D 1)

FIG. 12hi—Failure location on stiffener side of Specimen HT1DI.

nizing them and correctly adjusting the solution step size in order to overcome them. By checking the
post-processed peak axial strains at the end of a solution. the load and location at which the final kink-
band failure occurs may be estimated. The locations of these peak strains. within the unbuckled sub-
laminate were observed to vary from one configuration to another. but were found either at the cen-
ter of the impact site or near the edge of a delamination in a successfully converged run.

Nodes - 3086
Elements - 2976

FIG. 13—Three-stringer [-beam finite-element mesh.
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Nodes - 3283
Elements - 3312

FIG. l4—Three-siringer hat/plank-stiffened finite-elenent mesh.

Detailed Parametric Model Results—Table 4 compares the experimental results to the predicted
failure load based on comparing peak local/substructured model axial strains with the noted open
hole compression (OHC) or no hole compression (NHC) mean room temperature ambient (RTA)
strain allowable. In general, the numerical agreement, within 20% in tive of six cases, is considered
very good. While a priori knowledge of the experimental results was available for this modeling ex-
ercise, itonly influenced the overall direction of the model-building in the HT1D case, and blind com-
parisons with test data will be performed in the near future. The single buckling failure prediction
(HTSC) illustrates the caution required in interpreting the nonlinear model results. As mentioned pre-
viously, a pure buckling failure is indicative of a poorly converged or too coarsely meshed solution.
and thus the tabulated result for case HTSC should actually be discarded (it is only included to illus-
trate this point) and the model rerun.

T

x=23.75in. u= &p
I 1 (60.3 cm.)
v=w=0y=0
:fI}—in. x=23.25in. v=w=0
(2.5 cm.) (59.1 cm.!
x=2275in. v=w=0
(57.8 cm.)
23.75 in.
(60.3 cm.)
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C [ Y
x=10in. v=w=0
(2.5cm.)
x=05in. v=w=0
Potted ends 8 em)
x=0.0 u=sv=w=0
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FIG. 15—Global finite-element boundary conditions.
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FIG. 16a—Comparison of end shortening of panels with the predicted.
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FIG. 16b—Comparison of the out-of-plane displacement.
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FIG. 16¢c—Strain results on centerline stiffener.
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FIG. 16d—Strain results in the skin at the quarter point.
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FIG. 17—Comparison of end shortening for hat-stiffened panels.

At (B

FIG. 18—Typical TOF image for I-beam/plank/skin delamination.
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FIG. 19—Txpical TOF image for hard-skin/hat delamination.
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FIG. 21—Substructured hat-stiffened panel FE mesh.
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FIG. 22—Fxploded view of multi-laver substructure model (deformed mesh).

There are several possible ways to improve the accuracy and reliability of this numerical strength
prediction method. Certainly characterizing with TOF measurements the delamination actually pre-
sent in the test panel would be an obvious improvement over the use of survey panel impact sites and
the assumption that the test panel damage was identical. A statistically significant study of impact
damage variability would also be useful. In addition, a pure compression strain allowable was used
in this study with a simple maximum strain failure criterion. This was done in spite of the fact that
the critical sublaminate often exhibited large bending strains (and thus interlaminar shear stresses)
and in-plane shear stresses as well. depending on local geometric details. Thus. another obvious im-
provement would be to use a failure criterion with compression-shear interaction.

Summary

This summary is separated into subsections: (a) discussing the merits and limitations of the ob-
served results, and (b) listing the conclusions.
Discussion

A compilation of existing experimental three-stringer impact resistance and compression after im-
pact strength results allows several key design parameters to be evaluated. Since this study was not a
designed experiment, statistically rigorous conclusions were not necessarily possible. Nonetheless,
certain useful engineering assessments were able to be made. Most of these conclusions merely con-
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FIG. 24—Nonlinear strain response of delaminated region.
TABLE 4—Comparison of FEM and experimental results.
Critical damage Allow  Test
No. of impact energy  Critical local global Predicted
data sublam  Critical strain P/AE  failure
Panel ID points Material . (inlb) () ( ftot)  location  (ue)  (pe) (% test) Failure mode
IT1C 3 IM7/8552 1000 136 4/5 plankramp —6022 -3343 118 Strength failure at impact site
HTID 1 IM7/E7T]  none* none® NA plank -5794 4785 109 Strength failure of plank
HT4C 2 IM7/8552 400 45 4/4 skin® -9436 -4376 123 Strength failure at edge of delam
HTSC 1 IM7/8552 600 68 3/4 skin® -9302 -3335 86 Buckling
HT5F.1 1 G40/5276 500 56 3/4 skin® -9061 -4893 114 Strength failure at impact site
HTSF2 3 G40/5276 600 68 2/4 skin® —8998 4774 103 Strength failure at edge of delam
NOTES:

* Specimen did not fail through impact site; thus, impact damage was not modeled.

® Under flange-end

¢ Under web-skin intersection






104

]
[6]
[71

(81
[9]
(/0]
(1

[12]
[13]

COMPOSITE STRUCTURES: THEORY AND PRACTICE

ments in the Design. Testing, and Impact-Damage Tolerance of Stiffened Composite Panels,” Fibrous
Composites in Structural Design, E. M. Lenoe, et al., Eds.. Conference Proceedings, San Diego. CA. 14-17
Nov. 1978, Plenum Press, 1980, pp. 259-291.

Walker, T. H., Minguet, P.I., Flynn, B. W.. Carbery, D. I., Swanson, G. D., and licewicz. L. B., “Advanced
Technology Composite Fuselage—Structural Performance,” NASA CR 4732, April 1997.

Shyprykevich, P., “Damage Tolerance of Composite Aircraft Structures: Analysis and Certitication,” Pro-
ceedings, [CCM XI, Sydney. Australia, 1997,

Wiggenraad, J. F. M., Aoki, R., Gadke, M., Greenhalgh, E., Hachenberg, D., Wolf, K., and Bubl. R., “Dam-
age Propagation in Composite Structural Elements—Analysis and Experiments on Structures,” Composite
Structures, Vol. 36, 1996, pp. 173-187.

Gadke, M., Geier. B., Goetting, H., Klien. H., Rowher, K., and Zimmermann, R., “Damage Influence on
the Buckling Load of CFRP Stringer-Stiffened Panels.”” Composite Structures. Vol. 36, 1996, pp. 249-275.
Greenhalgh, E., Bishop, S., Bray, D., Hughes, D.. Lahiff, S., and Millson. B., “Characterisation of Impact
Damage in Skin-Stringer Composite Structures.” Composite Struciures, Vol. 37, 1997, pp. 187-207.
Falzon, B. and Steven, G., “Buckling Mode Transition in Hat-Stiffened Composite Panels Loaded in Uni-
axial Compression.” Composite Structures, Vol. 37, 1997, pp. 253-267.

Brogan, F. A., Rankin, C. C., and Cabiness, H. D., STAGS Users Manual, Lockheed Palo Alto Research
Laboratory, Report LMSC P032594, 1994,

MSC/NASTRAN Quick Reference Guide, Version 70, MSC Software Corp., Los Angeles. 1998.
Hethcock. J. D., “Strength Determination of Damaged Laminates Using Commercial Finite-Element
Model Codes,” American Helicopter Society, Stratford, CT, 7-8 Oct. 1998.



Ronald Krueger,' Pierre J. Minguet,” and T. Kevin O’Brien'

A Method for Calculating Strain Energy
Release Rates in Preliminary Design of
Composite Skin/Stringer Debonding Under
Multiaxial Loading

REFERENCE: Krueger. R., Minguet, P. J., and O’Brien, T. K., “A Method for Calculating Strain
Energy Release Rates in Preliminary Design of Composite Skin/Stringer Debonding Under
Multiaxial Loading,” Composite Structures: Theory and Practice, ASTM STP 1383, P. Grant and C.
Q. Rousseau, Eds., American Society for Testing and Materials, West Conshohocken, PA, 2000, pp.
105-128.

ABSTRACT: Three simple procedures were developed to determine strain energy release rates, G, in
composite skin/stringer specimens for various combinations of uniaxial and biaxial (in-plane /out-of-
plane) loading conditions. These procedures may be used for parametric design studies in such a way
that only a few finite-element computations will be necessary for a study of many load combinations.
The results were compared with mixed-mode strain energy release rates calculated directly from non-
linear two-dimensional plane-strain finite-element analyses using the virtual crack closure technique.
The first procedure involved solving three unknown parameters needed to determine the energy release
rates. Good agreement was obtained when the external loads were used in the expression derived. This
superposition technique, however, is applicable only if the structure exhibits a linear load/deflection be-
havior. Consequently, a second modified technique was derived which was applicable in the case of
nonlinear load/deformation behavior. The technique, however, involved calculating six unknown pa-
rameters from a set of six simultaneous linear equations with data from six nonlinear analyses to deter-
mine the energy release rates. This procedure was not time efficient, and hence, less appealing.

Finally, a third procedure was developed to calculate mixed-mode energy release rates as a function
of delamination lengths. This procedure required only one nonlinear finite-element analysis of the spec-
imen with a single delamination length to obtain a reference solution for the energy release rates and the
scale factors. The delamination was subsequently extended in three separate linear models of the local
area in the vicinity of the delamination subjected to unit loads to obtain the distribution of G with de-
lamination lengths. This set of subproblems was solved using linear finite-element analyses, which re-
sulted in a considerable reduction in CPU time compared to a series of nenlinear analyses. Although ad-
ditional modeling effort is required to create the local submodel, this superposition technique is very
efficient for large parametric studies, which may occur during preliminatry design where multiple load
combinations must be considered.

KEYWORDS: composite materials, delamination, fracture mechanics, energy release rate, finite-ele-
ment analysis, virtual crack closure technique, skin/flange interface

Carbon epoxy composite structures are widely used by today’s aircraft manufacturers to reduce
weight. Many composite components in aerospace structures consist of flat or curved panels with co-
cured or adhesively bonded frames and stiffeners. Testing of stiffened panels designed for pressurized
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2 Head, Structures Technology Research & Development Group, Boeing, P.O. Box 16858, Mail Stop P38-13,
Philadelphia, PA 19142-0858.
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aircraft fuselage has shown that bond failure at the tip of the frame flange is an important and very
likely failure mode [/]. Comparatively simple simulation specimens consisting of a stringer bonded
onto a skin were developed and it was shown in experiments that the failure imitiated at the tip of the
flange, identical to the failure observed in the full-size panels and frame pull-off specimens [2-7].

The overall objective of the current work is to develop a simple procedure to calculate the strain
energy release rate tor delaminations originating from matrix cracks in these skin/stringer simulation
coupons for arbitrary load combinations. The total strain energy release rate would then be compared
to critical values obtained from an existing mixed-mode failure criterion to predict delamination on-
set. This procedure could then be used for parametric design studies in such a way that only a few fi-
nite-element computations would be necessary to evaluate bonded joint response due to many load
combinations. A similar approach based on an approximate superposition analysis technique is de-
scribed in Ref 8. Since energy is a quadratic function of the applied loads, simple superposition to add
the energy release rates from separate load cases is not valid. Therefore, a simple quadratic expres-
sion is developed to calculate the strain energy release rate for any combination of loads [4]. To val-
idate this approach, results obtained from the quadratic expression are compared to Mode I and Mode
II strain energy release rate components, which are calculated from nonlinear two-dimensional plane-
strain finite-element analyses using the virtual crack closure technique [9, 10].

Three simple procedures are developed to determine strain energy release rates. G, in composite
skin/stringer specimens for various combinations of uniaxial and biaxial (in-plane/out-of-plane) load-
ing conditions. The first procedure involved solving three unknown parameters needed to determine
the energy release rates. This superposition technique. however. was only applicable if the structure
exhibits a linear load/deflection behavior. Consequently, a second modified technique is derived
which is applicable in the case of nonlinear load/deformation behavior. A third procedure is devel-
oped to calculate mixed-mode energy release rate as a function of delamination length. This proce-
dure requires only one nonlinear finite-element analysis of the specimen with a single delamination
length to obtain a reference solution for the energy release rates and the scale factors.

Background

Previous investigations of the failure of secondary bonded structures focused on loading conditions
as typically experienced by aircraft crown fuselage panels. Tests were conducted with specimens cut
from a full-size panel to verify the integrity of the bondline between the skin and the flange or frame
[1]. However. these panels were rather expensive to produce and there is a need for a test configura-
tion that would allow detailed observations of the failure mechanism at the skin/flange interface. A
simpler specimen configuration was proposed in Ref 2. The investigations focused on the failure
mechanisms of a bonded skin/flange coupon configuration loaded in bending [2-5]. In many cases,
however, composite structures may experience both bending and membrane loads during in-flight
service. Damage mechanisms in composite bonded skin/stringer structures under monotonic tension,
three-point bending, and combined tension/bending loading conditions were investigated in Refs 6
and 7. An analytical methodology was also developed to predict the location and orientation of the
first transverse matrix crack based on the principal transverse tension stress distribution in the off-
axis plies nearest the bondline in the vicinity of the flange tip. The prediction of delamination onset
was based on energy release rate calculations.

The specimens tested in Refs 6 and 7 consisted of a bonded skin and flange assembly as shown in
Fig. 1. Both the skin and the flange laminates had a multidirectional layup made from IM6/3501-6
graphite/epoxy prepreg tape with a nominal ply thickness of # = 0.188 mm. The skin layup, con-
sisting of 14 plies. was [0/45/90/—45/45/—45/0], and the flange layup, consisting of 10 plies. was
[45/90/—45/0/90],. The measured bondline thickness averaged 0.102 mm. Specimens were 25.4 mm
wide and 203.2 mm long. Typical material properties for the composite tape and the adhesive mate-
rial used in the analysis were taken from Ref 2 and are summarized in Table 1.
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FIG. 1—Specimen configuration.

The specimens were subjected to pure tension, three-point bending, and combined axial tension
and bending loads. A schematic of the deformed specimen geometries, the boundary conditions. and
the loads corresponding to the first damage observed are shown in Fig. 2. In the combined axial ten-
sion and bending load case, a constant axial load, P, was applied in a first load step while transverse
loads remained zero. In a second load step, the axial load was kept constant while the load orienta-
tion rotated with the specimen as it deformed under the transverse load. The tests were terminated
when the flange debonded unstably from one of the flange tips. Damage was documented from pho-
tographs of the polished specimen edges at each of the four flange corners identified in Fig. 3a. Typ-
ical damage patterns, which were similar for all three loading configurations, are shown in Figs. 3b
and ¢. Corners 1 and 4 and corners 2 and 3 had identical damage patterns. At corners | and 4. a de-
lamination running in the 90°/45° flange ply interface (delamination A) initiated from a matrix crack
in the 90° flange ply as shown in Fig. 3b. At longer delamination lengths, new matrix cracks formed
and branched into both the 45° ply below the delaminated interface as well as the 90° flange ply above
the interface. Atcorners 2 and 3 a matrix crack formed at the flange tip in the 90° flange ply that sub-
sequently ran through the lower 45° flange ply and the bondline into the skin as shown in Fig. 3c.
Subsequently. a split (delamination B 1) formed from the tip of that matrix crack within the top 0° skin
ply and in some cases, a second delamination (delamination B2) was observed below the first in the
top 0°/45° skin ply interface.

In previous investigations. stress analyses were used to predict the location and orientation of the
first transverse matrix crack based on the principal transverse tension stress distribution in the off axis

TABLE 1—Material properties.

IM6/3501-6 Unidirectional Graphite/Epoxy Tape [2]

Eyp = 1447 GPa E» = 9.65 GPa E 33 = 9.65 GPa
via =030 v;; = 0.30 vay = 045
G, =52GPa Gi3 =52GPa Gy =34GPa

CYTEC 1515 Adhesive

E=172GPa v=030 (assumed isotropic)
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FIG. 2—Deformed test specimen geometries, load and boundary conditions at damage initiation
[6,7].
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FIG. 3—Typical damage patterns [6,7].

plies nearest the bondline in the vicinity of the flange tip [6,7]. A comparison of the trajectories of
the maximum principal tension stress with the damage patterns shown in Figs. 3/ and ¢ indicated that
the matrix crack starts to grow perpendicular to the trajectories. For all three loading conditions, max-
imum principal tensile stresses in the 90° ply closest to the bondline, computed for applied loads at
damage onset, were almost identical and exceeded the transverse tension strength of the material.
Subsequent finite-element analyses of delamination growth from these matrix cracks were performed
using the virtual crack closure technique. However, because the specimen geometry and loadings re-
quired nonlinear analyses, this was a computationally intensive process.
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Analysis Formulation
Finite-Element Model

In the current investigation the finite-element (FE) method was used to analyze the test speci-
mens for each loading case. The goal of this analysis is to evaluate strain energy release rate com-
ponents at the delamination tip using the virtual crack closure technique [9,10]. To develop a sim-
ple procedure to calculate the strain energy release for delaminations originating from matrix
cracks. it was reasonable to focus only on one damage pattern during the investigation. Therefore,
only a FE model of a specimen with a delamination running in the 90°/45° flange ply interface,
corresponding to Fig. 3b. was developed and loads and boundary conditions were applied to sim-
ulate the three load cases. The two-dimensional cross section of the specimens was modeled using
quadratic eight-noded quadrilateral plane strain elements (see Fig. 4) and a reduced (2 X 2) inte-
gration scheme was used for these elements. For the entire investigation, the ABAQUS finite-ele-
ment software was used [//7].

An outline and two detailed views of the FE model are shown in Fig. 4. A refined mesh was used
in the critical area of the 90° flange ply where matrix cracks and delaminations were observed in the
test specimens. Qutside the refined mesh area. all plies were modeled with one element through the
ply thickness. Two elements were used per ply thickness in the refined region, except for the first
three individual flange plies above the bondline and the skin ply below the bondline, which were
modeled with four elements. Three elements through-the-thickness were used for the adhesive film.
Based upon the experimental observations shown in Fig. 3b, the model included a discrete matrix
crack and a delamination. The initial matrix crack was modeled perpendicular to the flange taper, as
suggested by the microscopic investigation as well as the stress analysis, which showed that the ma-
trix crack starts to grow perpendicular to the trajectory of the maximum principle tension stress [6,7].
Damage was modeled at one flange tip as shown in Fig. 4. The mesh used to model the undamaged
specimen, as discussed in Refs 6 and 7, was employed at the opposite taper. The model consisted of
6977 elements and 21 486 nodes and had 42 931 degrees of freedom.

For the combined tension and bending load case. performed in NASA Langley’s axial tension
and bending test frame [/2.13], the top grip, the load cell. and the load pin were modeled using
three-noded quadratic beam elements as shown in Figs. 2¢ and 5, to accurately simulate the com-
bined tension and bending loads applied [6.7]. The beams were connected to the two-dimensional
plane strain model of the specimen using multipoint constraints to enforce appropriate translations
and rotations. As shown in Fig. 5, nodes 1-29 along the edge of the plane strain model (x = 101.6
mm) were constrained to move as a plane with the same rotation as beam node A. To be consis-
tent with the actual tests, a constant axial load, P, was applied in a first load step while transverse
loads remained zero. In a second load step, the axial load was kept constant while the load orien-
tation rotated with the specimen as it deformed under the transverse load. During the tests, the max-
imum specimen deflections under the transverse load were recorded at the top grip contact point.
In the FE simulation a prescribed displacement. v, was applied which corresponded to the recorded
transverse stroke. For the beam model of the steel parts (top grip. load cell, and load pin). a
Young’s modulus of 210 GPa and a Poisson's ratio of 0.3 were used as material input data. A rec-
tangular beam cross section was selected to model the square cross section of the top grip (I = 1.87
X 10°® mm™) and load pin (I = 1.4 X 10 mm*) and a circular beam cross section was used to
model the cylindrical load cell (/ = 8.37 X 10° mm™).

When applying two-dimensional plane strain FE models it is assumed that the geometry, bound-
ary conditions and other properties are constant across the entire width of the specimen. The current
model. thus, may not always capture the true nature of the problem. As shown in Fig. 3, the delami-
nation pattern changed from corner 3 to corner 4 from a delamination running in the 90°/45° inter-
face to a delamination propagating between the adhesive film and the top 0° ply of the
skin. This is a three-dimensional effect and cannot be accounted for in the current plane strain model.
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FIG. 4—Finite-element model of a damaged specimen.

Virtual Crack Closure Technique

The virtual crack closure technique (VCCT) described in Refs 9 and /0 was used to calculate strain
energy release rates for the delaminations. The Mode I and Mode II components of the strain energy
release rate. Gy and Gy, were calculated as (see Fig. 6)

1
2Aa

GI = [Yi,(v/,n - v/,n*) + Y}I(vé - ])é,.)] (1)
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FIG. 6—Virtual crack closure technique (VCCT).
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and
GH = _ﬁ [Xl, (ur’n - ur’n”’) + )(j,(”; - ”}*)] ‘2)

where Ag is the length of the elements at the delamination tip. X; and Y/ are the forces at the delami-
nation tip at node i, and u,, and v,, are the relative displacements at the corresponding node m behind
the delamination tip as shown in Fig. 6. Similar definitions are applicable for the forces at node j and
displacements at node €. For geometrically nonlinear analysis, both forces and displacements were
transformed into a local coordinate system (x'. y'). that defined the normal and tangential coordinate
directions at the delamination tip in the deformed configuration. The Mode III component is identi-
cally zero for the plane strain case. Therefore, the total strain energy release rate. Gr. was obtained
by summing the individual mode componeuts as

GT=G[+G[[ (3)

The data required to perform the VCCT in Eqs 1 to 3 were accessed directly from the ABAQUS
binary result file to get better accuracy. The calculations were performed in a separate post-process-
ing step using nodal displacements and nodal forces at the local elements in the vicinity of the de-
lamination front.

Care must be exercised in interpreting the values for Gy and Gyy obtained using the virtual crack clo-
sure technique for interfacial delaminations between two orthotropic solids [74,75]. For the current
investigation, the element length Aa was chosen to be about '+ of the ply thickness. /, for the delami-
nation in the 90°/45° flange ply interface. Note that for the FE model shown in Fig. 4 Aa/h = 0.181
for the element behind and Aa//t = 0.25 for the element in front of the delamination tip. Therefore, the
technique suggested in Ref 9 was used to estimate the forces X; and Y, for the case of unequal element
lengths at the delamination tip. For the further delamination growth a value of Aa/h = 0.25 was used.

Analytical Investigation
Superposition Technique for Linear Deformarion Behavior

The schematics of the specimen, boundary conditions, and three load cases (tension, bending and
combined tension and bending) considered in this part of the study are shown in Fig. 7. These bound-
ary conditions and loads, however. do not represent the conditions applied during the experiments as
given in Fig. 2 of the previous section. This new set of boundary conditions was chosen to simplify
the derivation of the superposition technique for linear deformation behavior. It was postulated that
the specimen exhibits a linear load deflection behavior for the three load cases shown. Only linear fi-
nite-element analyses were used. The boundary conditions applied were the same for all load cases.

For a specimen subjected to a pure tension load P as shown in Fig. 7a. the energy release rate Gp
at the delamination tip can be calculated as

P i
7 A “)

sz

where Cp is the compliance of the specimen and 0A is the increase in surface area corresponding to
an incremental increase in load or displacement at fracture [/6]. For a specimen subjected to a bend-
ing load Q, as shown in Fig. 7b, the energy release rate Gy at the delamination tip can be calculated
accordingly as

Q° dCg

7 A ()
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FIG. 7—Loads and boundary conditions for tension, three-point bending and combined loading
case.

If the external load, R, applied in the linear analysis is simply a fraction or multiple of the tension load
P. R = nP. or the bending load Q, R = m(Q). the energy release rate Gy for the new load case may be
obtained from the known values using

Gr=n’Gp or  Gg=m"Gyp (6)

In the case of a combined tension/bending load case as shown in Fig. 7¢, where the external load is
a combination of a fraction or multiple » of the tension load P and a different fraction or multiple m
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of the bending load Q, R = nP + m(Q, we obtain

G = (nP + mQ» ) ACr  PP* + 2mnPQ + Q%) ) dCg

R 3 A 2 A 0
. dCr _ dCp . ) dCr dCp
Note that for a tension load, P, only, A - A and for a bending load. Q. only, A - A For
the combined load case Eq 7 can then be approximated by
_nwp? dCp  _  PQ dCg m'Q* dCo
Gr="5"""a T T2 T ®)
Using Eqs 4 and 5 yields
s PQ dCgr 5
Gr=n"Gp+2mn - > A +m~Gg 9)
Gpo

where Gpy is a coupling term which has the dimension of an energy release rate.

First, linear FE analyses of a simple tension and simple bending case are performed using VCCT
to determine Gy, Gy and Gr. This allows calculation of the Gp and G, parameters in Eq 9 for total G,
and the G, and Gy; components. Then a single linear FE analysis of a combined tension and bending
load case is performed using VCCT to obtain the G parameter in Eq 9 for Gy, Gy and G- Once these
parameters are determined. then Gpp may be calculated for Gy, Gy and Gy. The parameters Gp, G
and Gpg may now be used to calculate G for G, Gy and G for other tension and bending load com-
binations.

Mode I and Mode II values were computed using VCCT for a delamination running in the 90°/45°
flange ply intertace with a length equal to the length of the first element (a/h = 0.181) as shown in
Fig. 4. For the pure tension and bending loads shown in Figs. 7a and b, energy release rates were also
calculated using the analytical expressions of Eq 6. In the example shown in Fig. 8 for the tension
load case. the parameter Gp in Eq 6 was computed for P = 5.5 kN. The total energy release rate Gy
computed using VCCT and the superposed results are identical, since Eq 6 is an exact closed form
solution. Minor differences for the individual modes. that cannot be explained, are observed. For all
permutations of P and Q loads, as shown in Fig. 7¢, energy release rates for the combined load case
were calculated using Eq 9. In this investigation the parameter Gp in Eq 9 was calculated for a ten-
sion load P = 5.5 kN, G, was determined for a bending load Q = 112.5 kN and Gp; was obtained
from one analysis of the combined tension and bending load. Energy release rates obtained from Eq
9 were compared to Mode I and Mode II values calculated using VCCT as shown in Fig. 9 for the
case where a tension load P = 11.0 kN was applied and Q was varied. For the other permutations of
loads the comparisons of only the total energy release rates. Gr. are shown in Fig. 10. The good agree-
ment of results confirms that the superposition technique derived in Eq 9 is applicable, in combina-
tion with linear finite-element analysis and VCCT to determine the unknown parameters. provided
the structure shows a linear load/detlection behavior.

A Modified Technique for Nonlinear Deformation Behavior

For the investigation of the combined axial tension and bending ioad case as shown in Figs. 2¢ and
3, nonlinear finite analyses were used since this allowed the axial load to rotate with the specimen as
it deformed under the transverse load and accounted for the membrane stiffening effect caused by the
axial load. In this case the superposition technique derived for the linear case in the previous section
Eqs 8 and 9 is no longer applicable and a modified method needs to be developed.
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FIG. 9—Comparison of computed strain energy release rate components with superposed values
for combined tension and bending load case.
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FIG. 10—Comparison of computed total strain energy release rates with superposed values for
combined tension and bending load cases.

An analytical expression was suggested in Ref 4 that is primarily a modification of Eq 8 derived in
the previous section. The external tension load, P, and bending load, Q, in the analytical expression
were replaced with the local force resultant N,, and moment resultant M., yielding.

G = GﬂlﬂlM.;lA + 2GVHVIMYXN\Z\ + G"HN.%.\' (lo)
where G,,,» and G,,, are unknown parameters determined from a pure tension and a pure bending load
case and G, is an unknown combined tension and bending parameter. The local force and moment
resultants are calculated at the flange tip as shown in Fig. 11. For improved accuracy, the terms re-
lated to the transverse shear force resultant, Q,,. were also included in Eq 10, yielding

G= GmmM.%'x + 2GIILILM\’X1V.\’X + GrmN.zx + 2quM.t\’Qxy + 2Gnan'QAy + quQ,%y (1 I)

Equation 11 may be written in matrix from as

Q

mm

Q

mr

} (12)

n

G = [M%, 2M Ny N3 2M Q. 2N, QO Q%] -

K

q

QA0QQ

a9

Unlike the linear case where a pure tension or a pure bending load case alone may be used to deter-
mine one of the unknown parameters, nonlinear analysis of the pure tension and pure bending load
case yielded a combination of M,, and N,, at the flange tip due to the load eccentricity (tension load)
and large displacements (bending load). Therefore, the constants G;; (i,j = m,n,g) could not be deter-
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FIG. 11—Calculation of force and moments resultants.

mined simply from the pure tension and bending load cases. Consequently. all six constants were cal-
culated from a set of six simultaneous linear equations corresponding to six unique loading combi-
nations solved previously. using nonlinear FE analyses. This yields G, (k= 1..... 6)

G M: 2M\N, N% 2M\Q1 2N Q) %
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Further, the local force and moment resultants N, M., and Q.. for all six unique loading combina-
tions were calculated at the flange tip using the equations shown in Fig. 11 by integrating stresses de-
termined in the nonlinear FE analyses yielding Ny. M, and Q, (k = 1, .. .. 6). The system of six equa-
tions was then solved for the unknown G values. With the constants G; known. G could then be
calculated from the force and moment resultants N,,, Q,, and M, for any combined tension/bending
load case using the technique described by Eq L 1. The term G is used here for the total energy release
rate or for a mixed mode energy release rate component. Hence, the calculation of each of the indi-
vidual modes Gy. Gy; or G requires a unique set of G,, constants each. This means that Eq 13 needs
to be solved individually for each fracture mode (LII) before Eq 11 is used to obtain the individual
modes Gy, Gy or Gr.

The analytical Egs 10 and 11 were derived with the objective of developing a simple procedure to
calculate the strain energy release rate if the specimen shows a nonlinear load/deflection behavior,
The expressions may also be used if the specimen exhibits a linear load/deflection behavior. Calcu-
lating the force and moment resultants and solving Eq 13 to obtain a unique set of constants G;; for
each fracture mode, however, appears to be cumbersome in this case because FE analysis needs to be
performed for six unique combined load cases to determine the unknown parameters G,;. In contrast.
the use of Eq 8 is simpler, because the external loads are known and only three load cases need to be
analyzed to determine Gp. Gg and Gpg.
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The matrix Eq 13. which contains the terms of local force and moment resultants Ny, M; and QOx.
may become singular. For linear load/deflection behavior this will occur if at least one of the six load
cases selected to calculate Ny, My, Oy and G is not independent from the other cases, but simply a lin-
ear combination of any of them. For nonlinear load/deflection behavior it is not easily predictable un-
der which circumstances the matrix might become singular. In both cases, however, six unique load
cases need to be selected to avoid matrix singularity and solve Eq 13 for the unknown parameters.

The energy release rates were calculated using the modified method (Eq 11) for all permutations
of axial loads, P, and transverse displacements. V., shown in Fig. 5. The unknown parameters G;;
in Eq 13 were obtained from nonlinear finite-element analyses of six different unique load cases (P,
=0.0. v, =309 mm: P» = 45kN. v» = 7.5 mm; P; = 4.5 kN, v3 = 30.9 mm; P, = 9.0kN, vy, =
7.5 mm; Ps = 9.0 kN, v5 = 30.9 mm: Ps = 17.8 kN, v, = 30.9 mm). Calculated mixed-mode results
were compared with the energy release rates obtained directly from nonlinear finite-element analy-
ses using VCCT as shown in Fig. 12 for a case where only one axial load of P = 4.5 kN and multi-
ple transverse displacements. v, were applied. As expected. the results were identical for the two
cases which had been selected to determine the unknown parameters G;. For the other load combi-
nations, Gy, Gy and Gr were in excellent agreement. Total energy release rates calculated for all ax-
ial load and transverse displacement permutations are shown in Fig. 13. For the remaining load com-
binations, calculated strain energy release rates differed by less than 5% when compared to results
computed directly from nonlinear finite-element analysis using VCCT. Good results, however, were
only obtained if the six unique load combinations to determine the unknown parameters G include
the upper and lower limits of load combinations as shown in Fig. 13. The modified method should
be used to interpolate results for different load combinations. Extrapolation may lead to inaccurate
results.

Hence. it was possible to derive a technique which was applicable for nonlinear deformation of the
specimen. The expression derived for the linear case was modified such that terms of the external
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FIG. 12—Comparison of computed strain energy release rate components with scaled values for
combined tension and bending load case.
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FIG. 13—Comparison of computed total strain energy release rates with scaled values for com-
bined tension and bending load cases.

forces were replaced by internal force and moment resultants. The energy release rates calculated us-
ing this technique seemed sufticiently accurate for preliminary design studies. However. while ex-
ternal forces are known. force and moment resultants at the flange tip need to be calculated analyti-
cally or computed from finite-element analysis. For the current study of the combined axial tension
and bending load case, nonlinear finite analyses were used to calculate the force and motnent resul-
tants at the flange tip as shown in Fig. 11. This requires about the same computational effort as di-
rectly computing the energy release rates from nonlinear analyses using the virtual crack closure tech-
nique. An additional effort is required to obtain the unknown parameters G,,. The use of the technique
as given in Eq 11 may therefore become time consuming and less appealing for quickly calculating
energy release rates for a large number of new load combinations from a set of known results. Fur-
thermore. this process may have to be repeated for the simulation of delamination growth where for
each new delamination length modeled mixed mode energy release rates need to be calculated to ob-
tain the distribution of Gy, Gy and Gr as a function of delamination length. Consequently, another ap-
proach was developed for the simulation of delamination growth.

Simulation of Delamination Growth

The techniques developed in the previous sections focused on simple procedures to calculate the
strain energy release rate for various combinations of loads from results previously computed for
other load cases. A related problem is the simulation of delamination growth where mixed mode en-
ergy release rates need to be calculated as a function of delamination length, a. The shape of the G
versus a curves for Gy, Gy and Gryield information about stability of delamination growth and often
dictate how these energy release rates are used to predict the onset of delamination [/7]. During the
nonlinear finite-element analyses. the delaminations are extended and strain energy release rates are
computed at virtual delamination lengths using the virtual crack closure technique. For preliminary
design studies with several load cases of interest, delamination positions and lengths need to be
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checked continuously. Hence, the amount of computation time necessary may become excessive.
Therefore fast and accurate alternatives need to be developed.

Review of Simulated Delamination Propagation Using a Series of Nonlinear FE Analyses

The schematics of the deformed geometries, the boundary conditions, and the loads examined in
this part of the study are shown in Fig. 2 for all three load cases. The boundary conditions considered
in the simulations were chosen to model the actual test from Refs 6 and 7 as closely as possible. For
the tension and bending case, the mean loads reported for the point of damage initiation were applied.
At this point. matrix cracks are likely to form. To be consistent with the combined axial tension and
bending tests, a constant axial load, P = 17.8 kN, was applied in a first load step while transverse
loads remained zero. In a second load step. the axial load was kept constant while the load orienta-
tion rotated with the specimen as it deformed under the transverse load. [n the FE simulation, a pre-
scribed displacement was applied which corresponded to the average of the transverse stroke (v = 31
mm) for which flange debond occurred [6.7].

The initial matrix crack was modeled on one flange tip perpendicular to the tlange taper as sug-
gested by the microscopic investigation and shown in Fig. 3. The model of the discrete matrix crack
and delamination is shown in Fig. 4. During the nonlinear finite-element analyses. the delaminations
were extended and strain energy release rate components were computed as a function of delamina-
tion length using the virtual crack closure technique. The delamination lengths. a. were measured
from the end of the initial matrix crack as shown in Fig. 4. The delamination was extended in twelve
increments up to about 0.6 mm (a/h = 3.2) which corresponds to a length where matrix crack
branches were observed in the experiments as shown in Fig. 3b. The simulated delamination propa-
gation therefore required 12 nonlinear FE analyses for each load case. consequently 36 analyses for
all three load cases. The results plotted in Figs. 14 through 16 show that Gyy increases monotonically
for all load cases while Gy begins to level off at the longest delamnination lengths [6.7]. These results
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FIG. l4—Computed strain energy release rates for delanination growth in a 90°/45° flange ply
interface for tension load case.
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FIG. 15—Computed strain energy release rates for delamination growth in a 90°/45° flange plv
interface for three-point bending load case.
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FIG. 16—Computed strain energy release rates for delamination growth in a 90°/45° flange ply
interface for combined tension and bending load case.
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were intended as reference solutions to be compared with results from the superposition method in
the following section.

Superposition Technique for Simulated Delamination Growth

In the previous sections, simple quadratic expressions were developed which made it possible to
calculate the strain energy release rate for various load combinations. In this part of the investigation
a technique was developed where the forces and displacements at the crack tip (see Fig. 6) obtained
from three linear analyses are superposed. The calculated energy release rates for one delamination
length are matched with the corresponding results from one nonlinear finite element analysis and a
correction factor is determined. This correction factor is then used to size the results obtained from
linear analyses for all other delamination lengths.

Only one nonlinear finite-element analysis was performed for each load case using a full model of
the damaged specimen as shown in Fig. 4. Loads measured at the onset of damage as shown in Fig.
2 and discussed in the previous paragraph were simulated. Mode I and Mode I energy release rates
Gine and Gy ni. were computed for a delamination length equal to the length of the first element (a/h
= 0.181) as shown in Fig. 4. Local force and moment resultants N,,, Q.. and M, were calculated at
the location where the end of the frame or stringer flange meets the skin as shown in Fig. 11. Resul-
tants plotted in Fig. 17 show that the force resultant N,, is zero for the three-point bending test as it
is free of axial tension. Also as expected. there is a small transverse shear, which is nonzero. For the
tension test. in addition to the membrane resultant, a bending moment is present due to the load ec-
centricity in the tlange region and the asymmetric lay-up of the combined skin and flange laminate
with respect to the neutral axis. The shear force resultant 0, is nearly zero, as expected. For the ax-
ial tension and bending test, calculated membrane and moment resultants lie between the computed
pure tension and pure bending values [7]. Due to the high transverse load during the tests, the shear
force resultant is significant for this load condition. It was assumed that these local force and moment
resultants calculated at the flange tip vary only slightly when the delamination is extended.
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FIG. 17—Computed force and moment resultants at flange tip.
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18a, boundary conditions for all local submodels were selected to prevent the translations in the
plane and rotation of the model. Three unit load cases were simulated as shown in Figs. 18b
through d and the delamination was extended as explained in the paragraph above. External loads
were chosen such that a unit force resultant N,,. Q.. or unit moment resultant M, exists at the ref-
erence station at the flange tip. For the unit transverse shear load case, a counter reacting moment,
Mc. needs to be applied at the end of the model to assure a pure shear force resultant Q,, at the
flange tip. To facilitate the simulation of the external moment (Figs. 18¢ and d) three-noded
quadratic beam elements with rotational degrees of freedom were used for the simulation of the
load introduction zone. s, which had the same length as the adjacent plane strain elements (Fig.
18a). A rectangular beam cross section was selected to model the square cross section of the skin.
The beams were connected to the two-dimensional plane strain model of the local section using
multipoint constraints to enforce appropriate translations and rotations. This procedure was ex-
plained for the combined axial tension/bending load case and shown earlier in Fig. 5. For the beam
model, smeared orthotropic material properties were calculated for the skin laminate and used as
material input data.

For each unit load case (index N.M.Q), the delaminations were extended and a linear finite-ele-
ment analysis was performed for each length a. For each simulation, forces Xy{a), Xin(a). Xp(e). and
Yaia), Yi{a), Yoda), at the delamination tip at node i and the relative displacements Ay, (a).
Auym(a). Aug,y(a), and Avy,(a), Avyg,(a). Avg,,(a), at the corresponding node m behind the delam-
ination tip were retrieved from the finite-element results (see Fig. 6). Forces at node j and relative dis-
placements at node { were also obtained. In a second step, forces and relative displacements for each
of unit load cases were scaled by multiplying with the corresponding force and moment resultant N,
Q.. and M,, obtained from the nonlinear analysis of the full model. The scaled forces and displace-
ments were then superposed yielding

Y,’(Ct) = N\.\ ) YI,V[(a) + A/In ) Yflh(a) + Q.\': ! Y’Ql(a)

Y_/,(a) = N,\.\ ) Yr,\'j(a) + A/[\.\' : YL;I/(a) + Q.r: ) Y(’Z/(a)

(14
AV”IZ(a) = N\\ - AV[\’m((l) + M,\'.\ : AVz{[m(a) + Q.\Z ) AV’in(a)

Avi(a) = Ny - Aviela) + My~ Avgg(a) + Q.- - Avpela)

Forces X(a) and X(a) as well as relative displacements Au,,(a) and Au(u), were obtained accord-
ingly. All forces (X/(a). Xj(a). and Y)(a), Y](@)). and relative displacements (Au,,(a), Aui(a). and
Av(a), Ave(a)) obtained, served as input for the virtual crack closure technique

¢ Y@ - (vila) — vy, * (@) + Yila) - (vila) — vi* ()
G[(ﬂ) = _T N %’—’ —_ (15)
22a Av,la) Avi(a)

cn | Xda) - (up (@) — w, * (@) + Xi@) - (uila) — ui - (@)

2Aa (16)

Au,, (a) Aue(a)

Gu(a) = —

The correction factors ¢y and ¢y for Mode I and Mode II, respectively. were introduced in order to
size the results for Gy and Gy obtained from the superposition procedure (Egs 15 and 16) along the
delamination length. One set of correction factors ¢y and ¢y was determined for the entire study by
matching the Gy and Gy, results obtained for the initial crack (a/h = 0.181) with Gy N and Gy nL com-
puted from the initial nonlinear analysis. This is accomplished by calculating Gy (a/h = 0.181) and
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Gy (a/h = 0.181) first with the correction factors set to ¢; = ¢y = | and then solving for the correc-
tion factors

_ Gynptal/h = 0.181) d _ Gunta/h = 0.181)
U7 TG, (a/h = 0.181) an ‘= TGy (a/h = 0.181)

a7

The correction factors obtained for the tension, three-point bending and combined
axial tension/bending load case are given in Table 2. For the pure tension and the axial tension/
bending load cases the correction factors are relatively large when compared with the factors
calculated for the pure bending load case. This is most likely related to the distinet nonlinear load/
deflection behavior of the specimens subjected to these loadings. Hence. large correction factors are
required to match the results obtained from the three linear unit load cases with those obtained di-
rectly from nonlinear FE analysis using VCCT. Consequently. for a nearly linear load/deflection be-
havior—as observed during the bending test—a much smaller correction factor is required. The
load/deformation behavior of the specimens for all three load cases is discussed in detail in Refs 6
and 7.

For the tension. three-point bending and combined axial tension and bending load case, mixed
mode energy release rates were calculated using the superposition technique described above and
given in Eqs 14-17. The results were included in the plots of Figs. 14—16. For the initial matrix crack
length (a/h = 0.181) the results are identical. as this point was chosen to match the results and cal-
culate the corrections factors (see Eq 17). The correction factors obtained were kept constant during
the simulation of delamination growth. The obtained mixed mode energy release rates show that Gy
increases monotonically for all load cases while G; begins to level off at the longest delamination
lengths. For the bending load case the results were in excellent agreement with energy release rates
calculated directly from nonlinear finite-element results using VCCT along the entire delamination
length. This may be attributed to the fact that the load/deflection behavior of the specimen under this
load is nearly linear and therefore can closely be approximated by the linear analyses of the local sub-
models. Along the entire delamination length investigated. results were in good agreement for the
other load cases as well. As the delamination length becomes longer, however, the results obtained
from the superposition technique begin to deviate slightly from the values calculated directly from
nonlinear finite-element analyses. For long delamination lengths it might therefore be advantageous
to calculate several reference solutions for different delamination lengths from the full model using
nonlinear analyses and updating the correction factors.

As mentioned in the previous paragraph, a total of 12 nonlinear analyses were necessary when
using the conventional approach to obtain the results for one load case as shown in Figs. 14-16,
The superposition technique described above required only one nonlinear analysis of the full model
for each load case and 36 linear analyses of the local submodel. Even for one load case this means
a considerable reduction in CPU time. Although additional modeling effort is required to create the
local submodel, the results indicate that the proposed technique is very efficient for large paramet-
ric studies which may occur during preliminary design where multiple load combinations must be
considered.

TABLE 2—Correction factors for scaled energy release rates.

Axial Tension/Bending
Tension Load Case  Bending Load Case Load Case
cp = 1.2657 ¢ = 1.0036 a = 12791

[ 1.2484 = 1.0646 g = 1.1720
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Concluding Remarks

Three simple procedures were developed to determine strain energy release rates, G, in composite
skin/stringer specimens for various combinations of in-plane and out-of-plane loading conditions.
These procedures may be used for parametric design studies in such a way that only a few finite-el-
ement computations will be necessary for a study of many load combinations. Since energy is a
quadratic function of the applied loads, it was not possible to simply superpose and add the energy
release rates from separate load cases. A simple quadratic expression was previously developed to
calculate the strain energy release rate for any combination of loads. To validate the procedures. re-
sults obtained from the quadratic expressions were compared to Mode I and Mode I strain energy re-
lease rate contributions, which were calculated from nonlinear two-dimensional plane-strain finite-
element analyses using the virtual crack closure technique.

For the first technique, the boundary conditions for the tension. bending and combined
tension/bending load case were chosen in such a manner that the specimen deformation was assumed
to be a linear function of the applied loads. Therefore, a linear finite-element solution was used to
compute the strain energy release rate for various multi-axial load combinations. The technique in-
volved solving three unknown parameters needed to determine the energy release rates from a sim-
ple tension, a simple bending. and one combined tension/bending load case. Excellent results were
obtained when the external loads were used. This superposition technique, however, was only appli-
cable if the structure exhibits a linear load/deflection behavior.

Consequently, a second modified technique was derived which was applicable also in the case of
nonlinear load/deformation behavior. The expression derived for the linear case was modified such
that terms of the external forces were replaced by internal force and moment resultants at the flange
tip. The energy release rates calculated using this technique seemed sufficiently accurate for prelim-
inary design studies. However, force and moment resultants at the flange tip need to be calculated and
additional effort is required to obtain six unknown parameters from a set of six simultaneous linear
equations to determine the energy release rates. This procedure, therefore, was not time efficient, and
hence, less appealing.

Finally, a third procedure was developed to calculate mixed-mode energy release as a function of
delamination lengths. This procedure required only one nonlinear finite-element analysis of the spec-
imen with a single delamination length to obtain the force and moment resultants at the flange tip and
a reference solution for the energy release rates. It was assumed that the local force and moment re-
sultants calculated at the flange tip vary only slightly when the delamination is extended. Therefore,
it is sufficient to calculate these resultants for one delamination length. The delamination was subse-
quently extended in three separate linear models of the local area in the vicinity of the delamination
subjected to unit loads. Forces and displacements computed at the delamination tip for the unit load
cases were superposed and used in the virtual crack closure technique to obtain the distribution of G
with delamination length. Results were in good agreement with energy release rates calculated directly
from nonlinear finite-element results using VCCT. Although additional modeling effort is required to
create the local submodel, this superposition technique is very efficient for large parametric studies
which may occur during preliminary design where multiple load combinations must be considered.
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ABSTRACT: The V-22 proprotor yoke is fabricated trom filament-wound unidirectional glass/epoxy
belts that react to centrifugal force (CF) loads and beam and chord bending loads. Fiberglass tape is laid
up at oft-axis orientation between the unidirectional belts to react shear loads. The structural criteria for
both metallic and composite V-22 dynamically loaded rotor components specify that these components
be fatigue tested and analyzed to show a “safe life” of 30 000 h. Based on the fatigue test results of pro-
totype and production proprotor yokes. a safe life of 30 000 h for the composite proprotor yoke could
not be substantiated. However, testing of the yoke was continued beyond delamination initiation. The
V-22 proprotor yoke continued to carry load in the fatigue tests with significant delaminations within
the composite structure. These results. in addition to similar test results produced by Bell Helicopter
Textron on composite proprotor yokes for commercially produced aircraft, indicate that it will be pos-
sible to substantiate this component using a ““fail-safe” methodology.

KEYWORDS: fail-sate testing. composite yoke, V-22. Navy

The V-22 proprotor yoke is a major composite component of the hub assembly (Fig. 1), which
transmits torque to the rotor and reacts to blade loads. The qualification of the V-22 composite yoke
was originally planned to achieve a safe life of 30 000 h. Historically. Bell Helicopter Textron. Inc.
(BHTI). metallic and composite rotor system components have been structurally qualified using a
safe life methodology based on an S-N (constant amplitude) test approach. Typically, four to six full-
scale components are fatigue tested at various levels of elevated oscillatory loads to induce failures.
These failures are used to define an average strength curve. A statistically reduced (3-sigma) strength
curve is used with flight-measured loads in establishing the safe life of the component.

The V-22 specification defines several criteria for a test failure, including the initation of a de-
lamination. the dominant failure mode exhibited in the V-22 proprotor yoke testing. Evaluation of the
composite proprotor yoke test results using the safe life methodology and the V-22 failure definition
has resulted in a low calculated safe life for the proprotor yoke. However, the initial delaminations
detected by either ultrasonic or visual inspections did not deteriorate the structural performance of the
component in further testing.

Over the past 20 years, all of the failures seen in the fatigue tests of composite yokes at Bell Heli-
copter have been delaminations. The delaminations reflect a very shallow, or flat, S-N curve shape.
Typical 3-sigma statistical strength reduction factors of 25% to 30% [I] for delamination failure
modes result in undesirably low safe fatigue lives for these composite components. BHTI has begun
using a fail-safe (damage tolerant) approach to qualify commercial composite rotor system parts.

! Engineering specialist and chief, Rotor Stress and Fatigue Fracture. respectively, Bell Helicoptor Textron
Inc., P.O. Box 482, Fort Worth, TX 76101.
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MD 20670-1906.
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FIG. 1—V-22 proprotor hub.

Fail-safe qualification results in a component being replaced based on its condition instead of im-
posing a specific retirement life. This approach maximizes economic value without additional risk.

In a fail-safe qualification approach of critical structural components, the inspection techniques
and frequency of inspections must be such that a detectable partial failure would not eventuaily be-
come catastrophic and is certain to be found long before it can endanger the aircraft. To demonstrate
the fail-safe criteria, it must be shown that a component with a detectable partial failure will be able
to sustain flight loads for two inspection intervals, and will still be able to carry the limit load. Stiff-
ness changes should be within acceptable limits determined from dynamic and aerodynamic consid-
erations. Additionally. damage should not grow to the extent that maintenance action is required
within two inspection intervals.

Although the U.S. Navy has not formally adopted a fail-safe qualification approach for all com-
posite components. a revised approach for the qualification of the V-22 proprotor yoke using a fail-
safe approach has been developed. The purpose of this paper is threefold: to discuss the history of the
V-22 proprotor yoke testing and the life predictions resulting from these tests, to present the fail-safe
qualification of composite yokes on other BHTI composite yokes as evidence of the “low risk” and
“high reward” expected with a fail-safe qualification, and to outline the fail-safe qualification ap-
proach for the V-22 yoke.

Description of the V-22 Proprotor Yoke

The V-22 proprotor yoke transmits rotor torque from the drive hub into the grip and blade assem-
blies. Figure 2 presents an overview of the proprotor yoke. The yoke is stiff in-plane with three
equally spaced coning flexure arms located 120 deg apart. These arms react to centrifugal force (CF).
as well as shears and moments generated by dynamic and aerodynamic loads in the proprotor blades,
while permitting feathering motion of the blade. The yoke tapers from 4.3 in. (110 mm) in the center
to a minimum thickness of 1.7 in. (43 mm) in the flexure area and back up to 2.4 in. (61 mm) at the
outboard end. The inboard flexure area of each arm contains a 6.7 in. (170 mm) by 4.4 in. (110 mm)
hole for the attachment of the inboard pitch change bearing. The yoke is fabricated from filament-
wound unidirectional S-glass belts with shear webs interspersed between the belts for shear continu-
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FIG. 2—Overview of the V-22 proprotor voke.

ity. The precone angle of the production yoke configuration was modified slightly from the prototype
design. The precone angle of the yoke arms in the prototype design was 2 deg. The precone angle in
the production configuration was increased to 2.75 deg to optimize steady beam bending load on the
yoke arm for various nacelle positions.

Fatigue Design Requirements

The V-22 tiltrotor is designed to operate as both a rotary-wing (nacelle incidence angles greater
than O and less than or equal to 97.5 deg) and fixed-wing (nacelle incidence angle of 0 deg) aircraft.
The V-22 specification required that the dynamic components shall have a minimum structural fa-
tigue life of 30 000 h when substantiated for the design fatigue loading requirements in both of these
operating modes. In addition, these components shall sustain no fatigue damage below certain thresh-
olds in both rotary wing and fixed wing modes. The critical loading on the yoke is experienced when
the rotor system is producing a majority of the lift to the aircraft. This occurs above nacelle incidence
angles of 60 deg.

Prototype and Production Fatigue Testing Program Summary

The V-22 proprotor yokes were fatigue tested in a specially designed test fixture (Fig. 3). Steady
and oscillatory bending moments and pitch link loads were applied to each specimen. as well as a
steady load representative of the centrifugal force. Testing for both the prototype and the production
configurations also included interspersed ground-air-ground (GAG) cycles. Reference oscillatory
loads were accelerated, or increased by a factor. for performance of the fatigue tests. Since the inten-
tion of this type of testing is to identify failure modes and to define the fatigue strength of the test ar-
ticle, increased load levels are used to insure that failures do occur. The high-cycle fatigue strength
is defined from this testing with a 3-sigma statistical scatter reduction from the mean curve to get a
working curve for use in the fatigue analysis.

Prototype and early production yoke fatigue test results were used to determine an S-N curve for
the primary failure mode, a delamination initiation at the inboard beam cutout. The delamination ini-
tiation S-N curve (Fig. 4) based on oscillatory beam bending and the production design loads were
used to calculate a fatigue life for the proprotor yoke. This calculation resulted in a 1200 h fatigue life
for the design loads spectrum.
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In all of the V-22 yoke tests, testing was continued after initial delamination detection to investi-
gate failure modes in the other hub components and to characterize delamination growth behavior.
All of the prototype and production yokes were still capable of carrying applied loads when the tests
were suspended. The failure mode exhibited by the V-22 proprotor yoke is a benign failure mode that
does not result in loss of load-carrying capability or catastrophic failure of the component or the air-
craft. One of the most important things to note in the V-22 rotor system hub components is that the
components operate in a predominately tension field due to very high centrifugal force. Additionally,
flight stresses are primarily in tension. This is in contrast to catastrophic failures in aircraft wing
structures, which are usually due to compression-type failure modes such as buckling.

Prototype Fatigue Testing

The first prototype yoke was tested at elevated reference oscillatory S-N loads with interspersed
GAG cycles. An 8 to 10 in. (20-25 cm) visible crack/delamination along the lower leading edge of
the yoke was noted at 35 000 S-N cycles. The crack/delamination extended from the cutout for the
inboard beam to the outboard end. Testing was continued for a total of 250 000 fatigue cycles with-
out degradation of the load-carrying capability of the yoke. When testing was suspended, the crack
had extended across half of the flexure span and extended from the centerline of the yoke almost all
the way to the outboard end. The delamination origin was located in the inboard beam cutout area of
the yoke as shown in Fig. 5. This delamination mode was typicai for all prototype and production V-
22 yoke testing.

Another prototype yoke was tested at lower elevated reference oscillatory loads. Small delamina-
tions were found with ultrasonic inspection at the leading edge corners of the inboard beam bearing
cutout at 440 800 fatigue cycles. Testing continued and was suspended at 963 600 total fatigue cy-
cles. During that time, the delaminations had propagated out to the leading edge of the yoke, and ex-
tended approximately 10 in. (25 cm) along the leading edge.
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FIG. 5—Typical delamination for the V-22 proprotor yoke.
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faces. All composite BHTI yokes designed to date including V-22 have very similar design limit
strains in the range of 11 500 uin./in. to 13 000 uin./in.

Model 407 Yoke Fail-safe Fatigue Testing

The goal for certification of the Model 407 main rotor yoke was to retire the yoke on-condition.
An inspection interval was to be established based on the results of flaw growth testing. First, the 407
yoke was fatigue tested at elevated §-N cycle loads to initiate a delamination. The delamination found
on the trailing edge of one arm extended across the width of the arm inboard to the center section and
around the corner toward the leading edge of the adjacent arm during subsequet testing. The de-
lamination failure mode is typical of the failure exhibited by the OH-58D and 430 yokes which have
similar designs in the flapping flexure sections. After the initial delamination was identified, the test
loads were changed to an abbreviated spectrum of flight loads including the loads for ground-air-
ground (GAG) cycles and testing was continued. After each 100 h block of test cycles. design limit
loads were applied to each of the arms individually. After the equivalent of 600 tlight hours of test-
ing, the yoke was still capable of reacting design limit loads on all four arms. Since the test specimen
was 1ot preconditioned, a factor of six was used for the inspection interval. Another specimen was
preconditioned to 10 years exposure to moisture absorption. The yoke was subjected to visible im-
pact damage and was tested for an equivalent of 200 h.

Model 430 Fatigue Testing

Two main rotor yokes were tested at elevated flight loads with interspersed GAG cycles to evalu-
ate the yoke design before proceeding with fail-safe (flaw growth) certification testing. Two differ-
ent delamination failure modes were identified during the S-N testing. The delamination of the yoke
center section originating in the area adjacent to the yoke-to-mast attachment holes at approximately
mid-thickness was originally detected during scheduled contact ultrasonic inspections conducted dur-
ing the test. In each specimen this delamination propagated to the edge of the yoke center section and
was then easily detected visually. Another failure mode in the test was observed at the apex of the ra-
dial flanges of the feathering flexure. The initial visual indication was a white crazing under the outer
layer of fiberglass and could be seen quite easily after the application of the first series of GAG cy-
cles. The second specimen was painted on one end to aid in the detection of this delamination under
simulated service conditions. As the test progressed this became a visible surface distress on the sur-
face of the radial flange running in a span direction. In each case, the specimen continued to carry the
applied loads and motions. The observations of these failure modes was subsequently used to aid in
locating the seeded tlaws and impact locations for the fail-safe (flaw and damage growth) testing of
the third test yoke.

Fail-safe Test Results—Two specimens of the 430 main rotor yoke assembly were tested. Both
specimens contained critically located flaws and were environmentally conditioned. After initiating
a delamination on the leading edge of one of the yoke arms, the yoke was removed from the test fix-
ture and impacted. The specimen was impact damaged at nine critical locations to a Barely Visible
Indication of Damage (BVID) impact energy or to the maximum threat energy level. The maximum
threat energy level is developed from probable damage that can occur during manufacturing, instal-
lation, and foreign object impact in-service. The yoke was then reinstalled in the fixture for multiple
block spectrum testing of flight loads including the loads for ground-air-ground (GAG) cycles. The
yoke specimen had been inadvertently overconditioned, and testing was discontinued after 100 flight
hours of loading, supplemental GAG cycles, and a final static limit load. Using a safety factor of 2,
an inspection interval of 50 flight hours was substantiated for the flapping and center section of the
yoke, which may be visually inspected without disassembly of the hub. The torsional flexure out-
board of the shear restraints is critical for GAG cycles and cannot be inspected without removing the
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Risk Evaluation of Fail-safe Qualification

It is standard commercial practice at Bell to use a 3-sigma reduction in fatigue strength when per-
forming a safe life calculation. This approach is also the standard for V-22 safe life calculations. A
1200 h safe life was calculated tor the proprotor yoke based on the initiation of the delamination. This
represents the possibility of a small delamination in one out of 1000 yokes fielded at 1200 flight
hours. The failure mode of the V-22 yoke as demonstrated in the test is both benign and detectable.
A small delamination initiates and grows until it becomes visible without affecting the load-carrying
capability of the yoke. By retiring the V-22 yoke based on the condition of the yoke at regular in-
spection intervals, it is expected that at least 999 out of 1000 yokes will be in service beyond 1200 h.

Retiring yokes based on a regular inspection program will remove yokes from service before their
load-carrying capability is affected. An inspection for a visible delamination allows each yoke to be
easily evaluated based on its condition. This is preferable to retiring yokes at a safe life based on a 3-
sigma reduction when only 19 would be expected to exhibit a delamination at retirement.

Conclusions

The fatigue and static testing accomplished to date on the V-22 yoke demonstrated very benign
failure modes. The safe life approach to qualification of the V-22 yoke results in a low life and in a
high life-cycle cost. Based on BHTT experience of qualifying similarly designed yokes on a fail-safe
basis, the V-22 yoke was a good candidate for a fail-safe qualification. A disadvantage of fail-safe
testing is that it is important to have the correct qualification load spectrum. If the qualification load
spectrum changes, testing must be repeated. The advantage of fail-sate qualification is that the V-22
proprotor yoke will be retired based on the condition of the yoke as evaluated during periodic visual
inspections. This will allow the yoke to remain in service beyond the retirement life selected in a safe
life approach and will result in a lower life-cycle cost.
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ABSTRACT: The paper discusses the RAH-66 Comanche airframe building block structural qualifi-
cation program. The components of the building block program included: material selection and quali-
fication tests (lamina properties): coupon level tests (static and fatigue laminate properties, including
open hole and filled hole strength. bearing. and sandwich compression after impact strength), and ele-
ment. subcomponent. and full-scale tests. Element tests included bolted and bonded joint strength tests,
beaded shear panel tests. sandwich shear panel tests. crippling tests and bearing-bypass bolted joint
tests. Subcomponent testing included fuselage section crush tests. hydraulic ram testing of fuel tanks,
and numerous design specific joint tests. The building block program culminated in the full-scale static
test of the airframe structure.

The interaction of the building block program testing with the Comanche detail design is described
including specific examples where results from compression after impact. tub crush, and hydraulic ram
testing caused changes in the structural configuration of the aircratt. This paper discusses only the Siko-
rsky Aircraft portion of the RAH-66 building block program. Boeing-Philadelphia also performed a re-
lated program to substantiate the design of their portion of the aircraft.

KEYWORDS: building block. structural qualification. structural certification, composites. carbon
fiber. epoxy

The objectives of the RAH-66 Comanche building block program were to provide material prop-
erties and design values for use in design of the aircraft and to verify the accuracy of analysis meth-
ods used in the structural analysis of the airframe. The building block program consisted of material
allowables coupons, structural elements. subcompenents, components, and a full aircraft structural
test. The basic plan was to focus the analysis and testing effort on the simpler specimens to develop
and verify the accuracy of analysis methods. Successful validation of the analysis methods permits
fewer element and component tests to be performed for the structural qualification and simplifies the
structural analysis of the aircraft. In addition, use of the statistical parameters from the different lev-
els of testing makes possible the determination of load enhancement factors to be applied to sub-
component and full-scale tests to obtain a given reliability level [/].

During the design development process for RAH-66 Comanche airframe components, the need for
materials with improved properties was identified. Although the list included many types of materi-
als (paste and film adhesives, foaming adhesives, honeycomb cores, syntactics, glass reinforced
prepregs. carbon fiber prepregs, aramid prepregs. and RTM systems), the material selection and al-
lowables sections of this paper will only cover intermediate modulus carbon/epoxy tape and fabric
prepregs. Following the selection of materials with improved properties, element. subcomponent, and
component testing was performed to verify the translation of those improved properties into the full-

! Senior structures engineers and senior structural materials engineer, respectively, Sikorsky Aircraft Corpora-
tion. Stratford, CT 06615-9129.
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scale structure. The testing culminated in the full-scale airframe Static Test Article and in flight test-
ing of the aircraft.

Material Selection

In 1986 requests for information (RFIs) were issued to composite material suppliers, soliciting
data on new intermediate modulus carbon/epoxy prepreg tape systems. Prepreggers were asked to
fabricate test panels from a single batch of material and conduct mechanical property testing in ac-
cordance with the test matrix shown in Table 1. This matrix is sufficient for comparing materials
based on average lamina properties, sensitivity to notches and damage, and degradation of proper-
ties with environment, and is similar to the screening test matrix currently recommended in MIL-
HDBK-17 [2].

Responses to the RFIs were received from six material suppliers for a total of seven material sys-
tems. Using the data provided by the suppliers, preliminary material allowables were estimated.
These initial values were purposely aggressive in an effort to challenge the suppliers to formulate
even better materials. Target B-basis values were generated by taking the best average property val-
ues from the limited data and reducing them by historical scatter factors. Environmental factors both
from the screening data and from previous experience were also used. The estimated design values
were used for preliminary sizing and structural analysis.

In order to rank the candidate systems, a set of criteria was needed based on structural require-
ments. A review of the proposed RAH-66 airframe elements indicated that about 38% of the weight
of the composite structure was designed by stability and crippling, 29% was driven by ultimate
strength and strain (mostly in compression), 27% was stiffness critical, and 6% was designed by min-
imum gage considerations. Based on this assessment, a weighted ranking system was devised, giving
highest weight to compression after impact (CAI) (since barely visible impact damage (BVID) is
assumed to be present in all RAH-66 composite structure), followed by 0° compression strength
and modulus (for stability and crippling), and bearing strength. Other properties were given lower
weight. Since cost differences between candidate materials were not deemed significant, cost was
not considered in this evaluation. Table 2 shows the resulting rankings of the seven initial candidate
materials.

With preliminary material allowables set and design drivers identified, a second RFT was issued,
which included more focused material requirements and target specification values. Compression af-
ter impact (at multiple impact energies) was added to the initial screening matrix. Since it had been
estimated that 75% of the airframe composite structure would be composed of fabric (25% composed

TABLE 1—Generic screening matrix for carbon/epoxy prepreg tape.

Number of Specimens

Property Test Method —65°F Amb. RT Amb. 220°F Wet Total
0° Tension on (S/M/P) SRM 4[16] 3 3 3 9
0° Compression (S) D3410 B [17] 3 3 6
0° Compression (M) SRM 1 [i8] 3 3 6
In-plane shear (S/M) SRM 7 [19] 3 3 6
QI open hole tens. (S/M/FS) SRM 5 [20] 3 3
QI open hole compr. (S/M/FS) SRM 3 [2]] 3 3
Bolt bearing strength MIL-17 [22] 3 3
Compr. after impact (S/M/FS) SRM 2 [23] 3 3
Total 39

NoTEe: S = Strength, M = Modulus, P = Poisson’s ratio, FS = Failure strain, QI = Quasi-isotropic.
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TABLE 2—Generic screening matvix for carbon/epoxy prepreg tape.

Material Supplier Material System Rank (1 = best)
Hercules (now Hexcel) IM7/8551-7 1
Fiberite (now Cytec Fiberite) IM7/977-2 2
American Cyanamid (now Cytec Fiberite) IM7/1827 3
Ciba Geigy (now Hexcel) T40/6376 4
Ciba Geigy (now Hexcel} G10-700/6376 5
Dexter Hysol Apollo-IM/HG9105-3 6
Hexcel IM6/F584 7

of tape), suppliers were also asked to provide data on plain weave (PW) and/or eight harness satin
(8HS) weave fabrics.

Data from this second round of screening showed that initial estimates of open hole compression
capability for both tape and fabric were somewhat ambitious. Also, fill direction tensile strength for
fabrics was lower than anticipated. All other properties were in fairly good agreement with earlier
data and estimates. Based on the combined data from the two RFIs, IM7/8552 was selected as the pri-
mary intermediate modulus carbon/epoxy prepreg for both tape (160 g/m) and fabrics (196 g/m-
plain weave and 370 g/m? eight-hamess satin).

Material Properties and Design Values

Early in the program it was anticipated that the critical design environment would be 220°F
(104°C) both wet and dry. As the program developed. it was determined from further assessment of
the operating environment that the requirement should be 180°F (82°C) wet and 220°F (104°C) dry.
Therefore, the first task for material allowables was to estimate 180°F (82°C) wet properties by in-
terpolating between the RT ambient and 220°F (104°C) screening data estimates.

The next task was to fully qualify the IM7/8552 materials and develop tinal allowables based on
multiple batch testing. The qualification test matrix shown in Table 3 was used to generate specifi-
cation values and material allowables for ply (lamina) properties and for quasi-isotropic open hole

TABLE 3—Qualification/allowables test marrix for carbon/epoxy prepreg tape and fabric.

No. of Specimens per Prepreg Batch

—65°F RT RT 180°F 220°F

Property Test Method Amb. Amb. Wet Wet Amb.
0°/Warp tension (S/M/P) SRM 4 [/6] 6 6 3 6 3
0°/Warp compression (S/M) D3410B [/7] 3 6 3 6 3
90°/Fill tension (S/M) SRM 4 [/6] 6 6 3 6 3
90°/Fill compression (S/M) D 3410B [/7] 6 3 6 3
In-plane shear (S/M) SRM 7 [/9] 3 6 3 6 3
Interlaminar shear (S) D 2344 [24] . 6 3 6 3
0°/Warp flexure (S/M) D 790 [25] 6 6
QI open hole tens. (S/M/ES) SRM 5 [20] 6 6
QI open hole compr. (S/M/ES) SRM 3 [2]] 6 6
Compression atter impact
(S/M/ES) SRM 2 [23] 6 . 6

Note: S = Strength, M = Modulus. P = Poisson’s ratio, FS = Failure strain, QI = Quasi-isotropic.
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tension (OHT), open hole compression (OHC), and CAI properties. Testing was shared between
Sikorsky Aircraft and the material supplier. The same test specimen configurations and the same test
methods were used at both locations. “Dry” condition testing was defined as the “as fabricated™ con-
dition (not oven dried), and the “wet™ condition was defined as moisture equilibrium at 185°F (85°C)
and 87% relative humidity. The largest numbers of specimens were concentrated at room tempera-
ture ambient (RTA) and elevated temperature wet (ETW—180°F/82°C). Smaller numbers of speci-
mens were tested at other environments to verify that these were not more critical than 180°F (82°C)
wet. Initially three batches of tape and each fabric were planned for testing. However. due to data
scatter and some testing issues, testing of several additional batches was required for some properties
and environments. In all, over 1100 tape specimens. over 600 8HS fabric specimens, and over 900
PW fabric specimens were tested.

Material allowables were calculated from the test data using statistical procedures and guidelines
given in MIL-HDBK-17 [3]. The final B-basis strengths/strains and mean moduli were generally in
good agreement with the original preliminary allowables (interpolated to 180°F (82°C)). Figure 1
shows this comparison for tape. None of the properties which were lower than initial estimates were
significant enough to result in design changes.

In addition to the above tests. various bolted joint, sandwich, and interlaminar tension tests were
conducted in a number of configurations to further quantify properties of specific design details.
These are summarized in the following paragraphs.

Bolted Joint Tests

A number of tests were performed to verify the performance of specific laminates and configura-
tions. These tests included open hole, filled hole, bearing, countersunk fasteners. and fasteners with
lower than normal edge distance. Tests were conducted for RTA. ETW. ETD (elevated temperature
dry). and CTD {cold temperature dry) conditions. Open hole tension and compression tests were con-
ducted for several laminates: 25/50/25. 58.3/27.8/13.9, 20/60/20, and 12.5/75/12.5; where the num-
bers signify the percent of ply thickness in the 0, =435. and 90 degree directions. The first laminate is
quasi-isotropic with 25% 0°/50% *45°/25% 90°. Three hole diameters were used—{ "« in. (3.97
mm), *w in. (4.76 mm), and 's in. (6.35 mm)]. A W/D (specimen width/bolt diameter) of 6 was used
for most of the tests. Some tests were done at W/D ratios of 4 and 8 to verify that there would be no
discernible width effect. Filled hole tension tests were conducted for ETD and CTD environments.
These tests are similar to open hole tests except that a standard bolt is inserted into a 0.003 in. (0.076
mm) oversize hole. with torque set to finger tight (25 in. * Ib/2.83 N - m). Preliminary testing had
shown that filled hole strengths in tension are normally lower than open hole strengths, so filled hole
tension values were used for design.

Bearing tests were conducted for the four laminates and the three bolt diameters mentioned above.
and for several values of bolt torque-up. The bolt torque used in testing can have a large influence on
the bearing strength in composites due to the support the bolt head gives to the laminate. Increasing
the bolt torque provides added clamp-up support at the contact points, creating a triaxial stress field.
Tightening to just a finger tight torque can increase the bearing strength by 25% to 30% compared to
the pin bearing or no bolt head restraint strength. Tests were conducted with specimens of varying
width to show the effect on bearing strength.

Sandwich Compression After Impact (CAl) Tests

When a sandwich with composite face sheets is subjected to a low velocity impact by dropped
tools, runway debris. or other low energy impacts. the compression strength is reduced due to the re-
sulting delaminations, fiber breakage, matrix cracking, and core crushing. Typically the compression
strength is reduced by around half by low velocity impact damage which produces damage at the
threshold of visibility. Therefore the compression atlowable strength used for design must assume
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TABLE 4—Sandwich compression and CAl static test marrix.

Core Cell No CAI
Specimen # Density  Size Damage Damage
ID Plies Core (PCF) (in.) RTA ETA ETW RTA ETA ETW

3NB 2 Nomex 3.0 1/8 3 5
INB 3 Nomex 3.0 1/8 3 3 3 3 9
2NB 4 Nomex 3.0 1/8 6 3 3 12 6 9
2AB 4 5056 6.1 1/8 3 3 3 3 3 3
H3NB 2 HIFT 3.0 3/16 3 3 3 3 3
HINB 3 HFT 3.0 3/16 3 3 3 3 3 3
H2NB 4 HFT 3.0 3/16 3 3 3 3 3 3
KINB 3 Korex 3.0 1/8 3 4 3 5

that impact damage is present from the first day in service. To determine the BVID CAI strength a
test program was performed to determine the impact energy required to produce barely visible impact
damage, to impact specimens at this impact energy, and to perform compression strength tests on the
impacted specimens. A number of facesheet laminate and honeycomb combinations were tested. as
given in Table 4. Tests were conducted at RTA. ETW. and ETD environmental conditions. The test
panels were constructed with 1 in. honeycomb core with potting compound inserted at the position of
the loaded ends. 6 in. X 6 in. (152 mm X 152 mm) test specimens were then cut from the panel and
the potted loaded ends were ground parallel. Each specimen was impact damaged and the specimen
was compression tested in the fixture shown in Fig. 2 [4]. The test fixture was developed at Sikorsky
after experiencing problems with sandwich beam tests.

FIG. 2—Sandwich compression test fixture.
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Interlaminar Tension Tests

Composite stiffeners and fittings can fail due to interlaminar tension stresses in curved members.
For composite stiffeners and fittings this is a critical failure mode since the allowable interlaminar
tension stress is so low. To determine the allowable stress for this mode curved beams were
constructed and tested in bending as shown in Fig. 3, producing a delamination near the mid
thickness in the corner. Closed form solutions [5] were used to determine the interlaminar tension
stress for each test. Tests were conducted at RTA and ETW conditions to produce the required
allowables.

Element Tests

A series of element tests was conducted to provide design values for use in design of the Comanche
airframe. The element tests included: beaded shear panels, sandwich shear panels. crippling tests, and
bearing bypass tests.

Beaded Shear Panels

Beaded shear panels are used in the aircraft as shear webs for lightly loaded areas such as bulk-
heads and some areas of the keel beam. Beaded shear webs have been used in metal aircraft since the
1940s but have not been used extensively in composites due to lack of test data on failure modes. A
series of shear tests were performed with beaded shear webs in a picture frame apparatus, as shown

Interlaminar Tension s
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FIG. 3—Curved beam interlaminar tension strength test.
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FIG. 4—Beuded shear panel test.

in Fig. 4. The test matrix included two panel thicknesses and two bead heights 0.375 in. (9.5 mm) and
0.50 in. (12.7 mm). Test panels were 15.5 in. X 25.5 in. (394 mm X 648 mm) between corner pins.
with fiberglass doublers at the edges. Tests were performed on undamaged panels. on panels with im-
pact damage. and with ballistic damage (12.7 mm bullet holes). Testing was done at both RTA and
ETW conditions. The panels failed by snap through of the beads, with lower strengths at ETW. as
would be expected due to the lower moduli at ETW. There were 29 undamaged. 30 impact damaged.
and 21 ballistically damaged panels tested. The test results were correlated with equations used for
metal panels [6] and with stiffened panel buckling equations, which assumed the bead acted like a
transverse stiffener. Twenty-two undamaged solid laminate shear panels with circular cutouts were
also tested in the same apparatus as the beaded shear panels. Impact and ballistically damaged pan-
els with cutouts will be tested before the Comanche goes into production.

Sandwich Shear Panels

Sandwich shear panels may be used in the aircraft for areas that are too highly loaded for beaded
panels to be used. Typical applications are bulkheads, keel beam webs, and the aircraft exterior skin.
Nomex (aramid-fiber paper treated with phenolic resin), HFT (bias weave glass fabric), and Korex
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honeycomb cores were used, depending on the load requirernent. The honeycomb panels used a “pan-
edged” design for the edge attachment region, where the honeycomb edges are ramped down at a 25
deg angle to a solid laminate at the edges. The edge attachments are reinforced locally to resist the
moments and shears caused by the eccentric load introduction and to increase bearing area at the fas-
teners. The honeycomb shear panels were tested in a 26 in. (660 mm) square picture frame shear test
frame, similar to the beaded shear panel test. The test program included RTA and ETW tests, with 20
undamaged specimens, 19 impact damaged specimens, and 9 ballistic damaged specimens. The test
results were correlated with sandwich panel shear buckling equations [7] for overall panel buckling
and with MSC/NASTRAN [8] for the stresses in the panned edge regions.

Crippling Specimens

Crippling specimens are used to determine the postbuckling compression strength of stiffeners.
The stiffener will normally fail at a load greater than the initial buckling load with failure caused by
the postbuckling deformations of the segments making up the stiffener. Tests are required to deter-
mine a crippling stress versus segment width/thickness (b/t) curve for use in design, since the theo-
retical buckling stress does not correlate with the crippling failure stress. An angle specimen was used
to simulate the one-edge-free case, with a channel specimen for the no-edge-free case. The ends of
the test specimen are potted and ground parallel before placing in the test machine. Figure 5 shows a
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FIG. 5—Channel crippling specimen.
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typical channel specimen. The test program included three b/t ratios for the one-edge-tree and no-
edge-free cases, with both RTA and ETW environmental conditions, for a total of 36 specimens.

Bearing-Bypass Tests

In addition to the open hole, filled hole and bearing tests done to support design of single bolt
joints, tests were done to determine the effect of varying the bearing stress and the far field (by-
pass) stress. Knowledge of the bearing-bypass interaction is needed to design the multiple bolt
joints typical of fittings and splices, where each bolt will have a different bearing load. The bypass
failure stress is reduced due to the interaction of the bearing stress with the bypass stress, as shown
in Fig. 6. Analysis codes are available for predicting bearing bypass curves from analysis of the
stress field around the joint (BJSFM [9]). and to determine the load for each bolt in the joint (A4EJ
[10}). To obtain a bearing-bypass curve it is necessary to test specimens with different bearing/by-
pass ratios, which is a difficult task. The method used in the RAH-66 program was a bolted dou-
bler arrangement as shown in Fig. 7. where the bearing load in the specimen is varied by changing
the stiffness ratio between the specimen and the doubler. The only problem is that the ratio of bear-
ing load to bypass load changes during the test. When the bearing load reaches its initial nonlinear
yielding point the bolt hole starts elongating, which reduces the bearing/bypass ratio as the load is
increased. At a given load, the doubler load is obtained as the applied load minus the bypass load
in the laminate (which is given by the strain in the specimen times the modulus times the laminate
area). The bolt load is then the doubler load, while the bypass strain is read from the strain gages
on the laminate [/]]. The data points are plotted as shown in Fig. 6 to find the point at which the
bearing-bypass ratio starts to change.

Subcomponent Tests

A series of subcomponent tests were performed to validate design details and design analysis
methodology. Subcomponent tests included: fuselage joint tests, fuselage tub crush tests, fuel tank
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hydraulic ram tests, hellfire missile exhaust plume etfects tests, and main landing gear frangible tube
tests. The subcomponent tests are described briefly below. Figure 8 displays the areas of the Co-
manche fuselage represented by the test specimens.

Fuselage Joint Tests

A number of fuselage joint concepts were tested to verify static and fatigue strength and validate
the analytic sizing methodology. which was based on the material strength coupon testing and the
bearing/bypass and crippling element testing described above. The joints typically consisted of a

Transmission
Support Fitting

Tail Landing
Fuselage Gear
Weapon Bay Joints

Doors

Tub Crush Fuel Tank

Zone

Gun Attachment Main Landing
Gear

FIG. 8—Areas covered by subcomponent and component testing.
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combination of metallic and graphite/epoxy elements, with load transfer either through tension
bolts or through shear bolts. Parts were manufactured and assembled using production processes.
Static testing was performed at both RTD and ETW conditions, while fatigue testing was per-
formed at RTD conditions. BVID was not included in the specimens at this level, those effects be-
ing accounted for analytically based on the previous test results. Both static and fatigue perfor-
mance of the joints was acceptable and the concepts were carried forward and refined in detail
design.

Fuselage Tub Crush Tests

The purpose of the fuselage tub crush tests was to verify the crush and energy absorption charac-
teristics of the lower “tub™ section of the fuselage: the longitudinal keel beams, transverse bulkheads,
and the side skins. During a crash. after the landing gear has fully stroked, the “tub” section of the
fuselage will crush, absorbing additional energy, up to approximately 50% of the total crash energy
attenuation at the design sink speed. Initial sizing and energy absorption predictions for beaded pan-
els had been based on previous coupon work performed by Farley at AATD [/2] and Sikorsky inter-
nal data from tests performed in the early 1980s for the All Composite Aircraft Program (ACAP)
[13]. Initial sizing and energy absorption predictions for sandwich panels had been based on work
previously published by Cronkhite at Bell Helicopter [/4]. For both the beaded and sandwich panels.
detail differences existed between the previously tested specimens and the Comanche configuration,
primarily to improve the producibility of the Comanche. The tub crush tests were performed to ver-
ify the energy absorption performance of the Comanche configuration.

Test specimens were manufactured of two types: (1) graphite/epoxy monolithic panels with
molded-in stiffening beads. and (2) graphite/epoxy faced sandwich panels. The test specimens were
manufactured as four-sided boxes, representative of the size of the fuselage components, with varia-
tions in thickness and materials. Both static crushing and impact drop tests were performed, to deter-
mine the sensitivity of the energy absorption capability to variations in structural thickness and con-
figuration. BVID was not included in these specimens as it was not expected to affect the crush
energy absorption behavior of the overall specimen (see Fig. 9).

The performance desired of the specimens was to achieve as close as possible a rectangular load
versus stroke curve, with load rapidly rising to a maximum load level which would not result in in-
jurious deceleration of the aircraft, and sustain that load level to produce the maximum energy ab-
sorption. The initial testing revealed detail deficiencies which resulted in less energy absorption
than desired. Details of the beaded panel closeout and the sandwich panel edge rampdown were
modified and new specimens manufactured and tested. showing improved performance. The re-
vised configurations were incorporated into the aircraft design. Good agreement was observed be-
tween the static crush tests and the drop tests with respect to peak load, mode of failure, and spe-
cific energy absorption for both the beaded and sandwich panels, except that the sandwich static
crush specimens tended to fail in plate buckling. while the drop test specimens crushed at the panel
ramp ends.

Additional tests performed with similar specimens incorporating hard points representing the gun
attachment and the main landing gear attachment demonstrated that the attachments could be de-
signed to prevent the hard points from causing undesirable high peak loads.

Data from the series of tub crush tests have since been incorporated into the Comanche KRASH
85 [15] model, a nonlinear crash impact analysis code, to verify the overall energy absorption of the
fuselage and the survivability and crashworthiness of the aircraft.

Fuel Tank Hydraulic Ram Tests

Hydraulic ram occurs due to transfer of energy from a high speed projectile into an enclosed lig-
uid, creating a shock wave that causes high peak pressure loads on the enclosing structure. In mili-
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tary aircraft, the primary concern is for the fuel tank, especially for integral fuel tanks which also
serve as primary airframe load-bearing structure. Composite fuel tank structures are an additional
concern, as composite structure is typically stiffer in bending and less ductile than typical aluminum
structure, tending to aggravate the pressure loads. The Comanche fuel tank is formed, in part, by the
structural keel beams, resulting in a tall narrow tank with support structure also required to carry air-
craft primary structural loads. Several configurations of stiffened monolithic graphite/epoxy panels,
corrugated graphite/epoxy panels, and graphite/epoxy faced honeycomb sandwich panels were pro-
posed. however the analytical methodology was not capable of discriminating between the configu-
rations. Therefore, ballistic impact tests were performed at Aberdeen Proving Ground on several con-
figurations. A four-sided steel box was fabricated, representing the top, bottom, and ends of the fuel
tank and forming the correct size and spacing of the aircraft keel beam. Bolted to the front and back
openings of this box were test panels representative of the aircraft keel beam panels, through which
the projectile was shot. The panel providing the best performance was a graphite/epoxy faced sand-
wich panel with aluminum honeycomb core and a grid of fiberglass damage-limiting strips co-cured
in the sandwich face sheets.
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Hellfire Missile Exhaust Plume Effects Tests

A series of tests was performed with graphite/epoxy panels mounted in proximity to the plume of
a Hellfire missile (see Fig. 10). The panels represented the side of the fuselage and the weapon sup-
port door. The Comanche mounts Hellfire missiles to the underside of a door which is operable dur-
ing flight. Normal flight is performed with the doors closed and the missiles stored internally in the
aircraft weapons bay. To fire the missiles, the doors are opened. The geometric constraints of this ar-
rangement result in the Hellfire missile, and consequently the exhaust plume of the missile, being in
relatively close proximity both to the fuselage side skins and the weapon support door. The panels
were instrumented with strain gages and surface-mounted pressure transducers to measure overall
bending and local pressure loads. Data measured during these tests verified the design of the skins
and the weapon support door were adequate to react the pressure loads.

Main Landing Gear Frangible Tube Tests

The Comanche main landing gear has an air/oil shock strut for energy absorption during normal
landings. For high-energy landings, such as during a crash, an additional energy absorption device is
required to limit the peak loads reacted through the shock strut and to increase the efficiency of the en-
ergy absorption of the shock strut. The device used on the Comanche shock strut is a frangible alu-
minum tube, which, under compression loads, is forced onto a die which splits the tube longitudinally
and forces the moving end outward. The energy absorbed due to this action results in a load which is
fairly constant and insensitive to the relative speed of the tube. In the Comanche shock strut, the fran-
gible tube is in series with the compression load path of the shock strut and normally serves as a static
compression member. However, upon exceedence of the design load, a fusible link is severed, allow-
ing motion of the frangible tube onto the die and the desired energy absorption. To determine the opti-
mum diameter, wall thickness and die geometry, a series of tests on tube and die specimens were per-
formed (see Fig. 11). These tests consisted of dropping a sufficient weight at the design impact speed
to produce the desired energy absorption onto the tube and die specimen, causing the tube to stroke onto
the die. The results of these tests were incorporated into the design of the Comanche main landing gear.

Component Tests

A series of component tests was performed to verify design capability. The component tests in-
cluded: transmission support fitting fatigue test and the main and tail landing gear drop test. The com-
ponent tests are briefly described below. Figure 8 displays the areas of the Comanche fuselage rep-
resented by the test specimens.
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Transmission Support Fitting Fatigue Test

The transmission support fitting attaches the main rotor and transmission system to the airframe
(see Fig. 12). The fitting consists of a central vertically oriented cylindrical structure, with flanges at
the top and bottom and with four legs, two projecting forward and two aft. The main rotor mast, car-
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FIG. 12—Transmission support fitting fatigue test facility.
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rying the main rotor flight loads. is bolted to the upper flange of the transmission support fitting, while
the main rotor gearbox is bolted to the lower flange. The forward legs attach the fitting to the airframe
structure. The fitting is machined from Titanium 10V-2Fe-3A1 (Ti-10-2-3) forging and is sized due
to fatigue loads from the main rotor. Sizing of the fitting was based on a detailed NASTRAN finite-
element model of the fitting used to calculate stress levels and standard Sikorsky fatigue analysis
methodology, with Ti-10-2-3 fatigue allowables based on coupon test data developed for the Co-
manche program. A full-scale component of the transmission support fitting and its load interfaces
was tested in fatigue. The test veritied the overall fatigue performance of the fitting, while also iden-
tifying some shortcomings in the attachment to the airframe. Improvements in the attachment have
been incorporated into the planned production design of the fitting and will be verified when pro-
duction specimens are manufactured.

Main and Tail Landing Gear Drop Test

The main and tail landing gear have been subjected to drop tests up to the reserve energy sink
speed of 11 ft/s (3.4 m/s) (see Fig. 13). The landing gears had been sized based on energy ab-
sorption and load predictions from detailed KRASH 85 models [/5]. The drop tests have verified
the energy absorption performance and structural capability of the landing gear up to that speed.
Follow on testing up to full crash sink speed of 38 ft/s (11.6 m/s), which would verify the
structural capability and the frangible tube energy absorption, is planned for the production
program.
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FIG. 14—Comanche airframe full-scale static test article.

Static Test Article

A full-scale static test article (STA) was manufactured to subject the airframe structure to simu-
lated design flight and landing loads (see Fig. 14). The STA was manufactured on the same tool-
ing and with the same processes as the flight aircraft. Additionally, intentional impact and delami-
nation defects representing small manufacturing defects and BVID were included in critical areas
to demonstrate flaw tolerance of the structure. In this test phase. loads were applied to a proof load
of 115% of limit load to demonstrate the structural capability sufficient to clear the flight test air-
craft for flight. Additional load enhancement factors to account for environmental effects were not
applied at this phase due to the limited flight test period to be covered. Testing to substantiate the
production aircraft to ultimate loads with full account of environmental and material variability ef-
fects is planned for a later phase of the program. Loads applied to the STA represented concen-
trated loads from the main and tail rotors and the landing gear. distributed aerodynamic loads on
the control surfaces and fuselage. and concentrated and distributed inertia loads. A series of seven
major test conditions, selected for criticality over a large section of the airframe, were performed,
as well as seven locally critical minor conditions. As the structural components which build up into
the flight aircraft as well as the STA had been sized using material and element allowables based
on the testing described previously, the STA tests were the ultimate verification of the structural
sizing methodology. The STA successfully completed this phase of its test program. During the
course of the testing, several local areas were identified in which local load distribution was dif-
ferent than that assumed in the analysis, resulting in overloading of detail components. Structural
modifications were implemented in the STA, retested to verify the improvement, and incorporated
into the flight test aircraft. Additionally, data gathered on the flight test aircraft demonstrated higher
than anticipated empennage aerodynamic loads. Following a revision to the load prediction. the
STA empennage was subjected to additional testing to demonstrate the capability of the flight test
aircraft for the higher loads.

Conclusions

The RAH-66 Comanche building block structural qualification program consisted of material se-
lection and qualification tests, coupon level tests, element tests, subcomponent tests, and a full-scale
static test of the airframe structure. The program provided data that validated our analysis methods
and allowed for the reduction of the amount of testing needed. The test program provided data which
permitted flight testing of the prototype. Before the Comanche can enter service, additional testing
will be required to verify its ultimate strength, damage tolerance, crashworthiness, and its fatigue life.
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ABSTRACT: This paper describes a method for predicting key structural properties of carbon fiber re-
inforced composite materials containing ply waviness several times the nominal ply thickness. These so-
called marcelled regions have been observed in a number of highly loaded thick structural components.
The origins of these defects are not fully understood. although several contributing factors have been
identified. The goal of this work is to develop an analysis based disposition criterion for components
where fabrication process changes cannot be readily implemented to eliminate marcel defects. Work to
date has focused on developing a micro-mechanics-based procedure for modeling the strength and stiff-
ness properties of a marcelled region given basic properties of the material and simple geometric pa-
rameters of the marcel that can be measured nondestructively. The result is a general constitutive model
that can be used in global structural analysis packages to assess the effects marcel detects have on com-
ponent performance. Analyses of test coupons containing marcelled regions have been carried out to il-
lustrate the method and establish the validity of the modeling approach. Results indicate that the degree
to which marcel defects affect structural properties depends not only on the maximum fiber misalign-
ment angle. but also on the location and size of the marcelled region and nominal applied strain field.

KEYWORDS: marcel defect. ply waviness, accept/reject criteria, constitutive model, test data

Throughout this paper we will use the term marcel™ to describe a deviation from the desired fiber
(ply) orientation in a composite laminate which is relatively abrupt. Others have used terms like fiber
waviness or fiber wrinkles to refer to these fabrication-induced defects. Marcels have been observed
to occur in, or normal (through the thickness) to, the lamination plane. A typical through-the-thick-
ness marcel defect is shown in Fig. 1. While the modeling approach described here is applicable to
both types of marcels, analysis results and test data presented here are limited to through-the-thick-
ness marcel defects.

It has been offered that processing parameters such as pressure application rate, pressure gradients,
cure cycle, tool fit and mis-kitting of ply drop-off, are the source of marcel defects. The focus of our
work is not how or why marcel defects appear in composite components. Rather, the goal is to de-
velop an analysis-based criterion for determining the effects that marcel defects have on composite
structural properties: stiffness (modulus), static strength (subcritical and ultimate), and residual
strength after low-cycle fatigue loading. This objective was accomplished for the simple case of
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* Per the American Heritage Dictionary~—A hair style characterized by regular waves. Originated by Marcel
Grateau.
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FIG. 1—Schematic of marcel shape and photograph of actual marcels in a part.

straight-sided test specimens by conducting analyses and experiments that: (1) establish load levels
at which the defect produces subcritical (interlaminar or intralaminar) damage, and (2) track how
damage progresses to ultimate failure. Each of these may be important in setting accept/reject crite-
ria for composite components containing marcel defects.

This paper is structured as follows. Background on what a marcel defect is. why marcel defects
wairant detailed study, and how micromechanics-based modeling techniques can be used to charac-
terize how the marcel perturbs the local stress state is presented first. This is followed by results of
an experimental program (coupon level tests) designed to illustrate the effects marcel defects have on
key structural properties of composites. Discussion of test results and comparison of analyses of the
experiments to the measured data are then presented. The relevance of this work to development of
accept/reject criteria for composite parts containing marcel defects and a set of summary remarks
conclude the paper.

Analysis Methods for the Effects of Marcel Defects on Structural Properties of Composite
Materials

In this section, we present background on how a marcel defect can be characterized, how one can
use micromechanics principles to assess the effects of marcel defects on structural properties, and
why marcel defects warrant detailed study.

An underlying requirement to the modeling approach developed here is that it be suitable for use
in flaw criticality analyses of complex composite structures which contain marcel defects. This im-
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plies a certain level of computational efficiency be incorporated into the modeling strategy. It has
been shown that one can include marcel defects in a 3-D continuum finite-element (FE) analysis by
defining an element mesh that tracks along the wavy layers of the laminate [/]. However, it is not
clear that such an approach can be readily adapted to the task at hand. An approach where marcel de-
fects can be easily incorporated into a standard or existing structural analysis model is preferred. This
would allow one to carry out a flaw criticality assessment by

1. Developing a FE model for a structure of sufticient detail to capture important stress (or strain)
gradients assuming that the component is defect free.

2. Postulating that marcel defects exist in as many areas of the structure as one wishes by simply
“placing a marcel” at discrete locations.

3. Comparing results of the analysis to experimental data to determine whether (or to what degree)
the marcel defect affects structural reliability.

Carrying out Steps 2 and 3 above, for several different marcel defect size and shapes, would allow
one to determine the maximum allowable marcel versus position in the structure which would be use-
ful in setting nondestructive evaluation (NDE) requirements. Alternatively, if a marcel of a given size
and shape is found via NDE, one could use Steps 2 and 3 to assess how margins of safety are affected
by the defect. Thus, these analyses coupled with experimental data provide a mechanism for devel-
oping an accept/reject criteria for structural components.

Key Geometric Parameters

Before an assessment can be made whether a marcel defect is acceptable or rejectable, one must
have a method for characterizing the anomaly. The geometric parameters chosen to describe the de-
fect must be compatible with both nondestructive evaluation (NDE) techniques and the method by
which the defect will be modeled in flaw criticality analyses.

A schematic of a marcel defect is shown in Fig. 1. The key parameters we have chosen to repre-
sent the defect are: the height of the marcel at its peak hq, the span dimension 2¢. the shape of the
marcel as defined as a function of spatial coordinates which may be rectangular, cylindrical, or spher-
ical, and a set of coordinates which defines the spatial location of the center of the marcel. An addi-
tional function that defines the decay rate of the waviness is also required.

Micromechanics Based Analvsis Method

An important aspect of the current work is the ability to include the effects of marcel defects in
a structural analysis without explicitly modeling the wavy material layers (c.f., [{]). As indicated
by Fig. 2, the spatial variation of material properties produced by the marcel defect can be included
in the analysis through coordinate system transformations, i.e., via the 3 X 3 transformation matrix
(71

ux Ty, T T fu
yt = |Tay T2z Toa|jits (1)
Uz T3, T3 Tasllu,

which relates quantities in the local coordinate system (viz., xyz) to the global system (viz., XYZ). The
matrix [T] must be defined for every integration point within the finite-element model. Away from
the marcel defect, the local directions are aligned with the global axes giving the simple result, T =
8,4 the identity matrix. If, for example, the marcel geometry can be approximated by a simple poly-
nomial or other analytical function of position (XYZ), [T] for any integration point within the finite-

element model can easily be computed by taking appropriate spatial derivatives. In the ABAQUS [2]
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finite-element analysis program, this task is automated by using a user written FORTRAN subrou-
tine to perform the calculations.

For the marcel patterns investigated in this report, the marcel generator height 4 at any point (¥, ¥)
was represented by an equation of the form (for a two-dimensional marcel):

hX)=a+bx +cX* +dx +ext. . ... mx"” (2)
with boundary conditions of the type
h("f) = O, I’l(+() = O. ]I(O) = /’lo. with h(\_p) = ap and I’l,()k_p) — Bp p= (’ o (3)

where X is the distance from the marcel center point (xo, ¥p), and the prime indicates derivative with
respect to X. In Eq 3, hp and € can be considered as gross measures of the marcel defect size, while
h(*) = aand h’(*) = B are simply height and slope control points for the polynomial fit which may
be defined by a detailed NDE map. An additional function ¢(¥) defines how the marcel wave dies out
versus ¥. For all work described here, we have assumed that the amplitude of the wave decays lin-
early over some distance h. Clearly, more elaborate representations could be constructed, however,
it 1s not clear that standard NDE techniques are capable of defining such a function. Other definitions
(i.e., exponential functions) and three-dimensional shapes (i.e., bubble functions) have been imple-
mented into ABAQUS without difficulty.

Once the local material directions have been defined, homogenization theory and micromechanics
provides the mechanism for determining the effective constitutive relation of a representative volume
element (RVE) of the composite. From a practical point of view, homogenization theory provides the
properties of the material that allows one to conduct an analysis of a composite body as if it were a
homogeneous continuum. For certain material architectures, the micromechanics problem can be
solved in closed form, yielding an analytical model for the effective macroscopic behavior of the
composite in terms of microstructural inputs [3,4]. The importance of the RVE concept and homog-
enization theory to the analysis of heterogeneous materials can not be overstated, for without it one
would have to explicitly include details of the material microstructure in the constitutive relation
making analyses of composite structures computationally prohibitive. The micromechanics analysis
also provides what is commonly called a localization tensor, which defines the relationship between
important field variables within the RVE (viz., spatially varying stress o(x) and strain &(x)) and
macroscopic averages (viz., 3 and E). This allows one to compute average layer (xyz) or unidirec-
tional composite (UDC) (/23) level stresses and strains from the macroscopic or continuum level
(XYZ) stresses and strains produced by a finite-element analysis. As discussed later in this article,
these layer or UDC level quantities are particularly useful in constructing physically based material
failure models.

The composite material studied here is a [0°/90°],, laminate, therefore, a typical RVE consists of
two layers of material, one with fibers aligned with the local x axis and one with fiber aligned with
local . The stiffness tensor Cf},}}E relating macroscopic composite stresses and strains in the xyz co-
ordinate system, i.e.,

Stj = C}}'/XE Ey )
of this RVE can be constructed from unidirectional composite (UDC- or /23 coordinate system in

Fig. 2) elastic constants using a method given by Rosen et al., [5].° The stress-strain relation Chyy® for

3 The method outlined by Rosen yields an analytical model that may be viewed as a three-dimensional version
of classical laminated plate theory.



CAIAZZO ET AL ON. MARCEL DEFECTS 163

TABLE |—Unidirectional composite elustic properties.

Ey En B Vi Vi3 Va3 G12. Gy Gaa

19.4 Msi 1.1 Msi 0.3 0.4 0.60 Msi 0.38 Msi

a [0°/90°],,, laminate is of the reduced form:

E.\ t C‘.\ A C\'.\)' v C\.\ Iy 0 0 0 E\,\
Z‘i" C,\'.\i\',\' C.\'.\ o 0 0 0 E W
‘SZ: Cl::i 0 0 0 E?:
2“ = C\ - 0 0 Ery (5 )
3. SYM Coc 0 E,.
E}': C\';}': Evz

since this laminate is specially orthotropic in the local xyz coordinate system. Once Chyy® and the
transformation matrix [7] have been defined, a continuum level finite-element analysis of a structure
to establish how key structural properties are affected by the presence of a marcel defect can be car-
ried out in the usual manner.

Linear Elastic Stress Fields Near a Marcel Defect

Before proceeding to a discussion of results of analyses that track damage progression in mate-
rials with marcel defects. results of elastic analyses that illustrate how a marcel defect perturbs the
stress field in a uniformly loaded section of [0°/90°],; IM7/8552 laminate will be presented. Both
isolated and multiple marcel defects were considered. however, analysis results are only presented
here for the case of a single isolated defect.® Two-dimensional plane strain analyses were per-
formed using the ABAQUS code for several marcel geometries described by a polynomial of the
form:

h(Z) = hy [1 -3 (%)2 +2 (—}_—” (6)

assuming a linear die-out definition ys(¥) over the height ¥ < h,. Marcel geometries of various shapes
(ie., 0.2 = fiy/€ = 1.0). and extents (i.e., 0.2 < ho/t = 0.8) through the thickness were investigated.
For all cases the marcel center (xp. vy) was located at the bottom laminate surface.

The material properties for the unidirectional carbon fiber toughened epoxy (IM7/8552) compos-
ite being studied are given in Table 1. If no marcel defect were present, the elastic constants would
be as given in Table 2.

Contours of laminate level (xyz) stresses. normalized to the applied axial tensile stress, for the case
ho/€ = 0.5, hy/t = 0.5 with the marcel center located at the lower surface (vo = —#2) and mid-thick-
ness (yo = 0) are shown in Figs. 3 through 5. Maximum values of 2, and 3, for vo = O cases are
summarized in Figs. 6 and 7. No plot is provided for the maximum interlaminar shear stress, since it
did not vary significantly (i.e., the normalized EX_&. = ().20) for the cases studied. Note for each case
2w = l,and 3, = 3, = 0, if no marcel were present,

¢ The reasons for this are threefold: (1) it is easy to see that the method described here is sufficiently general to
include multiple defects and, therefore, additional analysis results provide no unique information on the approach;
(2) experimental data presented here are limited to single isolated defects; and (3) results show that the perturba-
tion in the underlying stress field is highly localized so that most marcels may be termed isolated defects.
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TABLE 2—/[0/90], composite laminate elastic properties.

E\.\~ Er: E\-y Ve Viy Viz G.\\'v G:y G\r

10.3 Msi 1.27 Misi 0.4 0.03 0.49 Msi 0.60 Msi

It is interesting to note that in the absence of damage. the apparent axial Young's modulus obtained
from this analysis, i.e..

Tave
E = -2¢ (7)
Eavg
where
_ Total force .
Tuwe = Cross-sectional area (8)
and
End displacement
Eavg = —p_ (9)

Specimen length

is not significantly affected by what we would characterize as gross marcel defects (e.g., hy/€ = 0.5,
hoft = 0.5), while a marcel defect of this size will certainly affect the failure process of composite
laminates. These results show that significant interlaminar stresses are introduced for a far-field load
that would normally produce a fiber dominated failure. These general observations have been made

O, Normalized to nominal o,,

/

Max o, = 1.48

g
=

mm

= i:i: H:!:;::
AR
Max o, = 2.15

FIG. 3—Normal stress in local x-direction normalized to nominal o,y for both marcel locations.
The location of the marcel center is indicated.
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FIG. 6—Results of linear elastic stress analyses for marcel at middle surface (y = 0).
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FIG. 7—Results of linear elastic stress analyses for marcel ar middle surface (y = 0).
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FIG. 9—Microbuckling schematic.

to provide an overall measure of damage within the material. Strain energy dissipated is a convenient
damage measure, since this simple scalar quantity can easily be applied to more complex structures.

A model for tracking growth and initiation of microinstabilities in any UDC of a RVE is shown
schematically in Fig. 9. In this model, it is assumed the UDC kinks which causes a loss in axial (!
direction) stiffness defined by the rotation angle. The inelastic £;, strain component can be defined
by considering the kinematics of the rotation

&1 =(1 —&f]) - (1 — cosg) (1)

where £{] is the axial strain (fiber direction) at which microinstability initiates, and ¢ is the rotation
angle from the axial direction. Knowing ¢, CE},XE can be updated to account for the rotation (kinking)
of the UDC that have reached their compressive instability load. Therefore, microinstability failures
produce a nonlinear (inelastic) stress-strain relation for the RVE. Note that the compressive strain re-
quired to initiate kinking (i.e., establishes £{}) depends on many factors, including fiber modulus,
fiber volume fraction. and the in-situ nonlinear shear stress-strain of the UDC [9]. Effects of multi-
axial stress states present near a marcel defect can be introduced assuming that the matrix behavior
can be represented by J> deformation theory [10].

Either of the micromechanics based nonlinear constitutive relations described to this point can be
used in a finite-element-based stress analysis as follows. For each load increment, the subroutine that
defines material properties is called to get the current definition of the constitutive relation. Global
(XYZ) equilibrium stresses and strains for each element are computed, and are then transformed to lo-
cal element (xvz) coordinates. The local element quantities are passed back to the material subroutine
where UDC (/23) level stresses and strains at the material point are computed. The material subrou-
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TABLE 3—Uhnidirectional composite strengths used in sensitivity

analyses.
Strength Sy (ksi) Su (ksi) Si2, 813 $23
S1 +210 —140 +5.0 —12.0 9.0 8.0
S2 +210 —140 +9.0 —-12.0 4.0 3.0

tine checks for failures within the RVE, and updates the constitutive relation accordingly. Residuals’
arising from inelastic behavior are applied and global equilibrium is re-checked. The iterative process
is repeated until all residuals are within an acceptable value. The ABAQUS code provides users with
an easy to implement interface. called UMAT, for defining a general material constitutive relation
that can be used with any elements in the stress analysis library.

Modeling Damage Evolution in Composite Elements Containing Marcel Defects

A series of analyses were conducted to predict, prior to conducting experiments, the response of
simple test coupons containing marcel defects when loaded monotonically in tension beyond the elas-
tic range. Two marcel sizes (M1; h/¢ = 0.25 and M2; /€ = 1.0) centered at the mid-thickness were
investigated. Two sets of strength values for the composite were assumed; one with a relatively low
transverse tensile strength (S1), and one with a low shear strength (S2). A range of material proper-
ties (given in Table 3) was investigated because we had no knowledge of how the individual matrix
dominated failure strengths (tension and shear) might be affected by planned cyclic tensile tests. Note
that fiber dominated strengths were held constant for all analyses. In the work reported in this article,
the maximum strain failure criterion was used to determine if inelastic strains exist within an RVE,
although this approach is easily implemented for any physically based failure criteria (i.e., maximum
stress [/ /] or Hashin interaction [/2]).

Figure 10 shows the average stress plotted versus average strain for the tension load cases studied.
For each analysis, the end of the curve may not necessarily represent ultimate failure, but rather the
highest applied displacement for which the solver obtained an equilibrium solution within the toler-
ance specified. The stress-strain curve for the composite with marcel M2 lies below that of marcel
MI. This is due to more extensive matrix failure occurring earlier in the applied load history. At
higher strains, specimens with strength S1 undergo a sudden drop in the average stress-strain re-
sponse. These events have been labeled A and B on the plot. Event C represents less sudden but sig-
nificant change in stress-strain response.

Ignoring Poisson effects, C,, (dropping the RVE superscript for convenience) in Eq 4 relates stress
to strain in the local x (0° laminate) direction. Significant degradation of C,, would indicate fiber fail-
ure since the stiffness of the 90° layers is approximately 5% of the 0° layers for carbon fiber com-
posite studied here. The C,, term relates transverse stress to transverse strain (22-direction in both
layers)., while C,, relates interlaminar shear stress to interlaminar shear strain (12- or 23-direction for
the 0° and 90° layers, respectively). These terms are dominated by matrix (not fiber) properties. Fig-
ure 11 shows contour plots of C.,, C,,, and C,, for the M2/S1 analysis case as the applied strain is in-
creased from 0.56 to 0.58%. The most significant damage in the local x-direction occurs in the mate-
rial with the higher shear strength (strength S1). This can be explained by considering that the load
applied in the global X-direction must be transferred through shear around the locally more compli-
ant marcel area. If the interlaminar shear strength is sufficiently high to support this shear stress, a
stress concentration (similar to a notch effect) is created in the material directly above and below the
marcel that can cause fiber failure. Conversely, if interlaminar shear failures occur at the marcel, the
X-direction stress near the defect is spread over a larger area and no fiber failures result.

7 The form of the residuals, i.e., forces or displacements, depends on the nonlinear solution algorithm used.
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For each case studied, strain energies stored and dissipated during each load increment were com-
puted using a computer program that is linked with the ABAQUS results database. These quantities
are plotted versus load to identify two important load levels, viz. a value of load below which no sig-
nificant matrix damage is expected and values below which no fiber dominated failure is expected.
Figure 12 shows the ratio of total unrecoverable energy to recoverable strain energy versus applied
strain. For lower strains, the composite with marcel M2 contain a higher fraction of dissipated energy
than the composite with marcel M1. A more significant rise in this ratio is found for events labeled
A and B in Fig. 10. This is exactly the result desired from a damage measure, because these events
are associated with fiber failures that will significantly affect the residual strength and stiffness of the
composite.

The analysis results indicate that significant subcritical® matrix damage is likely to occur in speci-
mens with marcel defects under what would normally be considered low levels of tensile loading
(<0.3% strain). As expected, matrix damage (vv and xv shear directions) is generally greater in the
specimens with the more severe marcel (i.e., greater 2o/€). The micromechanics based failure analy-
ses yield physically intuitive results for the macroscopic behavior of the material: gradual changes in
the stress-strain curves are due to matrix shear failure while sudden drops in load are due to fiber fail-
ure. Results of these unalyses and basic interlaminar tension and shear strength data were used to set
load levels that are expected to cause various levels of subcritical damage near marcel defects under
tension-tension fatigue cycling. Subcritical matrix damage is expected to affect both the residual ten-
sion and compression strength, but to different degrees. Finally. these analyses also showed that the
magnitude of energy released during an increment of loading depends on both the failure mode and
volume of material failing. Each of these quantities depends upon both the marcel shape and inher-
ent material strengths. This information suggests that recording acoustic emission during testing may
be useful in defining load levels at which different types of subcritical damages occur.

# The term subcritical is used here to characterize a failure that causes damage to the material that may not be
observable at the macroscopic level: i.e., the gross fiber-dominated stress-strain respon