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Foreword 

This publication, Composite Structures: Theor3' and Practice, contains papers presented at the 
symposium of the same name held in Seattle, Washington, on 17-18 May 1999. The symposium was 
sponsored by ASTM Committee D-30 on Composite Materials. The symposium co-chairmen were 
Peter Grant and Carl Q. Rousseau. They both served as STP editors. 
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Overview 

The Symposium on "'Composite Structures: Theory and Practice" sponsored by Committee D-30 
on Composite Materials, was held in Seattle on 17th and 18th May 1999. This topic was a departure 
from the traditional D-30 symposia themes of "Design and Testing" and "Fatigue and Fracture." The 
reasons for this were to focus more specifically on structural certification/qualification issues, and to 
garner more interest and participation from government and industry experts. As stated in the Call for 
Papers, "'The objective of this symposium (was) to bring together practitioners and theoreticians in 
the composite structural mechanics field, to better understand the needs and limitations under which 
each work." 

The Symposium was structured around seven general topics (the various sessions), seven invited 
speakers on these or more global issues, the Wayne Stinchcomb Memorial Award and Lecture, and 
a wrap-up panel discussion with the invited speakers. The following paragraphs provide brief 
overviews of all of the papers included in this STP. as well as comments on the panel discussion and 
additional oral presentations given during the Symposium. 

Professor Paul Lagace opened the Symposium with an invited talk on "Technology Transition in 
the World of Composites--An Academic's Perspective." Professor Lagace provided the attendees 
with an insightful and entertaining overview of some of the more popular composite structures re- 
search topics over the years, and some of the resulting successes and/or barriers to practical use. No 
technical publication in this STP was warranted for Prof. Lagace's editorial subject. 

Structural Damage Tolerance 

Lincoln USAF/ASC, gave an invited talk and related paper that reviews the development of pro- 
cedures used by the United States Air Force in the qualification of composite structures. He also re- 
views Navy programs, and the resulting Joint Service Specification Guide. The challenges in future 
certification initiatives, in particular, the need to reduce cost and address changes in manufacturing 
processes are discussed. He proposes a re-examination of the building-block process and a critical re- 
view of probabilistic methods. 

Dr. [~qrl 3' Ilcewicz, FAA National Resource Specialist for Composites, gave an invited talk on his 
previously published "Perspectives on Large Flaw Behavior for Composite Aircraft Structure.'" This 
presentation gave an authoritative overview of low-velocity impact and discrete source damage 
threats, certification requirements, and structural response. No technical publication of this work was 
possible for this STP. 

Olsson, Asp, Nilsson, and Sjogren review, in the main work performed at the Aeronautical Re- 
search Institute of Sweden (FFA), of studying the effects of impact upon composite structures. Both 
damage resistance and danrage tolerance are studied, along with an assessment of the effects of global 
buckling. 

Anderson presented a practical approach to design-specific compression strength-after-impact cer- 
tification. The application cited was that of a carbon/thermoplastic light helicopter tailboom. 

Skin-Stringer Behavior 

Greenhalgh, Singh, and Nilsson investigate the behavior of damaged skin-stringer panels under 
compressive loading. Analysis and test of delamination growth are compared through the use of fi- 

vii 



viii OVERVIEW 

nite element and fractographic analysis. Local delamination and global buckling are modeled through 
the use of a moving mesh technique. The effects of embedded skin defects, with respect to size and 
location, are studied. Guidelines for realistic modeling and damage tolerant design are presented. 

Rousseau, Baker, and Hedwock perform a paranletdc study of critical compression-after-impact 
(CAI) strength variables for three-stlinger panels, and demonstrate practical global-local analytical 
tools to predict initial buckling and CAI strength. A particular benefit to this paper is the large size of 
the experimental three-stringer CAI panel database (39 specimens), which should be of use to future 
analysis validation exercises. 

Krueger, Minguet, and O’BHen present a simplified method of determining strain energy release 
rates in composite skin-stringer specimens under combined in-plane and bending loads. In this 
method, a quadratic expression is derived for the two relevant fracture modes, and three finite ele- 
ment solutions are used to determine the quadratic coefficients. Both linear and geometrically non- 
linear problems are evaluated. The resulting quadratic expressions for energy release rates are in ex- 
cellent agreement with known linear solutions, and satisfactory agreement over a wide range of 
nonlinear loading conditions. 

Dr. Andrew Makeev (co-author Annanios) gave an oral presentation on a global analysis for sep- 
arating fracture modes in laminated composites. An exact elasticity solution with approximated 
boundary conditions for selt:similar delamination growth was used. The predicted mode ratio was 
compared with existing results for eight-ply quasi-isotropic laminates under axial extension. No 
manuscript is published in the STP for this presentation. 

Rotorcraft and Propeller Structural Qualification Issues 

Altman, Reddy. and Moore in an invited paper, present the rationale for substantiation of the fiber- 
glass/epoxy V-22 proprotor yoke using a "'fail safe" methodology. Significant delaminations were ob- 
served in fatigue tests on both prototype and production components within the "'safe life" goal of 
30 000 hours. "Fail safe" qualification of other Bell Helicopter composite yokes is reviewed. In these 
components delamination is shown to be a benign failure mode. "Fail safe" substantiation methodol- 
ogy results in a lower life cycle cost. 

Dobyns, Ban, and Adehnann discuss the RAH-66 Comanche airframe building-block structural 
qualification program from testing at the coupon level to full scale static test of the complete airframe 
structure. Testing discussed includes bolted joints, sandwich structure, crippling specimens, fuselage- 
sections, and design specific tests. The interaction of the building-block test results with detail design 
is shown to be important. 

Caiazzo, Orlet, McShane, Strait, and Rachau develop a method for predicting key properties of 
composite structures containing ply waviness, several times the ply nominal thickness. These "mar- 
celled" regions have been observed in thick components. This analytical tool is intended to be used 
to disposition parts containing these defects. The validity of the method is demonstrated in correla- 
tion with test data. 

Murri studies the effect of ply waviness upon the fatigue life of composite rotor hub flexbeams. 
Delamination failure of test specimens having these "'marcelled" regions occurs at significantly 
shorter fatigue lives than in similar specimens without marcels. Geometrically, nonlinear analysis ad- 
dressing interlaminar normal stresses shows the critical influence of the degree of marcelling. A tech- 
nique is presented for acceptance/rejection criteria of marcels in flexbeams. 

Smith and Mattavi show that unique challenges exist in the development of design allowables for 
a resin-transfer-molded (RTM) propeller blade. They show that coupon level tests successfully pro- 
vide data for elastic constants, effects of batch variability, effects of adverse environments, and for 
the shape of fatigue curves, but do not provide enough guidance for the design of full scale structure 
in the absence of full scale test data. The number of full-scale tests needed is greater for a RTM blade 
or structure than for a metal blade or standard prepreg structure. 
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Bolted Joint Analysis 

larve and Mollenhauer use a 3-D displacement spline approximation method to evaluate an ob- 
served stacking sequence effect upon the pin-bearing strength of two quasi-isotropic laminates. A 
qualitative agreement is obtained between predicted stress distributions and experimental damage ob- 
servation. The analysis identifies critical transverse shear and normal stresses. 

Qing, Sun, Dagba, and Chang propose an approach for the design of bolted composite joints based 
on a progressive damage model. The computer code, 3DBOLT/ABAQUS, is capable of predicting 
joint response from initial loading to final failure. The effects of bolt clamping force and area, and 
joint configuration upon joint response are summarized. 

Ban. H~o't. and Rousseau present work aimed at developing better numerical predictions of open 
hole compressive strength, a key structural design driver currently determined experimentally. First, 
experimental results for a wide range of carbon/epoxy laminates are studied and the predominant lam- 
ina-level failure modes isolated. Secondly, a progressive damage 2-D finite element code developed 
by F. K. Chang at Stanford, is evaluated relative to the large set of experimental data. It is concluded 
that the progressive damage model yields good results for hard laminates exhibiting 0~ - 
hated failure modes, but improvements to matrix/off-axis-ply-dominated failure modes are required. 

Sawicki and Minguet investigate the effects of fastener hole-filling and hole clearance upon the 
strength of composite bolted joints loaded in compression. Experiments show three primar~r modes 
of failure, which vary depending upon the bolt diameter, hole diameter, and bearing-bypass loading 
ratio. Strength predictions based upon progressive damage finite element analysis demonstrate rea- 
sonable agreement with experimental trends. 

Test Methods 

Mr. Rich Fields. ASTM D-30 Vice-Chair, made an invited oral presentation on "'An American Per- 
spective on International Standardization of Composites." This sensitive subject covered recent D-30 
experience with ISO TC61 as well as the author's opinions of the relative merits of ASTM versus ISO 
approaches to consensus standardization. This briefing was well-attended by ASTM leadership, in- 
cluding Jim Thomas, President. No technical publication in this STP was warranted tbr Mr. Field's 
editorial subject. 

Martin and Rousseau compare mode I delamination growth behavior at a 0~ ~ ply interface with 
that of a 0~ ~ ply interface in glass/epoxy tape. The motivation for this work was that most struc- 
tural delaminations occur at dissimilar ply interfaces, such as 0~ ~ while the ASTM standard 
coupon delamination test methods all utilize unidirectional coupons (in order to minimize residual 
and free-edge stresses). Martin and Rousseau observe in their experimental work that fiber-bridging 
is similar in both lay-ups (unexpected for the 0~ ~ configuration), delaminations grow in a self-sim- 
ilar manner (i.e., do not jump to other ply interfaces), and static critical strain energy release rate, Glc, 
from the 0~ ~ lay-up exhibits a lower mean and higher scatter (on a small sample size) than the uni- 
directional configuration. Both specimen designs yield similar fatigue delamination onset results. A 
useful sidelight to this work is the development of a general method of designing multidirectional 
laminated delamination coupons that minimizes bend-twist coupling, free-edge, and residual stresses. 

Piggot reviews several ASTM D-30 standards, concentrating on the aspects of shear dominated 
failures. He applies his knowledge of the failure of polymers when subjected to shear loading, and 
shows that these failures are in fact tensile in nature. He presents a case for a re-evaluation of D30 
standards, which involve apparent shear failures. 

Schuecker and Davidson present a timely study on the effect of friction on the calculated mode II 
fracture toughness of the proposed ASTM standard four-point end-notch flexure (4ENF) coupon test. 
This finite element-based study shows that frictional effects, while present, do not fully account for 
experimentally observed differences in Gn~ between the 4ENF and other mode II test methods. 
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KOnig, Kreiiger, and Rinderknecht present both two-dimensional higher-order plate and three-di- 
mensional layered solid-finite element results in a multidirectionally-laminated end-notch flexure test 
coupon. The results suggest that width-wise variation in both magnitude and mode ratio of strain en- 
ergy release rates along the crack front contribute to the shape of the delamination front as well as the 
final unstable delamination growth. Comparison with experimental results shows that global delam- 
ination growth in this case of pure shear (combined modes II and III) is correctly predicted by Grif- 
fith's criterion. 

Brunner and Paradies (in a paper submitted for publication in this STP. but not presented at the 
Symposium) evaluate several different T-joint sandwich designs, made from balsa-wood cores hav- 
ing carbon fiber reinforced polymer facesheets. In addition to load-displacement and strain gage data, 
the test program makes extensive use of acoustic-emission techniques. These techniques monitor 
early onset of damage and accumulation up to final failure. The specimens were subjected to quasi- 
static tension and compression loads. 

Bucinell and Roy develop a test method for evaluating the properties of closed-section composite 
laminates. Analysis and test demonstrate that the configuration accurately develops compression 
properties, and that buckling modes are suppressed. The authors suggest that other laminates be eval- 
uated, and a round-robin test program performed to demonstrate reproducibility of the method. 

Owens. Schmidt, and Davis present test methods for generating design properties for skin-to-spar 
type composite bonded joints, loaded in both shear and pull-off. Data acquisition techniques were de- 
veloped to capture initial and localized failure modes. The use of a 3-D textile reinforcement is shown 
to provide improvements over typical unreinforced cocured joints. 

Strength Prediction 

Hart-Smith, in an invited paper, presents a critical review of fiber-reinforced composites un- 
notched failure criteria both as taught in academia and as used in practical applications. His criticisms 
center on the use of interactive failure theories in progressive ply-by-ply failure analyses. He shows 
that the inhomogeneity of fiber reinforced materials invalidates the use of these theories, and makes 
a strong reconmaendation that both the use and teaching of these cease. A strong case is made for the 
use of separate mechanistic models for failures in the fibers, matrix and at the interfaces. 

Dr. Christos Chamis (co-authors Patnaik and Coroneos gave an oral presentation on the capabil- 
ity of an integrated computer code entitled Multi-faceted/Engine Structures Optimization, 
MP/ESTOP. The discipline modules in this code include: engine cycle analysis, engine weight esti- 
mation, fluid mechanics, cost, mission, coupled structural and thermal analysis, various composite 
property simulators, and probabilistic methods to evaluate uncertainty in all the design parameters. 
He described the multifaceted analysis and design optimization capability for engine structures. Re- 
sults illustrated reliability, noise, and cascade optimization strategy. Both weight and engine noise 
were reduced when metal was replaced by composites in engine rotors. No manuscript is published 
in the STP for this presentation. 

Peck develops closed form 2-D solutions for the displacements, strains, and stresses in curved and 
laminated orthotropic beams due to both mechanical and thermal loading. The solutions are exact and 
thus equally applicable to both solid laminates and sandwich structures. Sample calculations for alu- 
minum honeycomb beams having graphite/epoxy facesheets, predict anticipated failure modes. 

Chatte~jee uses damage mechanics to develop an approach for inelastic analysis of structural ele- 
ments made from laminated fiber composites of a brittle nature. This method is used to predict be- 
havior beyond initial damage for a pressure vessel and also address the hole size effect. He suggests 
that use of this approach to address environmental effects still requires material characterization at 
the appropriate environments. 

Barbero and Wen develop a methodology to estimate the strength of fiber-reinforced composite 
production components, utilizing minimal characterization data. Compression strength is related to 
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shear strength and stiffness, and fiber misalignment, which is measured from actual production parts. 
The method is validated through comparisons with test data. 

Environmental Effects 

Lubke, Butkus, and Johnson study the long-term durability of a toughened epoxy used to bond 
graphite/bismaleimide composites. Test data are presented addressing the effects of temperature, en- 
vironmental exposure, and adherend type on the toughness of these bonded joints. The combination 
of prior environmental exposure and low test temperature resulted in severe degradation of fracture 
toughness. 

Reynolds and McManus present experimental observations of microcracking damage in PETI-5 
and PIXA-M composites exposed to realistic hygro-thermal cycling. With these materials moisture 
cycling is shown to play a critical role in moisture distribution. Levels of moisture near surfaces and 
free edges exhibit a cyclic pattern, often with a benign level in the laminate interior. Time at mois- 
ture is the dominant factor in material degradation. For these materials damage is shown to be lim- 
ited to the free edges. 

Plenary Session 

Starnes, Nemeth, and Hilburger in the final invited paper, present the results of an experimental 
and analytical study of the effects of initial imperfections on the buckling response of thin unstiffened 
graphite-epoxy cylindrical shells. The nonlinear finite element code is shown to account for accu- 
rately both traditional and non-traditional shell imperfections and load variations. It is proposed that 
the nonlinear analysis procedure can be used as a basis for a shell analysis and design approach. 

Stinchcomb Lecture 

Dr C. C. Poe (NASA Langley Research Center) who was the recipient of the Wayne Stinchcomb 
memorial award gave this lecture, which was not published in the STP. He reviewed a test program 
aimed at developing damage tolerance allowables for a stitched resin-film-infused material. The ma- 
teriaI was that used on the NASA Advanced Subsonic Technology (AST) Composite Wing Program, 
and consisted of IM7 and AS4 fibers in the 3501-6 resin, stitched transversely with Kevlar-29 thread. 
Tests were conducted in the three fiber directions, and on four different thicknesses to replicate the 
wing skin from tip to root. The configurations included compact, extended compact, and center 
notched tension specimens. Normal and shear strains were calculated on fracture planes using a 
William's type series representation of strain fields for plane anisotropic crack problems. A charac- 
teristic distance tbr ultimate tension and shear was calculated, and an interaction equation deter- 
mined. 

Panel Discussion 

The panelists were Drs. Chris Chamis (NASA Glenn Research Center), John Hart-Smith (Boeing), 
Larry Ilcewicz (FAA), Paul Lagace (MIT), Jack Lincoln (USAF), and Jim Starnes (NASA Langley 
Research Center). The format included introductory remarks, five questions, to which each panelist 
had three minutes to respond, and one audience comment on each question. The following were the 
questions and related general comments. 

1. Will composite structures experience more widespread aerospace use due to increased: (a) weight 
savings or (b) cost savings? Why? General consensus was that reduced cost is the one item that 
would lead to more widespread use of composites. Comment was made that the General Aviation 
industry was reducing cost relative to traditional aluminum structure through the use of 
composites. 
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2. Can the cost/cycle time of aerospace composite structural substantiation be significantly reduced? 
If so, by how much? If not, why? General response was yes. However, comments were made that 
there is not enough understanding of failure modes. We need better analysis methods, education 
of practicing engineers could be improved, and we need to share specifications. 

3. What flight safety/damage tolerance issues will dominate composite structural airworthiness de- 
bates 20 years from now? What should we do now to address these issues? We have developed 
methods based on metals behavior and do not recognize the brittle nature of composites. We need 
a probabilistic approach to design. We need developments in NDE, and need to address the weak 
bond issue. Long term aging issues may become important. 

4. What emerging analytical tools will be in widespread use 20 years from now, and what near-term 
initiatives should be pursued to enable their development? We need to develop computer stimula- 
tion of the fabrication process and couple this with the other issues. We need design/cost models 
from early design through to the end of lifetime. Knowledge regarding nonlinear effects in struc- 
tures, and progressive failure analyses need to be developed. Education was again brought up as 
an issue. Development of artificial intelligence and self-diagnostic structures was mentioned. We 
need to solve production problems quickly. 

5. How much standardization (of design guidance, test methods, material specifications, etc.) is ap- 
propriate for high performance composites, and why? We need to be careful when standards are 
cast in concrete (this was really emphasized), and must understand the standard. We need educated 
(education again !!) standardization. We need common databases and need to banish multiple pur- 
chase specifications (an example was given of 12 different purchase specifications for one mate- 
rial). We need standards for processes. 

The session was moderated by C. Rousseau. 

Summary 

In summary, the editors feel that the papers in this STP reflect a good cross-section of the current 
state of the art in composite structures technology. The editors would like to thank the following ses- 
sion chairs for their advice and assistance and in seeing that the sessions rain in a smooth and pro- 
fessional manner: 

Darwin Moon (The Boeing Co.) 
T. Kevin O'Brien (Army Research Lab) 
Steve Hooper (Wichita State University) 
Steve Ward (The Boeing Co.) 
Brian Coxon (Integrated Technologies, Inc.) 
Gene Camponeschi (Naval Surface Warfare Center) 
Crystal Newton (University of Delaware) 

Finally, the editors wish to thank the paper authors, and reviewers, who's collective effort made this 
publication possible. Special thanks is extended to the ASTM staff. Their combined work is sincerely 
appreciated. The editors also wish to acknowledge John Masters for his work in the review phase. 

Peter Grant 

Symposium co-chairman and Editor: 
The Boeing Co. 

Carl Rousseau 

Symposium co-chairman and 
Co-Editor; Bell Helicopter/Textron, Inc. 
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ABSTRACT: The prospect of significant reduction in aircraft structural mass has motivated the United 
States Air Force (USAF) and the aerospace industry to incorporate composite structures in their aircraft 
designs. The USAF found threats to structural integrity such as moisture, temperature, delaminations, 
and impact damage thai made them take a cautious approach for the acquisition of aircraft with com- 
posite materials. Each of these threats acted as an inhibitor to using these materials in the design of op- 
erational aircraft. However, the USAF has successfully incorporated composites on several aircraft, in- 
cluding the B 2, C-t7, and F-22. The challenge is to find new approaches for the qualification of 
composite structures that will make them more economically viable for future procurements. It is the 
purpose of this paper to discuss the background for the current qualification program for composites and 
suggest some possibilities for improvement of the certification process. 

KEYWORDS: damage tolerance, moisture, temperature, impact damage, allowables, design develop- 
ment testing, full-scale testing, and technology transition 

Composite structural technology has been in the process of maturing for approximately 40 years. 
From the early days, both the [now] Materials Directorate and the Air Vehicle Directorate of the Air 
Force Research Laboratory (AFRL) of the United States Air Force (USAF) have been influential in 
promoting the technology. These early pioneers faced numerous setbacks in the course of develop- 
ment of the technology. The cause of these setbacks was, in reality, the lack of understanding of the 
threats to structural integrity. Some of the threats discovered were the degradation from temperature 
and moisture environment, impact damage, and delaminations. 

When these threats revealed themselves through test results, the AFRL sponsored numerous pro- 
grams that have contributed to the understanding of composite behavior. Some that stand out as be- 
ing influential to understanding the threats to structural integrity are the following: 

- -Fa t igue  sensitivity; contract to Northrop. 
- -Envi ronmenta l  sensitivity of composites; contract to Gru~rmaan. 
- -Wing/ fuse lage  critical components: contract to Not'throp. 
- - D a m a g e  tolerance of composites; contract to Boeing and Northrop. 

The process for certification of composite structures for USAF aircraft has been evolving for ap- 
proximately 30 years. Establishment of the requirements for structural integrity of composite struc- 
ture for an aircraft has long been a challenge for the certification authorities. This challenge is much 
greater when the aircraft is operated in an environment where heating of the structure is a factor. 
However, even for structures where heating does not appreciably affect the structural capability, there 
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are some major considerations. One of these is the scatter in strength and fatigue data. This scatter, 
which is larger than observed in metals, is not a deficiency in composites, but a fact that one must ac- 
count for in the certification process. Another consideration is the difficulty in establishing the growth 
characteristics of manufacturing or service-induced defects due to load application. This difficulty is 
due to the mathematical problems in simulating this growth and to the apparent inconsistent empiri- 
cal results from presumably identical damage conditions. Another consideration is the effect of low- 
energy impact on thin laminates. The authorities must consider this durability issue in establishing re- 
quirements for composite structures. 

Several organizations have initiated efforts aimed at addressing the issues related to composite cer- 
tification. The Technical Cooperation Program (TTCP) made such an effort through sponsoring the 
Subgroup H Action Group (HAG)-5 panel in 1983. This panel brought the major issues into focus 
and described some alternative approaches that the designer could use. Another contribution was a 
United States Navy (USN) sponsored effort by Northrop [1]. This work concentrated on approaches 
relating to reliability and made recommendations on probability distributions that could be used for 
both strength and durability certification. 

In 1976, members of the [now] Structures Branch of the Aeronautical Systems Center 
(ASC/ENFS) wrote a paper [2] that reflected the status of the certification process in the Air Force at 
that time. This paper painted a rather bleak picture, mainly because the technology base for compos- 
ites had not matured. The value of this paper was that it examined the potential for certification of 
composites within the guidance of the USAF Aircraft Structural Integrity Program (ASIP). In addi- 
tion, it cited the need for the technology development required for certification of future aircraft. 

By 1981, the USAF laboratories had made sufficient progress in technology to motivate 
ASC/ENFS to update [3] the proposed approach of the 1976 paper. The Fatigue Sensitivity Program 
and the Environmental Sensitivity of Advanced Composites Program significantly influenced their 
thinking. In the 1981 paper, the authors suggested an approach on the primary aspects of composite 
structural certification. However, this paper did not have the benefit of the results of the Wing/Fu- 
selage Critical Components Program [4] and the Damage Tolerance of Composites Program [5]. 
Consequently. certain aspects of the 1981 version of the certification process were lacking. 

The major turning point in composite certification tor the USAF came with the Wing/Fuselage Crit- 
ical Components Program and the Damage Tolerance of Composites Program. ASC/ENFS closely fol- 
lowed these programs from their inception since they realized that these programs could resolve most 
of the remaining issues for the certification of composite structures. At the completion of these pro- 
grams, they inconporated the results in the military specification AFGS-87221A released in 1990. 

The USAF used the requirements in AFGS-8722 IA for establishing the contract for the F-22 in 
1990. Tables 1 and 2 summarize the requirements of this specification. 

TABLE 1--Low-energy impact (tool drop). 

Zone Damage Source Damage Level Requirements 

1 
High probability of impact 

2 
Low probability of impact 

12.7 mm diameter solid Impact energy smaller No functional impairment 
impactor of 8.16 Joules than or structural repair 

Low velocity visible damage (2.54 required for two design 
Normal to surface mm deep) with lifetime and no water 

minimum of 5.44 intrusion 
Joules No visible damage from a 

single 5.44 Joule impact 
Same as Zone 1 Impact energy smaller No functional impairment 

of 8.16 Joules than after two design 
visible damage (2 .54 lifetimes and no water 
mm deep) intrusion after field 

repair if dmage is 
visible 
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TABLE 2--Lon' energy impact (hail and rumvay debri.s). 

Zone Damage Source Density Requirements 

All vertical and upward Hail 
facing horizontal 20.3 mm diameter 
surfaces Specific gravity = 0.9 

27.4 m/s 
Normal to horizontal 

surfaces 
45 deg angle to vertical 

surfaces 
Structure in path of debris Runway debris 

12.7 mm diameter 
Specific gra~it 5 =3.0 
Velocity appropriate to 

system 

Uniform density 
20.3 mm on center 

No functional impairment 
or structural repair 
required for two design 
lifetimes 

No visible damage 

No functional impairment 
for two design lifetimes 
and no water intrusion 
after field repair if 
damage is visible 

By this time. the USN had completed the certification of composites ill the F-18 and the AV-8B 
aircraft and they were in the process of certifying the composites in the V-22 and the A-6 wing re- 
placement. They adopted the lower of a B-basis allowable or 85% of the mean for an allowable for 
strength. They required a component test program that included environmentally conditioned static 
and fatigue test specimens. They loaded the fatigue test components as well as the full-scale fatigue 
test article with a severe (critical point in the sky) spectrum. The full-scale static test article and the 
fatigue test articles did not need to be environmentaIly conditioned. They required an environmental 
knockdown on the full-scale static test results. The full-scale fatigue test article was cycled for two 
lifetimes of severe usage. Later, the USN added requirements for damage tolerance. They required 
that the structure, after being damaged to the point of being readily detectable with an external visual 
inspection, have an ultimate strength capability fully compensated for the knockdown described 
above. They did not allow growth of this damage from cyclic loading. 

Subsequently, the USAF and the USN came under considerable pressure from the Department of 
Defense to have a joint specification for certification of all structures, including composites. They ini- 
tiated this effort in 1994 and completed it in 1996. The product of this effort was a Joint Service Spec- 
ification Guide named JSSG-2006. 

Current Approach to USAF Composites Certification 

The USAF had previously qualified several composite structures for flight. Among these are the 
F-I l l horizontal tail, the F-4 rudders, the A-7 outer wing, the F-16 empennage, and the B-I  hori- 
zontal tail. Each of these structures was qualified for flight on an ad hoc basis. Consequently, there 
was little commonality in the qualification processes. For example, the manufacturers subjected the 
A-7 outer panel to an environmentally conditioned durability test and the F-16 horizontal tail to a 
proof test to ensure its structural integrity. 

Experience in the development of the process for certification has shown that the ASIP, as defined 
in M1L-HDBK-1530, is flexible enough for qualifying composite structures. MIL-HDBK-1530 is 
mandated by an Air Force Policy Directive and Instruction for ASIP. The USAF augments MIL- 
HDBK-1530 with JSSG 2006, which provides the detailed guidance for composite structures. The 
major difference between the applications for metal aircraft components and composite aircraft com- 
ponents is a change of emphasis in several of the ASIP elements. The five major tasks that comprise 
ASIP are 

[. Design Information 
[I. Design Analyses and Development Tests 
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III. Full-Scale Testing 
IV. Force Management Data Package 
V. Force Management 

Each of these major tasks contains elements that are appropriate to the task heading. 
Task I addresses several aspects relating to the composites. It provides the guidance in the area of 

structural design criteria for strength, damage tolerance, durability, flutter, vibration, sonic fatigue, 
and weapons effects for both the metal and composite structural elements. For composites, the ana- 
lyst should place particular emphasis on the issue of battle damage from weapons since the contain- 
ment of this damage may well dictate the design configuration. In addition to a composite design that 
can survive weapons damage, the design must also be repairable from in-service damage to maintain 
operation readiness. Another Task I eftbrt that the USAF must consider carefully is the selection of 
the design usage. They must adequately define tile design missions such that they properly represent 
potentially damaging high load cases. 

In Task II of ASIP, there is an element for the establishment of material allowables. The AFGS- 
87221A guidance is use B-basis allowables from MIL-HDBK-5 fbr tested structural components. 
The allowables for other components should be either A-basis or S-basis from MIL-HDBK-5. All 
allowables should include the effects of the environment. The temperatures are from the design op- 
erational envelope of the aircraft and the moisture conditions range from dry to the end of lifetime 
condition expected from a basing scenario that is representative of the worst expected moisture ex- 
posure. 

The allowable fbr a given flight condition should be based on the temperature appropriate for that 
flight condition combined with the most critical of the range of possible moisture conditions. Since 
the strength of a composite structure is inherently dependent on the layup of the laminate, geometry. 
and type of loading, the B-basis allowable should include these factors. However, the cost of a test 
program involving the number of complex components necessary to determine the B-basis allowable 
could be prohibitive. An alternative approach could be to determine a B-basis allowable from coupon 
data generally representative of layup and loading. This allowable divided by the mean strength of 
the coupons would be the fraction of the strength allowed when interpreting the results of single com- 
plex component tests. Kan showed [1] that the scatter in strength of composites is greater than that 
exhibited by metal structure. He quantified this scatter by showing that a Weibull shape number for 
composite strength is approximately 20. The Weibull shape number for aluminum structure is some- 
what larger, indicating a smaller coefficient of variation. It appears that a Weibull shape number of 
approximately 25 is representative of the aluminum materials. Probabilistic analyses show that the 
relative risk between the aluminmn structure and the composite structure is significant. However, the 
absolute risk is low enough to support the use of a B-basis allowable for both metals and composites. 
A factor of safety of 1.5 is appropriate for use with the allowables derived above. 

The AFRL programs alluded to earlier demonstrate that composite structures are relatively insen- 
sitive to low-cycle fatigue loading for the low stress cycles, but may suffer damage by the higher 
stress cycles. Unfortunately, the database from which one may derive high stress cycles for a new air- 
craft is somewhat meager. Consequently, the USAF will need to carefully define the composite struc- 
ture usage in Task I. 

As for metal structures, the strength, durability, and damage tolerance analyses in Task II for com- 
posites are interrelated with the design development tests also required in Task II. For support of all 
three of these analyses it is envisioned that the design development testing will consist of "building 
blocks" ranging from coupons to elements, to subcomponents and finally to components. These 
building block tests must include room temperature dry laminates. In addition, if  the effects of the en- 
vironment are significant, then the manufacturer must perform environmentally conditioned tests at 
each level of the building block process. In addition, they must adequately strain-gage the test arti- 
cles to obtain data on potentially critical locations and for correlation with the full-scale static test. In 
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addition, the test program is to be performed so that environmentally induced failure modes (if any) 
are discovered. The design development tests are complete when the program achieves the following 

- - T h e  test identifies the failure modes. 
- - T h e  nonrepresentative portion of the test structure does not significantly affect the critical fail- 

ure modes in the tests. 
- - T h e  structural sizing is adequate to meet the design requirements. 

For static test components, the USAF adjusts the failure loads to the B-basis environmentally con- 
ditioned allowable. 

For durability, the relatively large scatter in fatigue test results and the potential of fatigue damage 
from high stresses make it difficult to establish a test program that will ensure the durability of the 
composite components. Experience, however, has shown that the durability performance of compos- 
ites is generally excellent when the structure is adequate to meet its strength requirements. Therefore, 
the thrust of the durability test should be to locate detrimental stress concentration areas not found in 
the static tests. An acceptable way to achieve this goal is to test the durability components to two life- 
times with a spectrum that the USAF expects to be the upper bound of loading for the aircraft. One 
possibility of acquiring this spectrum is to use the "'worst point in the sky" approach that has been 
used extensively by the USN. When the effects are significant, the durability tests for design devel- 
opment tests should include moisture conditioning. In addition to the testing performed to the design 
usage spectrum, tests should determine the sensitivity to potential usage changes. In addition, it is ev- 
ident from the approach described above that separate tests may be appropriate for the metallic and 
mixed metallic and composite structural parts. 

Composite structural designs (as well as metal) should minimize the economic burden of repairing 
damage from low energy impacts such as tool drops. To accomplish this goal, it is useful to divide the 
structure into two regions, The first region is where there is a relatively high likelihood of damage from 
in-service sources such as maintenance. The second region is where there is a relatively low probabil- 
ity of the structure sustaining damage from these sources. Table I gives the specific guidance for these 
two areas. There are two other threats to the structure that may cause an economic burden. These threats 
are hail damage to parked aircraft and runway debris damage to aircraft from ground operations. The 
recommended hailstone size for which the structure should not sustain damage was chosen such that 
this size or smaller was representative of 90% of hailstorms. The USAF chose the runway debris size 
to include most of the potentially damaging objects found in ground operations. The velocity of these 
objects is dependent on the weapon system. Table 2 gives details of the hail and runway debris guid- 
ance. The loading spectrum and environmental conditioning for the testing associated with the guid- 
ance given in Table l and Table 2 should be the same as that described above for the durability tests. 

In addition to the threats described above, safety of flight structure should be able to meet other 
damage threats. These threats are those associated with manufacturing and in-service damage from 
normal usage and battle damage. Table 3 describes the non-battle damage sources for manufacturing 

TABLE 3--1nitial flaw/damage assumptions. 

Flaw/Damage Type Flaw/Damage Size 

Scratches 
Delamination 

Impact damage 

Surface scratch 101.6 mm in length and 0.51 mm deep 
Interply delamination equivalent to a 50,8-ram-diameter circle with dimensions most crit- 

ical to its location 
Danmge from a 25.4-ram-diameter hemispherical impactor with 136 Joules of kinetic en- 

ergy or with the kinetic energy required to cause a dent 2.54 mm deep, whichever is 
less 
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initial flaws and in-service damage. The design development tests to demonstrate that the structure 
can tolerate these defects for its design life without in-service inspections should utilize the upper- 
bound spectrum loading and the environmental conditioning developed for the durability tests. These 
two lifetime tests should show with high confidence that the flawed structure will meet the residual 
strength guidance in Table 4. This table shows the loads associated with various categories of in- 
spection. For example, for the "Walk Around Visual" category, the load is the maximum load ex- 
pected in ten magnified by 100 or 1000 flights. The residual strength guidance is the same tbr both 
composite and metallic structures. To obtain the desired high confidence in the composite compo- 
nents, the goal is to show that the growth of the initial flaws is insignificant. As for the durability tests, 
there should be additional testing to assess the sensitivity to changes in the design usage spectrum. 

For many composite structures, the design for damage tolerance will establish the allowable strain. 
However, the design tbr battle damage requirements will likely influence the composite structural ar- 
rangement. For example, the need to contain battle damage to prevent catastrophic loss of the aircraft 
may dictate the use of fastener systems and/or softening strips. The analyst should consider the bat- 
tle damage threat in the initial phase of the design. A fallout capability for battle damage based on 
configurations that meet all other requirements may not be adequate. 

Task III of ASIP includes all of  the full-scale testing elements. There will normally be a full-scale 
durability and damage tolerance test in the development of a weapon system; however, verification 
of the metal structure is the usual goal of these tests. In the cases where the design development tests 
can confidently establish metallic structure durability and damage tolerance capability, then the full- 
scale durability and damage tolerance tests may not be required. For example, a structure that is pri- 
marily composite with metallic joints proven in design development testing may fall in this category. 
Normally, the design development tests of Task II will be able to verify the durability and damage 
tolerance capability of the composite structure. The full-scale static test, however, is essential for the 
verification of the composite structure. This test is, of course, also essential for the verification of 
metallic structure. The USAF recommends testing to ultimate without environmental conditioning 
only if the design development tests demonstrate that environmental conditioning does not introduce 
a critical failure mode. To provide assurance that the component static tests were representative of the 
component tests, these articles must be extensively strain gaged. A test of this structure to failure 
should be a program option; however, a failing load test is useful in the certification process. If the 
design cannot meet the failure mode criterion above, then the static test should include environmen- 
tal conditioning. 

Tasks IV and V of ASIP relate primarily to the individual tail number tracking programs for ASIP. 
With one exception, the composite portion of the aircraft will not change the tracking program guid- 

TABLE 4--Residual strength requirements. 

Pxx* Degree of Inspectability Typical Inspection Interval Magnification Factor, M 

PFE in-flight evident one flight** 100 
P~E ground evident one day (two flights)** 100 
Pt~, walk-around visual ten flights** 100 
Psv special visual one year 50 
Po.~r depot or base level ', lifetime 20 
PLT non-inspectable one lifetime 20 

* Pxx = Maximum average internal member load that will occur once in M times the inspection interval. When 
PoM or PLr is determined to be less than the design limit load, the design limit load should be the required resid- 
ual strength level. Pxx need not be greater than 1.2 times the maximum load in one lifetime if Pxx is greater than 
design limit load. 

** Most damaging mission. 
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ance in these tasks. Since the composites may be critical for the severe loading cases, then care must 
be exercised that these high-level occurrences are properly recorded. 

Future Certification Initiatives 

The certification approach described above has led to excellent structural integrity in operational 
aircraft. The reason is that the process, when properly applied, addresses the threats to structural in- 
tegrity. However. the cost of the current approach is high. For example, the B-2 program [6] moved 
successfully through the building block process, full-scale testing, and into operational service. In all. 
composite coupon and more complex specimen tests for the B-2 included 160 000 specimens. The 
total cost of this effort is not readily obtainable, but an estimate of $1000 per test specimen would be 
believable. The total cost of these design development tests, therefore, approximates the cost of the 
full-scale durability test. The USAF now recognizes that they should make significant changes to the 
process of certification. The building block wocess as described above may not be viable in some 
cases. The testing of thousands of coupons has cost so much that some programs were not able to fund 
testing of the more important representative structural configurations. New processing techniques 
have made the testing of numerous coupon specimens even more of questionable value. Industry, in 
an eftbrt to lower the costs of composite structures, has introduced new manufacturing techniques 
that have made it difficult to use coupon data to predict the performance of the structural components. 
The various infusion processes are examples of this change in approach. The emphasis in testing 
should be on deriving the allowables from ten to twenty specimens that are representative of the man- 
ufacturing process. If planned properly, this should be less costly than the current approach. Multiple 
test components would solve this problem, but again the cost would be high. 

Another initiative that holds promise of reducing the cost of composite structures is the use of prob- 
abilistic methods. The USAF needs to determine if probabilistic methods [7] will provide the accu- 
racy and versatility needed for structural integrity calculations. The incentive here is that probabilis- 
tic methods will significantly reduce the scope of the test program. These methods also have the 
virtue that the analyst could include both the environment and the applied loads and determine the 
risk of structural failure. The USAF laid the foundation for the use of probabilistic methods by in- 
corporating an acceptable failure probability in AFGS-87221A. They made the determination that a 
single flight probability of failure of 10 7 or less was acceptable. 

The impact criteria for damage tolerance in many cases determine the allowable strains in the struc- 
ture. The USAF derived the current guidance for impact energy from the Damage Tolerance of Com- 
posites Program performed by Boeing and Northrop. They intended that the impact energy in Table 
3 be the once-per-fleet-lifetime magnitude. Experience has shown that the strains consistent with this 
energy criterion provide good operational performance. The criterion in Table 3 could be too con- 
servative. However, the database to make this judgment is not readily available. The problem is in 
identifying the least upper bound of the impact energies that the aircraft population could expect to 
encounter in service. The judgment at the time of the Damage Tolerance of Composites Program was 
that the impact energy should be limited if the impact caused a dent of 2.54 mm. The use of this con- 
cept could be unconservative since it supposes that someone will identify the damage in a walk- 
around inspection. Although the USAF has not determined that they should change the impact energy 
criteria, they are open to its reconsideration. 

AFGS-87221A was silent on the use of bonding. The USAF earlier believed that manufacturers 
used adequate quality control measures to ensure that bonds had acceptable structural integrity. They 
reexamined this view and decided that the experience with bonds may not justify confidence in the 
quality control procedures. 

The threats to structural integrity of bonded structure are many. One of them is environmental 
degradation. A bond could initially have apparently adequate strength, but could degrade with time. 
The degradation process is poorly understood, but based on successes of many repairs in the field and 
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those made in a factory, the use of strict quality controls during the bonding process appears to solve 
the problem. Another threat to bond integrity is that the bond did not initially have adequate strength. 
Contamination in the bonding process is one cause for this problem. This is a difficult threat to over- 
come because there are no known methods to determine the bond strength by a nondestructive in- 
spection. However, there is evidence that a bond made under strict quality control conditions appears 
to have its intended strength. 

To ensure a bond will have the strict quality control conditions required to rely on its initial strength 
and its resistance to environmental degradation, one could use the five elements in the technology 
transition process for materials and processes [8]. From a study of the successful transitions of struc- 
tural technologies from the laboratory to engineering and manufacturing development, the USAF 
found that five factors constituted a common thread among these successes. In addition, they found 
that these five factors were essential to the successful completion of the tasks of the MIL-HDBK- 
1530. These five factors are 

--Stabi l ized material and/or material processes 
--Producibi l i ty 
-4~haracter ized mechanical properties 
--Predictabil i ty of structural performance 
--Supportabil i ty 

The USAF did not attempt to establish a ranking of importance of these factors. A deficiency in 
any one of the factors could constitute a fatal defect. The manufacturer should address these elements 
in the qualification of a bonded structure. 

The government can go only so far in criteria modification for the development of composite struc- 
tures. Innovative designs by the manufacturer have the largest potential for both cost and weight 
savings. They should work on designs that are inherently resistant to battle damage. They could elim- 
inate many concerns of the certification authorities through designs that are fail-safe. The develop- 
ment of fail-safe designs in composite structures could be as important as the use of this concept has 
been in metal structures. Another initiative is to remove the inherent weaknesses in composite stntc- 
tures, such as interlaminar strength. One approach that appears promising is the use of"Z-pins."  This 
innovation should remove concerns about bonded joints  and should enhance battle damage 
resistance. 

Summary 

The USAF has lbund that that they can easily tailor the Aircraft Structural Integrity Program to pro- 
vide the essentials of a certification program for composite structures. The current program as de- 
scribed will provide a structure that is safe and economical in operational service. However, this pro- 
gram leads to high costs in the engineering and manufacturing phase of development that could 
discourage the use of composites. Therefore. the USAF could lose the benefits of being virtually free 
from fatigue cracking and conosion. The challenge, therefore, is to reexamine the building block pro- 
cess and perform the tests that truly contribute to the process of qualifying the structure. Probabilis- 
tic methods may be the key to both cost and weight reduction. They deserve a critical examination to 
determine if  the potential benefits are achievable. The future for composite structures looks promis- 
ing, but industry and government must work together to ensure that the promise is realized. 
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ABSTRACT: This paper reviews work at the Aeronautical Research Institute of Sweden, and addresses 
major issues of importance in evaluating the effect of impact on composite structures. Some more ex- 
tensive reviews of work by other researchers are referenced. The paper addresses impact response and 
damage formation, damage characterization, and residual strength and stability by combination of ex- 
periments and analysis. Studies showing that impact response type depends on impactor-plate mass ra- 
tio are presented. Small mass impact is generally more critical at a given configuration and energy. An- 
alytical models for small mass impact and for damage initiation and growth during large mass impact 
are discussed. Rate dependency of matrix-dominated properties is briefly discussed. Geometric and 
constitutive characterization of impact damage zones is presented and the influence of degraded prop- 
erties demonstrated. The use of an FE-based plate model to simulate delamination growth due to sub- 
laminate buckling and panel skin buckling in stiffened panels after impact is described. Skin buckling 
causes a steep increase in delamination strain energy release rate and should be prevented. 

KEYWORDS: buckling, carbon fiber composites, composite materials, composite structures, damage 
assessment, delamination growth, impact damage, impact resistance, residual strength 

Impact damage may cause severe reductions in the strength and stability of laminated composite 
structures. The reductions in compressive properties are usually the most critical. For this reason ex- 
tensive studies in many countries have been devoted to impact on composite structures [1,2]. A 
methodology for treating impact events and their effect on the residual strength of laminates was sug- 
gested in Ref3. The methodology is based on a building block approach, which divides the complex 
problem into a number of separate subproblems to be addressed sequentially. Most experimental 
studies have focused on impact damage resistance, which deals with the damage caused by an im- 
pact. and impact damage tolerance, which deals with the effect of the damage on strength and sta- 
bility of the structure (Fig. 1). A more limited number of studies have focused on impact response, 
i.e., the structural response and formation of damage during impact, which is necessary to fully un- 
derstand the factors governing impact resistance. Models tot analysis of impact response and resid- 
ual strength have gradually been developed to reduce the large costs of certification tests and to make 
design more efficient. The ultimate goal of the work on impact is to efficiently combine impact re- 
sistance and impact damage tolerance in design to minimize undesired effects of a given impact. This 
may be termed a strive for impact tolerance. 

Research engineers, Composite Mechanics Section, Structures Department, The Aeronautical Research Insti- 
tute of Sweden, Box 110 21, SE-161 11 Bromma, Sweden. 
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FIG. l--Major concepts of bzterest when considering effects of hnpact. 

The Aeronautical Research Institute of Sweden (FFA) has extensive experience in experiments and 
analysis of impact on composites. The work on impact and related subjects, such as contact problems~ 
dynamical material properties, and delamination buckling and growth covers more than 50 scientific 
papers and reports since 1986 [4]. The ultimate goal of our work is to integrate the solution of each 
subproblem into an efficient building block methodology to model the effects of impact, which will 
allow prediction of impact criticality and more efficient designs. The present paper reviews work at 
FFA and addresses major issues of importance to evaluate the effect of impact on composite struc- 
tures. More extensive reviews of work by other researchers can be found in the papers on analytical 
response models [1.5], damage characterization [6], and buckling-induced delamination growth [7]. 

Earlier studies at FFA were aimed at certification and to study the effect of impact on residual 
strength, and measurements during impact were limited. The development of  response models has 
changed the focus to model validation and for this reason later experiments have been extensively in- 
strumented. The overwhelming majority of impact experiments at FFA and elsewhere have been 
done with large mass impactors, which cause a "quasi-static" impact response. However, analytical 
work showed a need to consider the different response caused by small mass impactors [5,8]. Mod- 
els developed for this response type have been validated by several experimental studies, e.g., Refs 9 
and 10. In-house impact response models may be used to predict damage initiation [11]. The inter- 
action between moderate damage growth and structural response is also modeled well for sandwich 
panels, while our present models only provide bounds for the behavior of monolithic panels [11]. The 
goal to improve design of real structures and the importance of  impactor mass, geometry, and mate- 
rial motivates surveys of realistic impact threats [12]. 

Comprehensive studies have also been done in impact damage characterization by use of thermal 
deplying to describe delamination shape and fiber fractures in each ply, ultrasonic C-scan and opti- 
cal microscopy of  sections [6, t0,13,14]. Analytical and computational models of delaminations after 
impact in this paper are based on the largest delaminated region as obtained from C-scan. Research 
has recently begun in geometrical and constitutive characterization of the impact damage zone for a 
range of impact cases [15]. 

The research on impact damage tolerance has been focused on compressive failure. Under com- 
pression loads, delaminations formed at impact may buckle and grow, causing further decrease in the 
compressive load carrying capacity of the structure [1]. Modeling work has focused on simulation of 
buckling induced delamination growth, and a program package has gradually been developed to ad- 
dress fracture mode separation, local delamination buckling of sublaminates with contact and inter- 
action with global skin buckling [7,16-18]. A recent extension allows analysis of impacted skin- 
stiffener panesl [19]. Previous experiments have demonstrated the need to also consider other failure 
mechanisms and the change of stiffness properties in the damaged region [15,19.20]. Furthermore, 
the multitude of delar~nations, matrix cracks and fiber fracture precludes modeling of each feature 
and necessitates a degree of simplification. The future development of the program will include con- 
sideration of degraded material properties in the damage zone and the competition or interaction be- 
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tween buckling-induced delamination growth and other failure mechanisms, such as ply failure and 
in-plane "notch type" failure due to stress concentrations. A review of available notch failure criteria 
for laminates and various failure criteria for sandwich panels was given in Ref 21. 

The following sections give a more detailed description of the work on impact response and dam- 
age formation, impact damage characterization and residual strength and stability. All results and 
analyses apply for Hexcel HTA/6376C carbon/epoxy prepreg with ply data El l = 140 GPa, E22 = 
E33 = 10 GPa, G j2 = G~3 = 5.2 GPa, G23 = 3.9 GPa, v~2 = v j3 = 0.30, v23 = 0.50 tvjy = 0.13 ram, 
G[,. = 260 J/m 2, Gnc = 600 J /m  z [11], and Gc = 450 J /m e for GJGn -~ 1 [7]. 

Impact Response and Damage Formation 

Response Types 

In general, an impact initiates elastic waves propagating from the impact point. Material damping 
and the energy diffusion associated with two- or three-dimensional wave propagation results in a de- 
caying influence of the corresponding waves [2]. Thus, for impact times in the order of the transition 
time for through-the-thickness waves, the response is dominated by three-dimensional wave propa- 
gation (Fig. 2a). For longer impact times, the response is initially governed by flexural waves and 
shear waves (Fig. 2b). For times much longer than the time needed by these waves to reach the plate 
boundaries the lowest vibration mode of the impactor-plate system predominates (Fig. 2c). The re- 
sulting response is quasi-static in the sense that deflection and contact load have the same relation as 
in a static case. 

The response dominated by through-the-thickness waves is typically associated with ballistic im- 
pact while accidental impact normally results in impacts of longer duration. Theoretical studies 
[5,22,23], and several experiments [9] show that the impact response type is governed by mass ratios 
and not by impact velocity. Thus, a distinction between large mass impact and small mass impact is 
more relevant than the common distinction between "'high velocity" and "low velocity" impact. As 
shown in Ref 5, wave propagation governs the response for impactor masses smaller than one-fifth 
of the plate mass affected by impact, e.g., hail and runway debris (Fig. 3a). The largest plate mass 
which can remain unaffected of boundaries during a wave controlled impact is determined by the 
flexural wave speed in different directions and the distance to the first boundary reached by these 
waves. Impactor masses larger than twice the entire plate mass provide a sufficient condition for 
quasi-static (large mass) impact [5,22]. (Fig. 3b). Figure 4 shows differences in response and damage 
due to 10 J impacts with a large and small mass on a clamped 127 • 127 • 6 mm laminate [lO]. 

Damage Initiation and Growth 

Evidently, response models for undamaged plates may predict damage initiation. Matrix cracks 
normally initiate first, followed by delamination and eventually fiber fracture. Thus. modeling of im- 

Response dominated 
by dilatational waves 

rl 
�9 

Very short impact times 

a 

Response dominated Quasi-static 
by flexural waves response 

Short impact times Long impact times 

b c 

FIG. 2--Response O,pes during impact on plates [5]. 
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for approximating deterministic (computational) data (Sacks, 1989).
Researchershave developedthe Kriging methodto overcomethis limitation
(Sacks,1989).

The Kriging methodis very similar to RSM but providesan interpolation
modeling technique to approximate the resultsof the deterministic computa-
tional experiments. It consistsof thesumof manylocal functions(frequently the
Gaussfunction)andoneglobalfunction,whichmaybeapolynomial asin RSM.
The local function is usedto bridgethe differencebetween the global function
andthe simulation results using a maximum likelihood estimate,which allows
for capturing multiple local extrema.A moredetaileddescription of theKriging
methodcanbe found in the work of Sacks(1989).The implementation of the
Kriging methodcanbe carriedout using the Matlab Kriging Toolbox which is
opento the public (Lophaven, 2002).

Figure 5.6 showsthe response surfacefor a two-dimensional Rosenbrock
function, which wasconstructedusing the Kriging method.The optimization is
now performedeasilyon the responsesurfacethat is analytically expressed,so
that any minimization algorithm (DS or CG method)can be utilized. Here, a
couple of issuesarise when considering the Kriging response surfaceas an
optimizer.The first issueconcernsthenumber of designpoints(parametersets),
an issue is directly related to the number of simulations. Simply stated, the
answermaybe‘the more thebetter’sinceinterpolation in thesurrogatemodel is
improvedasthevolumeof dataincreases.However, it is not possible to increase
thevolume of datainfinitely. Thus,a propernumber of designpointsshould be
set up for the first time (e.g., eight points) which can be determined by the

5.6 Response surface constructed using Kriging method for the tw o-
dimensional Rosenbrock function.
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F b ,  : ~ < ~ -  = 

Fbs'- kb Wp <<- Fcr ~ 3 

F~ ~w < F~, F = ~ 5  

FIG. 5--Structural model for quasi-static impact response [11]. 

load for delamination growth Eq 1. With this modification the response model (Fig. 5) was used to 
predict critical impact load and impact energy in various quasi-isotropic and cross-ply laminates [11], 
(Figs. 6 and 7). It may be concluded that Eq 1 provides a fairly good conservative prediction of the 
critical load, which may be further improved by considering membrane effects. Critical impact ener- 
gies can be significantly improved by considering the enel~y consmned by indentation and mem- 
brane effects as given by the nonlinear solution (Fig. 7). 

FIG. 6--Predicted and obseta'ed critical toad for delamination growth [ 1 l ]. ( QI = quasi-isotropic, 
0/90 = cross-ply, C = clamped, F =free, S = simply supported). 
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FIG. 7--Predic ted attd observed delamination width vs. impact energy in a 127 X 127 )< 6 mm 
clamped laminate [11]. 

Further damage growth is highly dependent on the number of delaminations developing after the 
first delamination. Deplying of a quasi-isotropic layup indicated that the average delamination area 
per interface was 30% of the base area of a cylinder encompassing all delaminations [13]. An exten- 
sion to orthotropic laminates should replace the circular cylinder by an elliptic cylinder through or- 
thotropic rescaling as outlined in Ref 2. Figure 7 shows solutions for a single circular delamination 
and a "saturated" case with delaminations in 30% of the interfaces, i.e., 14 circular delaminations. 

hnpact Damage Characterization 

An impact damage is complex in its features and depends on the geometry and boundary condi- 
tions of the structure. A good understanding of the impact, and the resulting damage, is therefore vi- 
tal for modeling the behavior of a composite structure after impact. 

At FFA several experimental studies have been carried out to characterize the impact damage for 
different geometries and boundary conditions. Early tests were done with the brittle epoxy system 
T300/914C while in later tests the tougher epoxy system HTA/6376 has been used. Laminate thick- 
nesses have ranged from 2 to 6 mm and layups have usually been quasi-isotropic, although a few stud- 
ies have been done on orthotropic layups [4.6]. Four geometries have mainly been used in the tests: 
clamped 800 • 200 mm panels to simulate panels common in application [13,14], smaller square 
panels to study the effect of span to thickness ratio and different boundary conditions [6.10], rectan- 
gular panels, approximately 250 X 150 mm, clamped at the short sides and simply supported at the 
long sides, and a few tests on clamped square panels with two sides unsuppot'ted [6]. 

Our studies show that damage growth normally initiates by matrix cracking, followed by delami- 
nation growth, and finally fiber fracture [6,10]. Delaminations in thick laminates with span-to-thick- 
ness ratios of 10 to 20 typically initiate close to the impacted surface, while delaminations in thin lain- 
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FIG. 8--Delamination growth sequence in thick and thin laminates [6]. 

inates initiate close to the midplane [6,10] (Fig. 8). In the following, the "'upper face" refers to the im- 
pacted surface. Further delamination growth in thick laminates occurs in a "barrel shaped" region by 
growth of delanfinations around the midplane, although a single large delamination may occur at the 
lowermost interface [6,10]. Delamination growth in thin laminates occurs in a conical region by 
growth of delaminations towards the lower face of the laminate [6,13]. Delamination growth in thick 
laminates may be extensive, while the growth in thin laminates seems to be suppressed by significant 
membrane effects and the early occurrence of fiber failure and penetration. 

Delaminations typically occur between plies of different orientation, and increase in size with 
thickness and mismatch angle of the plies [13]. A characteristic impact damage consists of an array 
of interconnected matrix cracks and delaminations which separate the laminate into sublaminates 
[24]. The individual delaminations are more or less peanut shaped, extending along the fibers of the 
neighboring lower ply. In contrast, cracks with fiber failures generally follow the fibers of the neigh- 
boling upper ply and appear below delaminations as extensions of a matrix crack [6,10]. The width 
of the zone where fiber fractures are observed generally range from one-third to one-half of the max- 
imum delamination width [6,10]. 

In the stability and residual strength analyses of an impacted composite structure one needs to un- 
derstand how the impact has changed the constitutive properties of the damaged region. Recent stud- 
ies of in-plane tensile and compressive properties in impact damage zones prior to sublaminate buck- 
ling demonstrated significant differences between thin and thick laminates [15]. Delaminations and 
matrix cracks had a negligible influence on the stiffness and significant stiffness reductions were only 
observed in a small central region of the thin laminates where fiber failure had occurred. In this re- 
gion the tensile stiffness was reduced by 80% and the compressive stiffness by 50%. Future work will 
study flexural properties and the behavior at higher strains. 

Residual Strength and Stability 

This section concerns damage tolerance of impacted composite structures. The residual strength of 
an impacted composite plate is governed by delamination growth and/or by the damaged region act- 
ing as a stress raiser. The approach taken at FFA is to model the two mechanisms separately at the 
model development stage. When completed, the models are to be included in a residual strength-mod- 
eling package. 

Modeling of delamination growth requires data of interlaminar toughness for mixed mode condi- 
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tions. Several studies have been performed at FFA using the Double Cantilever Beam (DCB), End 
Notch Flexure (ENF) and Mixed Mode Bending (MMB) tests [32-34]. Interpolation of data produces 
the material failure locus used in modeling to predict delamination growth. Modeling of damage act- 
ing as a stress raiser, on the other hand, requires data of stiffness reductions in the damaged area. 

Effect of Delamination Growth 

Historically. most investigations on delamination growth in laminated composite panels focus on 
the influence of local delamination buckling only, i.e., adopting the thin film assumption [16,17]. A 
requirement in these studies is prevention of global skin buckling. If, however, global buckling is al- 
lowed the panel may buckle in such way that local delamination buckling interacts with global buck- 
ling. Such interaction is foreseeable for deep delaminations, i.e., delamination thickness more than 
one-tenth of the plate thickness. Recent work at FFA has concerned development of models with gen- 
eral nonlinear kinematics to account for interaction of global and local buckling with contact for a 
panel with a single delamination of arbitrary shape located at the critical ply interface [7,18]. The fi- 
nite-element model developed is based on nonlinear plate theory, using 4-noded mixed interpolation 
Mindlin/Reissner shell elements. Delaminated plates are represented by two stacked plates repre- 
senting material above and below the delamination. The plates may be modeled ply by ply using the 
material properties and ply orientations of the individual layers. Outside the delaminated area the up- 
per and lower segments are coupled by constraint equations to ensure displacement continuity at the 
plate interface. In the delaminated area, out-of-plane constraints are imposed by spring elements only 
active at contact. It is assumed that delamination growth is governed by linear elastic fracture me- 
chanics parameters. The strain energy release rate, G, at local delamination growth is computed from 
the discontinuity in an energy momentum tensor component across the crack front [7]. 

Analysis of a plate or stiffened panel with a delamination is performed in the following steps: (1) 
Global buckling analysis. (2) Local buckling analysis of the delaminated member. (3) Postbuckling 
analysis from local buckling with contact iteration and automatic load increase until delamination 
growth criterion is attained. The growth criterion is currently based on the total critical strain energy 
release rate. (4) Delamination crack propagation by moving the FE mesh in the growth regions and 
continued postbuckling analysis. 

By this approach, the evolution of delamination propagation is simulated by a large number of 
crack propagation increments. Note that the moving mesh technique maintains a smooth delamina- 
tion shape and a suitable mesh at the crack front even at extensive growth. A detailed description of 
this technique is presented in Ref 17. The developed model has been validated by experiments on ar- 
tificially delaminated and impacted plates [Z 19] and stiffened panels [18]. Below, the most impor- 
tant results of these studies are presented. 

Numerical and experimental studies of compression loaded plates have been performed using 
cross-ply laminates with artificial delaminations placed after 3, 5, or 7 layers [7]. The loaded edges 
of the plates were clamped in the test machine, while the two remaining edges were free (Fig. 9). Fig- 
ure 10 shows the experimental and computed load versus out-of-plane deflection results for two de- 
lamination depths. The numerical model is shown to capture the main observations regarding trans- 
verse deflections and buckling loads. Furthermore, critical loads, direction, and shape of growth were 
also well predicted by the model. From a practical point of view the most important result of these 
studies seems to be that delamination growth for all cases occurred more or less at the global buck- 
ling load. Consequently, precaution should be taken in allowing structures with delaminations to 
buckle globally. Another observation is that, at least for the geometries and materials studied, the so- 
called thin film assumption is inadequate to predict growth, even for thin delaminated members. This 
is illustrated in Figs. 10 and 11 where the computed load-deflection and strain energy release rate ver- 
sus load for the thin film and global bending cases are depicted. In contrast to predictions by the thin 
film model, the maximum strain energy release rate at the delamination edge predicted by the global 



The simulation of the energytransport is also usedin the latter stagesof the
programto calculate the temperaturedependent material properties as well as
the development of internal stresses.

6.2.2 Heat transfer simulation

Energytransport during the filling stage

Because the fill ing stages of the compression moulding process are strongly
temperature dependent, the calculation of the temperature distribution is an
essentialstep in thesimulation of theprocess.Eq. 6.7 givesthesimplified form
of the energy equation usedin the simulation of the heattransfer:
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The equationabovewasderivedusingthe following assumptions:

1. Conduction heattransferonly occursin the through-thicknessdirection.
2. Convection heattransferonly occursin the directionof materialflow.
3. The temperatureprofile is symmetric.
4. Theheattransferbetween thematerial andthemouldwalls is ideal, resulting

in a constant mould temperaturethroughoutthe filling stage.
5. In the casewhere a thermoset is being simulated, it is assumedthat the

material beginsto cureonly after the entiremould hasbeenfilled.

The validity of the assumptions usedin the application of the Hele-Shaw
modelaswell asthesimplificationof theenergyequation arevalidatedin (Heber
1995). The simplified energyequationis then solved in conjunction with the
governing flow equation,where thenon-linearviscosity actsto connect the two
governing equations to oneanother.This, however, increasesthecomplexity of
the simulation,meaning that the calculation time significantly increases.

Energytransport during and after the filling stage

After themouldhasbeencompletelyfilled theconvection anddiffusion termsin
the aboveenergyequation drop out, leaving the single conduction term on the
right-handsideof theequation.If a thermosetis being simulated,thenthesource
term (responsible for accounting for the heatgeneration during curing) mustbe
reintroduced. However, overall the energyequation becomessimpler, meaning
that a less rigorousmethodcan be applied to solve this equation, saving the
unnecessaryexpenditureof computational time.
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FIG. 1 l--Computed out-of-plane displacements for a delamination after three layers [7]. 

FIG. 1 2 - - L o a d  vs. out-of-plane displacements from experiments [ 19]. 
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a 10% reduction in global buckling load, while the reduction caused by impact damage is 20%. These 
results imply that the reduced stiftness in the impacted zone in some cases may have a fairly large ef- 
fect on the panel buckling load. Thus, correct prediction of the buckling load of an impacted struc- 
ture requires methods that consider influence/interaction of the stiffness reduction of the damaged 
zone. Nevertheless, both the artificially delaminated and impacted plates failed by delamination 
growth. Hence, the artificially delaminated plate test is appropriate for validation of models devel- 
oped for residual strength predictions of impacted composite plates of the type investigated. 

Effect of Reduced Stiffness in the bnpact Damage Zone 

In addition to delaminations, which may promote buckling-induced delamination growth, an im- 
pact damage may also be associated with local stiffness reductions. Such stiffness reductions affect 
delamination growth by reducing the buckling loads and cause stress concentrations which may pro- 
mote in-plane "notch type" failure, as discussed in Ref 21. 

In combination with the experimental study of the constitutive properties of an impact damage a 
numerical study was carried out to examine how different parameters in the stiffness matrices affect 
the global buckling load. Figure 13 presents the retained global buckling load of the plate in Fig. 9 as 
a function of reduction in in-plane stiffness, [A]. As expected, the buckling load decreases with re- 
duced [A] matrix. A large difference is, however, observed between a symmetric and an unsymmet- 
rical soft inclusion. A 43% reduction in the [A] matrix reduces the global buckling load by 2% for a 
symmetric soft inclusion and by 15% for an unsymmetrical soft inclusion. This highlights the im- 
portance of considering thickness-wise stiffness asymmetries of the damage. 

As observed in Ref 15 fiber failure in the impact damage zone causes significant local reductions 
of the tensile and compressive stiffness. For example, damage studies of 230 • 150 x 4 mm speci- 

FIG. 13--Retained global buckling load of  the plate h~ Fig. 9 as a fimction of  reduction in [A] ma- 
trix. 
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[21]. 

mens impacted at 30 J [6] indicated almost complete fiber failure in all plies in about one-third of the 
total delamination width. Such stiffness losses cause stress concentrations, which in tension may be 
comparable to the effect of a hole or slit, i.e., stress concentrations of three or more in quasi-isotropic 
laminates. Appropriate failure criteria for this competing failure mode will be incorporated in future 
development of the delamination growth FE program. 

In the literature it has also been suggested that a buckled snblaminate may act as a stress raiser 
causing in-plane failure, e.g., Refs 24 and 35. This effect was studied by analyzing a circular delam- 
ination in an isotropic plate with the FE-based buckling delamination model presented in the Effect 
of Delamination Growth section. The sublaminate thickness was 1.25% of the delamination radius 
and the parent laminate was 20 times thicker than the sublaminate, i.e., a "thin-film" problem. Figure 
14 shows the widthwise distribution of the membrane strain in the load direction normalized with the 
buckling strain of the sublaminate [20]. It is noted that the strain distribution in a postbuckled circu- 
lar sublaminate differs from the Euler type of behavior of a through-width buckle, assumed in Refs 
24 and 35. Thus, the stresses and strains in the buckle are not uniform over the width and continue to 
bzcrease after buckling. The stress concentration caused by a buckling but undamaged sublaminate 
is less than 10% of the far field strain, which shows that "notch type" failure primarily is caused by 
degraded ply properties. 

Conclusions 

Models and experiments have been presented to address the major issues when determining the ef- 
fect of impact on composite structures. All models have been validated by extensive experiments. Im- 
pact damage resistance involves the response and damage initiation and growth during impact. Im- 
pact damage tolerance involves strength and stability due to global buckling, local delamination 
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buckling, delamination growth, in-plane failure, and interacting failure modes. Necessary input data 
for models involve damage characterization, interlaminar properties, and strain rate effects. The dis- 
cussed subjects constitute elements in a building block approach aimed at design of impact tolerant 
aircraft structures. 

The impact response type is shown to depend on the impactor versus plate mass ratio and appro- 
priate models have been suggested for the various response types. A small mass impact on a given 
laminate results in earlier damage initiation and larger damage if impactor energy and tup remain un- 
changed. The load for initiation of delamination growth under large mass impact is almost indepen- 
dent of boundary conditions and delamination size if due account is taken for the membrane load con- 
tribution. The corresponding initiation energy is obtained by summing contributions due to contact, 
bending, shear, and membrane deformation. Further delamination growth during impact is highly de- 
pendent on the number of delaminations, but reasonable bounds for delamination size have been es- 
tablished. 

The damage geometry and degree of fiber fracture depends on the span-to-thickness ratio and on 
how much the energy for damage initiation has been exceeded. Fiber fracture, which is common in 
thin laminates, occurs in a small central region of an impact damage and reduces both tensile and 
compressive stiffness, although the effect in tension is more severe. Such a stiffness asymmetry or a 
geometrical asymmetry of the damage through the thickness may have a strong influence on the 
global buckling behavior of the panel. 

A finite-element based plate model has been successfully used to model buckling-induced delam- 
ination growth in plain laminates and skin-stiffener panels. The model involves an analysis of local 
delamination buckling and global buckling and a moving mesh routine for treating delamination 
growth when a growth criterion is satisfied. The most important observation is that the strong inter- 
action between local and global skin buckling causes a catastrophic increase in the delamination 
strain energy release rate at global buckling. Thus, precaution should be taken in allowing delami- 
nated structures to buckle globally. 

Future work will include a more accurate prediction of the impact damage, incorporation of fail- 
ure criteria for competing failure modes, and an appropriate constitutive model of the damage zone 
in the model for buckling-induced delamination growth. 
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Certification Cost Reduction Using 
Compression-After-Impact Testing 

REFERENCE: Anderson, T. C., "Certification Cost Reduction Using Compression-After-Impact 
Testing," Composite Structures: Theot 3' attd Practice. ASTM STP 1383. P. Grant and C. Q. Rousseau, 
Eds.. American Society for Testing and Materials, West Conshohocken. PA, 2000, pp. 29-46. 

ABSTRACT: An approach to reduce certification development cost can be accomplished by testing the 
important strength allowables that make up the primary design drivers. Through a process referred to as 
a "'modified building block approach," these primary design drivers are weighted and selected based on 
criticality. This approach was used to minimize the development cost of a prototype composite tailboom 
being considered for a light model helicopter (similar in size to a Bell Model 407). The material system 
of choice (AS4/APC-2 thermoplastic) and the tailboom's susceptibility to impact damage drove the 
need to understand impact damage and its effect on strength. Compression after impact (CAD at barely 
visible impact damage (BVID) was therefore selected as the critical design parameter. The cost benefit 
is realized by focusing on the critical design parameters: thus the nmnber of coupon tests necessary to 
support full aircraft development can be significantly reduced because only limited design aspects have 
to be considered. The critical design drivers selected would not necessarily be applicable to the fuselage 
or rotor blades, but they do provide a means to optimize the tailboom design while minimizing the de- 
velopment cost. Certification would still be verified by full-scale testing. 

KEYWORDS: compression after impact, barely visible impact damage, composite tailboom, modified 
building block, thermoplastic, certification 

The goal of the Low-Cost Composite Tailboom Program was to develop a lightweight cost-effec- 
tive tailboom by utilizing a relatively new thermoplastic material and processing system. Specifi- 
cally, this program was to investigate a PEEK resin system (AS4/APC-2) using an in situ fiber place- 
ment process as it applies to thin-walled structure. There were only limited amounts of material 
properties data available for AS4/APC-2, with most of that data being company proprietary. The 
available data were more applicable for thick-walled structure. A portion of the data was directly ap- 
plicable, such as tension and shear data; however, given that the structural design was a thin mono- 
coque shell, it was felt that additional strength data would be necessary for compression. These ad- 
ditional strength data were to guide the design that would eventually be certified by test. However, 
the cost associated with the development of a full set of material allowables suitable for certification 
was not acceptable. The problem was to determine what testing would be necessary to develop an op- 
timum design that would be capable of completing certification requirements. 

The objective was to eventually certify the tailboom for production. There are several equally ac- 
ceptable approaches to certification that can be taken. When qualifying a redesigned component on 
an existing aircraft, such as a tailboom, not all approaches are cost effective. The first approach is to 
develop a full set of design allowables for the material system, as illustrated in Fig. 1. This option is 
more applicable for the development of a new aircraft and involves a large capital expense in devel- 
oping the material allowables, while still requiring a full-scale verification test. The second approach 
is to build a full-scale component and test to ultimate. If the structure fails to meet strength require- 

a Principal engineer, Airframe Structures, Bell Helicopter Textron Inc., P.O. Box 482, Fort Worth, TX 76101. 
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Building Block Approach 

FIG. 1--Typical building block approach used for full aircraft development. 

ments, then the component is redesigned in the region of failure and retested. This iterative process 
not only yields an inefficient design: it also is very expensive. The third alternative is to mitigate the 
design cost by identifying important strength parameters and develop a corresponding strength al- 
lowable that is used during the component design. The use and application of this approach is dis- 
cussed in Ref 1. This option, which was used in the development of the low-cost composite tailboom, 
becomes more cost effective because the magnitude of the coupon tests has been minimized. This ap- 
proach essentially qualifies the component using a full-scale test, but develops only those material al- 
lowables that most greatly influence the design. 

Approach 

A costly and time-consuming full-up building block approach is shown in Fig. l. This approach re- 
quires the development of material and structural allowables ranging from element, to coupon, to 
component, to full-scale tests. A modified building block approach, as shown in Fig. 2, was used to 
design the tailboom. This approach eliminated element tests (very costly) and minimized the coupon 
tests, while relying heavily on the full-scale test to validate the structure. The elimination of element 
tests and reduction of coupon test has significantly reduced the cost of development, but increased 
the lisk of redesign. To reduce the risk of failure, the modified building block approach must be care- 
fully planned. The process has been divided into four phases. 

Phase I establishes a preliminary design concept. It may involve trade studies or may be a proof- 
of-concept, but it will also always be governed by as set of rules in the form of certification require- 
ments. It is the starting point. 

Phase II involves defining those parameters that affect design. Under this phase there are four pri- 
mary areas from which the design parameters come. First, the design requirements are established by 
defining strength, stability, and dynamic requirements. Second. the operational environment will es- 
tablish parameters such as temperature, corrosive resistance, and/or foreign object damage (FOD) 
damage requirements. Third, the proposed material system may have strengths or weaknesses that 
must be addressed. Granted, this assumes that there is some level of existing data that can be used to 
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32 COMPOSITE STRUCTURES: THEORY AND PRACTICE 

address the weaknesses. The engineer must make an assessment of those laminate characteristics that 
need to be evaluated based on a limited knowledge of the material system, loading, environment, etc. 
As in the case of an APC-2, a thermoplastic material system, laminates constructed of this material 
system have increased toughness, but poor adhesion capability. Fourth, there may be preliminary ma- 
terial properties available (such as tension, compression, shear, or bearing) from the vendor or some 
other source that could aid in the design. The use of those material properties must be reviewed rela- 
tive to the proposed design not only for the type of properties but for the standard and method used 
in development. Are any or all of the material properties applicable'? What properties must be estab- 
lished based on the preliminary design? 

During Phase III, the critical design parameters identified under Phase II will be considered and 
used to determine what tests are necessary to reduce the cost of certification. This phase can be bro- 
ken down into four steps (as shown in Fig. 2): 

1. Establish the critical design parameters. 
2. Develop a suitable test matrix that will provide confidence in the resulting laminate allowable. 
3. Design the specimen. It is best (where applicable) to use a standardized test and specimen con- 

figuration, but that may not always be possible. 
4. Test the specimens. 

Phase IV is where the final design is completed based on the above-established laminate proper- 
ties and receives full-scale testing. 

Phase I 

The objective of the program was to reduce both the cost and weight of a component utilizing a 
thermoplastic material. The structure to be developed is a thermoplastic monocoque tailboom to be 
used on a light helicopter model. The basic design of the thermoplastic tailboom is shown in Fig. 3. 

Phases H and I11 

AS4/APC-2 thermoplastic material system was used for the preliminary design of the tailboom. 
The plies are laid on a metallic mandrel using an in situ fiber placement process. This process allows 
for the conventional orientation of fibers, that is, 0 deg (along the boom axis), 45 deg (bias), and 90 
deg (circumferentially around the boom). The tailboom has a small taper to it as it transitions from 
the body of the helicopter to the tailrotor gearbox attachment. This taper presented a problem in drop- 
ping the plies. That is, the plies being laid on a bond tool, which are only 0.24 in. (6 mm) wide, re- 
quire a series of laps and gaps. A significant amount of effort was expended in trying to reduce the 
effect of the lap and gap by compacting the ply as it was laid on the tool; but these laps and gaps pro- 
vide an inherent crack (or delamination) initiation source. In addition to material processing, and as 
shown in the design of the tailboom, the boundary conditions (as mentioned above) need also be ad- 
dressed when trying to determine the material's strength. That is, considering the combined effect of 
skin thickness and distance between frames, the compression strength allowable was considered in- 
adequate. Material allowables for the most part are generic regardless of where they are used, and 
therefore rarely would be defined as a function of geometry or boundary conditions. However, to 
evaluate a specific set of design parameters, as in the case of the tailboom, structural design allow- 
ables that consider the uniqueness of the product must be considered. Testing to determine these 
structural allowables must be considered carefully for every application. The tailboom's thin com- 
posite monocoque structure drives the need to understand the effect of stability. In other words, the 
effect of the boundary conditions must be considered in the test coupons used to establish the struc- 
tural allowables for the tailboom. In addition, the usage profile shows that the tailboom is more sus- 
ceptible to impact damage both from natural causes such as hail or human-induced damage such as 
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34 COMPOSITE STRUCTURES:THEORY AND PRACTICE 

dropped tools. Given that the design must consider impact damage and that stability of thin structure 
could be affected by damage, it was evident that compression-after-impact (CAI) at barely visible im- 
pact damage (BVID) would be a critical design driver. 

From a review of the existing data (shown in Table 1), tension data were considered acceptable, 
given that tensile strength does not change with thickness and is relatively independent of the matrix 
system. The in-plane and interlaminar shear data were also considered acceptable since all the shear 
margins of safety remained positive. The compression strength data, however, were felt to be inade- 
quate, since the test data were developed from thick-walled nonbuckling specimens as opposed to the 
thin-walled monocoque structure. To consider what type of tests would be required, it is first neces- 
sary to review the design requirements from the perspective of certifying safe structure as manifested 
by the certifying agency. Knowing that compression strength is highly influenced by environment 
and impact damage (see Table 2 and Fig. 11), and a review of Fig. 4, as interpreted from Refs 2 and 
3, would indicate that the environmentally adjusted compression strength at BVID should be the fo- 
cus of the material allowables for this design development program. Because the extent of impact 
damage for thin-walled structure is dependent on the flexibility of the impact site, it can be said that 
boundary conditions play a primary role in the CAI strength at BVID. The determination of BVID is 
therefore very crucial. The best way to establish an acceptable BVID threshold is to impact the full- 
scale structure, rather than removing sections of the structure and then impacting. Therefore, the ap- 
proach was to determine a CAI allowable that would best reflect the thickness and geometry of the 
proposed design while also considering possible threats. 

To establish BVID, a tailboom was mounted in a fixture simulating attachment to the fuselage and 
subjected to various impact energies and impactor nose diameters at different locations. The impact 
sites were sectioned from the tailboom and tested in room temperature ambient (RTA) compression 
to establish the RTA CAI strength allowable, which is then reduced by an environmental factor based 
on the ratio of the interlaminar shear RTA to elevated temperature wet (ETW). By systematically im- 
pacting at various energies and at various locations multiple times around and along the tailboom and 
using the minimum data values, a BVID material allowable can be developed such that it would be 
acceptable for structural sizing. Environmental damage due to hailstones represents a worst-case 
threat. Tool drop and FOD from rotor wash are not a player due the location of the tailboom with re- 
spect to the rest of the airframe. The range of impact energies as illustrated in Fig. 5 (from [4]) pro- 
vided a sanity check on the test matrix. Note that the 0.785-in. (20-mm) diameter hailstone meets a 
more statistically realistic worst-case size [4] based on the probability of storm occurance and asso- 
ciated size of hailstones. 

The Test Specimen 

Consider that the allowable must cover all design parameters that are transparent to the stress an- 
alyst. That is, the stress analyst will determine the stress in a component based on loads and bound- 
ary conditions and will check the design against a set of material allowables (that are not themselves 
a function of boundary conditions). Given this philosophy, the testing to establish a minimum BVID 
threshold and its associated allowable was completed using a section of the tailboom mounted and 
supported simulating attachment to an actual helicopter. A stress analysis of the tailboom showed 
very high compression stresses in the region of tailboom used in the test. This section of the tailboom 
represents the most conservative configuration relative to thickness and boundary conditions for CAI 
at BVID. The configuration of the test specimen and test setup is shown in Fig. 6. The location of the 
impact sites around the circumference is shown in Fig. 7. The test specimen was impacted by drop- 
ping a mass nonrtal to the impact site. The impact energy was calculated as ~ • mass • (velocity) 2, 
where the mass was predetermined by the test apparatus, and the velocity was calculated by equating 
to kinetic energy to potential energy. The test machine measured final velocity to obtain an accurate 
measure of impact energy. Two different tup diameters were used to assess the influence of diame- 
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basedon aluminium sheetsrequirea much larger time before flames penetrate
through the laminate (in the order of 10–15minutes). The reason is that the
composite layers carbonise and delaminate,thereby shielding the heat from
insidelayers.At thesame time thealuminium, dueto its conductivity, dissipates
the heatover a large area.

Corrosion resistance7

Another protection mechanism is active when the laminate is exposed to
moisture. In metalalloysthis will result in corrosion:themetaldissolveslocally,
andpits andholesarisein themetal.In FML, thecomposite layersstopsfurther
corrosion attack,andthe corrosion is limit ed to the outside metal layer. On the
other hand, the metal layers protect the composite layers. Theselayers can
deteriorate under the influence of ultraviolet radiation and moisture. Metal
layerscoverthe compositelayers(except for the edges), andtherefore, thereis
almostnodeterioration of thecomposite layers.Only minimummoistureingress
is possible via the edges.

8.4 Product ion processes f or f ibre met al laminat es
Production processes for hybridsarerelatedto thepropertiesof theconstituents.
In this section both machining and forming processesare described, with
emphasis on the forming processes. Many production processes have a
resemblanceto eithermetalor composite production processes.

8.4.1 Cutting processes for FML
Cutting of FML is not too difficult, but the constituentsand the composition
of the laminatesrequireprocedures different from the cutting of metalalloys
or composites.For cutting of FML, the following issuesshould be kept in
mind:

• The highly abrasivefibres causerapid tool wear, unlessspecific tooling
materials areused.This is true for glassandcarbonfibres.For aramid fibres
wear resistanttooling is also required, but for anotherreason.The aramid
fibre is neither hard nor abrasive, but very tough, and only sharpcutting
edgesareable to cut thesefibres.

• Dull cutting tools, due to tool wear,produce heat. This heatcan affect the
laminate, and is specif ical ly detrimental to the laminate causing
delaminations and/ormatrix damage.

• Forcesperpendicular to thelaminatesmaycausedelaminations.Theseforces
actperpendicularto theinterfacesbetween thedifferent layers,andshouldbe
controlled carefully. Part of this control is the limit ation of tool wear, since
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ter, 5/8 in. (15.8 mm) and 2 in. (50.8 mm). The impact sites were spaced so as to ensure that the im- 
pact damage from one site would not influence another site, and also to allow sufficient size to cut 
the CAI specimens (Fig. 7) from the BVID specimen. 

The configuration and size of the CAI specimen was predominantly determined by boundary con- 
ditions of the specimen. The length of the specimen was predetermined by observations of similar 
damage from various impact energies from preliminary tests. It was important to ensure both that any 
internal damage associated with the impact was not imbedded in the potting compound used to clamp 
the end of the specimen, and that the structural mechanisms from the full-scale structure were cap- 
tured in the specimen. The width of the specimen was determined by both the width of the impact 
zone and the length. Consideration was also given to establishing a specimen size that would be free 
of end or edge effects at the impact site. A common specimen configuration was used for all tests. 

The boundary conditions were represented as clamped ends and simply-supported side walls. Pot- 
ting compound was used to clamp the ends, while back-to-back steel rods clamped to the edges (as 
seen in Fig. 8) were used to represent the boundary conditions. Without the rods along the edge, an 
unrealistic failure due to the bending associated with column buckling would occur. In the actual 
structure, out-of-plane support is inherently provided by the continuous monocoque structure. Some 
form of verification was done to ensure that the boundary conditions of the test don't influence the 
strains in the gage region of the specimen. A photoelastic coating on one of the specimens was used 
to ensure that the edge effects were negligible at the impact site. 

BVID Tests and Results 

The test matrix shown in Table 2 was designed to establish the onset of BVID and its associated 
CAI strength. During the course of establishing BVID, an interesting occurrence in the maximum de- 
flection versus impact energy was observed, as seen in Fig. 9. Maximum deflection increased up to 
penetration, at which point the maximum deflection decreases slightly as the tup penetrates the struc- 
ture. For thin structure, BVID will occur prior to penetration. Note, backside damage is not consid- 
ered since this damage is not visible to the maintainer. BVID for this tailboom configuration (mate- 
rial and structural geometry) occurred at approximately 60 in. lb (6780 mN �9 m). As shown in Fig. 4, 
visible damage must be capable of taking limit load; for the material used in this tailboom, that 
equates to approximately 180 in. lb (20 340 nM - m) (onset of penetration), which according to Fig. 
5 would be a hailstone approximately 1.5 in. (38.1 mm) in diameter. From the perspective of a global 
structural response, increasing the steel tup size (impactor diameter) from ~ in. (15.8 mm) to 2 in. 
(50.8 ram) showed very similar results relative to deflection and impact energy. However, locally 
within the structure there is a significant difference in maximum contact force between the tup di- 
ameters, influenced by the contact area between the tup and the specimen, as demonstrated by the tact 
that penetration never occurred with a 2-in. (50.8 ram) tup. It should be noted that flexibility of the 
tup relative to the impact site was not addressed. This damage associated with this energy level is very 
similar to the bending failures seen in Ref 5. As the impact energy increases towards penetration the 
damage area becomes larger. At penetration (Fig. 10e), the damage area is dramatically decreased 
representing more of a shear failure in the matrix system. Figures 10a through 10e show the pro- 
gression of internal damage as defined by a TTU ultrasonic inspection for 20, 40, 60, 80, and 180 in. 
lb (2260, 4520, 6780, 9040, and 20 340 mN" m) impact energy using a 5,8 in. (15.8 mm) tup. The dam- 
age region due to penetration is shown in Fig. 10e. The circular region is where the tup penetrated the 
laminate. There was significant damage localized to the impact site (fiber brooming), but the lami- 
nate did not show the same level of damage propagating along the axis of curvature as that seen by 
lower impact energies. It should be noted that the observed external damage was very consistent in 
size with internal damage observed from the ultrasonic inspection of the damaged specimens, thus in- 
dicating, "What You See Is What You Get" (WYSIWYG). Similar results are shown in Ref 5 for 
curved surfaces. Although not quite exact, the similarity suggests that geometric curvature of the 
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TABLE 2--BVID and CAI test matrLr. 

Number of Tests 
Impact Energy 

Specimen ID (in. �9 lb)* BVID CAI Baseline 

1,10,19,28 0 . . . . . .  4 
2,11.20,29 60 4 3 ... 
3,12,21,30 90 4 3 ... 
4,13,22,3l 120 4 3 ... 
5,14,23,32 150 4 3 ... 
6, 15,24,25 180 4 3 ... 
7,16,17,26 210 4 3 ... 
8,9,18,27 240 4 3 ... 

* 1 in. . lb = 113 mN- m. 

component will induce failure along the axis of the curve. The work done in Ref 5 also suggests that 
layup plays a large role in the orientation of the failure. That is, a highly biased ply orientation will 
skew the impact damage along the direction of the fibers, and more quasi-isotropic laminates pro- 
vided symmetric damage response. Unless the ply orientations are highly tailored, the laminate prop- 
erties will generally be quasi-isotropic, and for impact damage the resulting external damage (crack) 
would extend along the axis of curvature. The percentage of 0, 45, and 90-deg plies, while not con- 
stant along the axis of the boom, is similar in percentage. Therefore the thinner region along the boom 
was investigated, t = 0.058 in. (1.47 ram). The component being evaluated is limited to the laminate 
percentages and/or thicknesses being tested, Deviations from those laminate percentages or thick- 
nesses would require additional testing. While this appears to be very limiting, the cost associated 
with developing the same data for other laminate configurations is mitigated. 
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FIG. 9--BVID impact test results. 



10.3.8 Stack forming behaviour
Whena fabric is required to conform to acomplexshapesuchastherib shapein
Fig. 10.5,theorientationof theweavecontrolsthelocal intra-ply shearrequired.
Figure10.7shows theshapeof a rib for anaircraft control surfaceleadingedge
with the drapepattern of a 0º/90ºply (left), and a � 45º ply (right), predicted
using the DRAPE simulationsoftware(Bergsma2000). It can readily be seen
that the required shearpatternis different for the two fabric orientations.

Theseshearpatternspredictedusing drapesimulation softwaremay only be
realisedby forming single plies underideal conditions.In multi-ply stacksthe
resistance to interply slip imposesconstraints on local intraply shear,and it is
observedthat the shearpattern of surfaceplies in suchstacks often doesnot
match that predicted by draping theory. Intraply sheardeformation is usually
lessthanpredicted.Theconsequentresidual compressionstressin thepliesmay
be dissipated by the formation of local wrinkles, or by increasedlocal crimp in
the fabric.

10.4 Tape prepreg
Thedeformationmechanisms for tapeprepregarein manywayssimilar to those
of fabric prepreg.Interply slip behaviourin particular is similar (Phunget al.
2003).Out-of-planebendingresistance is higherin thefibre direction, andmuch
lower in the transversedirection.

The important difference is in intraply shear behaviour. Intraply shear
resistance is thought to be considerably lower than for fabric prepregs, but is
somewhat difficul t to measuredirectly. Bias extension testson two ply [� 45,
ÿ 45] specimensgive similar resultsto those on a single � 45 fabric prepreg(see
Fig. 10.4)andto some extent produce theintraply shearbehaviourexpectedof a
pin-jointednet (Potter 2002a),althoughthereis no tow locking effect,andboth
intertow slip and interply slip becomemore obvious at higher extensions.
However, muchof the apparentintraply shearresistance in suchbiasextension

10.5 Solid model of the leading edge rib tool ‘draped’ wi th a fabric at 0/ 90ºand
� 45º orientations using simulation software. Locations of maximum shear can
be seen for each case.
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Strength Test Results 

The strength test results are shown in Fig. 11. While this plot combines the effects of DR (response 
to the impact event) and DT (response of damaged structure to design loads), they are clearly sepa- 
rate mechanistic issues. The general trend indicated that as impact energy increased, the residual 
strength decreased as shown in Fig. 9. However, the increase in CAI strength at the higher impact en- 
ergies is an indication of changing internal failure modes. Internal collateral damage characterized by 
interlaminar shear failure results in increased CAI strength loss until through penetration occurs. 
Through penetration is a result of the fibers' inability to support the impact event, minimizing the ef- 
fect of interlaminar shear. The increase in CAI strength is therefore a result of decreased interlami- 
nar shear damage. However, similar to the condition shown in Fig. 9, as the impact energy ap- 
proached penetration the slope (strain versus impact energy) changed direction, so in this case an 
increase in strength was shown. Failure was defined as when the specimen could no longer sustain 
load, as shown in Fig. 12, where the average bifurcation (shown using back-to-back strain gages) on 
the strain gages flatten out. As a side note, as instability occurred, the curved specimen would snap 
through, generally initiating at the impact site. A transverse strength failure, when it occurred, would 
pass through the center of the impact site. For those specimens that snapped though, no additional 
propagation of damage was observed. It was suggested that the toughness of the thermoplastic resin 
system helped prevent further laminate degradation. Failure was defined when load could no longer 
be applied. For those laminates that failed due to a transverse strength failure, compression or lack of 
the resin system supporting the compressive loads appeared to be why the laminate fractured normal 
to the loading direction. Again, failure was defined when load could no longer be applied, but in this 
case, there was a distinct failure line. As was the case with snap through, the external crack and sub- 
laminate delamination along the axis of the specimen did not change. 
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Discussion of Results 

The standard compression specimen as used in the modified ASTM Test Method for Compression 
Properties of Rigid Plastics (D 695) compression tests are laterally supported from out-of-plane buck- 
ling during loading. Laterally supporting the CAI specimen in the region of the impact site would re- 
sult in overly conservative strength properties relative to the design of the tailboom. As discussed ear- 
lier, the circular cross section of the tailboom offers an inherent out-of-plane support for the 
monocoque skin. The lateral supports, representing simply-supported edge conditions, represents the 
best approximation at the monocoque geometry of the tailboom. Since the lateral supports are not to 
be placed at the impact site, the resulting allowable becomes more of  a function of  stability than it 
does strength. Realistically this should be considered an accurate structural allowable provided the 
boundary conditions have been chosen correctly (to be verified by the full-scale test). There will be 
some regions on the component (near supports) that are nonbuckling in which the allowable will be 
overly conservative. But in other regions of the component that more closely represent the boundary 
conditions of the test, the structural allowable will be much more accurate. Since the structural al- 
lowable reflects both stability and strength, the critical location becomes sized Ibr the worst case sce- 
nario. Therefore the allowable ranges from conservative to accurate, depending on the location of the 
component being sized. Increased weight due to a conservative allowable would not be an issue, since 
that would indicate decreased thickness near a support, when in reality the thickness nearly always 
increases near a support due to other strength requirements. This allowable then becomes transparent 
to the stress analyst, thus allowing use of traditional strength analysis methodology. 

Summary 

Using a modified building block approach shows promise in mitigating the dependency on a fully 
populated test matrix, as defined in a traditional building block approach, to certify a component 
structurally. This approach is limited to the component under design in that it used those parameters 
important to that component. In this case, the time and the associated cost of developing a thermo- 
plastic tailboom have been substantially decreased--keeping in mind that it is not cost effective to go 
through a full-blown design allowables approach for a redesign or improvement of a component. 
Therefore, this becomes a very viable approach to any development process. However, it is impor- 
tant to note that the design allowables become a part of the geometry evaluated and potentially may 
not be transferable to other applications. 
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ABSTRACT: The main objective of this work was to investigate and predict the behavior of damaged 
smtctural elements (skin-stringer panels). The study combined characterization through testing with 
fractographic analysis, and analysis of delamination using the finite-element method. The experimental 
studies entailed investigation of damage growth from embedded skin defects in panels under compres- 
sive load, and the subsequent structural failure. Parameters such as defect size, location with respect to 
substructure and through-thickness position were studied. Local delamination and global panel buck- 
ling were modeled, and the resulting delamination growth was simulated using a moving mesh tech- 
nique. The results illustrated the importance of the location of the 90 ~ plies to the damage evolution, and 
the criticality of global buckling and stringer detachment in the structural failure. The understanding 
gained from both the experimental investigations and numerical simulations has led to guidelines for re- 
alistic modeling and rules for designing damage tolerant structures. 

KEYWORDS: skin-stringer panels, delamination, fractography, finite-element modeling, moving 
mesh, structural failure 

Introduction 

Composites are now widely used in aerospace applications but have not delivered the cost savings 
expected. This is partly due to the limited success in extrapolating behavior at a material level to 
structural conditions. Thus, component testing rather than predictive modeling is the required route 
for certification. In particular, predicting the delamination behavior in composite structures is prob- 
lematic. There have been many studies into delamination, including a recent one by one of the au- 
thors [1 ], but few have investigated the behavior in structures. 

The main objectives of this work were to understand and predict the behavior of damaged struc- 
tural elements (skin-str inger panels) manufactured from a current aerospace material (Hexcel 
T800/924). For comparison, delaminations in plain laminates under pure compressive (in-plane) 
loading were also studied, details of which are given elsewhere [2]. Delamination initiation and 
growth were studied using single plane defects between the plies (PTFE inserts). The defects were 
positioned at three sites: in the bay, partly beneath a stringer foot, and directly beneath the stringer 
centerline. The finite-element models were constructed using separate layers of shell elements for the 
two skin sublaminates, linked by constraint equations outside the defect, and further shells repre- 
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sented the stringer feet, webs, and caps. Delamination and global panel buckling were modeled and 
the damage growth was simulated using a moving mesh technique. 

Experimental Details 

A plain (i.e., unstiffened) laminate was developed to characterize the effect of purely in-plane load- 
ing on the damaged region. A sandwich design (Fig. 1) was used to avoid the complications result- 
ing from using an anti-buckling guide [3]. This panel, designed to withstand strains up to - 10 000 
/ze, allowed sizable damage growth: the surface was free from obstructions. These panels had quasi- 
isotropic skins [( +45~176176176 with 40 mm thick aluminum honeycomb core. The artificial 
defects were disks cut from 10/xm-thick PTFE film and placed between the plies during manufac- 
ture. The panel details are summarized in Table 1. Panels A. B, and I contained defects at the 0~ ~ 
ply interface, three plies deep, while panels E and F contained defects at the + 4 5 ~  ~ ply inter- 
face, five plies deep. Panels B and I were identical so as to characterize the effect of specimen varia- 
tion. The defects were circular, with diameters typical of damage from 15 J impacts in stiffened pan- 
els [4]. 

The skin-stringer panels (Fig. 2) were designed to withstand a strain of - 6 0 0 0  p,e before buckling 
and had skins of the same stacking sequence as the plain panels [( +45~176176176 The panels 
each had three I-stringers with tapered feet (Fig. 2) which were co-cured onto the skin. The defects 
were placed at various locations with respect to the stringers (Table 1); the geometry and depth of 
these detects were chosen from the results of the plain panel tests. Six skin-stringer panels were 
tested, two with defects three plies deep at the (0~ ~ ) ply interface and four with defects five plies 
deep at the ( + 4 5 ~  ~ ply interface, counting from the inner face. 

All the panels were tested in compression in a 1000 kN servohychaulic test machine at a rate of 0.3 
mm/min. Testing of the plain panels was stopped when significant unstable damage growth had oc- 
curred: the skin-stringer panels were loaded to failure. Delamination growth was monitored using 
shadow moir6 interferometry [1]. After testing, the delaminated surfaces were exposed and examined 
using optical and electron microscopy. 

Modeling Method 

Simulation of delamination buckling and growth was canfed out using the finite-element based 
program package DEBUGS (DElamination BUckling Growth and Simulation). DEBUGS, which is 
based on a shell element formulation, can simulate buckling and growth of in-plane delaminations of 
quite general contours. The model accounts for the effects of global bending of the structure and con- 
tact between the delaminated plies. The development of DEBUGS has been described in a number of 
papers and reports [5-11] and only a synopsis of the main features is given here. DEBUGS uses the 
commercial FE-code ADINA to generate structural solutions. An FE-mesh of the stiffened panel is 
depicted in Fig. 3. 

Two kinematically nonlinear shear deformable plates model the delaminated skin [9,10] as out- 
lined in Fig. 4a. In the undelaminated domain, the upper and lower plates are constrained by dis- 
placement continuity along the "interface" as illustrated in Fig. 4b. In the delaminated domain, Fig. 
4c, delaminated members are free to deflect from each other but constrained not to penetrate by 
means of special contact springs [9,10]. Stiffeners are also modeled by shell elements connected by 
constraint equations similar to those used for the undelaminated skin [12]. 

Delamination growth is assumed to take place when the energy release rate attains a critical value. 
For mixed-mode interface crack growth, the critical energy release rate is usually a function of the 
pure fracture modes. This is often expressed as G = G(~b), where ~b is the phase angle defined by ~O 
= atan (Kn/Kd. The energy release rate at local crack growth, G, can be computed from the discon- 
tinuity in field variables across the crack front 
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TABLE 1--bTsert locations and initiation strains for plain and stiffened panels. 

Panel 

Artificial Defect 

Diameter Interface Depth Site 
Delamination 

Initiation Strain (/ze) 

A 35 mm 0~ ~ 3 Plies 
B 50 mm 0~ ~ 3 Plies 
I 50 mm 00/90 ~ 3 Plies 

SS#6 50 mm 00/90 ~ 3 Plies 
SS#8 35 m m  0~ ~ 3 Plies 

E 35 mm +450/ -45  ~ 5 Plies 
F 50 mm +450/ -45  ~ 5 Plies 

SS#1 50 mm +450/ -45  ~ 5 Plies 
SS#2 50 mm +45~  ~ 5 Plies 
SS#3 50 mm +45~  ~ 5 Plies 
SS#4 35 mm +450/-45  ~ 5 Plies 

(plain unstiffened panel) - 2 4 0 0  
(plain unstiffened panel) - 2 4 0 0  
(plain unstiffened panel) - 1950 
Beneath the stringer foot - 4950  
Center of the bay -2500  
(plain unstiffened panel) - 4150  
(plain unstiffened panel) - 3150  
Center of the bay -2850  
Beneath the stringer foot Less than -5250  
Beneath the stringer center In excess of - 7174  
Center of the bay -2900  

G = ( p ( 1 )  _ pt2)~ + (p (3 )  _ p f4 )  
\ - -n#l  --lZtl J \ - - t i l l  l i l t 1  ,a (1) 

The superscript  denotes  the locat ion o f  where the tensor,  P,,,,, is eva lua ted  (see Fig. 5a) and  where  

p f h )  = WIh) _ i v f h ) i T ( h )  _ t - ) l h ) T i ( h )  _ M I h )  i q f h )  
nn " ' n y l ' n , T  ~ n  ~ 3 . n  * " n  "~vn,  y (2) 

In Eq 2, W is the strain energy  function;  N, M and Q denote  m e m b r a n e  forces,  m o m e n t s  and  trans- 

verse shear  force, respect ively;  ~7i is the midplane  d i sp lacement  and 0 t ransverse  rotation; tz denotes  

the normal  direct ion to the crack front; double Greek  indices  denote s u m m a t i o n  o f  normal  and tan- 

gential  componen t s .  

The  nonl inear  plate p rob lem m a y  locally be reduced  to a linear p rob lem if  a h o m o g e n o u s  strain 

field is superposed  such  that the undelanf ina ted  reg ion  b e c o m e s  u n d e f o r m e d  [5,13,14] as out l ined  in 

Fig. 5b. The  n u m b e r  o f  u n k n o w n  load resul tants  is reduced to five but  the energy  release rate and 

stress intensi ty factors are the same as in the nonl inear  plate problem.  The  tensor  componen t s ,  P ..... 
then become  

-~7(h )u (h )  _1_ ~ f I h ) u c h )  ~ ( h ) ' ~ ( h )  i ' ) (h)-d'Ih)  

. . . .  p(h), = , ,  ,,,, o,,,, 2 "" nt ~nt -J- " ' ' 2 - " ~ '  + ~ "  2~ ' h = 1,2 

P~[~ = 0,h = 3,4 

(3) 

where  e and  K denote  the strain and curvature  and where  the bar refers to the quanti t ies after super-  
position. 

The  fundamen ta l  fracture modes  are l inear funct ions  o f  the five load resul tants  

If.[ = atN,,,, + a2N,,,, + a3Qn + a4N, t + a s N ,  t 

Kn  = biN,,,, + b2N,,,, + b3Q,  + b4N,,t + bsN,,t (4) 

KUI = c l N n n  + c2Nn,, + c3Qn + c4N,,t + csN,,t 

The  coeff icients  in Eq 4 m a y  be de te rmined  by so lv ing  the split  b e a m  p rob l em for the mater ia l  com-  
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FIG. 3--Finite-element mesh of skin-stringer panel with a 50-ram-diameter embedded defect. 

FIG. 4---Model of  delamination skin. 
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bination of interest with unit sectional loads one-by-one. This can be a formidable problem for a gen- 
eral layered material. Closed-form solutions tbr the coefficients have been given in Ref 14 for the 
isotropic split beam problem and when there is no shear. The only nonvanishing coefficients were 
then 

COSO) 

al = VU--2t~ a 2 -  

sin(w + y) 
7- 

~.., 2t3V 

sinoJ cos(~o + y) 
bL -- b~ - /-- (5) 

V'2tU " ~/ 2t3V 

~ t + T  
c4 = 2tT 

and where rl = t/(T + t) is the thickness ratio, and y, w, V, and U geometry functions. 

3 l / V =  12(1 + 3r/ ). 

y = a sin(602 (1 + O)X/UV ) 

1/U= 1 + 4 r  1 + 6 7 / 2 + 3 r / 3  

~o = 52.1 ~ - 3~ 

(6) 

The split-beam problem with the shear force Q,, was solved using the in-house FE code STRIPE. 
The loading was virtually pure Mode I for all delamination depths. The very same FE model was also 
used to confirm the closed-form coefficients given in Eq 5. 

In the analysis, energy release rate distribution was calculated along the delamination front using 
Eqs 1 and 3. Only the "isotropic mode decomposition" was adopted, using Eqs 4 and 5 and assuming 
that the shear force gives pure Mode I loading. This is obviously a bold simplification. Work is in 
progress to generate solutions for general layups. 

A complete analysis of delamination buckling and growth includes the following steps: 

�9 The global (plate) buckling load is first detemlined for the structure. 
�9 The delamination buckling load is subsequently determined with due account for contact. 
�9 This is followed by the kinematically nonlinear postbuckling analysis where the full Newton 

method is adopted and where the contact analysis is performed at each load. Once the contact 
analysis has converged, the energy release rate is computed along with fracture mode separa- 
tion (in the present implementation with the isotropic material simplification). Load increments 
are taken automatically such that load increments are small near the delamination and global 
buckling loads (where the tangential stiffness may be very low). Load increments are also ad- 
justed such that the crack growth criterion is attained but not significantly exceeded. In the nu- 
merical analyses given here, the energy release rate was within 1% of the critical value at crack 
growth. 

�9 The delamination front may propagate when the crack growth criterion, G ( ~ )  = Go(qt), has 
been attained at some node. The front is then advanced by moving the nodes which have reached 
the crack growth criterion a small distance in the local normal direction to the front and in the 
plane of the delamination (see below), followed by a second step where the entire mesh is slightly 
moved. The postbuckling analysis is then restarted at the previous propagation load, but with the 
new updated mesh. 

By this approach, the evolution of the delamination growth is modeled by performing a large num- 
ber (typically in the order of a few hundred) of incremental crack propagations. The "small" distance 
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the nodes are propagated must be finite but sufficiently small. The mesh is moved by solving a two- 
dimensional finite-element problem using the same mesh as in the shell analysis. Nodes along the de- 
lamination front, which have attained the crack growth criterion, have prescribed displacements equal 
to the crack increments. Nodes along the front, which have not attained the crack growth criterion, 
and nodes along the outer boundary and stiffeners have zero prescribed displacements. The new nodal 
coordinates for the shell problem are taken as the nodal coordinates after deformation of this two-di- 
mensional problem. 

The following measured properties [1] of T800/924 were used: Ett  = 155 GPa, E22 = 8.57 GPa, 
u~2 = 0.33, G~2 = 7.4 GPa and ply thickness = 0.125 mm. The remaining mechanical properties were 
assumed: E33 = E22 = 8.57 GPa, v~3 = ~'12 = 0.33, u23 = 0.52, G~3 = G23 = 7.4 GPa. 

In die plain panels global buckling was inhibited, which was simulated by making the substrate 
considerably thicker than the delaminated plies. In the skin-stringer panels (Fig. 3), the loaded edges 
were locked in all degrees of freedom while the nodes on the opposing edge were joined by rigid links 
to a master node (free only to move in the loading direction), to which a point load was applied. 

Experimental Results 

Plain Panels 

Examples of the damage growth in the plain panels are shown in Figs. 6 and 7 (50 mm diameter 
disbands at 0~ ~ and + 4 5 ~  ~ ply interfaces, respectively): the loading direction was vertical in 

FIG. 6--Moir~ images of damage growth in a plain panel with a 50 mm-diameter defect at 3/4 
(0~ ~ pO" interface. 



58 COMPOSITE STRUCTURES: THEORY AND PRACTICE 

FIG. 7--MoiM images of  damage growth in a plain panel with a 50-mnz-diameter defect at 5/6 
( +45~ ~ ply interface. 

these images. The increase in damage width is shown in Figs. 8 and 9 and the delamination initiation 
strains are given in Table 1. 

Damage development from inserts at the 0~ ~ ply interface all tbllowed the same pattern (Fig. 
6). As the load was increased, the delaminated region became elliptical and growth initiated at the 
transverse boundaries. The delamination developed into a lozenge shape, with lobes growing on the 
right side. from just above the major axis of the ellipse and, on the left side, from just below the ma- 
jor axis, almost parallel to the - 4 5  ~ ply. Secondary growth also developed, propagating parallel to 
the +45 ~ ply. leading to the development of rectangular and ultimately dogbone damage shapes. Fi- 
nally, there was splitting at the surface and axial damage growth. Comparison between panels B and 
I (Fig. 8) indicated there was little specimen variation. 

The damage development in the panels containing inserts at the + 4 5 ~  ~ ply interface also fol- 
lowed a pattern (Fig. 7) though not the same as that of the inserts at the 0~ ~ ply interface. The de- 
laminated region became elliptical as the load was applied, the major axis of the ellipse was aligned 
at 105 ~ (clockwise) to the loading direction. Delamination growth initiated from the ends of this el- 
liptical blister and then developed as a flattened ellipse until the test was stopped. 

The delamination initiation strains (Table 1) in the plain panels varied considerably, which was at- 
tributed to the difficulty in measuring this parameter [1]. This was due to the poor resolution of the 
moire interferometry at the tip of the defect. There was no trend with insert size, but the initiation 
strains for the inserts in the 0~ ~ ply interfaces were 40% lower than those for the +450 / -45  ~ ply 
interfaces. However, after initiation, the damage growth from the defects at the 0~ ~ ply interface 
was slower than that from the + 4 5 ~  ~ ply interface. 
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TABLE 2--Summao' of skin-stringer panel test results. 

Skin-stringer Panel Number 

Parameter SS#6 SS#8 SS#1 SS#2 SS#3 SS#4 

Ply interface 00/90 ~ 00/90 ~ +45~ ~ +45~ ~ +45~ ~ +45o/-45 ~ 
Insert diameter 50 mm 35 mm 50 mm 50 mm 50 mrn 35 mm 
Location Foot Bay Bay Foot Centerline Bay 
Buckling strain (/~e) -6600 -5600 -5800 -6000 -6500 -5600 
Failure load (kN) -953 - 9  l0 - 880 -881 <-987  -924 
Failure strain (/ze) -7153 -6261 -6201 -6453 <-7174 -6437 
Peak strain (/*~) -9655 - 10686 -7686 -7382 -9711 -9233 
Peak delamination 

deflection frnm) 2.08 -2.35 - 1.60 -0.94 + 10.17 -2.58 

Skin-Stringer Panels with Defects at 00/90 ~ Ply bttetfaces 

A summary of the results fi'om the skin-stringer panel tests is given in Table 2. The damage de- 
velopment for the 35 mm defect in the bay (SS#8) was similar to that shown in Fig. 6 for the plain 
panels. The delamination developed into an ellipse and, at an applied strain of about -2500  p,e. there 
was outward bending (away from the stringers) of the bays. Lateral growth (parallel to the 90 ~ plies) 
initiated and grew from the right-hand lobe of the delamination, followed by initiation from the left- 
hand lobe of the delamination at an applied strain of -3500/z~ .  The damage then extended across 
the bay and, at an applied strain of - 5 2 0 0  p,e, the panel buckled. Although the growth rate increased, 
the damage had not reached the stringers when failure occurred at an applied strain of -6261  p,s. 

The damage development for the panel with the 50 mm defect partly beneath the stringer foot 
('88#6) is showu in Fig. i0. The delamination formed a bell-shaped blister adjacent to the stringer 

FIG. l ~ - M o i r ~  images of  damage growth in a skin-stringer panel with a 50 nun-dianteter defect 
at 0~ ~ ply intetface beneath stringer foot. 
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edge and, at an applied strain of -4950/ . ts ,  started to extend across the bay, forming a double-peaked 
front. At an applied strain of -6000 /xe ,  the panel started to buckle and the delamination extended 
along the stringer edge. Failure ( -7153 /xs )  was preceded by rapid delamination growth and debond- 
ing of the central stringer. 

The height of the delamination blister from the insert in the bay rose faster and was higher than that 
partly beneath the foot. In addition, as shown in Fig. 8, the damage growth was dependent on the de- 
fect site with respect to the substructure; at a given strain, the damage from the insert beneath the foot 
(SS#4) had grown less than that in the bay (SS#8). Consequently, the latter failed at a lower strain. 

Skin-Stringer Panels with Defects at +45~ ~ Ply hztelfaces 

Panels SS#1 and SS#4 contained defects in the bay: both exhibited similar damage behavior to that 
shown in Fig. 7 for the plain panel. An elliptical blister formed at about - 2 0 0 0 / x e  with the major 
axis aligned in the 105-deg direction. The sublaminate beneath the insert bent outwards as the dam- 
age extended along the major axis of the elliptical blister. The delamination grew until it reached the 
stringers, at which point it flattened and growth was inhibited. The panel buckled at about - 5200  bte 
and surface splitting developed within the stringer feet. Eventually, there was massive outward bend- 
ing of the sublaminate beneath the insert and the panel failed. 

The damage development in panel SS#2 (50 mm defect partly beneath the stringer foot) is shown 
in Fig. 11. There was no visible damage until at -5274 /xe ,  when there was massive outward deflec- 
tion beneath the insert and rapid delamination growth across two-thirds of the bay. The panel buck- 
led and the damage continued to extend, reaching the fight stringer at - 6 2 0 0 / z e .  The damage ex- 
tended along both stringer feet, forming a horizontal band across the bay. At -6413  /xe cracking 
developed at the central stiffener foot and the panel failed. 

In panel SS#3 (50 mm defect beneath the stringer centerline) there were no significant nonlinear- 
ities in the strain gage responses and no evidence of local buckling from the moir6 interferometry. 

FIG. 11--Moird images of damage growth in a skin-stringer panel with a 50 ram-diameter defect 
at -t-45~ ~ ply interface beneath stringer foot. 
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Global buckling was at -5800/ , re  but, due to test limitations, at - 7 1 7 4 / x e  the test was stopped. Ul- 
trasonic inspection showed that some limited lateral growth had occurred. 

There was little difference between the panels in the out-of-plane displacement of the damage, al- 
though the delamination from the insert beneath the foot did not start to grow until late in the test. The 
delamination initiation strains (Table 1) were very dependent on the defect location but all three pan- 
els failed at similar applied strains. The damage behavior (Fig. 9) in the two panels containing defects 
in the bay were relatively similar. However, the damage growth from the defect partly beneath the 
foot exhibited the same trends in growth as the other panels, but at a higher compressive strain. 

Failure Analysis 

Plain Panels 

In the plain panels the damage mechanisms were governed by the orientation of the delaminated 
plies. Although the insert was at a single plane, the subsequent damage growth consisted of a num- 
ber of mechanisms including multiplane delamination growth, ply cracking and fiber fracture. The 
fracture surfaces exhibited rotational symmetry about the defect center. 

The fracture surfaces from a panel containing a defect at the 0~ ~ ply interface are shown in Fig. 
12. First, splits (marked as white dashed lines), tangential to the defect edge, had developed in the 0 ~ 
ply directly above the defect plane. Cracks migrated through these splits, lbrming delaminations at 
the 2/3 ( -45~  ~ ply interface growing parallel to the - 45 ~ ply (zone B in Fig. 12). Splits also de- 
veloped in the - 45 ~ ply, through which the crack migrated into the 1/2 (+450 / -45  ~ ply interface, 
growing parallel to the +45 ~ ply (zone A in Fig. 12). Finally, Mode II delanfination had occurred at 
the defect plane (zone C in Fig. 12). This was all deduced from inspection of the fracture surface mor- 
phology. 

The damage growth at the +450 / -45  ~ (5/6) ply interfaces was quite similar for all the defects (Fig. 
13a). Unlike the previous panels, the delamination failure initiated at the defect plane and extended 
as a mixed-mode fracture along the +45 ~ ply. Splits then developed in this ply, through which the 
delamination migrated and extended along the 90 ~ plies in the adjacent interface (+45~176 The de- 
lamination continued to grow within this interface, as a Mode I dominated fracture, for the remain- 
der of the test. Splits also developed in the 90 ~ ply, through which the delamination migrated into the 
0~ ~ layer, where it grew parallel to the 0 ~ ply. 

Skin-Stringer Panels Containing Defects at the 0o/90 ~ (3/4) Ply hTteJface 

The fracture which led to the failure in SS#8 (35 mm defect in the bay) remained isolated from the 
original defect. However. the buckling strain of this panel had been reduced by the presence of tile 
delamination. The failure of the panel with the defect beneath the stringer foot (SS#6) had initiated 
from splitting and delamination growth in the skin beneath the central stringer. This had led to 
stringer detachment, followed by local bending and massive skin delamination. The left-hand stringer 
had then debonded and the inner face of the skin had failed in compression at two sites, initiating from 
beneath the central and left-hand stringers. Finally, the right-hand stringer had debonded and the outer 
face of the panel had failed, initiating from the right-hand edge. 

Skin-Stringer Panels Containing Defects at the +45~ ~ (5/6) Ply Intelface 

In both panels with inserts in the bay (SS#1 and SS#4), the delamination growth had initiated fail- 
ure from beneath the stringer feet. In panel SS#1, the presence of damage beneath the central stringer 
toot had promoted detachment from the skin. This had caused compressive failure of the skin which 
initiated in the delaminated bay and extended across most of the panel width. In SS#4 compressive 
failure of the skin had initiated from beneath the right stringer after it had partially detached from the 
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skin. This mechanism was associated with the damage growth from the defect inducing local split- 
ting and delamination within the foot. 

In SS#2 (defect partly beneath the foot), delamination growth had developed from the insert and 
had extended beneath the central stringer into both bays. This stringer had then debonded from the 
skin, leading to initiation of compressive failure which had then grown towards the panel edges. The 
outer stringers had then failed and debonded. 

Damage growth in the skin-stringer panels exhibited similarities with that in the plain panels, as 
can be seen from comparing Fig. 13a (Panel F) and Fig. 13b (SS#1). In the stiffened panels there had 
also been massive delamination growth within the 0~ ~ (7/8) ply interface (below the defect plane). 
This had initiated from splits in the sixth ( - 4 5  ~ and seventh f0 ~ plies with some delamination at the 
-450/0 ~ (6/7) ply interface. The damage growth in the skin-stringer panels was not only governed by 
the orientation of the delaminated plies but also by that of the substrate. The damage growth had also 
been affected by the stringers; delamination was more extensive in the bays than beneath the 
stringers. 

Modeling Results 

Due to time constraints, only plain panels with 35 mm defects (Panels A and E) and skin-stringer 
panel with a 50 mm defect in the bay (SS#1) were chosen to be analyzed. The algorithm for moving 
the mesh to simulate growth, previously validated for plain laminates, was adapted for the skin- 
stringer panel. The models had not been designed to represent the observed crack migration, which 
had led to the crack front "seeking out" the ply interface with the most favorable fiber orientations 
for growth. To help account for this behavior, single-plane propagation from circular delaminations 
was simulated, not only at the 3/4 (00/90 ~ and 5/6 (+45~  ~ ply interfaces, but also at neighbor- 
ing interfaces, both for plain panels (35 mm defect) and skin-stringer panels (50 mm defect). 

Figure 14 shows elliptical contours of out-of-plane deflections for plain panels, prior to the devel- 
opment of any damage (corresponding to the images in Figs. 6 and 7). For the +45~  ~ ply inter- 
face the initiation sites (major axis of the ellipse) were at approximately 105 and 285 deg to the load- 
ing axis. Figures 15 and 16 show the corresponding maximum strain energy release rate around the 
circular delamination front for plain and skin-stringer panels, respectively. The maximum value was 
attained along elliptical axes of the height contour depicted in Fig. 14. 

FIG. 14--Predicted out-of-plane buckling displacement contours prior to delamination growth for 
a 35-ram-diameter defect. 
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FIG. 15--Predicted maximum strain energy release rate vs. in-plane strain (plain panels). 

The results shown in Fig. 16 indicate that interface at which growth initiated in both the plain and 
stiffened panels was the 5/6 ( + 4 5 ~  ~ ply interlace. Calculation of the mode-mixity [12] sug- 
gested that the delanlination growth was about 50% Mode II (Gc = 384 J/m 2, as given in Ref 1), im- 
plying an initiation strain of about -2000 /~e  in the stiffened panel (experimental value was -2850  
/-tel although the fractographic results indicated that Mode I dominated growth at the 4/5 (+45~ ~ 
ply interface was more relevant. The energy release rate for the strain at which delamination growth 
initiated for the plain panels in Fig. 15 was below the critical energy release rate, which may be an 
indication that the sandwich core should not have been modeled as infinite. 

Figure 17 shows the buckling behavior of the delaminated plies and the substrate for skin-stringer 
panels with single-plane delaminations at a number of depths. In this figure the out-of-plane deflec- 
tion of the delaminated plies (local buckling) is shown as positive values while the out-of-plane de- 
flection of the sublaminate (primarily global buckling) is shown as negative values. As the detect 
plane became deeper, the strain at which local buckling occulted increased. However, the opening of 
the delamination blister also became more rapid as the defect got deeper. Figure 18 shows the distri- 
bution of G (normalized with respect to Gm~,,) around the defect boundary, s, for different defect 
depths. It can be seen that the strain energy release rate peaked at approximately the s = 0.25 and s 
= 0.75 positions, i.e., the lateral extents of the defect boundary. The only exception was the peak in 
the strain energy release rate for the defect five plies deep which was approximately at s = 0.33. as 
had been observed in the experiments (Fig. 7). 

1000 t 
i 

800 1 

- j  600 

J 400 

200 

- -  2 deep -45~ ~ 
o . 3 deep 00/90 " 

. . . .  4 deep 90~ ~ 

. . . . . . .  5 deep +450/..45 ~ 

x 6 deep -45010 ~ 

�9 7 deep 00/90 ~ 

/ " / /  
s 

, '  i S 
, '  ~ � 9  

.' f 

Gc=384J/m = ;' ,.,, 
(50% Mode II) ." ./- /,~- 

3000 6000 

applied Strain (r=6) 
0 

0 9000 

FIG. 16--Predicted maximum strain energy release rate vs. in-plane strain (stiffened panels). 
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FIG. 17--Strain vs. out-of-plane displacement for a stiffened panel with 50 ram-diameter defects 
at different ply inte@lces. 

Figures 19a, b. and c show the predicted damage growth for skin-stringer panel SS#1 for defects 
three, four, and five plies deep, respectively. As indicated in Fig. 18, the maximum G was at the lat- 
eral extents of the defect boundary, and it was from these sites that the damage growth occurred. 
Models of skin-stringer panels containing bay delaminations predicted global buckling at strains be- 
tween -6000 /xe  and -6500/xe ,  depending on the defect depth, which was in good agreement with 
the experimental results. 

Discussion 

The damage development and structural failure were relatively similar in all the skin-stringer pan- 
els, although the detailed processes were affected by defect depth and location with respect to the sub- 
structure. Upon loading, the first event was local buckling of the delaminated plies on the stiffened 
face of the skin. This inward buckling was generally followed by outward bending of the sublaminate 
beneath the defect, such that the delaminated surfaces moved apart. 

As the load increased, delamination initiated from the transverse boundaries of the insert, although 
the strain at which this occurred was strongly dependent on the surrounding substructure. The subse- 
quent damage growth was similar to that observed in the plain panels. The damage then grew across 
the bay towards the stringers although, once it was beneath the stringers, growth was inhibited. Panel 
buckling developed at strains of between -5600/ , re  and -6600/ .re:  damage in the bay promoted 
buckling. The damage then grew beneath the stringer feet and into the bays. The combination of the 
damage and large out-of-plane deflections (global buckling) led to stringer detachment, which pro- 
moted panel instability and skin failure. 

The models were able to represent the local buckling, rotation of the elliptical blister resulting from 
an unbalanced sublaminate, and the location of the initiation site. It was important that the stacking 
sequence of delaminated plies was represented explicitly rather than by homogenized orthotropic 
properties. However, this can generate more complicated local buckling mode shapes than those pre- 
dicted using homogenized properties, which may cause "snap-through" problems in the analysis. 
More sensitive time-stepping algorithms than those employed in this study may be required to fully 
model the behavior. The strong fracture mode dependence of the toughness in conjunction with the 
indication that the proportion of Mode II was larger in the analyses than in the experiments empha- 
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FIG. 19--Predicted deIamination growth in stiffened panel with 50 mm-diameter bay defect be- 
tween (a) plies 3 and 4, (b) plies 4 and 5. and (c) plies attd 5 and 6. 

sizes the importance of accurate mode separation for general layups, although refinement of the anal- 
ysis (including Q, telan) would reduce the proportion of Mode II. 

The damage growth processes and structural failure were affected by a number of factors, the most 
important of which were the ply interface of the initial defect. The lower thickness and transverse 
stiffness of the delaminated material for the defects at the 00/90 ~ ply interface accounted for the lower 
initiation strain. The subsequent damage growth could be explained by considering the damage 
mechanisms. Delamination growth did not remain in the defect plane, but migrated towards the free 
surface, via ply cracks, until it reached an interface in which the driving forces and upper ply direc- 
tions were approximately coincident. In both instances the main driving force was identified from 
fractographic evidence as Mode I fracture parallel to the 90 ~ plies [1]. For the defect at the 00/90 ~ ply 
interface, the upper ply direction was never coincident with this driving force, so growth was inhib- 
ited. However, for the defect at the +450 / -45  ~ ply interface, the delamination migrated into the 
900/-45 ~ ply interface, in which it then rapidly grew. This migration mechanism has been previously 
identified in studies into the fracture toughness of multidirectional laminates [1]. To simulate growth 
from defects and, more importantly, from structural features, it is essential that algorithms are devel- 
oped to model delamination migration. 

The migration mechanism has implications for the strength of the skin-stringer panels. For defects 
in the bay at the 00/90 ~ ply interface, the damage didn't reach the stringers before panel failure, so the 
strength was dictated by other factors such as global buckling. For the defects at the +450 / -45  ~ ply 
interface, the damage extended up to the stringers before failure which promoted stringer detachment 
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and catastrophic failure. Delamination migration should be exploited to develop damage tolerant lam- 
inates such as by eliminating or reducing the number of 90 ~ plies in the skin. In addition, optimizing 
the design of the stringer feet to reduce out-of-plane stresses, particularly during global buckling, 
should significantly enhance the panel strength. 

For design, the critical depth for delamination growth under in-service loads should be determined 
from the predicted Mode I component, and then the stacking sequence of the outer material within 
this critical depth should be engineered to ensure that none of the ply directions are coincident with 
the driving forces. For example, in skin-stringer panels under compression this would mean there 
should be no 90 ~ plies in the outer material up to the critical depth. 

Although the early stages of damage growth were similar in the plain and stiffened panels, the lo- 
cal substructure had a significant effect in the later stages. As predicted by the models, the global 
panel buckling interacted with the damage and increased the Mode I component at the defect bound- 
ary. As the damage approached the stringers, the effect of the stress field changed the behavior from 
that observed in the plain panels: the out-of-plane constraint suppressed the Mode I component and 
the growth rate was reduced. For defects partly or completely beneath the stringer feet, this constraint 
led to massive increases in initiation strain. 

The moving mesh technique had two distinct advantages over the more common method of simu- 
lating crack growth by releasing nodal constraints. First, an initially continuous crack front main- 
tained a continuous profile, thereby avoiding the generation of any mesh-dependent spikes in the 
strain energy release rate profile. Second, during each growth increment, the connectivities were not 
changed, and the applied loads and nodal coordinates were only slightly modified. Consequently the 
stiffness matrix was essentially unchanged, and the previous solution could be used as an approxi- 
mate solution during the time-stepping, avoiding the need to completely restart the analysis after each 
increment. Also, this technique simplified tracking of the nodes along the crack front and the evalu- 
ation of the energy release rate. However, since the element topology did not change, only moderate 
crack extension could be modeled, typically 50% of the delamination size [8,9]. Larger crack exten- 
sion would require remeshing. 

It should be noted that the approach taken here (evaluating the tendency to grow of cracks at each 
of a number of ply interfaces) and which was first outlined in Ref 12 is more effective in laminates 
and structures containing delaminations resulting from impact. It can then be assumed that there ex- 
ists a sizable delamination at each interface, and one of these will. due to its orientation and depth, be 
the most favorable for delamination growth. Analysis times could be reduced if an algorithm were 
developed to automatically identify this critical ply interface, thus removing the need for redundant 
simulations. Realistic simulation of delamination growth using a fracture mechanics approach de- 
pends on representative toughness data in terms of not only the mode mixture but also the ply orien- 
tation relative to the loading direction. 

Conclusions 

The following conclusions have been drawn from the characterization and modeling of delamina- 
tion growth from implanted defects in CFRP skin-stringer panels under compression. 

1. There were similarities between damage growth in plain and skin-stringer panels, particularly 
for damage in the bay between stringers. 

2. The ply interface of the defect and location with respect to the substructure governed the de- 
lamination initiation and damage growth processes. 

3. Delamination growth from a single plane defect did not occur at one plane, but migrated 
through the thickness via ply cracks, until it reached an interface in which the driving forces and ply 
directions were approximately coincident. 

4. The substructure (stringer) inhibited delamination buckling which, in turn, increased damage 
initiation strains and reduced growth rates. 
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5. Failure of the skin-stringer panels was induced by the interaction between the delaminated ma- 
terial and the stringer foot. The high out-of-plane displacements generated by global buckling then 
led to stringer detachment and skin compression failure. 

6. The moving mesh technique successfully predicted delamination buckling, initiation, and 
early stages of growth in the skin-stringer panels. This technique is highly efficient at simulating sin- 
gle plane delamination growth. However, further research is required to model crack migration or the 
damage growth beneath structural features. 

7. The delamination migration mechanism could be used to develop damage-tolerant laminates 
such as by reducing the number of 90 ~ plies. In addition, designing the stringer feet to reduce out-of- 
plane stresses, particularly during global buckling, will enhance the panel strength. 
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ABSTRACT: Damage tolerance requirements for integrally stiffened composite wing skins are typi- 
cally met using design allowables generated by testing impact-damaged subcomponents, such as three- 
stringer stiffened panels. To improve these structures, it is necessary to evaluate the critical design pa- 
rameters associated with three-stringer stiffened-panel compressive behavior. During recent research 
and development programs, four structural parameters were identified as sources for strength variation: 
(a) material system. (b) stringer configuration, (c) skin layup, and (d) form of axial reinforcement (tape 
versus pultruded carbon rods). The relative effects of these parameters on damage resistance and dam- 
age tolerance were evaluated numerically and experimentally. Material system and geometric configu- 
ration had the largest influence on damage resistance; location and extent of the damage zone influenced 
the sublaminate buckling behavior, failure initiation site, and compressive ultimate strength. A practi- 
cal global-local modeling technique captured observed experimental behavior and has the potential to 
identify critical damage sites and estimate failure loads prior to testing. More careful consideration 
should be given to accurate simulation of boundary conditions in numerical and experimental studies. 

KEYWORDS: composite material, structure, damage tolerance, impact, compression, experimental, 
numerical, wing, stringer 

In the field of applied composite structural mechanics, a great deal of time and eftbrt has been de- 
voted to ensuring the structural integrity of aircraft components in the presence of low velocity im- 
pact damage. The low velocity impact threat has long been viewed as the most critical type of in-ser- 
vice damage for laminated composite structures3; thus all certifying/specifying agencies have explicit 
impact damage requirements as part of their more general static strength and/or damage tolerance 
rules [1-3]. Numerous publications have defined the general problem and offered both experimental 
and analytical studies of various critical variables [e.g., 4-10]. The purpose of this paper is to add to 
the current body of knowledge by collecting available compression-after-impact (CAI) data from a 
variety of sources and attempting to isolate and evaluate several key structural parameters. A brief 
description of damage resistance, damage tolerance, and the generic three-stringer panel problem is 
given in the following introductory subsections, followed by a statement of the scope and objective 
of this parametric study. 

Damage Resistance and Damage Tolerance 

The framework for this study is set by regulatory static strength and damage tolerance requirements 
and accepted methods of quantifying damage and assessing its criticality. Specifically, such a regu- 

1 Principal engineer and senior engineering specialist, respectively. Bell Helicopter Textron Inc., Fort Worth, 
TX 76101. 

2 Research scientist, USA ARL/VTD, NASA Langley Research Center. Hampton. VA 23681. 
3 Discrete source damage (DSD) from ballistic or uncontained engine failure threats is another important dam- 

age-tolerant design consideration. While DSD has sized large portions of composite structure in fixed-wing air- 
craft designs, CAI has proven to be the main design driver in Bell Helicopter military and civil tiltrotor aircraft. 

Copyright s 2001 by ASTM International 
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lation is the Federal Aviation Administration (FAA) Advisory Circular AC29-2B, "Certification of 
Transport Category Rotorcraft," Section (g)(5), which requires that "'static strength substantiation 
should c o n s i d e r . . ,  impact damage expected during service up to the established threshold of de- 
tectability of the field inspection methods to be employed." The field inspection methods are assumed 
to be visual; thus the established threshold of detectability is commonly defined as "barely visible im- 
pact damage" (BVID). BVID is quantified by performing an impact survey on a representative struc- 
ture and choosing a particular energy level or dent depth, with concurrence of the regulatory or spec- 
ifying agency. Usually an upper bound energy level of 135 J (1200 in.-lb) is used for thick structure, 
based on a U.S. Air Force study of impact threats such as tool-drop (some form of through-penetra- 
tion damage tolerance is required for thin-gage structure). 

Note that a structure's resistance to damage is not relevant to flight safety. Only the tolerance of 
undiscovered/unrepaired damage under flight conditions is of concern to the regulator. Nonetheless, 
for substantiation purposes, as well as for economic durability reasons, the damage resistance of a 
structure must be separately characterized, at least to the extent of identifying a threshold of de- 
tectability. This characterization effort typically takes the form of the above-noted impact damage 
survey. This survey introduces the first of several parameters, which affects the resulting level of 
damage tolerance. These parameters are the boundary conditions (in terms of both panel support and 
location relative to geometric details such as the stringers and ply edges) for the impact events and 
the energy and tip geometry of the indenter. 

The damage tolerance of a structure is determined by imposing the worst-case impact damage (the 
location on the structure where the BVID energy-level is highest) and testing to failure under the most 
critical loading condition, usually compression. The resulting strength or strain to failure is then re- 
duced to account for environmental and statistical effects, and used as a special design allowable over 
the whole expanse of primary structure represented by the tested configuration. 

Three-Stringer Panel Problem 

In order to realistically simulate the boundary conditions of stiffened panel structures (both for the 
impact event and subsequent residual strength testing), the common approach is to provide one stringer 
and two adjacent skin bays for the test region, with a stringer on either side to approximate the proper 
widthwise and skin-bay constraint. The length of the specimen is determined by the maximum rib or 
frame spacing (assumed to be the worst case for compressive stability). Panels are often flat rather than 
curved, in order to simplify specimen fabrication. This simplification is generally assumed to be con- 
servative (for curvature transverse to the loading direction), since it should yield lower results than 
would a curved panel. Another conservative simplification is in the form of end supports for the im- 
pact events. Specimen ends are typically clamped in wooden forms or potted in epoxy casting mate- 
rial (required for subsequent compression testing). Both of these end conditions are assumed to absorb 
less energy from the impact event than deeper, less stiff rib or frame webs, thus imparting more en- 
ergy to the test panel than would be seen by the actual on-aircraft fuselage or wing panel. 

Scope and Objective of the Parameo'ic Study 

The purpose of this paper is to identify and isolate several key parameters controlling the structural 
efficiency of skin-stringer compressive panels meeting a given level of damage tolerance. This study 
uses a compilation of available three-stringer compression-after-impact data, and thus is not a de- 
signed experiment to isolate particular variables. Nonetheless, a study of the available data combined 
with limited numerical verification allows certain conclusions to be drawn and improvements in 
methodology to be discussed. A list of parameters and their studied ranges is given in Table 1. A 
schematic of a typical I-beam skin-stringer cross section is shown in Fig. 1, and representative tape- 
and rod-reinforced hat sections are shown in Figs. 2-4. The following sections of this paper describe 
the experimental and numerical results, and provide a summary discussion and conclusions. 
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TABLE 1--Parametric variables. 

Parameter Initial Interraediate Intermediate Intermediate Final 
Stiffener section I ... Hat 
Skin layup (0/12/0)" ( l / i ' ~ )  . _ _  (3/i'~21 O0t10/2) 
Plank layup none (4md26/4) b (21/16/2)c (21/16/2) (35/32/2) 
Resin 3501-6 8552 E7T1-2 3900-2 5276-I 
Axial reinforcement Tape . . . . . . . . .  Rodpack 

a Number of (0/_+45/90) plies. 

b Subscript "RP" denotes rodpack (pultruded carbon rods encapsulated in syntactic 
adhesive rather than unidirectional tape layers). 

c Grade 05 FM300 adhesive layers above and below each O-deg ply pack in plank. 

FIG.  1--Schematic of  a ~'pical Lbeam/plank/skin cot?l~guration. 

FIG.  2--Schematic of  a o'pical tape hat~plank~skin configuration. 
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FIG. 3--Schematic of a t3pical rod-reinforced hat~plank~skin configuration. 

Experimental Results 

This section is separated into discussions of impact survey and compression testing results. The 
three-stringer panel configurations studied in this paper are described in Table 2. Note that the 
nomenclature was chosen in order to efficiently capture the state of the parametric variables. 

Damage Resistance 

Impact surveys were conducted on a variety of three-stringer panels using apparatuses such as that 
shown in Fig. 5. The drop tower drops a 25-1b (11.3 kg) mass that has a 0.5 in. (0.5 mm) spherical ra- 
dius on the impactor. The panels are clamped to a table using the potted ends for panels to be tested 
later or wooden end supports for the damage survey panels. Impact surveys described in this paper 
were conducted at Bell Helicopter (Fort Worth, TX) and in the NASA Langley Research Center 
(LaRC) Structural Mechanics Laboratory. These tests were performed without dynamic instrumen- 
tation. Impact locations in the surveys were made along the lengths of the specimens without regard 
to rib support location. During these impact surveys, a number of widthwise locations were hit--typ- 
ically the skin, mid-stringer, flange termination, plank ramp, and/or web-skin intersection. The results 
of all impact events were then judged visually by engineering and in some cases by U.S. Goverument 
representatives, and a somewhat subjective determination was made of the threshold of visibility. 
Dent depth was not measured. Future testing would benefit both from instrumentation and careful 
control of impact location relative to rib spacing, clamping, and stiffness. 

Representative examples of  survey panels are shown in Figs. 6 and 7. Contact pulse-echo C-scans 
(color maps of ultrasonic attenuation) were performed on each impact site and the perimeter of the 

S 

Cap 
I . . . . . . . . . . .  "1  

I i 
I . . . . .  i 

W e b  

jj 
S k i n  / . . . . . . . .  _, 

FIG. 4--Schematic of a O'picaI tape hat~skin configuration. 
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TABLE 2--Panel configurations. 
Nomen. Stiffener Skin a'b Web a Flanae a Plank a Cap a Resin Tested 
ITIA I, tape (1116/2) (30110/4) (1515/2) (21116/2) (30/10/4) 3501-6 2 
ITIB I, tape (1/16/2) (30/10/4) (15/5/2) (21/16/2) c (30/10/4) 3501-6 2 
IT2B I, tape (1/16/2) (28/10/4) (14/5/2) (28/16/2) c (30/10/3) 3501-6 2 
ITIC I, tape (1/16/2) (30/10/4) (15/5/2) (21/16/2) (30/10/4) 8552 3 
ITID I, tape (1/16/2) (30/10/4) (15/5/2) (21/16/2) (30/10/4) E7T1-2 3 
HTIC Hat, tape (1/16/2) C0/10/0) (0/10/0) (35/32/2) (36/30/0) 8552 3 
HT1D Hat, tape (1/16/2) (0/10/0) (0/10/0) (35/32/2) (36/30/0) ETrl-2 1 
HRIC Hat, rod (1/16/2) (0/9/1) (0/9/I) (4m/26/4) (4p.N9/1) 8552 2 
HR3D Hat, rod (0/12/0) (0/10/0) (0/10/0) (4pj#26/4) (4mdl0/0) E7T1-2 4 
HT4C Hat, tape (3/10/2) (2F/St/0) (2dSr/0) ... (20r,2d8N0) 8552 3 
HT4E Hat, tape (3/10/2) (2r/St/0) (2Wf8w~0) ... (20r,2~/8~/0) 3900-2 3 
HT5C Hat, tape (10/10/2) (2t#Sr/0) (2v/8td0) ... (20r,2w~8~0) 8552 3 
HT5E Hat, tape (10/10/2) (2N8~0) (24/8r/0) ... (20r,2d8~0) 3900-2 3 
HT5F Hat, tape (10/10/2) (2r/By/0) (2r/St/0) ... (20r~2~/Sr/0) 5276-I 5 

a Number of (0/_+45/90) pries; tape unless otherwise indicated (RP = rodpaek or F = fabric). 

b One ply of  45-deg free-grade carbon fabric on IML, and one on OML not shown in 
la~gs. 

r Grade 05 FM300 adhesive layers above and below each 0-deg ply pack in plank. 

maximum delaminated area marked in pen. In some cases, the area and aspect ratio of this marked re- 
gion was measured using a planimeter. The panel descriptions, compression test results, and areal 
characterization of the impact damage zones (as measured on the impact survey panels, not on the test 
specimens themselves) are given in Table 3. As a general observation from the survey panels, it is ap- 
parent that material system and geometric configuration had the largest influence on damage resis- 
tance. The combination of geometric configuration and end support essentially defined the boundary 
conditions for the impact event. 

Finally, for the numerical modeling effort reported later in this paper, additional ultrasonic work 
was done: time-of-flight (TOF) measurements. These measurements were performed only on the 
damage sites chosen for analysis in order to discrinfinate between the individual delaminations. Fur- 
ther discussion of these data is reserved for the subsequent numerical results section. 

Compressive Strength-After-bnpact 

A typical three-stringer compression test specimen is shown in Fig. 8. Carbon/epoxy doublers 4 in. 
( 102 ram) long were bonded to the stringer caps and skin outer mold line (OML) opposite the plank 
regions, and on the inside of the caps/flanges of the stringers. The ends were potted in RPI220 pot- 
ting compound, 1 in. (25 ram) thick, by the Bell Helicopter Methods and Materials Lab. The potting 
was restrained in an aluminum frame made of I x I in. (25 • 25 mm) bar. The potted ends were then 
ground flat and parallel to a tolerance of 0.005 in. (0.13 ram). Various configurations of strain gage, 
transverse LVDT. and molt6 interferometry instrumentation were used. The specimens were tested 
either in the Bell Helicopter Mechanical Test Lab or the NASA Langley Research Center Structural 
Test Lab. A typical test configuration is shown in Fig. 9. 

Compression test results for each specimen are sulrunarized in Table 3. Comparing results for the 
I-stiffened panels IT1A and ITIB made from Hexcel 3501-6 resin system indicates that interleaving 
adhesive layers between the local 0-deg plies added to the panels at the stiffeners (see Fig. 1) and the 
continuous _+45-deg layers in the plank region of the skin increased the failure strain by over 1200 
/ze. However, a change in plank and stringer configuration (IT 1B to IT2B) decreases the failure strain 
by 1100/.re. Changing from the untoughened 3501-6 resin system to the first-generation toughened 
8552 resin (but without adhesive interlayers) resulted in a much higher BVID threshold (500 in. �9 lb 
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(56 J) for ITIB versus 1000 in. �9 Ib (113 J) for ITIC), but also a larger damage area (noted by engi- 
neers but not quantified in the ITIB data in Table 3). Thus the failure strain for the ITIC panels was 
1600/ze lower than IT1B and also somewhat lower (337/ze) than IT1A. Changing to the ETTl-2 
toughened resin system in the panels with an I-stiffener configuration (ITID versus ITIC) yields 
somewhat better results (perhaps 620/ze) relative to 8552, but still with a much higher BVID thresh- 
old. Note that while higher BVID thresholds are desirable from an operational and supportability 
standpoint, the toughened resins are penalized due to the visual-inspection-based BVID qualification 
criterion. 

Changing the rein[brcement type in the soft skin/plank/hat-section configuration from tape to car- 
bon rod reinforcement (HT to HR) yields mixed results. A detailed examination of the rod-reinforced 
hat-section panels indicated that the rods in the first layer of the subcomponents made from 8552 resin 
system (HR1C) were fractured by the 550 in. �9 lb (62 J) and 1200 in. �9 lb (136 J) impact events. When 

FIG. 5--NASA Langley low-velocit3" drop tower. 
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FIG. 6--Three-.slrineer lM7/E7T1-2 1-beam impact ~urvey pr 

impacted with 250 in. �9 lb (28 J) of energy to obtain BVID, the rod-reintorced hat-section panel made 
from E7T1-2 resin system and with a (0/12/0) skin layup (HR3D) did not hax e fractured layers un- 
der the impact site. However, when the (1/16/2) skin layup was used (H*I*). both 8552 and E7TI-2 
panels generally showed high failure strains when the plank region was not severely impacted, and 
low strains to failure when it was. Similarly, in the plankless hard-skin/hat configurations (HT4* and 
HT5*), the harder the skins, the lower the failure strains. Finally, it is noted that the tougher 3900-2 
and 5276-i resins outperformed the less tough 8552 resin system in the hard skin configurations; and 
the plankless designs, overall, did better than the discretely' stiffened soft-skin/plank configurations 
(i.e., internal ply dropoffs in planks caused pseudo-free-edge/Poisson effects that were detrimental 
to skin compressive stability). 

Typical strain results for the I- and hat-stiffened panels are shown in Fig. 10a through 10f Strain 
gage results for Specimen IT1D0, an undamaged I-stiffened panel, are shown in Fig. 10a for the cen- 
terline cross section and Fig. 10b for a cross section at the quarter point. Figure 10a indicates a small 



ROUSSEAU ET AL. ON THREE-STRINGER PANEL COMPRESSION 79 

amount of bending in the center and one side stiffener and no bending in the skin. The results shown 
in Fig. 10b for a cross section located at the quarter point indicate bending in the skin and no bend- 
ing in stiffeners. Strain gage results for Specimen IT1D2. a panel that has been impacted with a 1000 
i n .  �9 lb (t  13 J) of energy near the skin and ramp intersection, are shown in Fig. 10b and 10c. Results 
shown in Fig. 10c. for a cross section located at the center of the specimen, indicate bending in the 
skin and stiffener adjacent to the impact site. Results shown in Fig. 10d for a cross section located at 
the quarter point indicate some bending in the skin and stiffener in the bay adjacent to the impact site. 
Strain gage results for a hat-stiffened panel, Specimen HT1D1, are shown in Figs. 10e and I Qf. This 
panel was impacted with 400 in. �9 lb (45 J) of energy on the ramp between the hat flange and the skin 
to give BVID on the skin side. Strain gage results shown in Fig. 10e indicate bending in the skin on 
the impact side and also in the center stiffener. The results at the quarter-point cross section, shown 
in Fig. 10f indicate bending in the center stiffener and a smaller amount of bending in the outside 
stiffener. The local moird fringer pattern at the impact site of specimen IT1D2 at a load of 328 klbf 
( 1.46 MN), with the delamination perimeter superimposed over it, is shown in Fig. 1 I. Note the high 
local gradients in out-of-plane displacement due to both fiber damage from the indenter and delami- 
nated sublaminate buckling. 

Typical tailures for the I- and hat-stiffened panels are shown in Figs. 12a through 12h. The failure 
of undamaged Specimen ITID0 is shown in Figs. 12a and 12b. Figure 12a shows the failure on the 
skin side of the test specimen, while the opposite side is shown in Fig. 12b. The I-stiffeners have 
failed as shown in Fig. 12b. The failure of Specimen IT1D2 is shown in Figs. 12c and 12d. The fail- 
ure of the skin side shown in Fig. 12c has the same pattern as the undamaged specimen shown in Fig. 

FIG. 7--Three-stringer IM7/E7T1-2 tape hat impact sma'ey panel. 
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12~1 of  t\~ o fif i lurc hand', or branche,, mc,~in~ in t .  ~, ~i,l~lC hranch and lhen extending du-oug, h Ihe im 
pact ,,itc. The failure ~m the .,[ringer ,Jdc b, sh~\\ n in Fi~. 12d. T w o  ,4rin~er,, ha~e riffled at ~me Iota 
don ~ hile the f l l i fd ~,trin.~ef fai led ul l~ o Iocali~m,, mid all o f  the ,,tringcr,, have dclamimttcd from lhe 
,,kin fl~r die full length o f  the Lext ~treu. The fif i lufe o f  Specimen ['El D 1 i~, ~,tat~xx n in Figx. 12L' mid I ~/C 
Tiff,, H~ecimen wu,  impact damaged wi lh  I()Ofl in. �9 11~ ( 113 ,I) o f  energy at t~s o Ioctt ion~ ~th ,hown in 
Fig. 12~,. The imp~tct siles were on the ntmp o f  the center ,,fiffener al a quarter of  the length and on 
lhe centerl ine o f  the ',kin. located al the quarter poinl  l fom [he oppo,,ite end. The panel fai led through 
the dam~L~e on the rump of  lhe center ~,tiffener. Each ~trin~,er f~i led at one location as sho~ n in Fig. 
I ~t. The failtue of tile damaged hat-~,tiffener ,,,pecimen ih showll in Fig,. 12,~,, and 12h. Although the 
skin ha~ nlany branches to the failurc, none of the branches intersect the impact damaoe. All of the 
stilfeners failed as shown in Fig. 12h and also delaminated at various pl~tce,~ between the stiffener 
l]an~e, the plank runout, and the skin. 
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FIG. 9--Typical three-stringer compression test setup (Bell Helicopter Mechanical Test Lab). 
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FIG. lOa--Load-strain response at center cross section of(undamaged) Specimen IT1DO. 
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FIG. lOe--Load-strain response at center cross section of  Specimen HTID1. 
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Numerical  Results 

Global finite-element models were built at NASA in order to correlate the observed geometrically 
nonlinear test results with numerical models that are suitably accurate yet yield efficient elastic re- 
sponse (i.e., strain and displacement) prediction. Global, local, and/or substructured (i.e., fine-grid) 
models were built at Bell in order to predict ultimate compression strength after impact. The objec- 
tives of the NASA and Bell modeling were different, and the results are discussed separately in the 
two following subsections. 
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FIG. l Of--Load-strain response at cross section located at quarter point of  Specimen HT1D1. 
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FIG. l l--Moird fi4~ge pattern and delamination perimezer of Specimen IT1D2 at 328 kips. 

Global Elastic: Response Modeling 

The finite-element mesh for an I-stiffened panel (Specimen ITID0) is shown in Fig. 13, and the 
mesh for the hat-stiffened panel (Specimen HT1D1) is shown in Fig. 14. The meshes shown in Figs. 
13 and 14 reflect the actual panel dimensions. Solutions from NASA were generated using the 
STAGS (STructural Analysis of General Shells) Version 3.0 finite-element program [11]. MSC/PA- 
TRAN t~f4 was used for pre- and post-processing. The STAGS models used Element 410, a four-node 
quadrilateral element. The applied boundary conditions for the two global models are shown in Fig. 
15. 

4 MSC/PATRANt~ is a trademark of MSC Software Corporation, Los Angeles, CA. 
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Comparisons of measured response and STAGS predicted displacements and axial strains, for se- 
lected locations, are shown in Figs. 16a through 16d for Specimens IT1D0 and ITID2 and Fig. 17 tbr 
Specimen HT 1D 1. The end shortening of Specimens IT 1 DO and IT 1 D2 as a function of applied load 
are shown in Fig. 16a. The predicted end shortening is also shown in Fig. 16a. The impact damage 
does not affect the axial stiffness of Specimen ITID2. Disregarding the offset shown in the experi- 
mental results, there is a good comparison between the predicted and experimental results. The out- 
of-plane displacement at the center of the specimens, on the top of the stiffener, is shown in Fig. 16b 
for Specimens IT1D0 and ITID2. The predicted displacement at the panel center is also shown in Fig. 
16b. The out-of-plane displacement (filled squares) for the damaged panel (IT1D2) exceeds the dis- 
placement for the undamaged, which would be expected since the impact damage is adjacent to the 
center stiffener. The out-of-plane displacement for the undamaged panel is less than predicted, as 
shown in Fig. 16b. The predicted and experimental strain on the center stiffener and skin at the quar- 
ter point in length is shown in Fig. 16c. The experimental strain exceeds the predicted strain at fail- 
ure by approximately 1000/.ze. Very little bending is indicated, at this point in the panel, in either the 
predicted or the experimental strains. The predicted and experimental strain in the center of the skin 
at the quarter point in the length is shown in Fig. 16d. The test results indicate some bending in the 
skin at the noted point. The average experimental strain exceeds the predicted strain by approximately 
2000 /ze. The predicted end shortening for a hat-stiffened panel identical to Specimen IHID1 is 
shown in Fig. 17. The experimental results for Specimen HT1D1 are also shown in Fig. 17. The test 

FIG. 12a--Failure location on skin side of Spechnen IT1DO. 
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FIG. 12b--Faihue locatiolt olt st~ffi'Her ~ide qf  Specimen IT~DO. 

panel appears to have a lower stiffness than the panel in the analysis, since the predicted values for 
strain and deflection are less than the test values. 

The predicted initial buckling load for an I-stiffened panel, Specimen IT1D0, and a hat-stiffened 
panel identical to Specimen HT1D 1 was 693 klbf (3.08 MNt and 669 klbf (2.98 MN), respectively. 
Since the predicted buckling load is more than 150c~ of the failure loads, failure by global buckling 
was not considered further. 

Fine-Grid Strength-After-bnpact Modeling 

The objective of the fine-grid strength-after-impact modeling was to predict the maximum load 
carried by the three-stringer panels. The following three subsections will (a) overview the general nu- 
merical method, (b) describe the typically observed behavior tbr these three-stringer panels, and (c) 
present the nmnerical results. 

General Numerical Method--Finite-element analysis performed at Bell used MSC/NASTRAN TM 

Version 70.5 solution 106 [12]. MSC/PATRAN TM was used for pre- and post-processing. The NAS- 
TRAN TM CQUAD4, RBE2, and CGAP elements were the primary elements used. Microsoft | Excel 5 
Version 7.0 spreadsheets--developed under a Rotorcraft Industry Technology Association project 

5 Microsoft| Excel is a registered trademark of Microsoft Corp., Redmond, WA. 
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[13]--were used to automate the most labor-intensive aspects of the local modeling and/or substruc- 
turing effort. For this CAI study, six different three-stringer panel configurations were modeled. The 
Excel spreadsheets, collectively referred to as the Structural Laminate Impact Computations (SLIC), 
automatically build MSC NASTRAN TM geometric nonlinear finite-element models that capture the 
impact damage state with multiple layered plates tied together with either rigid body or compression- 
only gap contact elements. This approach makes several assumptions: 

1. No delamination growth occurs prior to failure. 
2. For damage that occmTed directly on plank transition areas such as those shown in Figs. 1-3, 

open-hole compression (OHC] mean failure strain captures the local pseudo-free-edge effects of ply 
drops,',"&. 

3. For panels that do not contain internal ply dropoffs, such as the hat-stiffened uniform skin pan- 
els as shown in Fig. 4, an unnotched laminate compression strain allowable was used to establish the 
point of failure (for these panels, the hat flange drops off abruptly and this geometry was adequately 
captured in the finite-element model mesh). 

4. The state of damage is repeatable ti.e., identical impact energy and location on an identical 
panel, produces the same state of damage, and the test panels were assumed to have the same dana- 
age state as the damage survey panels e~en though boundary conditions including the proximity and 
degree of end support most likely varied). 

5. Material response is assumed linear to failure, and geometry is the only contributor to 
nonlinearity. 

FIG. 12c--Failure location on skin side of Specimen IT1D2. 
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FIG. 12d--Faihtre location on stiffener side qf  Specimen IT1D2. 

The local damage state used in the modeling was detemlined via contact pulse-echo ultrasonic time 
of flight (TOF) measurements on the appropriate impact energy and location on the damage survey 
panels. These scans provide data that show the extent and depth of each delamination. Typical TOF 
scan examples are shown in Figs. 18 and 19, Fig. 18 being a relatively large delamination in an 8552 
I-stiffened panel, and Fig. 19 being a much smaller delamination in a tougher 3900-2 resin-system 
hard-skin/hat configuration. Since the largest delamination is typically on the back side of the panel, 
one such scan provides all the information required to define the shape, orientation, and depth of all 
the delaminations. The color scale on the scan is the time required for the ultrasonic wave to bounce 
off and return from the first interlace in the laminate. The scale is proportional to depth or thickness 
(note that the edges of the dropped 0 ~ plies in Fig. 18 show up as a change in depth as the delamina- 
tion follows the plank contour). The outer surface on the panel must be smooth in order to provide a 
consistent reference plane for automated TOF scans. Several damage survey panels had a rough outer 
surface and could only be hand scanned. Sufficient data was gathered, however, with hand scans to 
proceed with the SLIC analysis. 

As shown in Figs. 20 and 21, the element density for the global portion of the model was typically 
about 0.4 in. to 0.75 in. ( 10 mm to 19 mm) using CQUAD4 elements. The global/substructured model 
of an I-stiffened three-stinger panel is shown in Fig. 20, while Fig. 21 shows a hat-stiffened panel. In 
the proximity of the impact site, the element density is increased to about 0.10 in. (2.5 mm). This fine- 
meshed region is duplicated into multiple stacks of plates that align with each other through the thick- 
ness and encompass the entire damage region and extend out some distance beyond, as shown in Fig. 
22. Each plate layer represents a sublaminate whose boundaries are defined by the delamination in- 
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terfaces. The extent of damage at each sublaminate interface can be independently defined as a unique 
ellipse oriented at an alignment angle. SLIC automatically generates a full or truncated ellipse. Any 
other shape can be transferred from the scans by manual editing. CGAP gap elements are inserted in- 
side the ellipses and transfer only compression forces that prevent the sublaminates from passing 
through one another. RBE2 rigid body elements are then used to connect the sublaminates in the re- 
maining fine meshed area outside the damage zone. 

The models can be set up to run two ways. The first is to run a coarse grid global model with local 
damage element softening only. A moment fringe plot is then set up in PATRANT T M  with the fringe 
bounds set very tightly around zero. A positive moment then plots as one color, while the negative 
moment region plots as another. The moment inflection lines are then obvious. The local model is 
then built and run separately using the moment inflection lines as a simplified loading boundary. This 
method is illustrated in Fig. 23. The total number of elements for a global three-stringer panel model 
using this technique is around 5000 to 10 000 with around 20 000 to 30 000 degrees of freedom 
(DOF). The run times are between 30 and 100 central processing unit (CPU) minutes. The local 
model then contains about l0 000 to 20 000 elements with 20 000 to 80 000 DOF, and the run times 
go from 100 to 400 CPU minutes. This method requires a careful consideration of local model bound- 
ary stiffness, especially for an impact at an edge of a flange or a ramp. It works best for damage iso- 
lated in the center of a skin panel. 

The second technique is to run the combined local and global model together, i.e., substructuring. 
This is the technique used in the models shown in Figs. 20-22. The substructuring version of SLIC 

FIG. 12e--Failure location on skin side o f  Specime,  IT1D1. 
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FIG. 12f--Failure location on st~ener side of Specimen IT1D1. 

builds one model and includes a mesh transition region or band between the multilayer fine-grid mesh 
and the surrounding single-layer coarse elements. SLIC generates a PATRAN TM session file that fully 
generates the combined model in approximately 10 to 20 rain work time. This technique contains be- 
tween 50 000 to 100 000 elements with 70 000 to 120 000 DOF and runs in about 500 to 1000 CPU 
min. 

In both approaches, the elements at the immediate impact site location are softened to represent lo- 
cal matrix cracking and fiber damage. This local impact damage zone is idealized as a cone that gets 
progressively larger away from the impact side. The 0.5-in. (13-ram) indenter tip radius and the dent 
depth, if recorded, determine the impact diameter of the cone. The cone angle is then assumed to be 
45 deg. The model now contains two major zones where strain or stress concentrations can develop. 
The first is along the outside edges of the delaminations where local bending strains can become high, 
and the second is at the edge of the local impact site where load wants to locally redistribute around 
the soft spot. 

The geometrically nonlinear NASTRAN TM solution 106 is typically set up to run in ten load in- 
crements to 100% of the expected failure load and then ten more increments to 150%. The model will 
usually reach a point where the solution becomes unstable. This point may not be the actual point of 
final collapse. The next step is to query PATRAN TM for the highest axial strain magnitude (i.e., in the 
direction of loading). Once the element is identified that has the highest laminate-level axial strain 
magnitude, the maximum zero degree ply strain is calculated. This strain is then compared to an av- 
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erage room temperature allowable. If this strain is lower than the allowable, the model must be rerun 
with either finer load increments or a finer mesh in order to get the model to run stable for a higher 
load. If the model strain is higher than the allowable, the applied load is reduced by the ratio of worst 
minimum zero ply model strain over the strain allowable. 

Typically Observed Behavior The typically observed failure modes for these three-stringer pan- 
els are various types of buckling and load redistributions leading up to a final compressive strength 
failure. Pure buckling and strength modes were not found in the three-stringer panels that were eval- 
uated. Three-stringer panels contain multiple load paths. If a web buckles, the stringers can take ad- 
ditional load. If a sublaminate buckles, other parallel sublaminates will also react additional load. As 
more and more of the redundant load paths become soft from buckling, the remaining strain energy 
concentrates at an increasing rate into the last stable load paths. Finally, the point of local fiber sta- 
bility is exceeded and a 0-deg compressive (or "kink-band") failure is initiated. Energy is released by 
the fiber failure and immediately overloads the adjacent fibers, leading to a sudden collapse. This 
nonlinear phenomenon is illustrated in Fig. 24 (and captured experimentally in the moir6 fringe pat- 
tern shown in Fig. 11 ), and the numbered events may also be related to the exploded view of the sub- 
structured model in Fig. 22. The nonlinear NASTRAN analysis will reproduce the progressive sub~ 
laminate buckling phenomenon. Numerical instabilities resulting in nonconvergence, and suspicious 
failure modes (and/or locations) were often encountered, and some judgment was required in recog- 

FIG. 12g--Failure location on skin side of Specimen HT1D1. 
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FIG. 12h--Failure location on stiffener side of Specimen H17D1. 

nizing them and con-ectly adjusting the solution step size in order to overcome them. By checking the 
post-processed peak axial strains at the end of a solution, the load and location at which the final kink- 
band failure occurs may be estimated. The locations of these peak strains, within the unbuckled sub- 
laminate were observed to vary from one configuration to another, but were found either at the cen- 
ter of the impact site or near the edge of a delamination in a successfully converged run. 

FIG. 13--Three-stringer l-beam finite-element mesh. 
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FIG. 14--Three-stringer hat/plank-st([fened finire-eleme,t mesh. 

Detailed Parantetric Model Results--Table 4 compares the experimental results to the predicted 
failure load based on comparing peak local/substructured model axial strains with the noted open 
hole compression (OHC) or no hole compression (NHC) mean room temperature ambient (RTA) 
strain allowable. In general, the numerical agreement, within 20% in five of six cases, is considered 
very good. While a priori knowledge of the experimental results was available for this modeling ex- 
ercise, it only influenced the overall direction of the model-building in the HT 1D case, and blind com- 
parisons with test data will be performed in the near future. The single buckling failure prediction 
(HT5C) illustrates the caution required in interpreting the nonlinear model results. As mentioned pre- 
viously, a pure buckling failure is indicative of a poorly converged or too coarsely meshed solution. 
and thus the tabulated result tbr case HT5C should actually be discarded (it is only included to illus- 
trate this point) and the model rerun. 

FIG. 15--Global finite-element boundao" conditions. 
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FIG. 16c--Strain results on centerline stiffener. 
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FIG. 17--Comparison of end shortening ~br hat-stiffened panels. 

FIG. 18--Typical TOF image fbr 1-beam~plank/skin delami,atio,. 
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FIG. 19--Typical TOF image.fin" hard-skin~hat delamination. 

FIG. 20--Substructured I-beam panel FE mesh. 

FIG. 21--Substructured hat-stiffened panel FE mesh. 
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FIG. 22--E,~ploded view of multi-layer substructure model (deformed mesh). 

There are several possible ways to improve the accuracy and reliability of this numerical strength 
prediction method. Certainly characterizing with TOF measurements the delamination actually pre- 
sent in the test panel would be an obvious improvement over the use of survey panel impact sites and 
the assumption that the test panel damage was identical. A statistically significant study of impact 
damage variability would also be usefnl. In addition, a pure compression strain allowable was used 
in this study with a simple maximum strain failure criterion. This was done in spite of the fact that 
the critical sublaminate often exhibited large bending strains (and thus interlaminar shear stresses) 
and in-plane shear stresses as well, depending on local geometric details. Thus, another obvious im- 
provement would be to use a failure criterion with compression-shear interaction. 

Summary 

This summary is separated into subsections: (a) discussing the merits and limitations of the ob- 
served results, and (b) listing the conclusions. 

Discussion 

A compilation of existing experimental three-stringer impact resistance and compression after im- 
pact strength results allows several key design parameters to be evaluated. Since this study was not a 
designed experiment, statistically rigorous conclusions were not necessarily possible. Nonetheless, 
certain useful engineering assessments were able to be made. Most of these conclusions merely con- 
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(~) Initial Linear Response 

(~ Damage Induces Global Lateral Response 

(~) 1 st Sublaminate buckles and unloads 

(E)Loading rate to remaining Sublaminates Increase 

@ 2 nd Sublaminate buckles etc. 

(~  Kink-Band Compression Failure 

FIG.  24--Nonlinear strain response of  delaminated region. 

TABLE 4~Comparison of FEM and experimental results. 

Critical damage Allow Test 
No. of impact energy Critical local global Predicted 

data sublam Critical strain PIAE failure 
Panel ID points Material (in.lb) (J) ( / to t )  location ([.u~) ([.t~) (% test) Failure mode 

IT1C 3 IM7t8552 1000 136 415 plankramp --6022 -3343 118 Strength fallure at impact site 
HTID l IM7/E7T1 none a none a NA plank -5794 --4785 109 Strength failure 0fplank 
HT4C 2 IM7/8552 400 45 414 skin b -9436 --4376 123 Strength failure at edge of delam 
HT5C l IM7/8552 600 68 3/4 skin b -9302 -3335 86 Buckling 

HT5F. 1 1 G40/~276 500 56 3/4 skin b -9061 -4893 114 Strength failure at impact site 
HT5F.2 3 G40/5276 600 68 2/4 skin r --8998 -4774 103 Strength failure at edge of delam 

NOTES: 

a Specimen did not fail through impact site; thus, impact damage was not modeled. 

b Under flange-end 

c Under web-skin intersection 
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ABSTRACT: Three simple procedures were developed to determine strain energy release rates, G, in 
composite skin/stringer specimens for various combinations of uniaxial and biaxial (in-plane/out-of- 
plane) loading conditions. These procedures may be used for parametric design studies in such a way 
that only a few finite-element computations will be necessary for a study of many load combinations. 
The results were compared with mixed-mode strain energy release rates calculated directly from non- 
linear two-dimensional plane-strain finite-element analyses using the virtual crack closure technique. 
The first procedure involved solving three unknown parameters needed to determine the energy release 
rates. Good agreement was obtained when the extemal loads were used in the expression derived. This 
superposition technique, however, is applicable only if the structure exhibits a linear load/deflection be- 
havior. Consequently, a second modified technique was derived which was applicable in the case of 
nonlinear load/deformation behavior. The technique, however, involved calculating six unknown pa- 
rameters from a set of six simultaneous linear equations with data from six nonlinear analyses to deter- 
mine the energy release rates. This procedure was not time efficient, and hence, less appealing. 

Finally, a third procedure was developed to calculate mixed-mode energy release rates as a function 
of delamination lengths. This procedure required only one nonlinear finite-element analysis of the spec- 
imen with a single delamination length to obtain a reference solution for the energy release rates and the 
scale factors. The delamination was subsequently extended in three separate linear models of the local 
area in the vicinity of the delamination subjected to unit loads to obtain the distribution of G with de- 
lamination lengths. This set of subproblems was solved using linear finite-element analyses, which re- 
suited in a considerable reduction in CPU time compared to a series of nonlinear analyses. Although ad- 
ditional modeling effort is required to create the local submodel, this superposition technique is very 
efficient for large parametric studies, which may occur during preliminary design where multiple load 
combinations must be considered. 

KEYWORDS: composite materials, delamination, fracture mechanics, energy release rate, finite-ele- 
ment analysis, virtual crack closure technique, skin/flange interface 
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aircraft fuselage has shown that bond failure at the tip of the frame flange is an important and very 
likely failure mode [1]. Comparatively simple simulation specimens consisting of a stringer bonded 
onto a skin were developed and it was shown in experiments that the failure initiated at the tip of the 
flange, identical to the failure observed in the full-size panels and frame pull-off specimens [2-7]. 

The overall objective of the current work is to develop a simple procedure to calculate the strain 
energy release rate for delaminations originating from matrix cracks in these skin/stringer simulation 
coupons lbr arbitrary load combinations. The total strain energy release rate would then be compared 
to critical values obtained from an existing mixed-mode failure criterion to predict delamination on- 
set. This procedure could then be used for parametric design studies in such a way that only a few fi- 
nite-element computations would be necessary to evaluate bonded joint response due to many load 
combinations. A similar approach based on an approximate superposition analysis technique is de- 
scribed in Ref 8. Since energy is a quadratic function of the applied loads, simple superposition to add 
the energy release rates from separate load cases is not valid. Therefore, a simple quadratic expres- 
sion is developed to calculate the strain energy release rate for any combination of loads [4]. To val- 
idate this approach, results obtained from the quadratic expression are compared to Mode I and Mode 
II strain energy release rate components, which are calculated from nonlinear two-dimensional plane- 
strain finite-element analyses using the virtual crack closure technique [9,10]. 

Three simple procedures are developed to determine strain energy release rates, G, in composite 
skin/stringer specimens for various combinations of uniaxial and biaxial (in-plane/out-of-plane) load- 
ing conditions. The first procedure involved solving three unknown parameters needed to determine 
the energy release rates. This superposition technique, however, was only applicable if the structure 
exhibits a linear load/deflection behavior. Consequently, a second modified technique is derived 
which is applicable in the case of nonlinear load/deformation behavior. A third procedure is devel- 
oped to calculate mixed-mode energy release rate as a function of delamination length. This proce- 
dure requires only one nonlinear finite-element analysis of the specimen with a single delamination 
length to obtain a reference solution for the energy release rates and the scale factors. 

Background 

Previous investigations of the failure of secondary bonded structures focused on loading conditions 
as typically experienced by aircraft crown fuselage panels. Tests were conducted with specimens cut 
fiom a full-size panel to verify the integrity of the bondline between the skin and the flange or frame 
[1]. However. these panels were rather expensive to produce and there is a need for a test configura- 
tion that would allow detailed observations of the failure mechanism at the skin/flange interface. A 
simpler specimen configuration was proposed in Ref 2. The investigations focused on the failure 
mechanisms of a bonded skin/flange coupon configuration loaded in bending [2-5]. In many cases, 
however, composite structures may experience both bending and membrane loads during in-flight 
service. Damage mechanisms in composite bonded skin/stringer structures under monotonic tension, 
three-point bending, and combined tension/bending loading conditions were investigated in Refs 6 
and Z An analytical methodology was also developed to predict the location and orientation of the 
first transverse matrix crack based on the principal transverse tension stress distribution in the off- 
axis plies nearest the bondline in the vicinity of the flange tip. The prediction of delamination onset 
was based on energy release rate calculations. 

The specimens tested in Refs 6 and 7 consisted of a bonded skin and flange assembly as shown in 
Fig. 1. Both the skin and the flange laminates had a multidirectional layup made from IM6/3501-6 
graphite/epoxy prepreg tape with a nominal ply thickness of h = 0.188 mm. The skin layup, con- 
sisting of 14 plies, was [0/45/90/-45/45/-45/0], and the flange layup, consisting of 10 plies, was 
[45/90t-45/0/90]~. The measured bondline thickness averaged 0.102 ram. Specimens were 25.4 mm 
wide and 203.2 mm long. Typical material properties for the composite tape and the adhesive mate- 
rial used in the analysis were taken from Ref 2 and are summarized in Table l. 
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FIG. l--Specimen configuration. 

The specimens were subjected to pure tension, three-point bending, and combined axial tension 
and bending loads. A schematic of the deformed specimen geometries, the boundary conditions, and 
the loads corresponding to the first damage observed are shown in Fig. 2. In the combined axial ten- 
sion and bending load case, a constant axial load, P, was applied in a first load step while transverse 
loads remained zero. In a second load step, the axial load was kept constant while the load orienta- 
tion rotated with the specimen as it deformed under the transverse load. The tests were temainated 
when the flange debonded unstably ti'om one of the flange tips. Damage was documented from pho- 
tographs of the polished specimen edges at each of the four flange corners identified in Fig. 3a. Typ- 
ical damage patterns, which were similar for all three loading configurations, are shown in Figs. 3b 
and c. Comers 1 and 4 and corners 2 and 3 had identical damage patterns. At corners 1 and 4. a de- 
lamination running in the 90~ ~ flange ply interface (delamination A) initiated from a matrix crack 
in the 90 ~ flange ply as shown in Fig. 3b. At longer delamination lengths, new matrix cracks formed 
and branched into both the 45 ~ ply below the delaminated interface as well as the 90 ~ flange ply above 
the interface. At comers 2 and 3 a matrix crack formed at the flange tip in the 90 ~ flange ply that sub- 
sequently ran through the lower 45 ~ flange ply and the bondline into the skin as shown in Fig. 3c. 
Subsequently. a split (delamination B 1) formed from the tip of that matrix crack within the top 0 ~ skin 
ply and in some cases, a second delamination (delamination B2) was observed below the first in the 
top 0~ ~ skin ply interface. 

In previous investigations, stress analyses were used to predict the location and orientation of the 
first transverse matrix crack based on the principal transverse tension stress distribution in the off axis 

TABLE l--Material properties. 

1M6/3501-6 Unidirectional Graphite/Epoxy Tape [2] 

EI~ = 144.7 GPa E22 = 9.65 GPa E33 = 9.65 GPa 
v12 = 0.30 1313 = 0.30 v23 = 0.45 

Gt2 = 5.2 GPa Gj3 = 5.2 GPa G23 = 3.4 GPa 

CYTEC 1515 Adhesive 

E = 1.72 GPa /3 = 0.30 (assumed isotropic) 
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FIG. 2--Deformed test specimen geometries, load and boundary conditions at damage initiation 
[6,71. 
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(a) Specimen with Crack Locations. 

FIG. 3--Typical damage patterns [6,7]. 

plies nearest the bondline in the vicinity of the flange tip [6, 7]. A comparison of the trajectories of 
the maximum principal tension stress with the damage patterns shown in Figs. 3b and c indicated that 
the matrix crack starts to grow perpendicular to the trajectories. For all three loading conditions, max- 
imum principal tensile stresses in the 90 ~ ply closest to the bondline, computed for applied loads at 
damage onset, were almost identical and exceeded the transverse tension strength of the material. 
Subsequent finite-element analyses of delamination growth from these matrix cracks were performed 
using the virtual crack closure technique. However, because the specimen geometry and loadings re- 
quired nonlinear analyses, this was a computationally intensive process. 
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Analysis Formulation 

Finite-Element Model 

In the current investigation the finite-element (FE) method was used to analyze the test speci- 
mens for each loading case. The goal of this analysis is to evaluate strain energy release rate com- 
ponents at the delamination tip using the virtual crack closure technique [9,10]. To develop a sim- 
ple procedure to calculate the strain energy release for delaminations originating from matrix 
cracks, it was reasonable to focus only on one damage pattern during the investigation. Therefore, 
only a FE model of a specimen with a delamination running in the 90o/45 ~ flange ply interface, 
corresponding to Fig. 3b. was developed and loads and boundary conditions were applied to sim- 
ulate the three load cases. The two-dimensional cross section of the specimens was modeled using 
quadratic eight-noded quadrilateral plane strain elements (see Fig. 4) and a reduced (2 • 2) inte- 
gration scheme was used for these elements. For the entire investigation, the ABAQUS finite-ele- 
ment software was used [11]. 

An outline and two detailed views of the FE model are shown in Fig. 4. A refined mesh was used 
in the critical area of the 90 ~ flange ply where matrix cracks and delaminations were observed in the 
test specimens. Outside the refined mesh area, all plies were modeled with one element through the 
ply thickness. Two elements were used per ply thickness in the refined region, except for the first 
three individual flange plies above the bondline and the skin ply below the bondline, which were 
modeled with four elements. Three elements through-the-thickness were used for the adhesive fihn. 
Based upon the experimental observations shown in Fig. 3b, the model included a discrete matrix 
crack and a delamination. The initial matrix crack was modeled perpendicular to the flange taper, as 
suggested by the microscopic investigation as well as the stress analysis, which showed that the ma- 
trix crack starts to grow perpendicular to the trajectory of the maximum principle tension stress [6, 7]. 
Damage was modeled at one flange tip as shown in Fig. 4. The mesh used to model the undamaged 
specimen, as discussed in Refs 6 and 7, was employed at the opposite taper. The model consisted of 
6977 elements and 21 486 nodes and had 42 931 degrees of freedom. 

For the combined tension and bending load case, performed in NASA Langley's axial tension 
and bending test fiame [12.13], the top grip, the load cell, and the load pin were modeled using 
three-noded quadratic beam elements as shown in Figs. 2c and 5, to accurately simulate the com- 
bined tension and bending loads applied [6. 7]. The beams were connected to the two-dimensional 
plane strain model of the specimen using multipoint constraints to enforce appropriate translations 
and rotations. As shown in Fig. 5, nodes 1-29 along the edge of the plane strain model (x = 101.6 
mm) were constrained to move as a plane with the same rotation as beam node A. To be consis- 
tent with the actual tests, a constant axial load, P, was applied in a first load step while transverse 
loads remained zero. In a second load step, the axial load was kept constant while the load orien- 
tation rotated with the specimen as it deformed under the transverse load. During the tests, the max- 
imum specimen deflections under the transverse load were recorded at the top grip contact point. 
In the FE sinmlation a prescribed displacement, u, was applied which corresponded to the recorded 
transverse stroke. For the beam model of the steel parts (top grip, load cell, and load pin). a 
Young's  modulus of 210 GPa and a Poisson's ratio of 0.3 were used as material input data. A rec- 
tangular beam cross section was selected to model the square cross section of the top grip r = 1.87 
x 106 mm 4) and load pin (I = 1.4 • 106 m m  4) and a circular beam cross section was used to 
model the cylindrical load cell (I = 8.37 • 103 mm4). 

When applying two-dimensional plane strain FE models it is assumed that the geometry, bound- 
ary conditions and other properties are constant across the entire width of the specimen. The current 
model, thus, may not always capture the true nature of the problem. As shown in Fig. 3, the delami- 
nation pattern changed from corner 3 to corner 4 from a delamination running in the 900/45 ~ inter- 
face to a delaminat ion propagating between the adhesive fi lm and the top 0 ~ ply of the 
skin. This is a three-dimensional effect and cannot be accounted for in the current plane strain model. 
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FIG. 4--Finite-element model of a damaged specimen. 

Virtual Crack Closure Technique 

The virtual crack closure technique (VCCT) described in Refs 9 and 10 was used to calculate strain 
energy release rates for the delaminations. The Mode I and Mode II components of the strain energy 
release rate. GI and GH~ were calculated as (see Fig. 6) 

1 [Y~(v, ' , , -  v,',,.) + rj'(v~ - v ~ ) ]  (1) 
G~ - 2Aa 
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FIG. 5--Loads a,d boundaJy conditions for the combined axial tension and bending test. 
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FIG. 6--Virtual crack closure technique (VCCT). 
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and 

1 IX;( , ' ,  - u,;,0 + Xj(u,~ - t6.)] 12) Gn - 2Aa 

where Aa is the length of the elements at the delamination tip. X[ and Y[ are the forces at the delalni- 
nation tip at node i. and u', and v~,, are the relative displacements at the corresponding node m behind 
the delamination tip as shown in Fig. 6. Similar definitions are applicable tbr the forces at node j and 
displacements at node (. For geometrically nonlinear analysis, both forces and displacements were 
translormed into a local coordinate system (x'. y ') .  that defined the nomml and tangential coordinate 
directions at the delamination tip in the deformed configuration. The Mode III component is identi- 
cally zero for the plane strain case. Therefore, the total strain energy release rate. GT. was obtained 
by summing the individual mode components as 

G r = G I + G n  (3) 

The data required to per tbnn the VCCT in Eqs 1 to 3 were accessed directly from the ABAQUS 
binary result file to get better accuracy. The calculations were pertbrmed in a separate post-process- 
ing step using nodal displacements and nodal forces at the local elements in the vicinity of the de- 
lamination front. 

Care must be exercised in interpreting the values for GI and Gn obtained using the virtual crack clo- 
sure technique for interfacial delaminations between two orthotropic solids [14,15]. For the current 
investigation, the element length Aa was chosen to be about '4 of the ply thickness, h, for the delami- 
nation in the 90~/45 ~ flange ply intert:ace. Note that tbr the FE model shown in Fig. 4 Aa/h = O. 181 
for the element behind and Aa/h = 0.25 for the element in front of the delamination tip. Theretbre, the 
techniqtte suggested in Ref 9 was used to estimate the forces X'l and Y~ for the case of unequal element 
lengths at the delamination tip. For the further delamination growth a value of Aa/h = 0.25 was used. 

Analytical Investigation 

Stq~erposition Technique for Linear Deformation Behavior 

The schematics of the specimen, boundary conditions, and tlu'ee load cases (tension, bending and 
combined tension and bending) considered in this part of the study are shown in Fig. 7. These bound- 
ary conditions and loads, however, do not represent the conditions applied during the experiments as 
given in Fig. 2 of the previous section. This new set of boundary conditions was chosen to simplify 
the derivation of  the superposition technique for linear deformation behavior. It was postulated that 
the specimen exhibits a linear load deflection behavior for the three load cases shown. Only linear fi- 
nite-element analyses were used. The boundary conditions applied were the same for all load cases. 

For a specimen subjected to a pure tension load P as shown in Fig. 7a. the energy release rate Ge 
at the delamination tip can be calculated as 

p2 OCp 
Ge= %-" OA (4) 

where Ce is the compliance of the specimen and 3A is the increase in surface area corresponding to 
an incremental increase in load or displacement at fi'acture [16]. For a specimen subjected to a bend- 
ing load Q, as shown in Fig. 7b, the energy release rate GQ at the delamination tip can be calculated 
accordingly as 

Q2 OCQ 
GO = -'2--" 0,4 (5) 
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FIG. 7--Loads and boundao' conditions for tension, ttwee-point bending and combined loading 
case. 

If the external load, R, applied in the linear analysis is simply a fraction or multiple of the tension load 
P. R = nP. or the bending load Q, R = mQ. the energy release rate Ge for the new load case may be 
obtained from the known values using 

GR = n2Gt, or GR = m2GQ (6) 

In tile case of a combined tension/bending load case as shown in Fig. 7c, where the external load is 
a combination of a fraction or multiple n of the tension load P and a different fraction or multiple m 
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of the bending load Q, R = n P  + mQ, we obtain 

(riP + mQ) 2 e)CR (n2P 2 + 2mnPQ + m2Q 2) c')C R 
GR = 2 ~ -- 2 c)A 17) 

3CR OCe OCR 3C0 
Note that for a tension load, P, only, ~ -  - ~ and for a bending load, Q. only, 0,4, - &4 " 

the combined load case Eq 7 can then be approximated by 

For 

n'-p 2 OCp PQ 3CR m2Q "- OCQ 
GR~ 2 g ~ A - + 2 m n ~ - - - f f A - - + ~  c)A (8) 

Using Eqs 4 and 5 yields 

GR ~ n2Ge + 2mn �9 PQ OCR ~ -  7 ,4  + m2Go (9) 

GPO 

where GpQ is a coupling term which has the dimension of an energy release rate. 
First, linear FE analyses of a simple tension and simple bending case are performed using VCCT 

to determine G~, GH and GT. This allows calculation of the Gp and GQ parameters in Eq 9 for total G. 
and the GI and GII components. Then a single linear FE analysis of a combined tension and bending 
load case is performed using VCCT to obtain the GR parameter in Eq 9 for G~, Gr~ and Gr. Once these 
parameters are determined, then GpQ may be calculated for G~, Gn and Gr. The parameters Gp, GQ 
and GpQ may now be used to calculate GR for Gb Gu and Gr for other tension and bending load com- 
binations. 

Mode I and Mode II values were computed using VCCT for a delamination running in the 900/45 ~ 
flange ply interface with a length equal to the length of the first element (a/h = 0.18 !) as shown in 
Fig. 4. For the pure tension and bending loads shown in Figs. 7a and b, energy release rates were also 
calculated using the analytical expressions of Eq 6. In the example shown in Fig. 8 for the tension 
load case. the parameter Gp in Eq 6 was computed for P = 5.5 kN. The total energy release rate GT 
computed using VCCT and the superposed results are identical, since Eq 6 is an exact closed form 
solution. Minor differences for the individual modes, that cannot be explained, are observed. For all 
permutations of P and Q loads, as shown in Fig. 7c, energy release rates for the combined load case 
were calculated using Eq 9. In this investigation the parameter Gp in Eq 9 was calculated for a ten- 
sion load P = 5.5 kN, GQ was determined for a bending load Q = 112.5 kN and GpQ was obtained 
from one analysis of the combined tension and bending load. Energy release rates obtained from Eq 
9 were compared to Mode I and Mode 1[ values calculated using VCCT as shown in Fig. 9 for the 
case where a tension load P = 11.0 kN was applied and Q was varied. For the other permutations of 
loads the comparisons of only the total energy release rates. Gr, are shown in Fig. [0. The good agree- 
ment of results confirms that the superposition technique derived in Eq 9 is applicable, in combina- 
tion with linear finite-element analysis and VCCT to determine the unknown parameters, provided 
the structure shows a linear load/deflection behavior. 

A Mod(fied Technique for Nonlinear Deformation Behavior 

For the investigation of the combined axial tension and bending load case as shown in Figs. 2c and 
5, nonlinear finite analyses were used since this allowed the axial load to rotate with the specimen as 
it deformed under the transverse load and accounted for the membrane stiffening effect caused by the 
axial load. In this case the superposition technique derived for the linear case in the previous section 
Eqs 8 and 9 is no longer applicable and a modified method needs to be developed. 
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FIG. lO--Comparison of computed total strain energy release rates with superposed values for 
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An analytical expression was suggested in Ref 4 that is primarily a modification of Eq 8 derived in 
the previous section. The external tension load, P, and bending load, Q, in the analytical expression 
were replaced with the local force resultant Nxx and moment resultant M~,  yielding. 

G = G,,,,,M~., + 2Gm,,M~N,~, + G,,,,I~ (10) 

where G,,,, and G,,, are unknown parameters determined from a pure tension and a pure bending load 
case and Gin,, is an unknown combined tension and bending parameter. The local force and moment 
resultants are calculated at the flange tip as shown in Fig. 11. For improved accuracy, the terms re- 
lated to the transverse shear force resultant. Q~., were also included in Eq 10, yielding 

. G 2 G = G,,,,,,M~.,. + 2G,,,nM,:.,-N~ + G,,nN~2,: + 2GmqM.~,Q.~. + 2G,qN~Q~,~. + qqQxy (11) 

Equation 11 may be written in matrix from as 

2 9 G = [M~ 2MxxN~x NT~ 2M~,.Q,~. 2NxxQ~o, Q2yl �9 [ Gmm 1 
Gm,,. 
G,,, ] 
amq 
anq 
Gqq 

(12) 

Unlike the linear case where a pure tension or a pure bending load case alone may be used to deter- 
mine one of the unknown parameters, nonlinear analysis of the pure tension and pure bending load 
case yielded a combination o f M ~  and ~(~x at the flange tip due to the load eccentricity (tension load) 
and large displacements (bending load). Therefore. the constants G o (i.j = m,n,q) could not be deter- 
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mined simply from the pure tension and bending load cases. Consequently, all six constants were cal- 
culated from a set of six simultaneous linear equations corresponding to six unique loading combi- 
nations solved previously, using nonlinear FE analyses. This yields Gk (k = l . . . . .  6) 

G, |M~ 2M2N2 N~ 2M2Q2 2N2Q2 Q~/ G .... 
|M~ 2M3N3 X~ 2M3Q3 2N3Q3 Q 3 .  G .... 

2MsN5N52M5052N5050 LGnqJ 
13) 

Further, the local force and moment resultants N,:~, M~.x and Q.,:,. for all six unique loading combina- 
tions were calculated at the flange tip using the equations shown in Fig. 11 by integrating stresses de- 
termined in the nonlinear FE analyses yielding N~. Mk and Q~ (k = 1 . . . . .  6). The system of six equa- 
tions was then solved for the unknown Gij values. With the constants Gij known. G could then be 
calculated from the force and moment resultants Nxx, Q~>. and M~.,- for any combined tension/bending 
load case using the technique described by Eq 11. The term G is used here for the total energy release 
rate or for a mixed mode energy release rate component. Hence, the calculation of each of the indi- 
vidual modes G[. Gn or Gr requires a unique set of G,j constants each. This means that Eq 13 needs 
to be solved individually for each fiacture mode (I,II) before Eq 11 is used to obtain the individual 
modes Gb GH or Gr. 

The analytical Eqs 10 and 11 were derived with the objective of developing a simple procedure to 
calculate the strain energy release rate if the specimen shows a nonlinear load/deflection behavior. 
The expressions may also be used if the specimen exhibits a linear load/deflection behavior. Calcu- 
lating the force and moment resultants and solving Eq 13 to obtain a unique set of constants Gij for 
each fracture mode, however, appears to be cumbersome in this case because FE analysis needs to be 
performed for six unique combined load cases to determine the unknown parameters G,j. In contrast, 
the use of Eq 8 is simpler, because the external loads are known and only three load cases need to be 
analyzed to determine Gp, GQ and GpQ. 
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The matrix Eq 13, which contains the terms of local force and moment resultants Nk, Mk and Qk, 
may become singular. For linear load/deflection behavior this will occur if at least one of the six load 

cases selected to calculate N~., Mk, Qk and Gt is not independent from the other cases, but simply a lin- 
ear combination of any of them. For nonlinear load/deflection behavior it is not easily predictable un- 
der which circumstances the matrix might become singular. In both cases, however, six unique load 
cases need to be selected to avoid matrix singularity and solve Eq 13 for the unknown parameters. 

The energy release rates were calculated using the modified method (Eq 11) for all permutations 
of axial loads, P, and transverse displacements, u .... .  shown in Fig. 5. The unknown parameters G u 
in Eq 13 were obtained from nonlinear finite-element analyses of six different unique load cases (Pt 

= 0.0, u~ = 30.9 ram: P~ = 4.5 kN. �89 = 7.5 mm; P3 = 4.5 kN, ~'3 = 30.9 mm; P4 = 9.0 kN, u4 = 
7.5 mm; P5 = 9.0 kN, us = 30.9 mm: P6 = 17.8 kN, uo = 30.9 mm). Calculated mixed-mode results 
were compared with the energy release rates obtained directly from nonlinear finite-element analy- 
ses using VCCT as shown in Fig. 12 tbr a case where only one axial load of P = 4.5 kN and multi- 
ple transverse displacements, v . . . .  were applied. As expected, the results were identical for the two 
cases which had been selected to determine the unknown parameters G o . For the other load combi- 
nations, Gb Gxt and GT were in excellent agreement. Total energy release rates calculated for all ax- 
ial load and transverse displacement permutations are shown in Fig. 13. For the remaining load com- 
binations, calculated strain energy release rates differed by less than 5% when compared to results 
computed directly fi'om nonlinear finite-element analysis using VCCT. Good results, however, were 
only obtained if the six unique load combinations to determine the unknown parameters G u include 
the upper and lower limits of load combinations as shown in Fig. 13. The modified method should 
be used to interpolate results for different load combinations. Extrapolation may lead to inaccurate 

results. 
Hence. it was possible to derive a technique which was applicable for nonlinear deformation of the 

specimen. The expression derived for the linear case was modified such that terms of the external 
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forces were replaced by internal force and moment resultants. The energy release rates calculated us- 
ing this technique seemed sufficiently accurate for preliminary design studies. However, while ex- 
ternal forces are known, force and moment resultants at the flange tip need to be calculated analyti- 
cally or computed from finite-element analysis. For the cun'ent study of the combined axial tension 
and bending load case, nonlinear finite analyses were used to calculate the force and moment resul- 
tants at the flange tip as shown in Fig. 11. This requires about the same computational effort as di- 
rectly computing the energy release rates from nonlinear analyses using the virtual crack closure tech- 
nique. An additional effort is required to obtain the unknown parameters G~I. The use of the technique 
as given in Eq 11 may therefore become time consuming and less appealing for quickly calculating 
energy release rates for a large nmnber of new load combinations from a set of known resuhs. Fur- 
thermore, this process may have to be repeated for the simulation of delamination growth where for 
each new delamination length modeled mixed mode energy release rates need to be calculated to ob- 
tain the distribution of Gr, GII and G r  as a function of delamination length. Consequently, another ap- 
proach was developed for the simulation of delamination growth. 

Simulation of Delamination Growth 

The techniques developed in the previous sections focused on simple procedures to calculate the 
strain energy release rate for various combinations of loads from results previously computed for 
other load cases. A related problem is the simulation of delamination growth where mixed mode en- 
ergy release rates need to be calculated as a function of delamination length, a. The shape of the G 
versus a curves tbr GI, Gn and Gr yield information about stability of delamination growth and often 
dictate how these energy release rates are used to predict the onset of delamination [17]. During the 
nonlinear finite-element analyses, the delaminations are extended and strain energy release rates are 
computed at virtual delamination lengths using the virtual crack closure technique. For preliminary 
design stndies with several load cases of interest, delamination positions and lengths need to be 
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checked continuously. Hence, the amount of computation time necessary may become excessive. 
Therefore fast and accurate ahernatives need to be developed. 

Review of Simulated Delamination Propagation Using a Series of Nonlinear FE Analyses 

The schematics of the deformed geometries, the boundary conditions, and the loads examined in 
this pat1 of the study are shown in Fig. 2 for all three load cases. The boundary conditions considered 
in the simulations were chosen to model the actual test from Refs 6 and 7 as closely as possible. For 
the tension and bending case, the mean loads reported for the point of damage initiation were applied. 
At this point, matrix cracks are likely to form. To be consistent with the combined axial tension and 
bendin~ rests, a constant axial load, P = 17.8 kN, was applied in a first load step while transverse 
loads remained zero. In a second load step, the axial load was kept constant while the load orienta- 
tion rotated with the specimen as it deformed under the transverse load. In the FE simulation, a pre- 
scribed displacement was applied which corresponded to the average of the transverse stroke (v = 31 
m m / t o t  which flange debond occurred [6. 7]. 

The initial matrix crack was modeled on one flange tip perpendicular to the flange taper as sug- 
gested by the microscopic investigation and shown in Fig. 3. The model of the discrete matrix crack 
and delamination is shown in Fig. 4. During the nonlinear finite-element analyses, the delaminations 
were extended and strain energy release rate components were computed as a function of delamina- 
tion length using the virtual crack closnre technique. The dehtmination lengths, a, were measured 
from the end of the initial matrix crack as shown in Fig. 4. The delamination was extended in tweh'e 
increments up to about 0.6 mm (a/h = 3.2) which corresponds to a length where matrix crack 
branches were observed in the experiments as shown in Fig. 3b. The simulated delamination propa- 
gation therefore required ~2 nonlinear FE analyses for each load case, consequently 36 analyses for 
all three load cases. The results plotted in Figs. 14 through 16 show that G[~ increases monotonically 
for all toad cases while Gt begins to level off at the longest delamination lengths [6. 7], These results 
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were intended as reference solutions to be compared with results from the superposition method in 
the following section. 

Supetposition Technique for Simulated Delamination Growth 

In the previous sections, simple quadratic expressions were developed which made it possible to 
calculate the strain energy release rate for various load combinations. In this part of the investigation 
a technique was developed where the forces and displacements at the crack tip (see Fig. 6) obtained 
from three linear analyses are superposed. The calculated energy release rates for one delamination 
length are matched with the conesponding results from one nonlinear finite element analysis and a 
correction factor is determined. This correction factor is then used to size the results obtained from 
linear analyses for all other delamination lengths. 

Only one nonlinear finite-element analysis was performed tbr each load case using a full model of 
the damaged specimen as shown in Fig. 4. Loads measured at the onset of damage as shown in Fig. 
2 and discussed in the previous paragraph were simulated. Mode I and Mode II energy release rates 
GI.NL and G[I,NL were computed for a delamination length equal to the length of the first element (a/h 
= 0.181) as shown in Fig. 4. Local force and moment resultants N.,x, Q.,:,. and M,, were calculated at 
the location where the end of the frame or stringer flange meets the skin as shown in Fig. 11. Resul- 
tants plotted in Fig. 17 show that the force resultant N,, is zero for the three-point bending test as it 
is free of axial tension. Also as expected, there is a small transverse shear, which is nonzero. For the 
tension test. in addition to the membrane resultant, a bending moment is present due to the load ec- 
centricity in the flange region and the asymmetric lay-up of the combined skin and flange laminate 
with respect to the neutral axis. The shear force resultant Q.,~. is nearly zero, as expected. For the ax- 
ial tension and bending test, calculated membrane and moment resultants lie between the computed 
pure tension and pure bending values [7]. Due to the high transverse load during the tests, the shear 
force resultant is significant for this load condition. It was assumed that these local force and moment 
resultants calculated at the flange tip vary only slightly when the delamination is extended. 
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18a, boundary conditions for all local submodels were selected to prevent the translations in the 
plane and rotation of the model. Three unit load cases were sinmlated as shown in Figs. 18b 
through d and the delamination was extended as explained in the paragraph above. External loads 
were chosen such that a unit force resultant N,.,, Q~s or unit moment resultant M,, exists at the ref- 
erence station at the flange tip. For the unit transverse shear load case, a counter reacting moment, 
Me, needs to be applied at the end of the model to assure a pure shear force resultant Q.v' at the 
flange tip. To facilitate the simulation of the external moment (Figs. 18c and d) three-noded 
qnadratic beam elements with rotational degrees of freedom were used for the simulation of the 
load introduction zone, s, which had the same length as the adjacent plane strain elements (Fig. 
18a). A rectangular beam cross section was selected to model the square cross section of the skin. 
The beams were connected to the two-dimensional plane strain model of the local section using 
multipoint constraints to enforce appropriate translations and rotations. This procedure was ex- 
plained lbr the combined axial tension/bending load case and shown earlier in Fig. 5. For the beam 
model, smeared orthotropic material properties were calculated for the skin laminate and used as 
material input data. 

For each unit load case (index N,M,Q), the delaminations were extended and a linear finite-ele- 
ment analysis was performed for each length a. For each simulation, forces X'Ni(a), Xjt,(a). X'o,(a). and 
Y'xi(a), Y~ti(a), Y'oi(a), at the delamination tip at node i and the relative displacements ~tt,q,,,,(a). 
Atdtm(a) AU'Om(a), and A@,,,(a), Av,{t,,,(a). -ku'o,,(a), at the con'esponding node m behind the delam- 
ination tip were retrieved fi'om the finite-element results (see Fig. 6). Forces at node j  and relative dis- 
placements at node ( were also obtained. In a second step, forces an d relative displacements for each 
of unit load cases were scaled by multiplying with the corresponding force and moment resultant N,.,. 
Qxs and M~., obtained from the nonlinear analysis of the full model. The scaled forces and displace- 
ments were then superposed yielding 

Y[la) = N, . ,  �9 Y ) , ( a )  + M ~ , -  Y]t,(a) + Qs:" Y'Qi(a) 

Yj(a) = N~.," Y~7(a) + M,.,. �9 Y,;h(a) + Qx:" Y~(a) 

Av' , (a)  = N,, " Xv,~,,,(a) + M~:, �9 Av.,I4,,(a) + Q.,~ �9 AV'Q,,(a) 
(14) 

:_kv{(a) = N~.~" -kV~ve(a) + M,:,-" Av'~tda) + Q..: �9 AV'Qda) 

Forces X[(a) and Xj(a) as well as relative displacements Au~,(a) and .-ku'da), were obtained accord- 
ingly. All tbrces (X[(a). Xf(a). and Y[(a), Yj(a)), and relative displacements (Au',(a), .~u~(a), and 
Av',(a),  .-kv'e(a)) obtained, served as input for the virtual crack closure technique 

c 1 Gt(a) 2~(1 ~Tm( 7 " _kv'[(a) (15) 

�9 (u., (a) - u,,, (a)) + Xj(a) " (u[(a) - t t t  �9 (a 

G.(a)  2 a, a Au~. (a) Att~(a) 
(16) 

The correction factors c[ and eli for Mode I and Mode II, respectively, were introduced in order to 
size the results for G~ and Gn obtained from the superposition procedure (Eqs 15 and 16) along the 
delamination length. One set of con-ection factors ci and cn was determined for the entire study by 
matching the G~ and Gu results obtained for the initial crack (a/h = 0.181) with GI.NC and Gn,NC com- 
puted from the initial nonlinear analysis. This is accomplished by calculating GI (a/h = 0.181) and 
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Gu (a/h = 0.181) first with the con-ection factors set to q = Cn = 1 and then solving for the con'ec- 
tion factors 

GI.NL ((.I/h = 0.181 ) GILNL (a/h = O. 181 ) 
ct = GI (a/h = 0.181) and C n  = Gn (a/h = 0.18l)  (17) 

The correction factors obtained for the tension, three-point bending and combined 
axial tension/bending load case are given in Table 2. For the pure tension and the axial tension/ 
bending load cases the correction factors are relatively large when compared with the factors 
calculated for the pure bending load case. This is most likely related to the distinct nonlinear load/ 
deflection behavior of the specimens subjected to these Ioadings. Hence. large correction factors are 
reqtfired to match the results obtained from the three linear unit load cases with those obtained di- 
rectly from nonlinear FE analysis using VCCT. Consequently. for a nearly linear load/deflection be- 
h a v i o r - a s  observed during the bending tes t - -a  much smaller correction factor is required. The 
load/defornaation behavior of the specimens for all three load cases is discussed in detail in Refs 6 
and 7. 

For the tension, three-point bending and combined axial tension and bending load case, mixed 
mode energy release rates were calculated using the superposition technique described above and 
given in Eqs 14-17. The results were included in the plots of Figs. 14-16. For the initial matrix crack 
length (a/h = 0.181) the results are identical, as this point was chosen to match the results and cal- 
culate the con'ections factors (see Eq 17). The correction thctors obtained were kept constant during 
the simulation of delamination growth. The obtained mixed mode energy release rates show that Gn 
increases monotonically for all load cases while G~ begins to level off at the longest delamination 
lengths. For the bending load case the results were in excellent agreement with energy release rates 
calculated directly from nonlinear finite-element results using VCCT along the entire delamination 
length. This may be attributed to the fact that the load/deflection behavior of the specimen under this 
load is nearly linear and therefore can closely be approximated by the linear analyses of the local sub- 
models. Along the entire delamination length investigated, results were in good agreement for the 
other load cases as well. As the delamination length becomes longer, however, the results obtained 
from the superposition technique begin to deviate slightly from the values calculated directly from 
nonlinear finite-element analyses. For long delamination lengths it might therefore be advantageous 
to calculate several reference solutions for different delamination lengths from the full model using 
nonlinear analyses and updating the con'ection factors. 

As mentioned in the previous paragraph, a total of 12 nonlinear analyses were necessary when 
using the conventional approach to obtain the results for one load case as shown in Figs. 14-16. 
The superposition technique described above required only one nonlinear analysis of  the full model 
for each load case and 36 linear analyses of the local submodel. Even for one load case this means 
a considerable reduction in CPU time, Although additional modeling effort is required to create the 
local submodel, the results indicate that the proposed technique is very efficient for large paramet- 
ric studies which may occur during preliminary design where multiple load combinations must be 
considered. 

TABLE 2--Correction factors for scaled energy release rates. 

Axial Tension/Bending 
Tension Load Case Bending Load Case Load Case 

q = 1.2657 q = 1.0036 q = 1.279l 
Cn = 1.2484 qt = 1.0646 cn = 1.1720 
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Concluding Remarks 

Three simple procedures were developed to determine strain energy release rates, G. in composite 
skin/stringer specimens for various combinations of in-plane and out-of-plane loading conditions. 
These procedures may be used for parametric design studies in such a way that only a few finite-el- 
ement computations will be necessary for a study of many load combinations. Since energy is a 
quadratic function of the applied loads, it was not possible to simply superpose and add the energy 
release rates from separate load cases. A simple quadratic expression was previously developed to 
calculate the strain energy release rate for any combination of loads. To validate the procedures, re- 
suits obtained from the quadratic expressions were compared to Mode I and Mode II strain energy re- 
lease rate contributions, which were calculated from nonlinear two-dimensional plane-strain finite- 
element analyses using the virtual crack closure technique. 

For the first technique, the boundary conditions for the tension, bending and combined 
tension/bending load case were chosen in such a manner that the specimen deformation was assumed 
to be a linear function of the applied loads. Therefore, a linear finite-element solution was used to 
compute the strain energy release rate for various multi-axial load combinations. The technique in- 
volved solving three unknown parameters needed to determine the energy release rates from a sim- 
ple tension, a simple bending, and one combined tension/bending load case. Excellent results were 
obtained when the external loads were used. This superposition technique, however, was only appli- 
cable if the structure exhibits a linear load/deflection behavior. 

Consequently, a second modified technique was derived which was applicable also in the case of 
nonlinear load/deformation behavior. The expression derived for the linear case was modified such 
that terms of the external tbrces were replaced by internal force and moment resultants at the flange 
tip. The energy release rates calculated using this technique seemed sufficiently accurate for prelim- 
inary design studies. However, force and moment resultants at the flange tip need to be calculated and 
additional effort is required to obtain six unknown parameters from a set of six simultaneous linear 
equations to determine the energy release rates. This procedure, therefore, was not time efficient, and 
hence, less appealing. 

Finally, a third procedure was developed to calculate mixed-mode energy release as a function of 
delamination lengths. This procedure required only one nonlinear finite-element analysis of the spec- 
imen with a single delamination length to obtain the force and moment resultants at the flange tip and 
a reference solution for the energy release rates. It was assumed that the local force and moment re- 
sultants calculated at the flange tip vary only slightly when the delamination is extended. Therefore, 
it is sufficient to calculate these resultants for one delamination length. The delamination was subse- 
quently extended in three separate linear models of the local area in the vicinity of the delamination 
subjected to unit loads. Forces and displacements computed at the delamination tip for the unit load 
cases were superposed and used in the virtual crack closure technique to obtain the distribution of G 
with delamination length. Results were in good agreement with energy release rates calculated directly 
from nonlinear finite-element results using VCCT. Although additional modeling effort is required to 
create the local submodel, this superposition technique is very efficient for large parametric studies 
which may occur during preliminary design where multiple load combinations must be considered. 
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ABSTRACT: The V-22 proprotor yoke is fabricated from filament-wound unidirectional glass/epoxy 
belts that react to centrifugal force (CF) loads and beam and chord bending loads. Fiberglass tape is laid 
up at oft-axis orientation between the unidirectional belts to react shear loads. The structural criteria for 
both metallic and composite V-22 dynamically loaded rotor components specify that these components 
be fatigue tested and analyzed to show a "'safe lilT' of 30 000 h. Based on the fatigue test results of pro- 
totype and production proprotor yokes, a safe life of 30 000 h for the composite proprotor yoke could 
not be substantiated. However, testing of the yoke was continued be3,ond delamination initiation. The 
V-22 proprotor yoke continued to carry load in the fatigue tests with significant delanfinations within 
the composite structure. These results, in addition to similar test results produced by Bell Helicopter 
Textron on composite proprotor yokes for commercially produced aircraft, indicate that it will be pos- 
sible to substantiate this component using a "fail-safe" methodology. 

KEYWORDS: fail-sate testing, composite yoke, V-22. Nax y 

The V-22 proprotor yoke is a major composite component of the hub assembly (Fig. 1), which 
transmits torque to the rotor and reacts to blade loads. The qualification of the V-22 composite yoke 
was originally planned to achieve a safe life of 30 000 h. Historically, Bell Helicopter Textron. Inc. 
(BHTI). metallic and composite rotor system components have been structurally qualified using a 
safe life methodology based on an S-N (constant amplitude) test approach. Typically, four to six full- 
scale components are fatigue tested at various levels of elevated oscillatory loads to induce failures. 
These failures are used to define an average strength curve. A statistically reduced (3-sigma) strength 
curve is used with flight-measured loads in establishing the sale life of the component. 

The V-22 specification defines several criteria for a test failure, including the initiation of a de- 
lamination, the dominant failure mode exhibited in the V-22 proprotor yoke testing. Evaluation of the 
composite proprotor yoke test results using the safe life methodology and the V-22 failure definition 
has resulted in a low calculated safe life for the proprotor yoke. However, the initial delaminations 
detected by either ultrasonic or visual inspections did not deteriorate the structural performance of the 
component in further testing. 

Over the past 20 years, all of the failures seen in the fatigue tests of composite yokes at Bell Heli- 
copter have been delaminations. The delaminations reflect a very shallow, or flat, S-N curve shape. 
Typical 3-sigma statistical strength reduction factors of 25% to 30% [1] for delamination failure 
modes result in undesirably low safe fatigue lives for these composite components. BHTI has begun 
using a fail-safe (damage tolerant) approach to qualify commercial composite rotor system parts. 
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FIG. 1--V-22 proprotor hub. 

Fail-safe qualification results in a component being replaced based on its condition instead of im- 
posing a specific retirement life. This approach maximizes economic value without additional risk. 

In a fail-safe qualification approach of critical structural components, the inspection techniques 
and frequency of inspections must be such that a detectable partial failure would not eventually be- 
come catastrophic and is certain to be found long before it can endanger the aircraft. To demonstrate 
the fail-safe criteria, it must be shown that a component with a detectable partial failure will be able 
to sustain flight loads for two inspection intervals, and will still be able to carry the limit load. Stiff- 
ness changes should be within acceptable limits determined from dynamic and aerodynamic consid- 
erations. Additionally. damage should not grow to the extent that maintenance action is required 
within two inspection intervals. 

Although the U.S. Navy has not formally adopted a fail-safe qualification approach for all com- 
posite components, a revised approach for the qualification of the V-22 proprotor yoke using a fail- 
safe approach has been developed. The purpose of this paper is threefold: to discuss the history of the 
V-22 proprotor yoke testing and the life predictions resulting from these tests, to present the fail-safe 
qualification of composite yokes on other BHTI composite yokes as evidence of the "low risk" and 
"'high reward" expected with a fail-safe qualification, and to outline the fail-safe qualification ap- 
proach for the V-22 yoke. 

Description of the V-22 Proprotor Yoke 

The V-22 proprotor yoke transnfits rotor torque from the drive hub into the grip and blade assem- 
blies. Figure 2 presents an overview of the proprotor yoke. The yoke is stiff in-plane with three 
equally spaced coning flexure arms located 120 deg apart. These arms react to centrifugal force (CF), 
as well as shears and moments generated by dynamic and aerodynamic loads in the proprotor blades, 
while permitting feathering motion of the blade. The yoke tapers from 4.3 in. ( 110 mm) in the center 
to a minimum thickness of 1.7 in, (43 ram) in the flexure area and back up to 2.4 in. (61 ram) at the 
outboard end. The inboard flexure area of each arm contains a 6.7 in. (170 mm) by 4.4 in. ( 1 l0 ram) 
hole for the attachment of the inboard pitch change bearing. The yoke is fabricated from filament- 
wound unidirectional S-glass belts with shear webs interspersed between the belts for shear continu- 
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FIG. 2--Ovelwiew of the V-22 proprotor yoke. 

ity. The precone angle of the production yoke configuration was modified slightly from the prototype 
design. The precone angle of the yoke arms in the prototype design was 2 deg. The precone angle in 
the production configuration was increased to 2.75 deg to optimize steady beam bending load on the 
yoke arm for various nacelle positions. 

Fatigue Design Requirements 

The V-22 tiltrotor is designed to operate as both a rotary-wing (nacelle incidence angles greater 
than 0 and less than or equal to 97.5 deg) and fixed-wing (nacelle incidence angle of 0 deg) aircraft. 
The V-22 specification required that the dynamic components shall have a minimum structural fa- 
tigue life of 30 000 h when substantiated for the design fatigue loading requirements in both of these 
operating modes. In addition, these components shall sustain no fatigue damage below certain thresh- 
olds in both rotary wing and fixed wing modes. The critical loading on the yoke is experienced when 
the rotor system is producing a majority of the lift to the aircraft. This occurs above nacelle incidence 
angles of 60 deg. 

Prototype and Production Fatigue Testing Program Summary 

The V-22 proprotor yokes were fatigue tested in a specially designed test fixture (Fig. 3). Steady 
and oscillatory bending moments and pitch link loads were applied to each specimen, as well as a 
steady load representative of the centrifugal force. Testing for both the prototype and the production 
configurations also included interspersed ground-air-ground (GAG) cycles. Reference oscillatory 
loads were accelerated, or increased by a factor, for performance of the fatigue tests. Since the inten- 
tion of this type of testing is to identify failure modes and to define the fatigue strength of the test ar- 
ticle, increased load levels are used to insure that failures do occur. The high-cycle fatigue strength 
is defined from this testing with a 3-sigma statistical scatter reduction from the mean curve to get a 
working curve for use in the fatigue analysis. 

Prototype and early production yoke fatigue test results were used to determine an S-N curve for 
the primary failure mode, a delamination initiation at the inboard beam cutout. The delamination ini- 
tiation S-N curve (Fig. 4) based on oscillatory beam bending and the production design loads were 
used to calculate a fatigue life for the proprotor yoke. This calculation resulted in a 1200 h fatigue life 
for the design loads spectrum. 
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In all of the V-22 yoke tests, testing was continued after initial delamination detection to investi- 
gate failure modes in the other hub components and to characterize delamination growth behavior. 
All of the prototype and production yokes were still capable of carrying applied loads when the tests 
were suspended. The failure mode exhibited by the V-22 proprotor yoke is a benign failure mode that 
does not result in loss of load-carrying capability or catastrophic failure of the component or the air- 
craft. One of the most important things to note in the V-22 rotor system hub components is that the 
components operate in a predominately tension field due to very high centrifugal force. Additionally, 
flight stresses are primarily in tension. This is in contrast to catastrophic failures in aircraft wing 
structures, which are usually due to compression-type failure modes such as buckling. 

Prototype Fatigue Testing 

The first prototype yoke was tested at elevated reference oscillatory S-N loads with interspersed 
GAG cycles. An 8 to 10 in. (20-25 cm) visible crack/delamination along the lower leading edge of 
the yoke was noted at 35 000 S-N cycles. The crack/delamination extended from the cutout for the 
inboard beam to the outboard end. Testing was continued for a total of 250 000 fatigue cycles with- 
out degradation of the load-carrying capability of the yoke. When testing was suspended, the crack 
had extended across half of the flexure span and extended from the centerline of the yoke almost all 
the way to the outboard end. The delamination origin was located in the inboard beam cutout area of 
the yoke as shown in Fig. 5. This delamination mode was typical for all prototype and production V- 
22 yoke testing. 

Another prototype yoke was tested at lower elevated reference oscillatory loads. Small delamina- 
tions were found with ultrasonic inspection at the leading edge corners of the inboard beam bearing 
cutout at 440 800 fatigue cycles. Testing continued and was suspended at 963 600 total fatigue cy- 
cles. During that time, the delaminations had propagated out to the leading edge of the yoke, and ex- 
tended approximately 10 in. (25 cm) along the leading edge. 

FIG. 5--Typical delamination for the V-22 proprotor yoke. 
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faces. All composite BHTI yokes designed to date including V-22 have very similar design limit 
strains in the range of 11 500/.dn./in. to 13 000 #in./in. 

Model 407 Yoke Fail-safe Fatigue Testing 

The goal for certification of the Model 407 main rotor yoke was to retire the yoke on-condition. 
An inspection interval was to be established based on the results of flaw growth testing. First, the 407 
yoke was fatigue tested at elevated S-Ncycle loads to initiate a delamination. The delamination found 
on the trailing edge of one arm extended across the width of the arm inboard to the center section and 
around the corner toward the leading edge of the adjacent arm during subsequent testing. The de- 
lamination lhilure mode is typical of the failure exhibited by the OH-58D and 430 yokes which have 
similar designs in the flapping flexure sections. After the initial delamination was identified, the test 
loads were changed to an abbreviated spectrum of flight loads including the loads for ground-air- 
ground (GAG) cycles and testing was continued. After each 100 h block of test cycles, design limit 
loads were applied to each of the arms individually. After the equivalent of 600 flight hour's of test- 
ing, the yoke was still capable of reacting design limit loads on all four arms. Since the test specimen 
was not preconditioned, a factor of six was used for the inspection interval. Another specimen was 
preconditioned to 10 years exposure to moisture absorption. The yoke was subjected to visible im- 
pact damage and was tested for an equivalent of 200 h. 

Model 430 Fatigue Testing 

Two main rotor yokes were tested at elevated flight loads with interspersed GAG cycles to evalu- 
ate the yoke design before proceeding with tail-safe (flaw growth) certification testing. Two differ- 
ent delamination failure modes were identified during the S-N testing. The delamination of the yoke 
center section originating in the area adjacent to the yoke-to-mast attachment holes at approximately 
mid-thickness was originally detected during scheduled contact ultrasonic inspections conducted dur- 
ing the test. In each specimen this delamination propagated to the edge of the yoke center section and 
was then easily detected visually. Another failure mode in the test was observed at the apex of the ra- 
dial flanges of the feathering flexure. The initial visual indication was a white crazing under the outer 
layer of fiberglass and could be seen quite easily after the application of the first series of GAG cy- 
cles. The second specimen was painted on one end to aid in the detection of this delamination under 
simulated service conditions. As the test progressed this became a visible surface distress on the sur- 
face of the radial flange running in a span direction. In each case, the specimen continued to calTy the 
applied loads and motions. The observations of these failure modes was subsequently used to aid in 
locating the seeded flaws and impact locations for the fail-safe (flaw and damage growth) testing of 
the third test yoke. 

Fail-safe Test Results--Two specimens of the 430 main rotor yoke assembly were tested. Both 
specimens contained critically located flaws and were environmentally conditioned. After initiating 
a delamination on the leading edge of one of the yoke alxns, the yoke was removed from the test fix- 
ture and impacted. The specimen was impact damaged at nine critical locations to a Barely Visible 
Indication of Damage (BVID) impact energy or to the maximum threat energy level. The maximum 
threat energy level is developed from probable damage that can occur during manufacturing, instal- 
lation, and foreign object impact in-service. The yoke was then reinstalled in the fixture for multiple 
block spectrum testing of flight loads including the loads for ground-air-ground (GAG) cycles. The 
yoke specimen had been inadvertently overconditioned, and testing was discontinued after 100 flight 
hours of loading, supplemental GAG cycles, and a final static limit load. Using a safety factor of 2, 
an inspection interval of 50 flight hours was substantiated for the flapping and center section of the 
yoke, which may be visually inspected without disassembly of the hub. The torsional flexure out- 
board of the shear restraints is critical for GAG cycles and cannot be inspected without removing the 
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main rotor blade. Additional GAG cycles were applied to the portion of the yoke outboard of the shear 
restraints to demonstrate a longer inspection interval coinciding with the blade inspection interval. 
Assuming four GAG/hour and an inspection factor of two, the accumulated 19 200 GAG cycles qual- 
ify a 2400 h inspection interval. 

Due to the overconditioning of the first yoke, the inspection intervals set during the fail-safe test- 
ing were shorter than desired. A second yoke specimen was conditioned to the expected 10 year mois- 
ture profile and tested to flaw tolerance criteria for a total of 450 equivalent flight hours. This was a 
painted specimen with implanted flaws which was environmentally conditioned and impacted at crit- 
ical locations. The same load spectrum used to test the first flaw tolerance qualification specimen was 
applied to the second yoke specimen. As the test progressed, several minor delaminations were de- 
tected on this specimen. However, ND[ inspections showed no significant growth of the delamina- 
tions after discovery. At the conclusion of the 450 h of spectrum testing, the yoke specimen was 
bagged and stored for later use. 

A design change made to 430 hub configuration to incorporate fluid lead-lag dampers resulted 
in an increase in the yoke's oscillatory chord loads. Due to the increase in chord loads, the yoke's 
fail-safe qualification had to be resubstantiated. Conservatively, the yoke that was used in a previous 
fail-safe qualification test was also used for the qualification to the increased loads from the 
fluid dampers. The yoke was tested for a total of 450 equivalent flight hours at increased loads and 
for more than 40 000 GAG cycles. After finishing the spectrum testing, the static limit condition was 
applied. For the flapping flexure, a total of 450 equivalent flight hours were applied. Using an in- 
spection factor of 2, an inspection interval of 225 h was substantiated. The inspection interval for the 
feathering flexure based on GAG cycles was set at 5000 h assuming 4 GAG/h and an inspection 
factor of 2. 

Fail-safe Qualification Proposal for the V-22 Proprotor Yoke 

Based on the promising results realized through fail-safe testing of Bell commercial composite 
yokes, and the limited testing with delaminated yokes in the V-22 program, a fail-sate qualification 
of the V-22 composite proprotor yoke is in progress. Three proprotor yokes will be tested as part of 
the fail-safe qualification. A stiffness check will be performed on each yoke tested at the beginning 
and end of each test. The stiffness checks are done to assure that the stiffness has not degraded below 
acceptable levels for dynamic and aerodynamic considerations. Limit load testing and residual 
strength testing will be performed at the end of each test. 

The first yoke was tested at slightly elevated reference oscillatory loads to initiate delaminations 
in all three arms and testing continued until the delaminations became visible at the edges of the yoke 
arms. Additional cycles, equivalent to 420 flight hours of  loading, are being applied to the yoke with 
periodic visual inspections. Successful conclusion of the stiffness check, limit load testing, and resid- 
ual strength testing will result in a preliminary fail-safe qualification of the yoke. 

The second yoke specimen will be subjected to 80 000 ground-air-ground cycles to substantiate the 
required GAG cycle requirement on the other hub components in the test. Then the reference oscil- 
latory loads will be elevated high enough to obtain data on the composite grip and the metallic com- 
ponents of the hub assembly. Periodic NDI inspections of the grip and visual inspections of the yoke 
will be performed. Testing will be continued until it becomes impractical due to excessive delamina- 
tions in the yoke or until a failure of a metallic component occurs. The stiffness checks are done to 
assure that the stiffness has not degraded below acceptable levels for dynamic and aerodynamic con- 
siderations. 

A third proprotor yoke specimen with seeded flaws will be environmentally conditioned and 
impact damaged. The load spectrum applied to the third yoke will incorporate updated flight 
load measurements. This specimen will provide the final fail-safe qualification of the proprotor 
yoke. 
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Risk Evaluation of Fail-safe Qualification 

It is standard commercial practice at Bell to use a 3-siglna reduction in fatigue strength when per- 
forming a safe life calculation. This approach is also the standard for V-22 safe life calculations. A 
1200 h sate life was calculated for the proprotor yoke based on the initiation of the delamination. This 
represents the possibility of a small delamination in one out of 1000 yokes fielded at 1200 flight 
hours. The failure mode of the V-22 yoke as demonstrated in the test is both benign and detectable. 
A small delamination initiates and grows until it becomes visible without affecting the load-calTying 
capability of the yoke. By retiring the V-22 yoke based on the condition of the yoke at regular in- 
spection intervals, it is expected that at least 999 out of 1000 yokes will be in service beyond 1200 h. 

Retiring yokes based on a regular inspection program will remove yokes from service before their 
load-canying capability is affected. An inspection tbr a visible delamination allows each yoke to be 
easily evaluated based on its condition. This is preferable to retiring yokes at a safe life based on a 3- 
sigma reduction when only 1% would be expected to exhibit a delanfination at retirement. 

Conclusions 

The fatigue and static testing accomplished to date on the V-22 yoke demonstrated very benign 
failure modes. The safe life approach to qualification of the V-22 yoke results in a low life and in a 
high life-cycle cost. Based on BHTI experience of qualifying similarly designed yokes on a fail-safe 
basis, the V-22 yoke was a good candidate for a fail-safe qualification. A disadvantage of fail-safe 
testing is that it is important to have the con'ect qualification load spectrum. If the qualification load 
spectrum changes, testing must be repeated. The advantage of fail-sale qualification is that the V-22 
proprotor yoke will be retired based on the condition of the yoke as evaluated dnring periodic visual 
inspections. This will allow the yoke to remain in service beyond the retirement life selected in a safe 
life approach and will result in a lower life-cycle cost. 
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ABSTRACT: The paper discusses the RAH-66 Comanche airframe building block structural qualifi- 
cation program. The components of the building block program included: material selection and quali- 
fication tests (lamina properties): coupon level tests I static and fatigue laminate properties, including 
open hole and filled hole strength, bearing, and sandwich compression after impact strength), and ele- 
ment. subcomponent, and full-scale tests. Element tests included bolted and bonded joint strength tests, 
beaded shear panel tests, sandwich shear panel tests, crippling tests and bearing-bypass bolted joint 
tests. Subcomponent testing included fuselage section crush tests, hydraulic ram testing of fuel tanks, 
and numerous design specific joint tests. The building block program cuhninated in the full-scale static 
test of the airframe structure. 

The interaction of the building block program testing with the Comanche detail design is described 
including specific examples where results from compression after impact, tub crush, and hydraulic ram 
testing caused changes in the structural configuration of the aircraft. This paper discusses only the Siko- 
rsky Aircraft portion of the RAH-66 building block program. Boeing-Philadelphia also performed a re- 
lated program to substantiate the design of their portion of the aircraft. 

KEYWORDS: building block, structural qualification, structural certification, composites, carbon 
fiber, epoxy 

The objectives of the RAH-66 Comanche building block program were to provide material prop- 
erties and design values for use in design of the aircraft and to verify the accuracy of analysis meth- 
ods used in the structural analysis of the airframe. The building block program consisted of material 
allowables coupons, structural elements, subcomponents, components, and a full aircraft structural 
test. The basic plan was to focus the analysis and testing effort on the simpler specimens to develop 
and verify the accuracy of analysis methods. Successful validation of the analysis methods permits 
fewer element and component tests to be performed for the structural qualification and simplifies the 
structural analysis of the aircraft. In addition, use of the statistical parameters from the different lev- 
els of testing makes possible the determination of load enhancement factors to be applied to sub- 
component and thll-scale tests to obtain a given reliability level [1]. 

During the design development process for RAH-66 Comanche airframe components, the need for 
materials with improved properties was identified. Although the list included many types of materi- 
als (paste and film adhesives, foaming adhesives, honeycomb cores, syntactics, glass reinforced 
prepregs, carbon fiber prepregs, aramid prepregs, and RTM systems), the material selection and al- 
lowables sections of this paper will only cover intermediate modulus carbon/epoxy tape and fabric 
prepregs. Following the selection of materials with improved properties, element, subcomponent, and 
component testing was performed to verify the translation of those improved properties into the fnll- 
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scale structure. The testing culminated in the full-scale airframe Static Test Article and in flight test- 
ing of the aircraft. 

Material Selection 

In 1986 requests for information (RFIs) were issued to composite material suppliers, soliciting 
data on new intermediate modulus carbon/epoxy prepreg tape systems. Prepreggers were asked to 
fabricate test panels from a single batch of material and conduct mechanical property testing in ac- 
cordance with the test matrix shown in Table 1. This matrix is sufficient for comparing materials 
based on average lamina properties, sensitivity to notches and damage, and degradation of proper- 
ties with environment, and is similar to the screening test matrix currently recommended in MIL- 
HDBK- 17 [2]. 

Responses to the RFIs were received from six material suppliers for a total of seven material sys- 
tems. Using the data provided by the suppliers, preliminary material allowables were estimated. 
These initial values were purposely aggressive in an effort to challenge the suppliers to formulate 
even better materials. Target B-basis values were generated by taking the best average property val- 
ues from the limited data and reducing them by historical scatter factors. Environmental factors both 
from the screening data and from previous experience were also used. The estimated design values 
were used for preliminary sizing and structural analysis. 

In order to rank the candidate systems, a set of criteria was needed based on structural require- 
ments. A review of the proposed RAH-66 airframe elements indicated that about 38% of the weight 
of the composite structure was designed by stability and crippling, 29% was driven by ultimate 
strength and strain (mostly in compression), 27% was stiffness critical, and 6% was designed by min- 
imum gage considerations. Based on this assessment, a weighted ranking system was devised, giving 
highest weight to compression after impact (CAI) (since barely visible impact damage (BVID) is 
assumed to be present in all RAH-66 composite structure), followed by 0 ~ compression strength 
and modulus (for stability and crippling), and bearing strength. Other properties were given lower 
weight. Since cost differences between candidate materials were not deemed significant, cost was 
not considered in this evaluation. Table 2 shows the resulting rankings of the seven initial candidate 
materials. 

With preliminary material allowables set and design drivers identified, a second RFI was issued, 
which included more focused material requirements and target specification values. Compression af- 
ter impact (at multiple impact energies) was added to the initial screening matrix. Since it had been 
estimated that 75% of the airframe composite structure would be composed of fabric (25% composed 

TABLE 1 - - G e n e r i c  sc reen ing  matr ix  f o r  carbon /epoa  T p r e p r e g  tape. 

Number of Specimens 

Property Test Method -65~ Amb. RT Amb. 220~ Wet Total 

0 ~ Tension on (S/M/P) SRM 4 [16] 3 3 3 9 

0 ~ Compression (S) D3410 B [17] . . .  3 3 6 
0 ~ Compression (M) SRM 1 [18] . . .  3 3 6 

In-plane shear (S/M) SRM 7 [19] . . .  3 3 6 
QI open hole tens. (S/M/FS) SRM 5 [20] . . .  3 ... 3 

QI open hole compr. (S/M/FS) SRM 3 [21] . . .  3 ... 3 
Bolt bearing strength MIL- 17 [22] . . .  3 ... 3 

Compr. after impact (S/M/FS) SRM 2 [23] . . .  3 ... 3 
Total 39 

NOTE: S = Strength, M = Modulus, P = Poisson's ratio, FS = Failure strain, QI = Quasi-isotropic. 



142 COMPOSITE STRUCTURES: THEORY AND PRACTICE 

TABLE 2--Generic  screening matrix for  carbolL/epo.~' prepreg tape. 

Material Supplier Material System Rank (1 = best) 

Hercules (now Hexceb [M7/8551-7 1 
Fiberite (now Cytec Fiberite) IM7/977-2 2 
American Cyanamid (now Cytec Fiberite) 1M7/1827 3 
Ciba Geigy (now Hexcel) T40/6376 4 
Ciba Geigy (now Hexcel) G40-700/6376 5 
Dexter Hysol Apollo-IM/HG9105-3 6 
Hexcel IM6/F584 7 

of tape), suppliers were also asked to provide data on plain weave (PW) and/or eight harness satin 
r weave fabrics. 

Data from this second round of screening showed that initial estimates of open hole compression 
capability for both tape and fabric were somewhat ambitious. Also, fill direction tensile strength for 
fabrics was lower than anticipated. All other properties were in fairly good agreement with earlier 
data and estimates. Based on the combined data from the two RFIs, IM7/8552 was selected as the pri- 
mary intermediate modulus carbon/epoxy prepreg for both tape (160 g /m 2) and fabrics (196 g/m 2 
plain weave and 370 g / m  2 eight-harness satin). 

Material Properties and Design Values 

Early in tile program it was anticipated that the critical design environment  would be 220~ 
(104~ both wet and dry. As the program developed, it was determined from further assessment of 
the operating environment that the requirement should be 180~ (82~ wet and 220~ (104~ dry. 
Therefore, the first task for material allowables was to estimate 180~ (82~ wet properties by in- 
terpolating between the RT ambient and 220~ (104~ screening data estimates. 

The next task was to fully qualify the IM7/8552 materials and develop final allowables based on 
multiple batch testing. The qualification test matrix shown in Table 3 was used to generate specifi- 
cation values and material allowables for ply (lamina) properties and tbr quasi-isotropic open hole 

TABLE 3--Qualificatiotu'allowables test matrix f o r  earbonlepoaT prepreg tape and fabric. 

No. of Specimens per Prepreg Batch 

-65~ RT RT 180~ 220~ 
Property Test Method Amb. Amb. Wet Wet Arab. 

0~ tension (S/M/P) SRM 4 [16] 6 6 3 6 3 
0~ compression (S/M) D 3410 B [17] 3 6 3 6 3 
90~ tension (S/M) SRM 4 [16] 6 6 3 6 3 
90~ compression (S/IVl) D 3410 B [17] 6 3 6 3 
In-plane shear (S/M) SRM 7 [19] "3" 6 3 6 3 
Interlaminar shear (S) D 2344 [24] ... 6 3 6 3 
0~ flexure (S/M) D 790 [25] 6 ... 6 ... 
QI open hole tens. (S/M/FS) SRM 5 [201 6 6 . . . . . .  
QI open hole compr. (S/M/FS) SRM 3 [21] ... 6 ... "6" ... 
Compression after impact 
(S/M/FS) SRM 2 [23] ... 6 6 ... 

Nox~: S = Strength, M = Modulus, P = Poisson's ratio, FS = Failure strain, QI = Quasi-isotropic. 



DOBYNS ET AL. ON BUILDING BLOCK PROGRAM 143 

tension (OHT), open hole compression (OHC), and CAI properties. Testing was shared between 
Sikorsky Aircraft and the material supplier. The same test specimen configurations and the same test 
methods were used at both locations. "'Dry" condition testing was defined as the "'as fabricated" con- 
dition (not oven dried), and the "'wet" condition was defined as moisture equilibrium at 185~ (85~ 
and 87% relative humidity. The largest numbers of specimens were concentrated at room tempera- 
ture ambient (RTA) and elevated temperature wet (ETW--180~176 Smaller numbers of speci- 
mens were tested at other environments to verify that these were not more critical than 180~ (82~ 
wet. Initially three batches of tape and each fabric were planned for testing. However, due to data 
scatter and some testing issues, testing of several additional batches was required for some properties 
and environments. In all, over 1100 tape specimens, over 600 8HS fabric specimens, and over 900 
PW fabric specimens were tested. 

Material allowables were calculated from the test data using statistical procedures and guidelines 
given in MIL-HDBK-17 [3]. The final B-basis strengths/strains and mean moduli were generally in 
good agreement with the original preliminary allowables (interpolated to 180~ (82~ Figure 1 
shows this comparison for tape. None of the properties which were lower than initial estimates were 
significant enough to result in design changes. 

In addition to the above tests, various bolted joint, sandwich, and interlaminar tension tests were 
conducted in a number of configurations to further quantify properties of specific design details. 
These are summarized in the following paragraphs. 

Bolted Joint Tests 

A number of tests were performed to verify the performance of specific laminates and configura- 
tions. These tests included open hole, filled hole, bearing, countersunk fasteners, and fasteners with 
lower than normal edge distance. Tests were conducted for RTA, ETW, ETD (elevated temperature 
dry), and CTD (cold temperature dry) conditions. Open hole tension and compression tests were con- 
ducted for several laminates: 25/50/25, 58.3/27.8/13.9, 20/60/20, and 12.5/75 / 12.5, where the num- 
bers signify the percent of ply thickness in the 0, +_45. and 90 degree directions. The first laminate is 
quasi-isotropic with 25% 0~ +_45~ 90 ~ Three hole diameters were used--['~.~ in. (3.97 
mm), 3 in. (4.76 mm), and '4 in. (6.35 mm)]. A W/D (specimen width/bolt diameter) of 6 was used 
for most of the tests. Some tests were done at W/D ratios of 4 and 8 to verify that there would be no 
discernible width effect. Filled hole tension tests were conducted for ETD and CTD environments. 
These tests are similar to open hole tests except that a standard bolt is inserted into a 0.003 in. (0.076 
ram) oversize hole, with torque set to finger tight (25 in. - lb/2.83 N �9 m). Preliminary testing had 
shown that filled hole strengths in tension are normally lower than open hole strengths, so filled hole 
tension values were used for design. 

Bearing tests were conducted for the four laminates and the three bolt diameters mentioned above, 
and for several values of  bolt torque-up. The bolt torque used in testing can have a large influence on 
the bearing strength in composites due to the support the bolt head gives to the laminate. Increasing 
the bolt torque provides added clamp-up support at the contact points, creating a triaxial stress field. 
Tightening to just a finger tight torque can increase the bearing strength by 25% to 30% compared to 
the pin bearing or no bolt head restraint strength. Tests were conducted with specimens of varying 
width to show the effect on bearing strength. 

Sandwich Compression After Impact ( CAI) Tests 

When a sandwich with composite face sheets is subjected to a low velocity impact by dropped 
tools, runway debris, or other low energy impacts, the compression strength is reduced due to the re- 
sulting delaminations, fiber breakage, matrix cracking, and core crushing. Typically the compression 
strength is reduced by around half by low velocity impact damage which produces damage at the 
threshold of visibility. Therefore the compression allowable strength used for design must assume 
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TABLE 4--Sandwich compre.ssion and CAI static te.~t matrix. 

145 

Core Cell No CAI 
Specimen # Density Size Damage Damage 

ID Plies Core (PCF) fin.) RTA ETA ETW RTA ETA ETW 

3NB 2 Nomex 3.0 1/8 3 ... 5 ... 
INB 3 Nomex 3.0 1/8 3 3 3 '3 9 
2NB 4 Nomex 3.0 1/8 6 "3"- 3 12 6 9 
2AB 4 5056 6.1 1/8 3 3 3 3 3 3 
H3NB 2 HIFT 3.0 3/16 3 ... 3 3 3 3 
H1NB 3 HFT 3.0 3/16 3 3 3 3 3 3 
H2NB 4 HFT 3.0 3/16 3 3 3 3 3 3 
K I NB 3 Korex 3.0 1/8 3 ... 4 3 5 

that impact damage is present from the first day in service. To determine the BVID CAI strength a 
test program was performed to determine the impact energy required to produce barely visible impact 
damage, to impact specimens at this impact energy, and to perform compression strength tests on the 
impacted specimens. A number of facesheet laminate and honeycomb combinations were tested, as 
given in Table 4. Tests were conducted at RTA, ETW, and ETD environmental conditions. The test 
panels were constructed with 1 in. honeycomb core with potting compound inserted at the position of 
the loaded ends. 6 in. • 6 in. ( 152 mm • 152 ram) test specimens were then cut from the panel and 
the potted loaded ends were ground parallel. Each specimen was impact damaged and the specimen 
was compression tested in the fixture shown in Fig. 2 [4]. The test fixture was developed at Sikorsky 
after experiencing problems with sandwich beam tests. 

FIG. 2- -Sandwich  compression tesCfixmre. 
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btterlaminar Tension Tests 

Composite stiffeners and fittings can fail due to interlaminar tension stresses in curved members. 
For composite stiffeners and fittings this is a critical failure mode since the allowable interlaminar 
tension stress is so low. To determine the allowable stress for this mode curved beams were 
constructed and tested in bending as shown in Fig. 3, producing a delamination near the mid 
thickness in the corner. Closed Ibrm solutions [5] were used to determine the interlaminar tension 
stress for each test. Tests were conducted at RTA and ETW conditions to produce the required 

allowables. 

Element Tests 

A series of element tests was conducted to provide design values tbr use in design of the Comanche 
airframe. The element tests included: beaded shear panels, sandwich shear panels, crippling tests, and 
bearing bypass tests. 

Beaded Shear Panels 

Beaded shear panels are used in the aircraft as shear webs for lightly loaded areas such as bulk- 
heads and some areas of the keel beam. Beaded shear webs have been used in metal aircraft since the 
1940s but have not been used extensively in composites due to lack of test data on failure modes. A 
series of shear tests were performed with beaded shear webs in a picture frame apparatus, as shown 
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I 
m 



DOBYNS ET AL. ON BUILDING BLOCK PROGRAM 147 

FIG. 4- -Beaded  shear panel test. 

in Fig. 4. The test matrix included two panel thicknesses and two bead heights 0.375 in. (9.5 ram) and 
0.50 in. ( 12.7 ram). Test panels were 15.5 in. x 25.5 in. (394 m m •  648 ram) between corner pins. 
with fiberglass doublers at the edges. Tests were performed on nndamaged panels, on panels with im- 
pact damage, and with ballistic damage (12.7 1ran bullet holes). Testing was done at both RTA and 
ETW conditions. The panels tailed by snap through of the beads, with lower strengths at ETW, as 
would be expected due to the lower moduli at ETW. There were 29 undamaged, 30 impact damaged, 
and 21 ballistically damaged panels tested. The test results were con'elated with equations used for 
metal panels [6] and with stiffened panel buckling equations, which assumed the bead acted like a 
transverse stiffener. Twenty-two undamaged solid laminate shear panels with circular cutouts were 
also tested in the same apparatus as the beaded shear panels. Impact and ballistically damaged pan- 
els with cutouts will be tested before the Comanche goes into production. 

Sandwich Shear Panels 

Sandwich shear panels may be used in the aircraft for areas that are too highly loaded for beaded 
panels to be used. Typical applications are bulkheads, keel beam webs, and the aircraft exterior skin. 
Nomex (aramid-fiber paper treated with phenolic resin), HFF (bias weave glass fabric), and Korex 
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honeycomb cores were used, depending on the load requirement. The honeycomb panels used a "pan- 
edged" design for the edge attachment region, where the honeycomb edges are ramped down at a 25 
deg angle to a solid laminate at the edges. The edge attachments are reinforced locally to resist the 
moments and shears caused by the eccentric load introduction and to increase bearing area at the fas- 
teners. The honeycomb shear panels were tested in a 26 in. (660 ram) square picture frame shear test 
frame, similar to the beaded shear panel test. The test program included RTA and ETW tests, with 20 
undamaged specimens, 19 impact damaged specimens, and 9 ballistic damaged specimens. The test 
results were correlated with sandwich panel shear buckling equations [7] for overall panel buckling 
and with MSC/NASTRAN [8] for the stresses in the panned edge regions. 

Crippling Specimens 

Crippling specimens are used to determine the postbuckling compression strength of stiffeners. 
The stiffener will normally fail at a load greater than the initial buckling load with failure caused by 
the postbuckling deformations of the segments making up the stiffener. Tests are required to deter- 
mine a crippling stress versus segment width/thickness (b/t) curve for use in design, since the theo- 
retical buckling stress does not correlate with the crippling failure stress. An angle specimen was used 
to simulate the one-edge-free case, with a channel specimen for the no-edge-free case. The ends of 
the test specimen are potted and ground parallel before placing in the test machine. Figure 5 shows a 

FIG. 5--Channel crippling specimen. 
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typical channel specimen. The test program included three b/t ratios for the one-edge-tree and no- 
edge-free cases, with both RTA and ETW environmental conditions, for a total of 36 specimens. 

Bearing-Bypass Tests 

In addition to the open hole, filled hole and bearing tests done to support design of single bolt 
joints, tests were done to determine the effect of varying the bearing stress and the far field (by- 
pass) stress. Knowledge of the bearing-bypass interaction is needed to design the multiple bolt 
joints typical of fittings and splices, where each bolt will have a different bearing load. The bypass 
failure stress is reduced due to the interaction of the bearing stress with the bypass stress, as shown 
in Fig. 6. Analysis codes are available for predicting bearing bypass curves from analysis of the 
stress field around the joint (BJSFM [9]), and to determine the load for each bolt in the joint (A4EJ 
[10]). To obtain a bearing-bypass curve it is necessary to test specimens with different bearing/by- 
pass ratios, which is a difficult task. The method used in the RAH-66 program was a bolted dou- 
bler arrangement as shown in Fig. 7, where the bearing load in the specimen is varied by changing 
the stiffness ratio between the specimen and the doubler. The only problem is that the ratio of bear- 
ing load to bypass load changes during the test. When the bearing load reaches its initial nonlinear 
yielding point the bolt hole starts elongating, which reduces the bearing/bypass ratio as the load is 
increased. At a given load, the doubler load is obtained as the applied load minus the bypass load 
in the laminate (which is given by the strain in the specimen times the modulus times the laminate 
area). The bolt load is then the doubler load, while the bypass strain is read from the strain gages 
on the laminate [11]. The data points are plotted as shown in Fig. 6 to find the point at which the 
bearing-bypass ratio starts to change. 

S u b c o m p o n e n t  T e s t s  

A series of subcomponent tests were performed to validate design details and design analysis 
methodology. Subcomponent tests included: fuselage joint tests, fuselage tub crush tests, fuel tank 
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hydraulic ram tests, hellfire missile exhaust plume effects tests, and main landing gear frangible tube 
tests. The subcomponent tests are described briefly below. Figure 8 displays the areas of the Co- 
manche fuselage represented by the test specimens. 

Fuselage Joint Tests 

A number of fuselage joint concepts were tested to verify static and fatigue strength and validate 
the analytic sizing methodology, which was based on the material strength coupon testing and the 
bearing/bypass and crippling element testing described above. The joints typically consisted of a 

Transmission 
Support Fitting 

, / 

/ Tub Crush Fuel Tank Fuselage Gear 
/ Zort~ Weapon Bay Joints 

/ Doors 
Gun Attachment Main Landing 

Gear 

FIG. 8--Areas covered by subcomponent and component testing. 
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combination of metallic and graphite/epoxy elements, with load transfer either through tension 
bolts or through shear bolts. Parts were manufactured and assembled using production processes. 
Static testing was performed at both RTD and ETW conditions, while fatigue testing was per- 
tbrmed at RTD conditions. BVID was not included in the specimens at this level, those effects be- 
ing accounted for analytically based on the previous test results. Both static and fatigue perfor- 
mance of the joints was acceptable and the concepts were carried forward and refined in detail 
design. 

Fuselage Tub Crttsh Tests' 

The purpose of the fuselage tub crush tests was to verify the crush and energy absorption charac- 
teristics of the lower "tub" section of the fuselage: the longitudinal keel beams, transverse bulkheads, 
and the side skins. During a crash, after the landing gear has fully stroked, the "tub" section of the 
fuselage will crush, absorbing additional energy, up to approximately 50% of the total crash energy 
attenuation at the design sink speed. Initial sizing and energy absorption predictions for beaded pan- 
els had been based on previous coupon work performed by Farley at AATD [12] and Sikorsky inter- 
nal data from tests performed in the early 1980s for the All Composite Aircraft Program (ACAP) 
[13]. Initial sizing and energy absorption predictions for sandwich panels had been based on work 
previously published by Cronkhite at Bell Helicopter [14]. For both the beaded and sandwich panels. 
detail differences existed between the previously tested specimens and the Comanche configuration, 
primarily to improve the producibility of the Comanche. The tub crush tests were performed to ver- 
ify the energy absorption performance of the Comanche configuration. 

Test specimens were manufactured of two types: (1) graphite/epoxy monolithic panels with 
molded-in stiffening beads, and (2) graphite/epoxy faced sandwich panels. The test specimens were 
manufactured as four-sided boxes, representative of the size of the fuselage components, with varia- 
tions in thickness and materials. Both static crushing and impact drop tests were performed, to deter- 
mine the sensitivity of the energy absorption capability to variations in structural thickness and con- 
figuration. BVID was not included in these specimens as it was not expected to affect the crush 
energy absorption behavior of the overall specimen (see Fig. 9). 

The pertbrmance desired of the specimens was to achieve as close as possible a rectangular load 
versus stroke curve, with load rapidly rising to a maximum load level which would not result in in- 
jurious deceleration of the aircraft, and sustain that load level to produce the maximum energy ab- 
sorption. The initial testing revealed detail deficiencies which resulted in less energy absorption 
than desired. Details of the beaded panel closeout and the sandwich panel edge rampdown were 
modified and new specimens manufactured and tested, showing improved performance. The re- 
vised configurations were incorporated into the aircraft design. Good agreement was observed be- 
tween the static crush tests and the drop tests with respect to peak load, mode of failure, and spe- 
cific energy absorption for both the beaded and sandwich panels, except that the sandwich static 
crush specimens tended to fail in plate buckling, while the drop test specimens crushed at the panel 
ramp ends. 

Additional tests performed with similar specimens incorporating hard points representing the gun 
attachment and the main landing gear attachment demonstrated that the attachments could be de- 
signed to prevent the hard points from causing undesirable high peak loads. 

Data from the series of tub crush tests have since been incorporated into the Comanche KRASH 
85 [15] model, a nonlinear crash impact analysis code, to verify the overall energy absorption of the 
fuselage and the survivability and crashworthiness of the aircraft. 

Fuel Tank Hydraulic Ram Tests 

Hydraulic ram occurs due to transfer of energy from a high speed projectile into an enclosed liq- 
uid, creating a shock wave that causes high peak pressure loads on the enclosing structure. In mili- 
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FIG. 9--Tub crush drop test setup. 

tary aircraft, the primary concern is for the fuel tank, especially for integral fuel tanks which also 
serve as primary airframe load-beating structure. Composite fuel tank structures are an additional 
concern, as composite structure is typically stiffer in bending and less ductile than typical aluminum 
structure, tending to aggravate the pressure loads. The Comanche fuel tank is fomaed, in part, by the 
structural keel beams, resulting in a tall narrow tank with support structure also required to carry air- 
craft primary structural loads. Several configurations of stiffened monolithic graphite/epoxy panels, 
corrugated graphite/epoxy panels, and graphite/epoxy faced honeycomb sandwich panels were pro- 
posed, however the analytical methodology was not capable of discriminating between the configu- 
rations. Therefore, ballistic impact tests were performed at Aberdeen Proving Ground on several con- 
figurations. A four-sided steel box was fabricated, representing the top, bottom, and ends of the fnel 
tank and forming the correct size and spacing of the aircraft keel beam. Bolted to the front and back 
openings of this box were test panels representative of the aircraft keel beam panels, through which 
the projectile was shot. The panel providing the best performance was a graphite/epoxy faced sand- 
wich panel with aluminum honeycomb core and a grid of fiberglass damage-limiting strips co-cured 
in the sandwich face sheets. 
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Hellfire Missile Evhaust Phune Effects Tests 

A series of tests was performed with graphite/epoxy panels mounted in proximity to the plume of 
a Hellfire missile (see Fig. 10). The panels represented the side of the fuselage and the weapon sup- 
port door. The Comanche mounts Hellfire missiles to the underside of a door which is operable dur- 
ing flight. Normal flight is performed with the doors closed and the missiles stored internally in the 
aircraft weapons bay. To fire the missiles, the doors are opened. The geometric constraints of this ar- 
rangement result in the Hellfire missile, and consequently the exhaust plume of the missile, being in 
relatively close proximity both to the fuselage side skins and the weapon support door. The panels 
were instrumented with strain gages and surface-mounted pressure transducers to measure overall 
bending and local pressure loads. Data measured during these tests verified the design of the skins 
and the weapon support door were adequate to react the pressure loads. 

Main Landing Gear Frangible Tube Tests 

The Comanche main landing gear has an air/oil shock strut for energy absorption during normal 
landings. For high-energy landings, such as during a crash, an additional energy absorption device is 
required to limit the peak loads reacted through the shock strut and to increase the efficiency of the en- 
ergy absorption of the shock strut. The device used on the Comanche shock strut is a frangible alu- 
minum tube, which, under compression loads, is forced onto a die which splits the tube longitudinally 
and forces the moving end outward. The energy absorbed due to this action results in a load which is 
fairly constant and insensitive to the relative speed of the tube. In the Comanche shock strut, the fran- 
gible tube is in series with the compression load path of the shock strut and normally serves as a static 
compression member. However, upon exceedence of the design load, a fusible link is severed, allow- 
ing motion of the frangible tube onto the die and the desired energy absorption. To detel'mine the opti- 
mum diameter, wall thickness and die geometry, a series of tests on tube and die specimens were per- 
formed (see Fig. i 1). These tests consisted of dropping a sufficient weight at the design impact speed 
to produce the desired energy absorption onto the tube and die specimen, causing the tube to stroke onto 
the die. The results of these tests were incorporated into the design of the Comanche main landing gear. 

Component Tests 
A series of component tests was performed to verify design capability. The component tests in- 

cluded: transmission support fitting fatigue test and the main and tail landing gear drop test. The com- 
ponent tests are briefly described below. Figure 8 displays the areas of the Comanche fuselage rep- 
resented by the test specimens. 
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FIG. 1 l--Frangible tube test. tested specimen. 

Transmission Support Fitting Fatigue Test 

The transmission support fitting attaches the main rotor and transmission system to the airframe 
(see Fig. 12). The fitting consists of a central vertically oriented cylindrical structure, with flanges at 
the top and bottom and with four legs, two projecting forward and two aft. The main rotor mast, car- 

- - . d  

FIG. 12--Transmission support fitting fatigue test facility. 
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rying the main rotor flight loads, is bolted to the upper flange of the transmission support fitting, while 
the main rotor gearbox is bolted to the lower flange. The forward legs attach the fitting to the airframe 
structure. The fitting is machined from Titanium 10V-2Fe-3A1 (Ti-10-2-3) torging and is sized due 
to fatigue loads from the main rotor. Sizing of the fitting was based on a detailed NASTRAN finite- 
element model of the fitting used to calculate stress levels and standard Sikorsky fatigue analysis 
methodology, with Ti-10-2-3 fatigue allowables based on coupon test data developed for the Co- 
manche program. A full-scale component of the transmission support fitting and its load interfaces 
was tested in fatigue. The test verified the overall fatigue performance of the fitting, while also iden- 
tifying some shortcomings in the attachment to the airframe. Improvements in the attachment have 
been incorporated into the planned production design of the fitting and will be verified when pro- 
duction specimens are manufactured. 

Main and Tail Landing Gear Drop Test 

The main and tail landing gear have been subjected to drop tests up to the reserve energy sink 
speed of 11 ft/s (3.4 m/s) (see Fig. 13). The landing gears had been sized based on energy ab- 
sorption and load predictions from detailed KRASH 85 models [15]. The drop tests have verified 
the energy absorption performance and structural capability of the landing gear up to that speed. 
Follow on testing up to full crash sink speed of 38 ft/s (11.6 m/s), which would verify the 
structural capability and the frangible tube energy absorption, is planned for the production 
program. 

;I I I ~ I I III 

I IIli "--M-T-- ~, ...... ~'~ llIII 
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FIG. 13~Landing gear drop test facilio'. 
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FIG. 14--Comanche ai~frame full-scale static test article. 

Static Test Article 

A full-scale static test article (STA) was manufactured to subject the airframe structure to simu- 
lated design flight and landing loads (see Fig. 14). The STA was manufactured on the same tool- 
ing and with the same processes as the flight aircraft. Additionally, intentional impact and delami- 
nation defects representing small manufacturing defects and BVID were included in critical areas 
to demonstrate flaw tolerance of the structure. In this test phase, loads were applied to a proof load 
of 115% of limit load to demonstrate the structural capability sufficient to clear the flight test air- 
craft for flight. Additional load enhancement factors to account for environmental effects were not 
applied at this phase due to the limited flight test period to be covered. Testing to substantiate the 
production aircraft to ultimate loads with full account of environmental and material variability ef- 
fects is planned for a later phase of the program. Loads applied to the STA represented concen- 
trated loads from the main and tail rotors and the landing gear. distributed aerodynamic loads on 
the control surfaces and fuselage, and concentrated and distributed inertia loads. A series of seven 
major test conditions, selected for criticality over a large section of the airframe, were performed, 
as well as seven locally critical minor conditions. As the structural components which build up into 
the flight aircraft as well as the STA had been sized using material and element allowables based 
on the testing described previously, the STA tests were the ultimate verification of the structural 
sizing methodology. The STA successfully completed this phase of its test program. During the 
course of the testing, several local areas were identified in which local load distribution was dif- 
ferent than that assumed in the analysis, resulting in overloading of detail components. Structural 
modifications were implemented in the STA, retested to verify the improvement, and incorporated 
into the flight test aircraft. Additionally, data gathered on the flight test aircraft demonstrated higher 
than anticipated empennage aerodynamic loads. Following a revision to the load prediction, the 
STA empennage was subjected to additional testing to demonstrate the capability of the flight test 
aircraft for the higher loads. 

Conclusions 

The RAH-66 Comanche building block structural qualification program consisted of material se- 
lection and qualification tests, coupon level tests, element tests, subcomponent tests, and a full-scale 
static test of the airframe structure. The program provided data that validated our analysis methods 
and allowed for the reduction of the amount of testing needed. The test program provided data which 
permitted flight testing of the prototype. Before the Comanche can enter service, additional testing 
will be required to verify its ultimate strength, damage tolerance, crashworthiness, and its fatigue life. 
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ABSTRACT: This paper describes a method for predicting key structural properties of carbon fiber re- 
inforced composite materials containing ply waviness several times the nominal ply thickness. These so- 
called marcelled regions have been observed in a number of highly loaded thick structural components. 
The origins of these defects are not fully understood, although several contributing factors have been 
identified. The goal of this work is to develop an analysis based disposition criterion for components 
where fabrication process changes cannot be readily implemented to eliminate marcel defects. Work to 
date has focused on developing a nficro-mechanics-based procedure for modeling the strength and stiff- 
ness properties of a marcelled region given basic properties of the material and simple geometric pa- 
rameters of the marcel that can be measured nondestructively. The result is a general constitutive model 
that can be used in global structural analysis packages to assess the effects marcel detects have on com- 
ponent perfornmnce. Analyses of test coupons containing marcelled regions have been carried out to il- 
lustrate the method and establish the ~ alidity of the modeling approach. Results indicate that the degree 
to which marcel defects affect structural properties depends not only on the maximum fiber misalign- 
ment angle, but also on the location and size of the marcelled region and nolninal applied strain field. 

KEYWORDS: marcel defect, ply waviness, accept/reject criteria, constitutive model, test data 

Throughout  this paper we will use the term marcel  4 to describe a deviat ion from the desired fiber 
(ply) orientation in a composi te  laminate which is relatively abrupt. Others have used terms likefiber 
waviness orfiber wrinkles to refer to these fabricat ion-induced defects. Marcels  have been observed 
to occur in, or normal (through the thickness) to, the lamination plane. A typical through-the-thick- 
ness marcel defect  is shown in Fig. 1. While the model ing approach described here is applicable to 
both types o f  marcels,  analysis results and test data presented here are l imited to through-the-thick- 
ness marcel  defects.  

It has been offered that processing parameters such as pressure application rate, pressure gradients, 
cure cycle, tool fit and mis-kitt ing o f  ply drop-off,  are the source of  marcel  defects.  The focus of  our 
work is not how or why marcel  defects  appear in composi te  components .  Rather, the goal is to de- 
velop an analysis-based criterion for determining the effects that marcel  defects  have on composi te  
structural properties:  s t iffness (modulus) ,  static s t rength (subcritical and ultimate), and residual  
strength after low-cycle fatigue loading. This objective was accompl ished for the simple case o f  
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FIG. 1--Schematic of  marcel shape and photograph of actual marcels in a part. 

straight-sided test specimens by conducting analyses and experiments that: (1) establish load levels 
at which the defect produces subcritical (interlaminar or intralaminar) damage, and (2) track how 
damage progresses to ultimate failure. Each of these may be important in setting accept/reject crite- 
ria for composite components containing marcel defects. 

This paper is structured as follows. Background on what a marcel defect is, why marcel defects 
wmTant detailed study, and how micromechanics-based modeling techniques can be used to charac- 
terize how the marcel perturbs the local stress state is presented first. This is followed by results of 
an experimental program (coupon level tests) designed to illustrate the effects marcel defects have on 
key structural properties of composites. Discussion of test results and comparison of analyses of the 
experiments to the measured data are then presented. The relevance of this work to development of 
accept/reject criteria for composite parts containing marcel defects and a set of summary remarks 
conclude the paper. 

Analysis Methods for the Effects of Marcel Defects on Structural Properties of Composite 
Materials 

In this section, we present background on how a marcel defect can be characterized, how one can 
use micromechanics principles to assess the effects of marcel defects on structural properties, and 
why marcel defects warrant detailed study. 

An underlying requirement to the modeling approach developed here is that it be suitable for use 
in flaw criticality analyses of complex composite structures which contain marcel defects. This im- 
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plies a certain level of computational efficiency be incorporated into the modeling strategy. It has 
been shown that one can include marcel defects in a 3-D continuum finite-element (FE) analysis by 
defining an element mesh that tracks along the wavy layers of the laminate [1]. However, it is not 
clear that such an approach can be readily adapted to the task at hand. An approach where marcel de- 
fects can be easily incorporated into a standard or existing structural analysis model is preferred. This 
would allow one to carry out a flaw criticality assessment by 

1. Developing a FE model for a structure of sufficient detail to capture important stress (or strain) 
gradients assuming that the component is defect free. 

2. Postulating that marcel defects exist in as many areas of the structure as one wishes by simply 
"'placing a marcel" at discrete locations. 

3. Comparing results of the analysis to experimental data to determine whether (or to what degree) 
the marcel defect affects structural reliability. 

Carrying out Steps 2 and 3 above, for several different marcel defect size and shapes, would allow 
one to determine the maximum allowable marcel versus position in the structure which would be use- 
ful in setting nondestructive evaluation (NDE) requirements. Alternatively, if  a marcel of a given size 
and shape is found via NDE, one could use Steps 2 and 3 to assess how margins of safety are affected 
by the defect. Thus, these analyses coupled with experimental data provide a mechanism for devel- 
oping an accept/reject criteria for structural components. 

Key Geometric Parameters 

Before an assessment can be made whether a marcel defect is acceptable or rejectable, one must 
have a method for characterizing the anomaly. The geometric parameters chosen to describe the de- 
fect must be compatible with both nondestx-uctive evaluation (NDE) techniques and the method by 
which the defect will be modeled in flaw criticality analyses. 

A schematic of a marcel defect is shown in Fig. 1. The key parameters we have chosen to repre- 
sent the defect are: the height of the marcel at its peak h0, the span dimension 2~, the shape of the 
marcel as defined as a thnction of spatial coordinates which may be rectangular, cylindrical, or spher- 
ical, and a set of coordinates which defines the spatial location of the center of the marcel. An addi- 
tional function that defines the decay rate of the waviness is also required. 

Micromechanics Based Analysis Method 

An important aspect of the current work is the ability to include the effects of marcel defects in 
a structural analysis without explicitly modeling the wavy material layers (c.f., [1]). As indicated 
by Fig. 2, the spatial variation of material properties produced by the marcel defect can be included 
in the analysis through coordinate system transformations, i.e., via the 3 • 3 transformation matrix 
[T] 

. y f= /r2 ,  r=3[ ,,> ca> 
Uzl I_T3t T32 ~ 3 J L u J  

which relates quantities in the local coordinate system (viz., ,~'z) to the global system (viz., XYZ). The 
matrix [T] must be defined for every integration point within the finite-element model. Away from 
the marcel defect, the local directions are aligned with the global axes giving the simple result, T = 
6pq, the identity matrix. If, for example, the marcel geometry can be approximated by a simple poly- 
nomial or other analytical function of position (XYZ), [T] for any integration point within the finite- 
element model can easily be computed by taking appropriate spatial derivatives. In the ABAQUS [2] 



90
" 

L
ay

er
s 

F
IG

. 
2

--
F

ib
er

 o
ri

en
ta

ti
on

s 
n

ea
r 

a
n

d
 a

w
a

y 
fr

o
m

 m
ar

ce
l.

 

0 N
 

N
 

0 m
 

.H
 

> I'-
" 

0 z E
 

> 23
 

C
) 

m
 

m
 

m
 

0 -H
 

6"
) 



162 COMPOSITE STRUCTURES: THEORY AND PRACTICE 

finite-element analysis program, this task is automated by using a user written FORTRAN subrou- 
tine to perform the calculations. 

For the marcel patterns investigated in this report, the marcel generator height h at any point (.2, ~) 
was represented by an equation of the form (for a two-dimensional marcel): 

h(.g) = a + b.~ + c~g 2 + dx 3 + e.~ -4 . . . . .  m.~ =" (2) 

with boundary conditions of the type 

h ( - t  e )=O,  h ( + O = O ,  h(O)=ho, with h(?gp)=%andh'(~gp)=/3p p = s  . . . .  r (3) 

where �9 is the distance from the marcel center point (x0, Y0), and the prime indicates derivative with 
respect to .~. In Eq 3, ho and f can be considered as gross measures of the marcel defect size, while 
h(,) = oz and h'(o) = /3 are simply height and slope control points for the polynomial fit which may 
be defined by a detailed NDE map. An additional function ~0(.~) defines how the marcel wave dies out 
versus y. For all work described here, we have assumed that the amplitude of the wave decays lin- 
early over some distance t~. Clearly, more elaborate representations could be constructed, however, 
it is not clear that standard NDE techniques are capable of defining such a function. Other definitions 
(i.e., exponential functions) and three-dimensional shapes (i.e., bubble functions) have been imple- 
mented into ABAQUS without difficulty. 

Once the local material directions have been defined, homogenization theory and micromechanics 
provides the mechanism for determining the effective constitutive relation of a representative volume 
element (RVE) of the composite. From a practical point of view, homogenization theory provides the 
properties of the material that allows one to conduct an analysis of a composite body as if it were a 
homogeneous continuum. For certain material architectures, the micromechanics problem can be 
solved in closed tbrm, yielding an analytical model for the effective macroscopic behavior of the 
composite in terms of microstructural inputs [3,4]. The importance of the RVE concept and homog- 
enization theory to the analysis of heterogeneous materials can not be overstated, for without it one 
would have to explicitly include details of the material microstructure in the constitutive relation 
making analyses of composite structures computationally prohibitive. The micromechanics analysis 
also provides what is commonly called a localization tensor, which defines the relationship between 
important field variables within the RVE (viz., spatially varying stress o-(x) and strain e(x)) and 
macroscopic averages (viz., X and E). This allows one to compute average layer (-O'z) or unidirec- 
tional composite (UDC) (123) level stresses and strains from the macroscopic or continuum level 
(XYZ) stresses and strains produced by a finite-element analysis. As discussed later in this article, 
these layer or UDC level quantities are particularly useful in constructing physically based material 
failure models. 

The composite material studied here is a [0~176 laminate, therefore, a typical RVE consists of 
two layers of material, one with fibers aligned with the local x axis and one with fiber aligned with 
local z. The stiffness tensor C~ vE relating macroscopic composite stresses and strains in the -O'z co- 
ordinate system, i.e., 

X 0 = C ~  "E Ek: (4) 

of this RVE can be constructed from unidirectional composite (UDC- or 123 coordinate system in 
Fig. 2) elastic constants using a method given by Rosen et al., [5]. 5 The stress-strain relation C RvE for 

5 The method outlined by Rosen yields an analytical model that may be viewed as a three-dimensional version 
of classical laminated plate theory. 
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TABLE 1--Unidirectional composite elastic properties. 

E~L E22, E33 vh2. v13 v23 G12. Gt3 G23 

19.4 Msi 1.1 Msi 0.3 0.4 0.60 Msi 0.38 Msi 
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a [0~176 laminate is o f  the reduced form: 

[, J / .z! SYM C~-, E(- 
Cy~,.:_l ., 

(5) 

pRVE since this laminate is specially orthotropic in the local-~3'z coordinate system. Once '~m and the 
transformation matrix [T] have been defined, a cont inuum level f ini te-element  analysis o f  a structure 
to establish how key structural properties are affected by the presence of  a marcel  defect  can be car- 
ried out in the usual manner.  

Linear Elastic Stress Fields Near a Marcel Defect 

Before proceeding to a discussion o f  results o f  analyses that track damage progression in mate- 
rials with marcel defects,  results o f  elastic analyses that illustrate how a marcel  defect  perturbs the 
stress field in a uniformly loaded sect ion of  [00/90~ IM7/8552 laminate will be presented. Both 

isolated and multiple marcel defects  were considered,  however,  analysis results are only presented 
here for the case o f  a single isolated defect. 6 Two-dimensional  plane strain analyses were per- 
formed using the A B A Q U S  code for several marcel  geometries  descr ibed by a polynomial  o f  the 
form: 

(6) 

assuming a linear die-out definition 0(Y) over the height y ----- ho. Marcel  geometr ies  of  various shapes 
(i.e., 0.2 --< ho/e --< 1.0), and extents (i.e., 0.2 --< ho/t <- 0.8) through the thickness were investigated. 
For all cases the marcel  center (x0. Yo) was located at the bot tom laminate surface. 

The material properties for the unidirectional carbon fiber toughened epoxy (IM7/8552) compos-  
ite being studied are given in Table 1. If  no marcel defect  were present,  the elastic constants would 
be as given in Table 2. 

Contours of  laminate level (x) 'z/stresses,  normalized to the applied axial tensile stress, for the case 
ho/(' = 0.5, ho/t = 0.5 with the marcel  center  located at the lower surface (Yo = - t /2)  and mid-thick- 
ness 0'o = 0) are shown in Figs. 3 through 5. Max imum values o f  2~, and X,y for Yo = 0 cases are 
summarized in Figs. 6 and 7. No plot is provided for the maximum interlaminar shear stress, since it 
did not vary significantly (i.e., the normalized X~,. ~- 0.20) for the cases studied. Note for each case 
-Yx~ = I and v = ~ = 0, i f  no marcel  were present.  

6 The reasons for this are threefold: (1) it is easy to see that the method described here is sufficiently general to 
include multiple defects and, therefore, additional analysis results provide no unique information on the approach; 
(2) experimental data presented here are limited to single isolated defects; and (3) results show that the perturba- 
tion in the underlying stress field is highly localized so that most marcels may be termed isolated defects. 
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TABLE 2--[0/90].~ composite laminate elastic properties. 

E,.,. Err E,.~. v~, v=y v~: G.,,., G:y G,. 

10.3 Msi 1.27 Msi 0.4 0.03 0.49 Msi 0.60 Msi 

It is interesting to note that in the absence of damage, the apparent axial Young's modulus obtained 
from this analysis, i.e., 

E ~ - ( 7 )  
~avg 

where 

Total force 
o-,,,g = Cross-sectional area (8) 

and 

End displacement 
e:,,.g = Specimen length (9) 

is not significantly affected by what we would characterize as gross marcel defects (e.g., h~,l( = 0.5, 
holt = 0.5), while a marcel defect of this size will certainly affect the failure process of composite 
laminates. These results show that significant interlaminar stresses are introduced for a far-field load 
that would normally produce a fiber dominated failure. These general observations have been made 

FIG. 3--Normal stress in local x-direction normalized to nominal o&xfor both marcel locations. 
The location o f  the marcel center is indicated. 
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to provide an overall measure of damage within the material. Strain energy dissipated is a convenient 
damage measure, since this simple scalar quantity can easily be applied to more complex structures. 

A model for tracking growth and initiation of microinstabilities in any UDC of a RVE is shown 
schematically in Fig. 9. In this model, it is assumed the UDC kinks which causes a loss in axial (11 
direction) stiffness defined by the rotation angle. The inelastic ~ll strain component can be defined 
by considering the kinematics of the rotation 

g J l  ~ ( 1  - ~ ' ~ )  �9 ( 1  - c o s q ~ )  ( l l )  

where e]"~ is the axial strain (fiber direction) at which microinstability initiates, and q~ is the rotation 
avz angle from the axial direction. Knowing ~p, Cijkt can be updated to account for the rotation (kinking) 

of the UDC that have reached their compressive instability load. Therefore, microinstability failures 
produce a nonlinear (inelastic) stress-strain relation lbr the RVE. Note that the compressive strain re- 
quired to initiate kinking (i.e., establishes e~"~) depends on many factors, including fiber modulus, 
fiber volume fraction, and the in-situ nonlinear shear stress-strain of the UDC [9]. Effects of multi- 
axial stress states present near a marcel defect can be introduced assuming that the matrix behavior 
can be represented by J2 deformation theory [10]. 

Either of the micromechanics based nonlinear constitutive relations described to this point can be 
used in a finite-element-based stress analysis as follows. For each load increment, the subroutine that 
defines material properties is called to get the current definition of the constitutive relation. Global 
(XYZ) equilibrium stresses and strains for each element are computed, and are then transformed to lo- 
cal element (.U'z) coordinates. The local element quantities are passed back to the material subroutine 
where UDC (123) level stresses and strains at the material point are computed. The material subrou- 
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TABLE 3--Unidi~'ectional composite strengths used in sensitivity 
analyses. 

Strength S~ (ksi) S_,2 (ksi) Sj2, SI3 $23 

SI +210 -140 +5.0 -12.0 9.0 8.0 
$2 +210 -140 +9.0 -12.0 4.0 3.0 

169 

tine checks for failures within the RVE, and updates the constitutive relation accordingly. Residuals 7 
arising from inelastic behavior are applied and global equilibrium is re-checked. The iterative process 
is repeated until all residuals are within an acceptable value. The ABAQUS code provides users with 
an easy to implement interface, called UMAT, for defining a general material constitutive relation 
that can be used with any elements in the stress analysis library. 

Modeling Damage Evolution in Composite Elements Containing Ma)'cel Defects 

A series of analyses were conducted to predict, prior to conducting experiments, the response of 
simple test coupons containing marcel defects when loaded monotonically in tension beyond the elas- 
tic range. Two marcel sizes (Mr;  h/f = 0.25 and M2; h/f = 1.0) centered at the mid-thickness were 
investigated. Two sets of strength values for the composite were assumed; one with a relatively low 
transverse tensile strength (S l), and one with a low shear strength ($2). A range of material proper- 
ties (given in Table 3) was investigated because we had no knowledge of how the individual matrix 
dominated failure strengths (tension_and shear) might be affected by planned cyclic tensile tests. Note 
that fiber dominated strengths were held constant for all analyses. In the work reported in this article, 
the maximum strain failure criterion was used to determine if inelastic strains exist within an RVE, 
although this approach is easily implemented for any physically based failure criteria (i.e., maximum 
stress [11] or Hashin interaction [12]). 

Figure 10 shows the average stress plotted versus ayerage strain for the tension load cases studied. 
For each analysis, the end of the curve nmy not necessarily represent ultimate failure, but rather the 
highest applied displacement for which the solver obtained an equilibrium solution within the toler- 
ance specified. The stress-strain curve for the composite with marcel M2 lies below that of marcel 
MI.  This is due to more extensive matrix failure occurring earlier in the applied load history. At 
higher strains, specimens with strength S 1 undergo a sudden drop in the average stress-strain re- 
sponse. These events have been labeled A and B on the plot. Event C represents less sudden but sig- 
nificant change in stress-strain response. 

Ignoring Poisson effects, C~:,. (dropping the RVE superscript for convenience) in Eq 4 relates stress 
to strain in the local x (0 ~ laminate) direction. Significant degradation of C,:, would indicate fiber fail- 
ure since the stiffness of the 90 ~ layers is approximately 5% of  the 0 ~ layers for carbon fiber com- 
posite studied here. The C,';' term relates transverse stress to transverse strain (22-direction in both 
layers), while C,.,. relates interlaminar shear stress to interlaminar shear strain ( 12- or 23-direction for 
the 0 ~ and 90 ~ layers, respectively). These terms are dominated by matrix (not fiber) properties. Fig- 
ure 11 shows contour plots of C~x, Cy~., and C~:. for the M2/S 1 analysis case as the applied strain is in- 
creased from 0.56 to 0.58%. The most significant damage in the local x-direction occurs in the mate- 
rial with the higher shear strength (strength S1). This can be explained by considering that the load 
applied in the global X-direction nmst be transferred through shear around the locally more compli- 
ant marcel area. If the interlaminar shear strength is sufficiently high to support this shear stress, a 
stress concentration (similar to a notch effect) is created in the material directly above and below the 
marcel that can cause fiber failure. Conversely, if interlaminar shear failures occur at the marcel, the 
X-direction stress near the defect is spread over a larger area and no fiber failures result. 

7 The form of the residuals, i.e., forces or displacements, depends on the nonlinear solution algorithm used. 
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FIG.  l la--Elastic constant Cxx before and after obsela'ed jump in dissipated energy. Darker re- 
gions indicate reduced stiffiTess. 

FIG.  1 lb--Elastic constant C~ , before and after obseta'ed jump in dissipated energy. Darker re- 
gions indicate re~htced stiffness. 
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FIG. 1 lc--Elastic constant C~: before and after observed jump in dissipated energy. Darker re- 
gions imticate reduced stiffiwss. 

For each case studied, strain energies stored and dissipated during each load increment were com- 
puted using a computer program that is linked with the ABAQUS results database. These quantities 
are plotted versus load to identify two important load levels, viz. a value of load below which no sig- 
nificant matrix damage is expected and values below which no fiber dominated failure is expected. 
Figure 12 shows the ratio of total unrecoverable energy to recoverable strain energy versus applied 
strain. For lower strains, the composite with marcel M2 contain a higher fraction of dissipated energy 
than the composite with marcel MI.  A more significant rise in this ratio is found for events labeled 
A and B in Fig. 10. This is exactly the result desired from a damage measure, because these events 
are associated with fiber failures that will significantly affect the residual strength and stiffness of the 
composite. 

The analysis results indicate that significant subcritical 8 matrix damage is likely to occur in speci- 
mens with marcel detects under what would normally be considered low levels of tensile loading 
( < 0 . 3 ~  strain). As expected, matrix damage (33' and _~;v shear directions) is generally greater in the 
specimens with the more severe marcel (i.e., greater hol~). The micromechanics based failure analy- 
ses yield physically intuitive results for the macroscopic behavior of the material: gradual changes in 
the stress-strain curves are due to matrix shear failure while sudden drops in load are due to fiber fail- 
ure. Results of these analyses and basic interlaminar tension and shear strength data were used to set 
load levels that are expected to cause various levels of subcritical damage near marcel detects under 
tension-tension fatigue cycling. Subcfitical matrix damage is expected to affect both the residual ten- 
sion and compression strength, but to different degrees. Finally. these analyses also showed that the 
magnitude of energy released during an increment of loading depends on both the failure mode and 
volume of material failing. Each of these quantities depends upon both the marcel shape and inher- 
ent material strengths. This information suggests that recording acoustic emission during testing may 
be useful in defining load levels at which different types of subcritical damages occur. 

s The term subcdtical is used here to characterize a failure that causes damage to the material that may not be 
observable at the macroscopic level: i.e., the gross fiber-dominated stress-strain response is largely unaffected. 
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Experimental Program 

Key elements of an experimental program to measure the effects marcel defects have on compos- 
ite structural properties and provide ct'itical data for validation of the modeling approach are summa- 
rized here. The primary material of interest in this study is Hexcel IM7/8552 unidirectional tape. This 
material consists of Hercules IM7 intermediate modulus carbon fibers in a 350~ cure, thermoplastic 
toughened epoxy resin designated 8552. 

Compression Coupon GeometJ 3' Trade-Off Studies 

Fabrication of satnples containing marcels of the desired geometries required coupons with non- 
standard thickness (t) and gage length (g) relative to SACMA 1R-94 [13] (t = 0.040 in. [0.1016 cm] 
nora., g = 0.188 in. [0.47752 cm]). In order to assess the effects of thickness and gage section on the 
compressive strength measurements, a series of trade-off studies was conducted. Due to the limited 
supply of IM7/8552 available, the trade-off studies were conducted using a similar unidirectional 
prepreg material (Fiberite IM7/977-2). Coupons with a constant gage length (0.188 in.) were fabri- 
cated with thicknesses of 0.057, 0.113, and 0.227 in. Coupons with a constant thickness (0.227 in.) 
were fabricated with gage lengths of 0.188, 0.350, and 0.500 in. None of the coupons contained mar- 
cel defects. 

Results of the compression tests on the coupons with varying thickness are presented in Table 4. 
The results show increasing mean compression strength with decreasing thickness. However, the 
scatter in the data also increases with decreasing thickness, resulting in similar (within 5%) B-basis 
strengths for the full range of thicknesses considered. Results of the compression tests on the coupons 
with varying gage length are presented in Table 5. The results show minitnal (less than 10%) effects 
of gage length on the mean compression strength for the range from 0.188 to 0.500 in. However, scat- 
ter is reduced significantly for the 0.188 in. gage length, resulting in a higher (approximately 10%) 
B-basis value. Based on the results of the trade-off studies, samples containing marcels were fabri- 
cated with a thickness of 0.227 in. and a gage length of 0.5 in. Details of fabrication of coupons con- 
taining marcel defects are provided in the next section. 

Test Coupon Fabrication 

Once the coupon geometry was finalized, five IM7/8552 panels measuring 6 • 12 in. were fabri- 
cated. The laynp of the panels was [(02/902)4/0]s with the 6 in. dimension oriented at 0 ~ Four panels 
contained marcels extending the full length of the panel ( 12 in. dimension) along the panel centerline. 
The fifth panel was fabricated without a marcel as a control. Of the four panels containing marcels, 
three contained "edge" marcels located two plies in from one surface, while the fourth contained a 
"'center" marcel located ten plies in from one surface. Specific geometric parameters (length and 
height) are summarized in Table 6. 

TABLE 4--Effect of thickness on compressive strength. 
(Materiah IM7/977-2T. Method: SACMA lR-94, 

Gage Length: O. 188 in. ). 

Compressive Strength, ksi 
Thickness 

in. Layup Mean _+ STD B-Basis 

0.227 [(02/902)4/0]s 112.33 -+ 1.71 106.90 
0.113 [(02[902)2]0](902[02)2] 132.2l + 7.36 112.37 
0.057 [(0/90)2/0/(90/012] 154.99 -+ 13.27 113.88 

NoTE--Unless otherwise noted, all statistics are computed for normal 
distributions. 
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TABLE 5--Effect of gage length on compressive strength. 
(Material: lM7/977-2T, Method: SACMA 1R-94, 

Thickness: 0.227 in.). 

Compressive Strength, ksi 
Gage Length 

in. Layup Mean + STD B-Basis 

0.188 [(021902)4]0]s 112.33 -4- 1.71 106.90 
0.350 [(02/902)4/0]., 107.23 + 3.48 97.40 
0.500 [(02/902)4/0]~ 104.12 & 3.45 94.38 

NOTE--Unless otherwise noted, all statistics are computed for normal 
distributions. 

The general fabrication procedure for panels containing marcels is summarized in Fig. 13. The first 
32 plies (for edge marcels) or 24 plies (for center marcels) are laid up on a flat surface. The plies are 
transferred to a tool with a 0.108 in. (small marcel) or 0.168 in. (large marcel) spar. The 0 ~ orienta- 
tion is aligned normal to the spar with two 0 ~ plies on top and two 90 ~ plies on the bottom (against 
the spar). A single layer of nonporous release film is placed between the plies and the tool. The plies 
are covered with a second layer of nonporous release film, followed by a 0.062-in.-thick silicone rub- 
ber flexible caul. A thermocouple is inserted in the edge of the laminate. The assembly is then placed 
in a laminating press and subjected to the following debulk cycle: (1) heat to 150~ (66~ at contact 
pressure, (2) apply 50 psi (345 kPa) and hold for 10 rain, (3) cool to 80~ (27~ and (4) remove 
pressure. After debulk, the remaining plies (02 for edge marcels or 0,_/902/02/902/02 for center 
marcels) are laid up over the depression formed in the debulked laminate by the spar. The depression 
is filled with small strips of prepreg oriented at 90 ~ prior to applying the final plies. After application 
of the final plies, the panel is transferred to a flat tooling plate. Nonporous release film, two plies of 
2.75 oz/yd 2 polyester bleeder, and porous Teflon TM (trifluoroethylene) release are laid up initially, 
followed by the panel, porous Teflon release, two more plies of 2.75 oz/yd 2 polyester bleeder and 
nonporous release film. Next, the edges of the panel are sealed with air dam (except for braided glass 
breather strands at the corners), an aluminum caul plate is placed over the assembly followed by a 
single layer of Super l 0 heavy breather, and a vacuum bag is sealed to the tooling plate with bag tape. 
The panel is cured in an autoclave for 130 min at 355~ and 100 psi. 

After cure, the panels were rough machined and prepared for tab bonding. Tabs were prepared us- 
ing 0.110-in.-thick panels fabricated from T300/934 prepreg fabric with a [0]s layup. The tabs were 
bonded using Cytec FM-87 film adhesive autoclave cured for 2 h at 50 psi. This adhesive has been 
shown to provide bond strengths in excess of 5000 psi with T300/934 and IM7/977-2 adherends. Dur- 
ing bonding, great care was taken to ensure that the marcel was located in the center of the gage sec- 
tion. A typical tabbed specimen is shown in Fig. 14. 

TABLE 6--Geometric parameters for marcel geometries. 

Designation Height, in. Length 21, in. 

Small edge (SE) 0.060 -+ 0.009 0.169 +- 0.007 
Large edge #1 (LED 0.081 _+ 0.005 0.223 _+ 0.006 
Large edge #2 (LE2) 0.077 _+ 0.005 0.319 _+ 0.021 
Small center (SCI) 0.057 -+ 0.007 0.235 -+ 0.022 

NoTE--Unless otherwise noted, all statistics are computed for 
normal distributions. 
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TABLE 7--Static tensile data. (Material: IM7/8552 [(02/902)s, Specimen." Tensile, Marcel: None) 

Mean • St. Dev. B-Basis 

Tensile stxength, ksi 168.7 +_ 8.8 I35.8 
Tensile modulus--chord: 0.1 to 0.3%, Msi 11.9 -+ 0.4 N/A 
Failure strain, % 1.292 _+ 0.086 0.975 

NOTE--Unless otherwise noted, all statistics are computed for Weibull distributions. 

Cumulative acoustic emission versus strain is plotted on the same graph. This data was used to de- 
fine the in-situ transverse tensile strength of the material. Static tensile data are summarized in Table 
7. 

Tension-tension fatigue tests were performed on selected tabbed compression coupons containing 
marcels to induce subcritical damage. The edges of all fatigue specimens were surface ground with 
a water-cooled 46 grit AI20~ wheel to remove machining marks and inhibit initiation of edge de- 
laminations.  The fatigue tests were performed on an Instron 8500 servo-hydraulic test frame 
with Wavemaker  software for monitoring load and displacement during the test. A broad band 
(100 kHz-1 MHz) transducer was attached to each coupon to monitor  acoustic emission. The 
tests were conducted in load-control  at an R-value (O'min/O'max) of 0. l and a cyclic rate of 10 
Hz. Forced air was directed at the center of the gage length to prevent hysteretic heating. Dis- 
placement amplitude and cumulative acoustic emission (AE) versus cycle count data for a typical 
tensile specimen with a large edge marcel is provided in Fig. 16. Both cumulative AE and dis- 
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FIG. 16~Stiffness and acoustic emission energy vs. cycle count for  a large-edge marcel specimen 
subjected to 40 ksi tension-tension fatigue testing for  400 000 cycles. 
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placement amplitudes increase at similar cycle counts: If it is assumed that displacement amplitude 
increase results from damage (stiffness reduction), this data indicates that AE can be a useful tool for 
monitoring damage initiation and growth when a simple stiffness measure is unavailable. Displace- 
ment amplitude changes under cyclic loading for three marcels are shown in Fig. 17. Note that the 
amount of stiffness degradation under load-control R = 0.1 tension cycling varies with marcel 
geometry. 

Compression tests were conducted on IM7/8552 [(02]902)4]0]s coupons with and without 
marcels. Residual compression tests were conducted on IM7/8552 [(0J902)4/0]s coupons with 
marcels following tension-tension fatigue to prescribed cycle counts. Compressive strength mea- 
surements were performed on an Instron 4206 screw-actuated test frame using a Boeing-modified 
ASTM D 695 compression test fixture. The tests were conducted in accordance with SACMA 1R- 
94 guidelines for testing rate, procedures and data analysis. Back-to-back axial bonded strain gages 
(Measurements Group CEA-06-125UW-350) were applied using Measurements Group M-Bond 
200 adhesive. For coupons containing a marcel, the strain gages were aligned with the apex of  the 
marcel. A broad band (100 kHz - 1 MHz) transducer was attached to each coupon to monitor 
acoustic emission. Typical compressive stress versus strain curves for IM7/8552 [(02/902)4/0]~ 
coupons in the as-processed and post-fatigue condition with a large edge and small center marcel 
are provided in Figs. 18 and 19. The strain data from the back-to-back gages (i.e., at the apex and 
mouth of the marcel), and their averages, are plotted for each coupon. All compressive strength 
data are summarized in Table 8. 

A limited number of residual tension tests were conducted on IM718552 [(02/902)4]0]s coupons 

FIG. 17--Stiffness degradation vs. cycle count for specimens with marcel sizes and locations sub- 
jected to 40 ksi tension-tension fatigue (R = 0.1) testing. 
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FIG. 18--Stress vs. strain for specimens with a large-edge marcel comparing as-processed 
strength to post-fatigue strength following 400 000 cycles of  40 ksi tension-tension fatigue (R = O. 1) 
loading. 
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FIG. 19--Stress vs. strain for specimens with a small-center marcel comparing as-processed 
strength to post-fatigue strength following 400 000 cycles of  40 ksi tension-tension fatigue (R = O. 1) 
loading. 
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TABLE 8--Compressive strength data for 1M718552 [(021902)4/0]~ coupons containing marcels. 

Compressive Strength, ksi 

Marcel Post-Fatigue: Tension-Tension; R = 0.1; 400 000 Cycles 
Geometry As-Processed O'max = 60 ksi O'ma x = 40 ksi O'm,x = 30 ksi O'ma~ = 20 ksi 

None New Panel 
Small edge (SE) 49.1 • 2.7 Nf --"1522 20.0 + 2.3 22.0 _+_ 2.0 41.0 • 2.8 
Large edge #1 (LE1) 49.8 • 0.8 Nf = 49 15.5 _+ 4.0 24.7 • 3.4 40.4 • 2.5 
Large edge #2 (LE2) 48.0 • 8.4 Nf = 54 23.1 • 2.9 26.6 • 4.1 41.0 • 1.8 
Small center (SC) 61.1 • 5.3 16 24.8 • 3.9 34.7 + 6.5 55.3 • 2.6 

NOTES--(1) Unless otherwise noted, all statistics are computed for normal distributions. 
(2) 60 ksi values represent a single coupon. All other data sets contain three coupons. 
(3) Nf indicates cycles to failure during fatigue test. 

wi th  marce ls  fo l lowing t ens ion- tens ion  fat igue to prescr ibed  cycle  counts .  Typical  tensi le test  data  for 

a large edge  and  smal l  center  marce l  are shown  in Figs.  20 and  21. C o m p r e s s i o n  results  are shown  

for compar i son .  Exampl e s  o f  fai led test  spec imens  are shown  in Fig. 22. Al l  residual  tensi le s t rength 

data are s u m m a r i z e d  in Table  9. 

Correlation of Analyses with Experimental Data and Discussion of Test Result 

The  ana lys i s  t echn iques  descr ibed  above  were  used  to mode l  the  r e sponse  o f  test  s p e c i m e n s  

conta in ing  marcel  defects.  Due  to space  l imitat ions,  only  a sampl ing  o f  resul ts  is presented  here. 
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FIGo 20--Stress vs. strain for specimens with a large-edge marcel comparing as-processed 
strength to post-fatigue strength following 400 000 cycles of 40 ksi tension-tension fatigue loading. 
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FIG. 21--Stress vs. strain for post-fatigue tension and compressive strength testing on small-cen- 
ter marcel specimens that had been subjected to 40 ksi tension-tension fatigue (R = 0.1) loading for 
400 000 cycles. 

Figure 23 shows average tensile stress (i.e., P/A) versus average strain (i.e., AL/L) from analyses of 
the tabbed coupon specimen with the SC1 and LE2 marcel geometries listed in Table 6+ The effects 
cyclic tensile loading has on residual properties were approximated in the analysis by reducing the 
"as-processed" interlaminar strengths by a factor of four, and the initial interlaminar moduli by a fac- 
tor of two. The analysis indicates that the residual tensile strength of the coupon is almost unaffected 

FIG. 22--Typical .failed compression specimens shown at left and middle, typical failed tensile 
specimen at right. 
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TABLE 9--Tensile strength data for 1M7/8552 [ (02 /902)4 /0] ,  r COblpons containing marcels. 

183 

Tensile Strength, ksi 

Marcel Post-Fatigue: Tension-Tension; R = 0.1; 400 000 Cycles 
Geometry As-Processed ~max = 60 ksi O'max = 40 ksi ~rmax = 30 ksi ~rma ~ = 20 ksi 

None New Panel ... 
Small edge (SE) ... Nf = 1522 70.3 4- 4.2 
Large edge #1 (LE1) ... Nf = 49 66.4 _+ 2.6 
Large edge #2 (LE2) ... Ny = 54 59.1 4- 5.4 
Small center (SC) . . . . . .  93.2 -+ 3.2 

NOTES--(1 ) Unless otherwise noted, all statistics are computed for normal distributions. 
(2) 60 ksi values represent a single coupon. All other data sets contain three coupons. 
(3) Nf indicates cycles to failure during fatigue test. 

by a fourfold reduction in interlaminar strength. The predicted ultimate residual strengths agree well 
(within 10%) with the mean measured values. Figure 24 shows average compressive stress versus 
strain for the same marcel defects. To approximate the effects subcritical damage induced by cyclic 
fatigue loading have on compressive strength, the matrix shear modulus and shear strength were re- 
duced by a factor of four. The trend in the experimental data, i.e., that a marcel located at the mid- 
plane does not produce the same ultimate strength knockdown as a marcel located near the surface, 
is captured by the analysis. However, the analysis using the compression instability model described 
above overpredicts ultimate specimen failure by approximately 25%. 

Initial (as-processed) and residual compressive strength after tension-tension fatigue cycling re- 
sults were plotted versus key marcel geometry parameters (i.e., h0, 2) in an attempt to identify trends 
in the data. Mean data, and the one standard deviation range, are shown in Figs. 25 through 27 for 

each of the cyclic stress levels tested. A clear trend as to which simple geometry descriptor (i.e., ho/~, 
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FIG. 24--Analysis results for tabbed test specimens. Filled markers using as-processed proper- 
ties, open markers using properties to approximate effects of  cyclic tensile loading. 

ho/t, ho �9 e) can be used to identify a worse case defect was not found for the range of marcel sizes in- 
vestigated. It is clear from these data that the residual strength decreased as the cyclic strain level in- 
creased. The limited data here clearly indicate that damage induced by cyclic tensile loading has a 
more significant affect on residual compressive strength than on residual tension strength. Note, how- 
ever, that these data are for three replicates of each test only; therefore, no reliable statistical analy- 
sis can be conducted. 

0.6 

LL  

a 

n, 
e -  

r 

09  
e -  

.9 

== 
r 

E 
O 
(.9 

0.5 

0.4 

0.3 

0.2 

0.1 

0.0 

0 ,35  

- -0--0 ksi 

- I I - -  20 ksi 

30 ksi 

[ - - 0 - - 4 0  ks 

0.45 0 .55  0 .65  

h / L  

0 .75  

FIG. 25--Measured compressive strength relative to the defect free compression strength after 
400 000 cycles o fR = 0.1 tensile fatigue loading at indicated level plotted vs. marcel height relative 
to span length. 



CAIAZZO ET AL ON. MARCEL DEFECTS 185 

a) 

--~1-- 0 ksi T 
u. 0 .5  ' . . . . . . . . . . . . . . . . . . . . . . .  J. 
"5 - - I - -  20 ksi ~'- . ~ 0  

_ . k _ 3 O k s i  ' I ~ ' 
o 0.4 _ =T= . . . . . . . . . . . . . . .  ._~ . . . .  

~; - - 0 - - 4 0  ksi 
n, ,  

: 0 .3  . . . . . . . . . . . . . . . . . . . . . . . .  

0.2 . . . . . . . .  l ~ r  - t ~ , - ~ -  . . . . . .  

e-- 

.s 
0.1 : . . . . . . . .  

e.,, 

E o 0.0 , , 
0 

0 .20  0 .25  0 .30  0 .35  0 .40  

h i t  

FIG. 26--Measured compressive strength relative to the defect free compression strength after 
400 000 cycles ofR = O. 1 tensile fatigue loading at indicated level plotted vs. marcel height relative 
to specimen thickness. 

Finally, the experimental data indicate that for a fixed value of load controlled tension-tension cy- 
cling, the amount of AE and displacement amplitude varied with marcel geometry. In a qualitative 
sense, this is consistent with the analyses that showed that the amount of material that sustains inter- 
laminar damage depends on the magnitude of the applied load and marcel defect shape. No attempt 
was made to directly relate measured cumulative AE levels or displacement amplitude to predicted 
damage area or stiffness reduction. The predicted difference in the ratio of unrecoverable (i.e., dissi- 
pated) to recoverable strain energy in specimens exhibiting different failure modes suggests that this 
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FIG. 27 Measured compressive strength relative to the defect free compression strength after 
400 000 cycles of R = O. 1 tensile fatigue loading at indicated level plotted vs. volume of specimen 
with fiber waviness. 
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measure may be useful to identity modes of unacceptable composite material damage. In fnture work, 
it would be useful to conduct a controlled study with the goal of correlating predictions of strain en- 
ergy released as damage grows to measured acoustic emission and stiffness change. 

Summary Remarks 

The response of simple test specimens containing marcel defects and subjected to tension and com- 
pression loads has been modeled in this study. Analyses were conducted to predict the effects a mar- 
cel has on the local (elastic) stress state for a defect center positioned at the lower laminate surface 
and at the mid-thickness. Results indicate that the former produces the greatest interlaminar shear 
stress, while the latter produces higher fiber direction stresses but shear stress that are 20% lower than 
the surface marcel. Peak stresses were found to increase (not linearly) with increasing percentage of 
thickness that contains wavy layers. 

Special purpose nonlinear constitutive models used to compare the predicted response of test spec- 
imens containing marcels of different severity have been compared. Analyses indicated that speci- 
men stiffness degradation and the amount of strain energy stored and dissipated varies with marcel 
geometry. Results for two matrix strengths were compared to contrast the effect that different matrix 
failure modes have on average specimen response. Although a material with low interlaminar shear 
strength tends to accumulate more subcritical damage under monotonic loading, its ultimate tensile 
load carrying capacity and resistance to fiber failure is better than the matrix with low transverse ten- 
sile strength and higher shear strength. This is due to the tact that shear failure prohibits the load from 
being transferred to nearby fibers that are already highly stressed. The interlaminar failures serve to 
lessen the notch effect produced by the marcel, and more uniformly distribute the load throughout the 
cross section. 

The experimental data and analysis results presented here show that important events observed at 
the macroscopic level (stiffness change and AE) can be related to different micro-failure modes. Sud- 
den drops in stress during the monotonic tensile stress-strain history were predicted for marcel spec- 
imens with high interlaminar shear strength, while gradual stiffness degradation is predicted for spec- 
imens with low interlaminar strength. AE data taken during residual tension testing showed ranges of 
gradual accumulation and also discrete increases. Experimental results confimaed predictions that 
marcel defects will have little effect on the initial effective elastic modulus. This finding is important 
since it implies that a global analysis of the structure to identity high stress locations can be conducted 
without prior knowledge of defect locations. 

For the range of marcel geometries studied, the measured static compression strength was reduced 
relative to the defect free strength by a factor of  two. The data indicates that damage induced near the 
marcel by cyclic tensile loading has a more significant effect on residual compression strength than 
on residual tension strength. A marcel center located at the lower laminate surface produced a greater 
strength knock-down than a similar size defect at the laminate mid-plane. 

Analyses also indicate that details of the marcel shape (i.e., polynomial fit order, exponential de- 
cay) need not be known to assess the affect a marcel defect has on ultimate strength (static or resid- 
ual). Ultimate strength appears to be related to the fraction of thickness affected, and location of the 
marcel center through the thickness. This latter result is supported by experimental data. The defect 
shape plays a more important role in the amount of subcritical interlaminar damage produced by lo- 
cal stress field perturbation near the marcel. A marcel defect introduces interlaminar shear, and 
through-the-thickness normal stresses under in-plane loads. The sign (tension or compression) of the 
interlaminar normal stress, and therefore the amount of subcritical interlaminar damage and residual 
strength of the material, depends on the sign of the applied load. Clearly, then, any assessment of the 
severity of a marcel defect will depend on the defect-free stress state. Furthermore. these arguments 
lead to the conclusion that a marcel of a given size may be acceptable (i.e., not adversely effect struc- 
tural perfo~xnance) in an area where some combination of in-plane tension and interlaminar stresses 
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exist in the defect-free structure, while that same defect  may be rejectable (i.e., require repair or part 
scrap) in an area of  the structure subjected to pure compress ion  loads. 
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ABSTRACT: Nonlinear tapered flexbeam laminates, with significant ply waviness, were cut from a 
full-size composite rotor hub flexbeam. The specimens were tested under combined axial tension and 
cyclic bending loads. All of the specimens had wavy plies through the center and near the surfaces 
(termed marcelled areas), although for some of the specimens the surface marcels were very obvious, 
and for others they were much smaller. The specimens failed by first developing cracks through the 
marcels at the surfaces, and then delaminations grew from those cracks, in both directions. Delamina- 
tion failure occurred in these specimens at significantly shorter fatigue lives than similar specimens 
without waviness, tested in Ref 2. 

A 2-D finite-element model was developed which closely approximated the flexbeam geometry, 
boundary conditions, and loading. In addition, the FE model duplicated the waviness observed in one 
of the test specimens. The model was analyzed using a geometrically nonlinear FE code. Modifications 
were made to the original model to reduce the amplitude of the marcels near the surfaces. The analysis 
was repeated for each modification. Comparisons of the interlaminar normal stresses, o-,,, in the various 
models showed that under combined axial-tension and cyclic-bending loading, for marcels of  the same 
aspect ratio, o-,, stresses increased as the distance along the taper, from thick to thin end, increased. For 
marcels of the same aspect ratio and at the same X-location along the taper, 05, stresses decreased as the 
distance from the surface into the flexbeam interior increased. A technique was presented for deter- 
mining the smallest acceptable marcel aspect ratio at various locations in the flexbeam. 

KEYWORDS:  marcel, ply waviness, de|amination, finite element, flexbeam 

Nomenclature 

E l b  E22 Y o u n g ' s  modul i  in the 1- and  2-direct ions,  GPa  

Gl2 Shear  modu lus ,  GPa  

L Period o f  one marcel ,  m m  

N N u m b e r  o f  loading cycles  

P Axial  t ens ion  load, kN 

t(x) F l exbeam hal f - th ickness  at d is tance  x f rom f ixed end,  m m  

V Transverse  bending  load, kN 

v Transverse  d i sp lacement  at tip o f  f lexbeam,  m m  

y Vertical  d is tance  f rom f l e x b e a m  surface,  n u n  

c~ W a v i n e s s  hal f -ampl i tude ,  m m  

6 Transverse  s troke o f  ATB test  machine ,  m m  

F lexbeam surface  strain 

emax M a x i m u m  cyclic surface strain 

o'n In ter laminar  no rma l  stress in FE model ,  M P a  

Vl2 Po i s son ' s  ratio 

1 Research engineer, U.S. Army Research Laboratory, Vehicle Technology Directorate, MS 188E, NASA Lan- 
gley Research Center, Hampton, VA 2368 [. 
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Tapered laminated composite flexbeams are used in helicopter rotor hubs to reduce weight, drag, 
and the number of parts in the hub. The taper in these tqexbeams is achieved by terminating internal 
plies along the length. However. the manufacturing procedures required by these flexbeams can 
sometimes cause significant ply waviness throughout the tapered section of the flexbeam. 

In this paper the term marcel is used to describe an area where there is a sudden change in the ply 
direction, similar to a wrinkle in the ply. Because the manufacturing processes cannot always com- 
pletely eliminate these marcels, the effect of this waviness on the flexbeam durability needs to be de- 
termined. Also, such a study on marcelling in flexbeams may be used to develop accept/reject crite- 
ria for these flexbeams. 

In Ref 1, the effect of ply waviness on pull-off loads in composite hat stringer specimens was stud- 
ied using the finite-element method (FEM). Waviness was simulated in the FE model by an incline 
in the ply at the initial delamination location. Five different ply waviness angles were studied and the 
results showed that even mild amounts of waviness could result in significant reduction in stringer 
pull-off loads. 

Reference 2 describes a method for determining the fatigue life of tapered composite flexbeam 
laminates. In that study, 25.4 mm (1 in.) wide coupon specimens were cut from a full-size flexbeam 
of S2/E7T1 glass/epoxy. The specimens were tested under combined axial tension and transverse 
bending loading in a servo-hydraulic load frame, called the axial-tension bending (ATB) machine [2], 
using a frequency of 3 Hz and tully-reversed loading (R = - 1). Under fatigue loading, delaminations 
typically initiated in the areas around the ply-drop locations and grew in both directions along the 
length. Typical fatigue lives were 10 5 to  10  7 cycles. 

In the current study, flexbeams of the same geometry, layup, and material, but with significant ply 
waviness, were tested in an identical manner to those in Ref 2. The location of the delamination ini- 
tiation and the fatigue lives of the wavy flexbeams were studied. A parametric study was also con- 
ducted using a finite-element (FE) model of the tapered laminate to examine the effect of the sever- 
ity of the ply waviness at a given location, and the effect of marcels of the same severity at different 
locations along the taper or through-the-thickness. 

Experiments 

Specimen Configuration 

Test specimens for this study were cut from a full-scale test flexbeam, which was manufactured in 
a closed-cavity tool. The full-scale test flexbeam and the cut coupon specimens are shown in Fig. 1. 
The full-scale flexbeam was cut in half crosswise and then each section was cut lengthwise into 25.4 
ram-wide coupons, yielding six test specimens. The coupons were symmetric with respect to layup 
and geometry and were designed with a nonlinear taper. The total number of  plies in the laminates 
varied from 145 at the thick end, to 41 plies at the thin end. An idealized view (no waviness) of the 
cross section of the upper half of the flexbeam is shown in Fig. 2. This figure shows that the laminate 
had a woven fabric layer on the surface, four continuous "belt" sections, each four plies thick, 

FIG. 1--Full-scale flexbeam and colq~on test specimens. 
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TABLE ImMaterial properties. 

Material El L, GPa E22, GPa GL2, GPa vl2 

S2/E7TI tape 47.6 12.6 4.81 0.28 
E-glass/E7T 1-2 fabric 25.3 24.1 4.56 0.153 
Steel 201 201 77.3 0.30 
Neat resin [2] 4.10 4.10 1.54 0.33 
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and four "dropped-ply'" groups on each side of the midplane. At the midplane was a symmetric ply- 
group, which was five plies thick. Each dropped-ply group had a rnaximum thickness of 13 plies at 
the thick end. The dropped plies were arranged in a nonuniform, staggered manner. The woven fab- 
ric on the surface was E-glass/E7T 1-2 and the interior plies were of S 2/E7T 1 tape. Properties for both 
materials are given in Table 1. The layups and material properties for each ply group shown in the 
figure are given in Table 2. 

Although all six specimens were cut from the same full-size flexbeam, the degree of waviness, and 
locations of the wavy areas, varied from specimen to specimen. Specimens 1-3, cut frona one side of 
the flexbeam, had considerably more waviness than specimens 4-6,  cut from the other side. The ply 
waviness appeared as isolated areas of marcelling, and as waviness in the ply-groups at the center of 
the flexbeam. The waviness in the center ply-groups extended through most of the tapered region of 
the laminate, with the amplitude of the waves highest near the thick end, and gradually decreasing 
along the length. None of the specimens showed any waviness in the area of the laminate beyond the 
tip of dropped-group 2 in Fig. 2. An example of both types of wavy areas is shown in an edge view 
of specimen 1 in Fig. 3. The figure shows the waviness in the center ply-groups, and the enlarged 
photo shows two isolated areas of large amplitude marcels, one near each surface. The amount and 
type of waviness were fairly consistent on both sides of a given specimen, except for the large mar- 
celled areas near the surfaces, which did not always appear on both sides. 

Specimens 1-3, considered "'severe" waviness, had waviness through the center ply-groups, as 
well as isolated areas near the surfaces where very large I high amplitude) marcels existed. Specimens 
4-6, considered "moderate" waviness, had wavy plies through the center, but the waviness was of a 
lower amplitude than for specimens 1-3. Also, specimens 4 -6  did not show the isolated areas of large 
marcels near the surfaces. 

Figure 4 shows an edge view of specimen 2, which had several isolated areas of extreme waviness 
near the surface, shown in the enlarged photos, in addition to the waviness through the center ply- 
groups. (The circular white marks near the surfaces in the photos are paint marks that were used to 
position the strain gages.) Since specimen 2 had the most severe waviness of the six specimens, and 
since the waviness, including the isolated surface marcels, was identical on both sides, specimen 2 
was chosen as the basis for the finite-element model. Specimen 3 was very similar to specimen 2, but 
did not have the marcel on the bottom surface in Fig. 4. 

TABLE 2--Ply-grotq~ layups and smeared properties. 

Ply Group Layup E,:,, GPa E,~. GPa G,,., GPa v.~,. 

m 

Midplane [02/45 ]3 41.1 13.7 6.32 0.34 
Belt 1, 2, 4 [04] 47.6 12.6 4.81 0.28 
Belt 3 [-+45/0_,] 31.6 15.6 9.19 0.33 
Fabric woven -+45 25.3 24.1 4.56 0.153 
Dropped 1-4 [+-45],, 14.8 14.8 13.3 0.33 
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FIG. 5--Specimen 4 with wavy plies. 

Figure 5 shows the edge of specimen 4. As the figure shows, the only evidence of ply-waviness in 
this specimen was in the center ply-groups near the thick end. Specimens 5 and 6 were similar to spec- 
imen 4. 

Axial Tension Bending Machine 

Specimens were tested under combined axial-tension and transverse-bending loading in the axial- 
tension bending (ATB) machine. The ATB, shown in Fig. 6, is a servo-hydraulic load fiame, which 
prodnces combined tension-bending loading. As Fig. 6 shows, the axial load cell is located above the 
top grip, but below the pivot connecting the axial and transverse actuators. This allows the tension 

Axial 
load 
ce l l  

TO.l 

22 
~ ttom 

rip 

f , ~  Axial 

C 

Transverse 
actuator 

..Transverse 
oad cell 

(a) schematic (b) deformed specimen 

FIG. 6--Axial tension and bending test stand and deformed flexbeam. 
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grip ~ ~ ' ~ 9  t "i"~l" 
F7---- o " taper--------~thin.,] 
]- ] 127 1 2 5 . 4  
thick 
12.7 

Pin assembly 

165 z, ~ 172 _~ 

337 -~ 

P 

P 

G 

All dimensions in mm. 
FIG. 7--Test specimen and loading fixtures with combined loading. 

load to rotate with the specimen as the transverse load is applied. Hence, under axial load control, the 
magnitude of the tension load, P, remains constant as the specimen rotates under the transverse-bend- 
ing displacement, 6. By controlling the axial tension actuator under load control and the transverse 
bending actuator under stroke control, a constant membrane load should be maintained throughout 
the loading cycle. 

Static Tests 

Initial static testing was conducted to determine the relationship between applied loads and the 
specimen deflection and surface strains. Specimens were first instrumented with strain gages at five 
locations along the length on each side: one near the junction of the thick and tapered regions (1 and 
6), three along the tapered region (2-4 and 7-9), and one in the thin section (5 and 10). Figure 7 shows 
a schematic of the ATB and flexbeam, rotated 90 ~ clockwise. The figure shows the numbered gages 
on each surface of the flexbeam and Table 3 lists their location in distance Iron] the fixed end. The 
specimen was clamped in the grips with the thick end in the fixed bottom grip. The gage length be- 
tween the grips was 165 mm (6.5 in.), and the specimen was placed in the grips so that within the gage 
section there was approximately a 12.7 mm (0.5 in.) thick region, a 127 mm (5 in.) tapered region and 

TABLE 3--Strain gage locations. 

Gage Number Distance from Lower Grip, mm (in.) 

1, 6 12.7 (0.5) 
2, 7 53.3 (2.1) 
3, 8 82.6 (3.25) 
4, 9 98.5 (3.88) 
5, 10 160.0 (6.3) 
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FIG. 8- -Maximum measured smfaee strain vs. applied transverse stroke. 

a 25.4 mm (1 in.) thin region, as shown in Fig. 7. Note also in Fig. 7 that the transverse bending load, 
V, was not applied at the top of the flexbeam, but was applied at the pivot point, which was 172 mm 
above the top grip. 

For static excursion tests, a constant axial tension load, P, of approximately 35.6 kN (8000 lb) was 
applied first. Then the bending load, V. was applied in steps to produce a transverse stroke, 6. in in- 
crements of approximately 2.54 mm (0. I in.), up to a maximum stroke of 25.4 mm (1.0 in.). At each 
transverse load step, the surface strains were recorded, as well as the transverse flexbeam tip-dis- 
placement, v. In order to measure the flexbeam tip-displacement, a spring-loaded direct-current dif- 
ferential tranformer (DCDT) was mounted to the side of the load frame. The DCDT detected the dis- 
placement of a bracket attached to the centerline of the top grip. 

In Ref 2. the peak surface strains in an identical flexbeam without waviness were plotted as a func- 
tion of applied transverse stroke, 6. The relationship was shown to be linear as long as the axial load 
is held constant. Similarly, for this study, the peak surface strains were measured at gage 4 in Fig. 7 
(X = 98.5 ram). The maximum surface strains are plotted in Fig. 8 as a function of the transverse load 
with a constant axial load o f P  = 8000 lb. The results are shown to be linear for both specimens 2 and 
4 (with severe and moderate waviness, respectively). 

Fatigue Tests 

Since the boundary conditions of the ATB differ from those of the full-scale flexbeam in the hub, 
it is more logical to control the fatigue tests to a desired maximum surface strain level rather than a 
prescribed transverse deflection. Hence, for each specimen, a maximum strain level for fatigue test- 
ing was chosen, and then results of the type shown in Fig. 8 were used to select the maximum cyclic 
transverse stroke, 6 (see Fig. 7), to apply corresponding to the chosen strain level. The specimens 
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from Ref 2, without wavy plies, were tested at transverse displacements of 27.9 mm or 30.5 mm, cor- 
responding to maximum surface strains of 0.01 and 0.015 microstrain, respectively. However, be- 
cause the static testing showed that the wavy specimens were susceptible to delamination at lower 
strain levels, the maximum strain levels (or maximum cyclic stroke) chosen for cyclic testing of these 
specimens were somewhat lower than those used for the specimens without ply waviness in Ref 2. 
Specimens 2-6  were fatigue tested at maximum strain levels of 0.0075 to 0.01 microstrain. 

In order to make the delamination damage easier to see, specimen edges were coated prior to test- 
ing with a thin layer of white paint. A constant tension load of 35.6 kN (8000 lb) was applied to the 
specimen, corresponding to the net axial stress due to the centrifugal force experienced by the full- 
scale flexbeam. The maximum cyclic transverse load, V, was applied by cycling sinusoidally to the 
desired maximum transverse stroke, at a frequency of 3 Hz, and using fully-reversed loading (R = 
- 1 ) .  The specimens were cycled until they had extensive delamination damage along the length of 
the tapered region at one or more locations. Test results are discussed later in this report. 

Analysis 

Finite-Element Model 

In order to duplicate the exact geometry of the wavy flexbeams, a software package known as 
MEGS (Modeling Exact Geometry from Scanned Images) was used [4]. With this software, a 
scanned image of the object to be modeled was used to create a wireframe image, incorporating as 
many "as manufactured" details as is desired. The wireframe data was then imported into a PA- 
TRAN file, to be used as the basis for developing a finite-element model of this configuration. Be- 
cause specimen 2 appeared to have the most severe waviness at locations near the flexbeam sur- 
face, as well as wavy plies in the center of the laminate, specimen 2 was chosen for use in the 
analysis and FE model. 

It was also necessary to apply the loads and boundary conditions to the model in a manner that 
duplicates the configuration of the ATB. A schematic of the configuration to be modeled by FE is 
shown in Fig. 9. Fixed conditions were applied at the thick end of the composite flexbeam. Beyond 
the thin end of the flexbeam, additional elements were created to represent the upper grip and steel 
fixture connecting to the pivot point where the transverse load is applied (see Fig. 7). The tension 
and bending loads are applied at the end of the model, rather than at the flexbeam tip. In this way, 
the loading conditions of the model duplicate the test conditions. Because the bending stiffness of 
the steel fixtures was two orders of magnitude greater than the flexbeam, the elements at the thin 
end that represent the steel loading fixtures were modeled with a rectangular cross section equal to 
the thin end of the composite flexbeam. A modulus was chosen so that the bending stiffness, EL 
was equivalent to the bending stiffness of the actual ATB fixtures of  1.74 x 10 6 N ' m  2 (6.05 x l0 s 
lb.in.2). 

Thick 

Taper 

Composite 
Flexbeam 

Steel Fixtures 

FIG. 9--Schematic of  flexbeam and fixtures subjected to combined loading. 

V 

P 
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Finite Element Mesh and Boundao' Conditions 

A 2-D finite-element model of specimen 2 is shown in Fig. 10. The model had a total of 21,903 
nodes and 6971 elements in the mesh. Eight-noded quadrilateral and six-noded triangular plane-strain 
elements were used. A fine mesh, using one element per ply-thickness, was used for the ply-groups 
closest to the surfaces, in the areas around the marcels nearest to the top and bottom surfaces. A 
coarser mesh was used in the interior of the model and in the thinner region of the flexbeam. In those 
areas, ply-groups were modeled, rather than individual plies, and smeared properties were used. The 
smeared moduli in the global X-Ycoordinate system are presented in Table 2. 

In order to assign appropriate material properties to the wavy plies, a local coordinate system was 
defined for each element in the model, with the 1-direction parallel to the element side from the lo- 
cal node i to local node i + 1, as shown in Fig. 10. The local t-n coordinate system was then used to 
define the material properties of each element. Figure 11 shows enlargements of three marcelled ar- 
eas near the surface. These have been designated marcels 1-3, as shown. The shaded areas in the en- 
larged figures represent resin-rich regions. The elements in the resin-rich areas (not shown in Fig. 11) 
were assigned neat resin properties, as listed in Table 1. 

The u- and v-displacements at the nodes at the thick end of the model were prescribed zero values 
to simulate clamped-end conditions. An axial tension load of 35,6 kN (8000 lb) was applied at the 
thin end (X = 337 ram) as a concentrated load (see Fig. 7). Transverse bending was produced by a 
point load of V = 4.45 kN ( -  1000 lb) applied at the thin end of the model, corresponding to the pivot 
point in the ATB load frame. To determine the effect of the bending load on each surface, the bend- 
ing load was applied first in the negative Y-direction, and then in the positive Y-direction. 

Computational Methods 

The ABAQUS finite-element code was used in the analysis. Because the flexbeam undergoes large 
deflections, the geometric nonlinear solution option was used. Also, as with the ATB load frame, the 
axial load in the model was able to rotate with the flexbeam as it deformed under the transverse load. 
The ABAQUS program was used to calculate displacements and internal stresses and strains. 

FIG. lO--Finite-element mesh of  tapered flexbeam with win3' plies and element property 
definition. 
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FIG. i 1--Finite-element mesh of tapered flexbeam with wavy plies attd marcels near st#faces. 

To study the effects of changes in the ply-waviness, modifications were made to the original mesh. 
Using the PATRAN code, marcels 1, 2, and 3 were modified several times to reduce the amount of 
waviness at each location and the resin-rich areas were removed. The new models were analyzed with 
the same loading and boundary conditions, and the results were compared. 

Results and Discussion 

Global Response Comparison 

Calculated values from the FE model for transverse displacements, v, at the flexbeam tip were 
compared with the test results to determine the accuracy of the FE model to reproduced the global be- 
havior of the test specimens under the same loading conditions. Figure 12 compares the maximum 
surface strains versus flexbeam tip displacement, as measured by gages 4 and 9, in the static excur- 
sion tests, along with the calculated results from the ABAQUS FE model. The transverse displace- 
ment was varied while the axial load was held constant at 35.6 kN (8000 lb). The agreement is good 
throughout the range of tip-displacement, on both the tension and compression sides, although the 
calculated strains are slightly lower everywhere. 

In Fig. 13, measured surface strains from the ten strain-gage locations are compared with the 
ABAQUS calculated strains along the flexbeam length. The calculated values are shown in the solid 
circles and test results are shown for a severely marcelled specimen (specimen 2, open circles) and a 
moderately marcelled specimen (specimen 4, open squares). The results shown are at P = 35.6 kN 
(8000 lb) and 6 = 27.9 mm (1.1 in.). Gages 1-5 were on the tension surface, and gages 6-10 were on 
the compression surface, as shown in the inset in Fig. 13. The agreement is reasonable for gages 1, 2, 
4, and 5 on the tension surface. However, at the gage 3 location (X = 85.8 mm. 3.38 in.), the calcu- 
lated strain is much higher than the measured strain from specimen 4. The FE model duplicated spec- 
imen 2, which has a large marcelled area near the surface at gage 3, which is not present in specimen 
4. However, the data point for specimen 2 at the gage 3 location is shown with an upward arrow to 
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FIG. 12--McLrimum surface strains vs. flexbeam tip displacement. 

indicate that the strain reading had exceeded the limit of the =,,a,~e~, (0.012 ram/ram). As the figure 
shows, the surface strains varied for the different specimens. Along the compression surface, FE re- 
suits are not as accurate near X = 0, but are reasonably close at gage locations 8-10 and follow the 
trend of the data. Based on these results, the FE model appears to duplicate well the global response 
of the test specimens under loading in the ATB. 

Static Test Resuhs 

During the static excursion tests of specimens 1, 2, and 3, all of which had severe waviness, some 
delamination damage occurred. This was first noticed as faint "'clicking" noises as the transverse 
bending loads were applied. A visual check was made before increasing the load each time. In spec- 
imen 1, a crack formed first at the location corresponding to marcel 1 in Fig. 11, at a transverse dis- 
placement of 6 = 12.7 mm (0.5 in.). Several small delaminations were observed through-the-thick- 
ness at the same location. As static loading continued, more delaminations developed at other 
interfaces through-the-thicloess. Figure 14 shows a photo of the coated surface with the delamina- 
tion damage. Along with the internal delamination damage, there was significant surface ply splitting 
in the surface fabric above the surface marcel. Because of the large amount of delamination sustained 
in the static testing, specimen 1 was not fatigue tested. Specimens 2 and 3 each developed a small de- 
lamination at marcel 1 also, approximately one quarter of the thickness from the surface, when the 
transverse displacement reached 8 = 20.3 mm (0.8 in.). These specimens were fatigue tested with the 
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FIG. 13--Surface strains in tapered flexbean~ laminates under combined tension-bending loading. 

FIG. 14---Multiple delaminations in wavy area of Specimen 1 after static testing. 
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initial delamination damage. Specimens 4--6 had no apparent damage after static testing to a maxi- 
mum transverse displacement of 6 = 27.9 mm (1.1 in.). 

Fatigue Test Results 

The specimens were visually monitored throughout the fatigue loading cycle. For specimens 2 and 
3, which had a large marcel at the location "'marcel 1" (see Fig. 11), damage began at that location, 
as a crack through the wavy area, followed by a delamination at the interface under the marcel. This 
initial crack formed almost immediately, i.e., at less than N = 50 cycles. As cycling continued, de- 
laminations formed at neighboring interfaces, through the wavy areas. These delaminations grew in 
both directions with further loading. The internal delamination damage was always accompanied by 
splitting and peeling of the surface fabric ply at the location over the surface marcel. Continued fa- 
tigue loading caused delaminations to form and grow at interfaces in the wavy center ply-groups, near 
the thick end of the flexbeam. Figure 15 shows the delamination damage in specimens 2 and 3. 

The first observed damage in specimens 4-6, which initially did not appear to have any marcels 
near the surfaces, appeared as a crack near the surface, similar to the initial damage in specimens 2 
and 3. These cracks occurred soon after cyclic loading began, at approximately N = 400 cycles. Very 
small delaminations were observed at the cracks, although, unlike specimens 2 and 3. these delami- 
nations grew very slowly and stably with continued loading. In specimens 4 and 6, delaminations first 
grew toward the thick end of the laminate, and then grew from the crack toward the thin end. In spec- 
imen 5, the delamination grew only toward the thick end. The fatigue loading was continued for these 
laminates until a delamination had grown from the onset location to the grip at the fixed (thick) end. 
This condition was considered final failure. Figure 16 shows the final failure of specimens 4 and 5. 
After testing, the original photographs of specimens 4-6 were re-examined. Surface marcels were 
found at the locations where the initial cracks formed, as in specimens 2 and 3, although these marcels 
were of much smaller magnitude. 

Figure 17 compares the number of cycles to final delamination failure for specimens 2-6, with the 
results from Ref 2, for identical specimens, but without any ply waviness. The solid circular symbols 
in Fig. 17 show the number of cycles to develop the initial crack through the wavy areas and the open 
circular symbols indicate the final failure. Even though the flexbeams in this study were tested at 
lower maximum strain levels than the flexbeams without waviness in Ref 2, failures occurred at sig- 
nificantly shorter lives. The fatigue lives of specimens 2 and 3, with large amplitude marcels near the 
surface, were 1 to 2 orders of magnitude shorter than specimens 4-6, with smaller amplitude surface 
marcels. 

Analytical Results 

Ply-waviness was characterized in this paper by the aspect ratio of the marcel, defined as the half- 
amplitude, or, divided by the width of the period, L (see the inset in Fig. 18). In the FE model, the 
highest aspect ratios were found to be in the center ply-drop groups toward the thick end of the 
flexbeam and in the isolated marcels near the surfaces. All of those marcels had an c~/L of 0.055 to 
0.085. The aspect ratios of the marcels in the center plies decreased gradually along the length of the 
flexbeam. 

Results of the FE model analysis were used to determine the peak interlaminar normal stresses, o% 
in the model. The o-,, stresses reported are with reference to the element local (n-t) coordinate system, 
rather than the global coordinate system (Fig. 10). Several studies have shown that delamination fail- 
ure in composites with similar geometry is predominantly due to opening mode failure (normal to the 
ply direction) [2,4-6], with a much smaller contribution from the interlaminar shear mode. In this 
study, therefore, delamination was also assumed to be controlled by the interlaminar tension, and only 
the interlaminar normal stresses were considered. Peak o-,, stresses occurred in the model at marcel 1, 
and another area of high o-,, stresses existed at marcel 3 (Fig. 11). When the transverse load direction 
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FIG. 16--Fatigue delamination damage in Specimens 4 arid 5. 

was reversed (V = 4.45 kN. 1000 lb), peak stresses occurred at marcel 2. In all cases, the peak stresses 
occurred at the most interior point of the marcel. 

In order to determine the effect of marcel location on interlaminar normal stresses, the model was 
inspected to find marcels of the same aspect ratio, but at different X- or Y-locations. Figure 18 shows 
the effect of varying the X-location of a marcel, while keeping the aspect ratio and distance from the 
surface constant. The figure compares calculated interlaminar normal stresses, at marcelled areas of 
the model with aspect ratios of either 0.085 or 0.045, at approximately the same distance from the sur- 
face, but different X-locations. As the figure shows, for either aspect ratio, the stresses increase as the 
location of the marcel moves from the thick end toward the thin region. 

In Fig. 19, the effect of the location of the marcel through-the-thickness is shown. For this case, 
stresses at different locations through-the-thickness are plotted for marcels with aspect ratios of 0.085 
and 0.045, the same distances along the taper. The stresses are plotted as a function of the distance 
from the upper surface, y, divided by the section half-thickness, t(x). As Fig. 19 shows, stresses de- 
crease sharply for both aspect ratios, as the marcel location moves from the surface toward the mid- 
plane of  the flexbeam. Exponential curves were fitted to the data in Fig. 19. 

To determine the effect of the marcel aspect ratio, the aspect ratios of marcels 1-3 in the original 
FE model were modified and the analyses were repeated. The aspect ratio of marcel 1 was reduced 
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from the original, 0.085, to 0.055, 0.034, and 0.025. Marcel 2 was modified from the original aspect 
ratio of 0.05 to 0.028, 0.02, and then 0.014. The aspect ratio of marcel 3 was reduced from 0.085 to 
0.08, 0.07, 0.06, and 0.03. Figure 20 shows a comparison of the o-, stresses at marcel 1.2, and 3 lo- 
cations, as the aspect ratio was varied at each location. The peak interlaminar normal stresses increase 
exponentially as the aspect ratio increases. Again, the stresses are always highest for marcel 1, the 
marcel farthest from the fixed end. The curves for marcels 2 and 3, which are near the thick end, and 
at similar X-locations, appear to cross at an aspect ratio of about 0.03, but at higher aspect ratios, mar- 
cel 3, nearest the thick end, is the lower bound of the stresses. 

The test results from Fig. 17 were used with the calculated curves from Fig. 20 to correlate the in- 
terlaminar normal stresses with the fatigue lives of the flexbeam test specimens. For each of the tested 
specimens, the aspect ratio was measured at the marcel where the delamination failure initiated. The 
corresponding interlaminar stress from the FE analysis was determined from the appropriate curve in 
Fig. 20. The curve for marcel 1 was used to determine the stresses for specimens 2 and 3, since for 
those specimens, delamination damage initiated there. For specimens 4-6, the curve for marcel 2 (at 
X = 37.3 mm) in Fig. 20 was used. since the X-location was closest to the actual location of the 
marcels where failure began. For specimen 4, damage initiated at a small marcel at X = 50.8 ram, and 
for specimens 5 and 6, at X = 48.26 mm. The resulting o-,, values were plotted against the number of 
loading cycles to failure for the test specimens in Fig. 21. As the interlaminar normal stresses de- 
crease, the fatigue life increases. This figure also shows the data from the flexbeams without wavi- 
ness from Ref 2. Finite-element results from Ref 2 showed that the maximum value of o-, under corn- 
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0.1 

bined tension-bending loading was 12.5 MPa. Based on Fig. 21, or,, = 13.0 MPa was chosen as the 
limit below which detamination failure will not occur at less than N = 200 000 cycles. 

In Fig. 22, this lower limit is plotted with the curves and data from Fig. 20. The intersections of the 
curves show the maximum allowable ce/L values for the corresponding X-locations in the flexbeam. 
Using the assumed lower limit, no marcel would be allowable at X = 76.7. At the X = 37.3 and X = 
27.4 locations, marcels with aspect ratios of no more than 0.015 and 0.004, respectively, would be 
acceptable. 

Discussion 

Using this technique of combining test data with FE model results, a lower limit of interlaminar 
normal stress can be chosen for a desired fatigue life. That normal stress can then be used, as in Fig. 
22, to determine the maximum allowable aspect ratio at various locations in the flexbeam. 

The technique described above could be used as a first attempt at determining whether or not a given 
flexbeam should be used or discarded. However, the method has several limitations: e.g., an unlimited 
number of wavy ply configurations are possible, but it is not wactical to model each case to determine 
the effect on the interlaminar stresses. Furthermore, varying the mesh size in the FE model may change 
the calculated stresses significantly. A mesh refinement study is required to verify this. A more com- 
plete picture of the delamination process in these flexbeams may be provided by an energy-based anal- 
ysis, such as that used in Refs 1, 2, and 4, in which simulated delamination growth is modeled at var- 
ious locations and the associated strain energy release rates are calculated. However, considering the 
discussion in Fig. 17 and the considerably poorer performance of these flexbeams with marcels under 
the fatigue loading, the effort involved in such ml analysis may not be justified. 
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Concluding Remarks 

The effect of wavy plies on the durability of tapered laminated composite flexbeams was studied, 
for use in developing accept/reject criteria for these flexbeams. Tests were conducted on 25.4-mm- 
wide coupon specimens, which were cut from a full-size flexbeam of S2/E7TI glass/epoxy. All of 
the specimens had significant ply waviness through the center of the flexbeam and isolated areas with 
varying amounts of waviness at locations near the surfaces. The specimens were tested under com- 
bined axial tension and transverse bending loading. For all of the tested laminates, damage started as 
a crack through a marcel near the surface. As the loading continued, delaminations grew from the 
crack in both directions along the length away from the marcel and multiple new delaminations 
formed at neighboring interfaces. Even though the flexbeams in this study were tested at lower max- 
imum strain levels than identical specimens without ply-waviness from Ref 2, failures occurred at 
significantly shorter lives. Fatigue lives for the tested laminates ranged from 10 3 tO 10 5 cycles. In con- 
trast, identical flexheams without marcels had fatigue lives of 10 5 to 10 6 cycles at slightly higher 

bending loads. 
A parametric study was conducted to determine the effects of ply-waviness along the taper and 

through-the-thiclomss. A (2-D) plane strain FE model was developed which modeled exactly the 
flexheam layup and geometry of one of the test specimens, including the exact geometry of the wavy 
plies. The model was analyzed using the ABAQUS finite-element program to determine the inter- 
laminar normal stresses, on. For marcels of the same aspect ratio, and at the same depth from the sur- 
face, o', stresses increased with distance along the taper, from thick end to thin end. For marcels of 
the same aspect ratio, and at the same location along the taper, the or,, stresses decreased from the sur- 
face inward toward the flexbeam midplane. The model was modified several times by decreasing the 
amplitude of the waviness in three marcels near the surfaces and the analysis was repeated. It was 
found that the or,, stresses increased exponentially as the aspect ratio was increased in these surface 

marcels. 
A technique was presented for determining the smallest acceptable marcel aspect ratio at various 

locations in the flexbeam. Test data were combined with calculated results for modeled marcels of 
different aspect ratios and at different locations, to determine a lower limit on the allowable inter- 
laminar normal stresses. This limit was then related back to the calculated FE results to determine 
maximum allowable marcel aspect ratios to achieve a desired fatigue life. 
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ABSTRACT: The unique challenges for developing design allowables for a resin transfer molded pro- 
peller blade are discussed. Preliminary allowables were detemfined based on coupon tests for the initial 
blade design. Nonstandard specimen geometries were investigated in order to provide valid failure 
modes and associated strength values for the spar, shell and adhesive bond joint in terms of static and 
fatigue strengths out to 10 s cycles. Full-size blade component tests were performed to verify or sub- 
stantiate the preliminary allowables. Analyses of failure modes on the full-size specimens directed the 
structural qualification process. This included follow-up coupon fatigue tests and expansion of the full- 
size test matrix. The general conclusions are that coupon tests are necessary for determining elastic con- 
stants and for effects of batch variation, environment, and for shape of fatigue curves, but generally do 
not provide enough guidance to design a resin transfer molded (RTM) structure without some full-size 
test experience. This is due to the absence of edge. surface and width effects found in coupons and the 
inclusion of thenraal, manufacturing and geometry effects found in the full-size specimens. These and 
other scale effect issues therefore dictate the need to test full-size specimens early on in the normal 
building block approach. The number of full-size tests is generally higher for an RTM blade or struc- 
ture than for a metal blade or for a standard prepreg, thin composite structure, since statistical treatment 
of the full-size fatigue data is necessary tbr establishing final design allowables. This top-of-the-pyra- 
mid approach to structural qualification can make RTM unique from prepreg or metal structures. 

KEYWORDS: resin transfer molding, design allowables, propeller blade, braided materials, bond 
joints, fatigue analysis 
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r,.z Shear stress in yz-plane, where y is circumferential direction 
o-, Normal stress in z-direction 
/x Poisson's ratio 

The approach for designing a primary structure with composite materials entails determining static 
"design allowables" using a building block approach [1]. The building block approach is an iterative 
process such that coupon tests are used to characterize composites and their attachments, which re- 
sult in the definition of "preliminary allowables." The preliminary allowables are then validated with 
subelement and full-scale tests to address critical failure modes and correlation of design procedures 
using the preliminary allowables. This building block approach, described in Ref 1, which incorpo- 
rates various ASTM test standards for composite materials, is defined primarily for preimpregnated 
or prepreg composites and static loading. For the RTM composite propeller, adaptive procedures 
were required that were form-specific in nature and addressed vibratory load or fatigue environment. 
The ASTM Test Method for Tension-Tension Fatigue of Polymer Matrix Composite Materials (D 
3479), which was adopted in 1996, has addressed fatigue testing. However, in 1989, a fatigue 
methodology was developed by Hamilton Standard to determine design allowables for a RTM com- 
posite propeller blade. This methodology has continued to evolve for new composite propeller blade 
applications, with varying flight profiles. 

The generic RTM composite blade is fabricated with 2-D braided preforms, fabric broad goods and 
wound filaments, which are injected with resin. The blade is also comprised of polyurethane foam, 
film adhesives, prepreg materials and metal components. Hence, materials characterization to deter- 
mine properties for composites and attachments was required to develop a database for design and 
certification. The burden of developing this database was minimized through selective testing to de- 
termine preliminary allowables. More emphasis was eventually placed on the subelement and full- 
scale test results since failure modes differed to some degree from the coupon level tests. 

Blade Description 

The generic RTM composite blade is fabricated in a five-step, patented process [2]. Figure 1 shows 
a schematic of the manufacturing process, beginning with a steel "'tulip" retention which is peened 
and surface prepared for bonding (Step 1). A structural film adhesive is applied to the tulip and then 
layers of prepreg material are layed up on the outside and inside of the hollow tulip and subsequently 
press molded and cured to form a doubler (Step la). The purpose of the doubler is to produce an area 
for RTM attachment of the braided spar and to effectively produce a 360 ~ double lap joint, which 
minimizes the tab end stress concentration effect at the end of the tulip realized by load transfer from 
the spar to the tulip. The doubler/tulip assembly is then placed in a spar core mold and foam is in- 
jected and cured (Step 2). The spar foam assembly has one layer of prepreg as a skin to produce an 
in situ mandrel for placement into a 144-carrier braiding machine (Step 3). The assembly is intermit- 
tently braided with T300. 6K carbon tows, which are manually interspersed with layers of an IM-7, 
12K carbon uniweave fabric. The placement and orientation of the fibers are controlled to produce a 
satisfactory laminate for stiffness, stability and strength. The braid angle 0 is controlled by mandrel 
velocity V. for a given perimeter P. and carrier circular speed w, as follows 

0 = tan- i [wP/V] (1) 

Additionally, glass hoop wraps are filament wound into the laminate over the necked-down section 
of the tulip. The hoop filaments provide added stiffness and strength to the joint region in the event 
of a debond or delamination over the tulip, by developing a mechanical entrapment mechanism. With 
the dry spar fibers in place, the spar assembly is placed in a second foam mold, where the lead and 
trail edge foam is injected and cured (Step 4). The interior edges of the spar are sealed prior to injec- 
tion to prevent foam accumulation in the dry preform. The face and camber sides of the spar remain 
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open to the air. The assembly is then fitted with two braided Kevlar TM sleeves, manufactured origi- 
nally as free-braided tubes, and an aluminum lightning mesh and nickel sheath to tbrm the airfoil shell 
structure. The entire assembly is placed in a RTM die and both the spar and shell are injected and co- 
cured with PR500 resin (Step 5). The PR500 resin was selected for its superior composite interlami- 
nat fracture toughness properties. Later, erosion film and a deicing heater are added to the airfoil sur- 
face and a glass hoop compression wrap is filament wound and cured at room temperature over the 
blade root. 

For structural qualification to produce a database, the blade was characterized in three main areas: 
(1) spar, (2) shell, and (3) the blade root tulip/spar bond joint. For this paper, only the spar and bond 
joint areas are discussed. 

Coupon Tests 

The coupon database produced properties for typical strength and elastic constants and evaluated 
the effect of material and processing variables, effect of environment and single/random batch scat- 
ter. The coupon database also included fatigue testing to establish cursory S-N curve shapes Ibr con- 
struction of modified Goodman diagrams. The preliminary allowables were based on a "'Three 
Sigma" approach as opposed to an A-Basis, five batch test type approach suggested in Ref 1. The no- 
tion of using an average coefficient of variation = 10% for all material systems was adopted to min- 
imize multiple batch testing. This Cv = 10% was considered conservative from past internal and ex- 
ternal [3] materials characterization programs with notched and unnotched carbon/epoxy systems. 
Later, final coupon allowables either incorporated Cv = 10% as a nainimum or actual Cv values if 
greater than 10%. This also assumed a minimum coupon test sample size of 14. Under these condi- 
tions, the typical Three Sigma allowable is consistent with a confidence level of 95e,,~ and a survival 
probability of 99% (equivalent to an A-Basis normal distribution value). 

Batch-to-batch variation was implicitly considered during qualification of materials for procure- 
ment, where the supplier was instructed to perform three batch tests to meet a specification require- 
ment. The three-batch testing was primarily for the RTM resin, carbon fiber and the film adhesives. 

For a small sample size, the Three Sigma statistical approach generally produces a more conser- 
vative allowable than the A-Basis, five-batch approach and is more cost effective at the coupon level. 
Also, the benefit of conducting subelement and full-scale tests to establish the proper failure mode 
before conducting final material characterization testing was realized with the simple Three Sigma 
approach. Figure 2 shows a schematic of this approach. The final characterization included testing 
more samples at the blade limiting failure response for establishing definitive S-N curve shapes for 
the manipulation of full-scale test results to allow for life predictions and inspection requirements tbr 

I Coupon Database I 

Preliminary Allowables 

�9 Three Sigma 
�9 Cv=10% 
�9 S-N Curve Shapes 

l 
Raw Material Supplier Data 
�9 Three Batch Testing 

Subelement /Ful l  Scale 
�9 Validate PreliminaryAIIow. 

. - Establish Failure Modes 
I 

Run more tests | 
per governing 

1 failure modes 

Final Design Al lowables 
�9 A-Basis for Blade Limiting Failure Mode 
�9 Three Sigma for Non-Critical Modes 

FIG. 2---Design allowable methodology. 
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ce~lification. A-Basis allowables were derived from full-scale results to take advantage of sample 
sizes greater than six. 

Spat', In-plane Loading 

The initial coupon test program for the spar was set up to characterize the braid and the uniweave 
materials separately and then together as a hybrid laminate. This was necessary to confirm a Rule-of- 
Mixtures strength approach for the combined 0 ~ uniweave/-+ 0 ~ braid layup under in-plane loading. 
The basic equation is as follows: 

N 
l 

Hybrid laminate strength = -~ ~ (Siti) (2) 
t 

where Si is strength of individual layer, t, is thickness of layer, N is layers of each h, and T is the to- 
tal thickness 

The simplified Rule-of-Mixtures strength approach was adopted since existing in-plane "weak 
link" strength failure criteria, i.e., maximum stress, maximum strain and Tsai-Hill+ were deemed too 
conservative. Figure 3 shows a plot of static and fatigue data, from Refs 4-6 plotted as a function of 
laminate strength/unidirectional strength determined empirically versus theoretically by Rule-of- 
Mixtures. A reasonable one-to-one correlation between experiment and theory was realized and con- 
servative for the [0/-+45] family of laminates. For the braid contribution, it was still practical to in- 
vestigate a "+weak link" type failure criteria for the braid strength versus -+ 0. since the braid would 
constitute a low percentage of the overall in-plane strength of the spar. Hence, the Tsai-Hill quadratic 
criteria was initially used for the braid characterization. The next challenge, after the failure criteria 
were selected, was to produce legitimate gage section, in-plane failures of the test coupons. 
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For the uniweave material, the ASTM Test Method lbr  Tensile Properties of Polymer Matrix Com- 
posite Materials (D 3039), 12.7 mm wide, 0 ~ test coupon was first used. This broad good fabric con- 
sists of 95% 0 ~ carbon tows and 5% 90 ~ tackified glass filaments, which are spaced every 6.35 mm 
in a plain weave style to stabilize the dry uniplies. The ASTM D 3039 static and fatigue results were 
much lower than expected. This was due in part to the fiber undulation or crimp effects of  the 95/5 
uniweave material. The expected static strength without fiber undulation, based on prepreg data with 
the same fiber and resin was 2641 MPa at 60% fiber volume. Two failure modes were predominant 
for the ASTM D 3039 uniweave specimen: (1) off-axis fiber splitting, similar to Ref 7, and (2) 
resin/glass tow surface cracking and subsequent fiber splitting. The first anomalous failure scenario 
yielded a typical strength of 1524 MPa at 60% Vf. This was corrected by improving the coupon edge 
alignui~.nt with the fibers. The second failure scenario showed a static value of 1703 MPa. The latter 
scenario, where unsupported surface plies fail early and precipitate a complex failure, is explained in 
Fig. 4. The value tbr K~ for determining the stress to split and then delaminate a ligament between 
90 ~ filaments was estimated from Refs 8-10. This additional resin on the surface in all uniweave 
coupons is an artifact of the layup in the RTM panel mold. In a layup where the 0 ~ uniweave mate- 
rial is not on the surface, this phenomena is mitigated. This was demonstrated by testing a symmet- 
ric, balanced 0~ ~ layup, i.e., 90/02/902/0J90. and a 90 ~ layup for determining indirectly the effec- 
tive 0 ~ strength. The result from these tests, where the 0 ~ plies are sandwiched and supported between 
90 ~ plies, was a strength value of 2172 MPa. The 2172 MPa value was considered the true 0 ~ in-plane 
strength of a 95/5 uniweave thbric, where the debit in strength is associated with fiber crimp instead 
of other artifacts. Additionally. a wider specimen can be tested in this indirect approach, reducing the 
potential for tree edge delamination failures to occur. Nonetheless. tbr preliminary allowables, the 
lower typical value of 1524 MPa was conservatively used to produce the static allowable. 

The ASTM D 3039 uniweave S-N data are shown in Fig. 5a. Failure modes were similar to the sec- 
ond scenario static tests and the slope of the S-N curve was steeper than anticipated when reflected 
against 0 ~ carbolgepoxy prepreg data [4]. 

For the braid material, the specimen width was also a consideration due to the coarseness of the 
plain weave yarns. Initial tests were performed on 25.4 man wide, tab-less coupons. Later tests were 
performed on 38.l-ram-wide coupons, similar to Refs 11 and 12. The parameters for the failure cri- 
teria and elastic constants were determined by testing 0~ ~ and _+45 ~ coupons and estimating the 
90 ~ properties from micromechanics equations [13]. The panels were prepared from tubes braided at 
+45  ~ and flattened in the mold and resin injected. Braid angles were difficult to control in the mold 
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FIG. 5a--O ~ 95/5 uniweave IM-7, 12K/PR5OO fat igue results, R = 0.1, RTA, Vf = 55%. 
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and later characterization tests used an averaging method to get the -+45 ~ properties by removing 
specimens from panels in both orthogonal directions. With ASTM D 3518 as a guideline, braid elas- 
tic constants were obtained as follows by testing 0~ ~ orientation coupons with extensometers and 
strain gages to get modulus and Poisson's ratio, respectively 

E0~ 9w 
G*_4s~ - 2(1 + /-too 9o0 (3) 

El = 2(Eoo 9o~ - E2.,e,~ (4) 

One can also estimate the effective UTSo from the 00/90 ~ ultimate strength by 

UTSo~ = 2(UTSoo 9o-~ - U T S 9 0 : r h e , ,  15) 

From the -+45 ~ coupons, shear modulus and strength were determined by 

6 + 4 5  ~ 

Goo= G0~-9o' - 2(1 + 1A.=45 ~) (6) 

USS +45. 
USS0* ~ 2 (7) 

The initial tests were performed on an IM-7, 12K, two ends per yarn braid construction, which was 
then replaced by the Production T300J. 6K, three ends per yarn braid. The lower-cost T300J was ac- 
ceptable since the T300J -+45 ~ shear modulus from Eq 3 was equivalent to the IM-7 system. This 
equivalent shear modulus was realized by the fact that the T300 braid yarn aspect ratio afforded a 
lower apparent fiber waviness in the braid which offset the lower fiber modulus of T300 (234 GPa) 
compared with IM-7 (290 GPa). The shem modulus requirement was important to the design to as- 
sure the blade was tree from torsional stall flutter. All the braid tensile results were compared with 
test data on a prepreg system [14], see Fig. 6. Good conelation was noted for T300/PR500 braid re- 
sults when compared with the prepreg results, since the waviness ratio, as defined in Ref 15. was nil 
for this braid system and due to the wider specimens tested. 

The fatigue results are shown in Fig. 5b, for the IM-7 braid material. T300 braid fatigue data were 
produced but not included, since fiber angles were closer to -+40 ~ than to -+45 ~ . To verify the Rule- 
of-Mixtures assumption. ASTM D 3039, 25.4-mm-wide specimens were tested with a 
[_45J02,/_+45t, /02, /+45t,]  layup, where b = IM-7 braid and u = unidirectional prepreg. These 80% 
braid/20% unidirectional hybrid layup results, when normalized according to fiber volume, showed 
Rule-of-Mixtures strength to be 5% less than test value. Fatigue data are included in Fig. 5c, which 
shows a low dispersion in results (Cv = 6.3%). These results confirmed the adequacy of the Rule-of- 
Mixtures approach and the Cv = 10% rule for the preliminary in-plane allowables. 

SpaJ, Out-of-Phme Loading and Bond Joint 

For out-of-plane loading, associated with delamination in the root section of the blade during 
subelement and full-scale fatigue testing, it was necessary to invoke a biaxial interlaminar stress 
criteria for preliminary design allowables. The biaxial nature of stress was due in part to the thick 
composite laminate, the tab end geometry effects and the influence of the hoop and compression 
wrap regions. The tulip-to-spar bond joint adhesive layer was also influenced by these factors and 
a failure criteria was adopted from Ref 16, which is based on an apparent shear strength as a func- 
tion of the normal-shear stress interaction. For compressive or negative normal stresses, the appar- 
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FIG. 6--Tensile strength vs. braid angle. 

ent shear strength is proportionately greater than the shear strength with zero nornml stress and pro- 
portionately less under the influence of tensile or positive normal stresses. This approach was 
adopted for the adhesive, as an equivalent yon Mises shear stress and for the resin between lami- 
nate layers, for the interlaminar shear stresses (z,= or ~-,.:) as a function of the normal/shear stress 
ratio ( r / ~ ) .  

For purpose of producing fatigue as well as static interlaminar shear allowables, a nonstandard 
short beam test coupon was selected for characterization, see Fig. 7a. This configuration was selected 
over ASTM Test Method for Apparent Interlaminar Shear Strength of Parallel Fiber Composites by 
Short Beam Method (D 2344) to mitigate fretting under the load nose, which had an increased radius. 
The span was also increased to accommodate the nose and the width was increased to minimize edge 
effects. An alternating +_45,./0,, layup was used, with c = T300J cloth (7 plies total) and u = uniweave 
(6 plies total). The failure modes were predominately single layer, midplane delaminations, with 
some specimens exhibiting multiple interlaminar thilure. Several R-ratios were tested, with the most 

4. O0 ~ - R 5 . 0 0  

I 

I 3 0 .  O0 - 
4 0 .  O0 

I I 
q- 25. O0 =I 

FIG. 7a--Short beam shear fatigue test configmation. 
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specimens tested at R = 0.1. Figure 8a shows the S-N data. Unlike the in-plane loading tests, the scat- 
ter for short beam fatigue was greater than 10%. The data were plotted on a modified Goodman dia- 
gram to develop a relationship between cyclic and steady stress. The allowables were later calibrated 
with full-scale fatigue test results using finite-element analyses and showed reasonable results for 
predicting delamination initiation lives when comparing the cyclic shear stresses, at a given steady 
stress as a function of the maximum stress Tma]O-- ..... ratio. This calibration of analysis to prelimi- 
nary allowables is used to properly account for the thermal cure steady stress component in the blade. 

The adhesive bond joint was also characterized to produce preliminary allowables. A variety of 
specimens was used in a separate building block approach to evolve both the process and the stress 
analysis. Many of the specimen configurations listed in the ASTM Standard Guide for Use of Adhe- 
sive-Bonded Single Lap-Joint Specimen Test Results (D 4896) were used. This included specimens 
to screen potential adhesives for hot-wet performance and to select candidates based on shear stress- 
strain behavior, as well as for surface preparation optimization, for batch variation, for correlating the 
yon Mises peak stress criteria and finally for static and fatigue preliminary allowables. For static al- 
lowables, the ASTM Test Method for Measuring Strength and Shear Modulus of  Nonrigid Adhesives 
by the Thick Adherend Tensile Lap Specimen (D 3983) was employed with aluminum adherends. 
i.e., the shear stress at the knee of the stress-strain curve was used to determine a static strength al- 
lowable. For fatigue, a more complex single overlap specimen with composite and steel adherends 
was used to fully represent the bonding constituents. A 2-D finite-element analysis was used to de- 
termine stress components in the adhesive and surrounding adherend layers for predicting influence 
of normal stresses. The specimen was designed to promote a failure either within the adhesive layer 
or at the resin bond layer between the prepreg and the spar laminate and not within the spar laminate. 
This was accomplished by the overhanging of the composite as shown in Fig. 7b. Both RTA and hot- 
wet (115 ~ tests were performed. Failure mode for RTA environment was within the resin 
bond interface and for the hot-wet tests, the failure was cohesive in the adhesive layer. The RTA S- 
N results, Fig. 8b, show a fatigue slope similar to that of the SBS fatigue tests, but with scatter less 
than 10%. The slope similarity was important for setting test levels for subelement and full-scale 
testing. 

Subelement and Full-Scale Tests 

A brief summary of test experience is provided to tie together with coupon testing. 

Spar In-Plane Loading 

The spar preliminary design allowables were verified by two types of tests: (1) mean stress, 
and (2) zero mean stress. These types are resonant blade tests with strain gages placed on the 
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Spat-. Out-of-Plane Loading and Bond Joint 

The root area of the blade was structurally evaluated several ways with subelement specimens, 
which represent full-size blades without the airfoil foam and shell, for each of several design con- 
cepts. To address the potential for a propeller overspeed condition, intentionally unbonded subele- 
ments were tested under static axial load. For certification, the samples must sustain a load level of 
twice the centrifugal load plus hot-wet factors for one hour. Tests are then continued to fracture for 
safety margin assessment. This approach evaluates the mechanical entrapment mechanism of the de- 
sign. Failure modes for these tests were influenced by the braid hoop strain capability as the unbonded 
spar slides up the tulip wedge under axial load. Demonstrated strength levels exceeded the coupon 
test expectations in all cases, due in part to absence of edge effects. 

To address the fatigue strength of the blade root, subelements were tested in various ways using 
servo-hydraulic actuators to apply loads. The low- and high-cycle fatigue tests, LCF and HCF, were 

Camber 

SPECIMEN 

FIG. l O--Axial/bending spectrum loading blade test setup. 
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conducted with a combination of axial load, steady bending moment and cyclic bending moment. 
Factors were applied to the loads and cycles to account for material scatter, environmental effects and 
S-N curve shape. The results of the LCF and HCF tests were used to develop A-Basis allowables 
based on bending moment as opposed to strain. The failure mode of each test was verified to assure 
test factors were properly accounted for by the coupon characterization. These subsequent bending 
moment allowables were then interrogated by a series of spectrum load tests, Fig. 10, to assess a dam- 
age accumulation model for the blade root. 

Conclusions 

The ASTM test methods were used extensively but not solely for characterizing the properties re- 
quired for the RTM composite propeller. Alternate specimen configurations were required to produce 
proper failure modes due to material geometry effects and fatigue issues. Development of the pre- 
liminary allowables for an RTM composite propeller blade was minimized at the coupon test level by 
a combination of: ( 1 ) testing more full-size specimens to develop the proper failure mechanism and 
safety margins for the blade, (2) usage of a Three Sigma approach and an average Cv = 10%, (3) us- 
age of the Rule-of-Mixture approach for in-plane allowables, (4) usage of a biaxial failure method- 
ology for spar interlaminar shear and adhesive von Mises shear, and (5) having batch variation tests 
performed as part of material specification requirements. Verification of preliminary allowables 
showed higher strain capabilities for full-scale tests with in-plane failure modes. This was due in part 
to lack of edge effects. For out-of-plane failure modes, predicting failure was more complex due to 
presence of residual cure stresses and other geometric effects. Hence, final allowables were based on 
an equivalent bending moment approach under monotonic loading, which was later verified by spec- 
trum testing. 
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ABSTRACT: An observed stacking sequence effect [11 on pin bearing strength was examined by three- 
dimensional modeling. A displacement spline approximation method was used to perform the stress 
analysis. The laminate and the fastener were assumed to be linear elastic. Processing residual stresses 
were included in the analysis. The contact region and stress were unkno,a n a priori and resulted fiom 
the solution. A nonuniform contact region through the thickness was allowed. Undamaged thermoelas- 
tic moduli were employed in the model. A stacking sequence effect on bearing strength was investigated 
by comparing stress distributions in two quasi-isotropic laminates of [02/902/452/ 452]s and 
102/45,_/902/-452]s stacking sequence. Stress magnitudes were displayed relative to ply strength prop- 
erties. It was observed that all stress components, including the in-plane su'esses, were affected by the 
stacking sequence. In the vicinity of the bearing plane, very high transverse shear stresses were found. 
A qualitative agreement between predicted stress distributions and experimental damage investigation. 
performed in Ref 1, was demonstrated. Using a point stress failure criterion, a prediction of failure on- 
set was performed. The predicted failure initiation load for the [02/90,/452/-45~]~ stacking sequence 
was approximately 40% higher than the predicted failure initiation load for the [02/452/902/-45z]~ 
stacking sequence. 

KEYWORDS: composite, bolted joint, three-dimensional stress analysis, damage initiation prediction, 
stacking sequence effect 

Bolted joining remains a primary joining method  of  load carrying composi te  structural e lements  in 
the m o d e m  aerospace industry. Significant attention in the literature has been given to practically all 
aspects o f  composi te  bolted joining, both in the analysis and experimental  fields as described in a re- 
cent  survey [2]. The need for a composi te  bolted joint  design tool led to deve lopment  of  several com-  
posite bol ted joint  failure predict ion programs,  reviewed by Snyder  et al. [3], and utilized in the in- 
dustry. The c om m on  mechanical  foundat ion for all o f  these tools reviewed is lamination theory 
combined  with average or point  stress failure criterion to predict final strength. A different failure pre- 
diction methodology,  based on fracture mechanics ,  was developed in Refs 4 and 5 and is based on 
pseudo-crack propagation in the radial direction f rom the hole edge. Energy release rates for these 
cracks are obtained by utilizing the rule o f  mixtures and the number  of  plies of  each or ienta t ions- -0 ,  
_+45, and 90---in the laminate. In all o f  the above methods,  the fastener-plate contact  stress is as- 
sumed to vary as a cosine function over  half  the hole c ircumference with an amplitude of  - 4 / ~ -  times 
the nominal  bearing stress. The advantage of  these largely empirical  approaches is that a broad spec-  
t rum of  problems can be solved without significant computer  resources.  The disadvantage is the need 
for an extensive test database that is required for each new material sys tem utilized. To develop new 
tools for composi te  bolted joint  design and strength prediction based on measured ply properties, an 
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in-depth understanding of the bearing failure mechanisms is important. Recent experimental works 
[1,6, 7] dealing with graphite-epoxy laminates provide detailed investigation of the bearing failure 
process and show similar results. The specimens subjected to bearing loading were X-rayed and sec- 
tioned at different load levels lower or equal to the failure load. Microscopic studies of the beating 
plane sections showed that bearing failure consists of a damage accumulation process initiated in the 
interior of the laminate at the hole edge. It consists of 45 ~ transverse shear cracks propagating to the 
outer surfaces from the hole edge. According to Refs 6 and 7 in the case of a pin loaded hole. these 
cracks reach the outer surfaces at approximately a quarter of the laminate thickness away from the 
hole edge, resulting in final failure. In all cases, massive delamination was observed on the interior 
interfaces prior to failure. In the presence of clamping forces [8], the damage mechanism does not 
seem to change. The failure load significantly increases because the final failure does not occur until 
the damage accumulation region reaches the outer washer diameter, provided that the washer can 
carry the increasing plate expansion force. As concluded in Refs I and 6, the bearing failure is a sub- 
stantially three-dimensional process involving delamination and transverse shear: although in the se- 
quel of works [7.8], the authors proposed a two-dimensional bearing strength prediction model, 
which was shown to provide good con'elation with experimentally measured bearing strength. This 
model is based on nonlinear finite-element simulation with gradual property degradation algorithms. 

Lamination theory, however, cannot account for stacking sequence effects on bearing strength. 
Hamada et al. [1] tested four symmetric laminates stacked with sequences of 02, +452, -452, and 902 
ply groups. The material used was T300/2500. The beating strength results obtained in Ref 1 are sum- 
marized in Table 1, and the specimen geometry used throughout this research is shown in Fig. 1. An 
approximately 13% difference was observed for specimens C and N, corresponding to stacking se- 
quences [02/902/452/-452]s and [02/452/902/-452],, respectively. These specimens differ by an ap- 
parently minor alteration in stacking sequence only. The only difference is in exchanging the 90 ~ and 
+45 ~ plies while retaining the position of the 0 ~ plies on the outside and - 4 5  ~ plies at the midsur- 
face. The purpose of the present work is to perform three-dimensional stress analysis to explain the 
effect that such a small change of the stacking sequence can have on laminate pin bearing strength. 
Damage related stress redistribution was not considered in this research. 

A previously developed fully three-dimensional stress analysis procedure [9] was used to examine 
the stress distributions occurring under beating loading. The procedure is based on a cubic spline ap- 
proximation of displacements along with a curvilinear transformation technique also based on the 
spline approximation. Due to the highly nonuniform stress-strain field through the thickness of the 
laminate, the contact zone becomes nonuniform through the thickness. An automated algorithm was 
developed for contact zone definition. Verification of the results of the interlaminar stress prediction 
was accomplished by comparison with the asymptotic solution. 

Problem Definition 

Consider a rectangular orthotropic plate containing a circular hole having a diameter D. as shown 
in Fig. 1. The plate consists of N plies of total thickness H in the z-direction and has a length L in the 
x-direction and width A in the y-direction. A circular isotropic elastic fastener of diameter d is situ- 

TABLE 1--Lrperimental bearing faihu'e stresses obtained from Ref 1. 

Specimen Identification and Stacking Sequence Bearing Stress. MPa 

N--[02/+452/902/-452]., 318 
A--[OJ+452/-452/902]s 333 
B--[-452/02/+452/902], 338 
C--[0J90g+45e/-45zl, 360 
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FIG. l - - S p e c i m e n  g e o m e t l  T. L = 72 ram, A = 3 0  mm,  D = 6 ram, Xc = 12 mm,  Yc = 15 ram, 

a n d  p l y  t h i cknes s  ~0. 25  mm.  

ated at the center  o f  the hole. The  length  o f  the fas tener  in the =-direction is equal  to the plate thick- 

ness  H. We  will cons ider  the bear ing loading case when  the load is applied via d i sp lacement  bound-  

ary condi t ions  at x = L while all other  boundar ies  were kept  free 

ux(L,y,z) = UL, uy(L,y ,z)  = u:(L .y .z )  = 0 

o ~ , . ( O , y , O  = tr,~.(O,y.z) = o ~ = ( O . y , z )  = 0 

(1) 

A cylindrical  coordinate  sys t em is def ined or iginat ing f rom the center  o f  the hole  

x = r cosO + &.,y = r s i n O +  yc,z = z (2) 

where  Xc and 3',. are the coordinates  of  the center  o f  the hole. The  fastener  d i sp lacements  will be de- 

noted as v,.. Vo, and v=. The  in-plane mot ion  o f  the fas tener  is f ixed at two points  located at the center  

o f  the top and  bo t tom fastener  surfaces  z = 0 and z = H, and  the z d i sp lacement  is f ixed at the mid-  

surface.  In cyl indrical  coordinates ,  the boundary  condi t ions  are as fol lows 

v,.(O.O,O) = vdO,  O,O) = 0 

v,(O,O,H) = vo(O,O,H) = 0 (3) 

v~(0,0,H/2) = 0 
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For small deformations, the nonpenetration condition can be simplified as 

u,.(D/2,0,z) - vr(d/2,0.z) + AR >-- 0 (4) 

where AR = D/2-d/2 is the clearance between the hole and the fastener and u,. is the radial displace- 
ment of the composite plate. 

The minimum potential energy principle along with the Lagrangian multiplier method was used to 
solve the problem. Frictionless contact is considered. The first variation of the following functional 
is required to vanish. 

6( IIp + 1Ib + fnf~o.: A(O,z)(u~(D/2,0,z)-  v,.(d/2,0,z) + A R ) d S ) = O  (5) 

The potential energy of the laminate is denoted as fip, and the potential energy of the elastic fastener 
as fib. fl(O,z) is the contact zone on which relationship (4) becomes an equality. The size and loca- 
tion of this zone is unknown initially. Functional (5) suggests a simple interpretation for the La- 
grangian nmltiplier as the value of the radial stress at the contact surface, i.e., ~r,.,."t"(D/,,0,~)o - = 
o@~(d/2,0,z) = A(O,z); (0,z)L [~(O,z). 

In the following sections, the spline approximation of the functions included in Eq 5 will be con- 
structed. 

Spline Approximation 

Curvilinear coordinates p and q5 were introduced to map the plate with a cutout into a region 0 --< 
p <- 1 and 0 --< 4' --< 2 7r. Coordinate lines of this transformation are shown in Fig. l. The transforma- 
tion is built according to [10] so that the coordinate line p = 0 corresponds to the hole edge and p = 
1 to the outer rectangular contour of the plate. The radial lines correspond to 4' = constant. Sets of B- 
type cubic basis spline functions 

R" ~/m+3 (D k+3 f7(s)[ ~/n.,+3 
i tP)~t=t , { t (4 ')}i=[,  tL i  t • f / t = l  (6) 

along each coordinate were built upon subdivisions 0 = Po < PJ < �9 �9 < P m  = 1,0 = 4'o < 4'1 < . . .  

< 4'k = 2 7r, and z'" ~ = z0 < Z l < �9 �9 �9 < z,, = z c~ so that the sth ply occupies a region z ~'- ~ -- z <-- 
z (~) and n, is the number of sublayers in each ply. The subdivision of the p coordinate is essentially 
nonuniform. The interval size increases in geometric progression beginning at the hole edge. The re- 
gion 0 <-- p <-- Ph in which the curvilinear transformation is quasi-cylindrical is subdivided into mo in- 
tervals, so that Pt, = P,no. The numbers of intervals of subdivision m, k, and ii, in each direction along 
with the mesh nonuniformity characteristics, such as m0 and the consecutive interval ratio, determine 
the accuracy of the solution and the size of the problem. 

The detailed solution procedure, including determination of the contact region, has been described 
in Ref 9. 

Failure Criteria 

Bearing failure can be manifested by a combined effect of all individual failure modes: tensile fiber 
breakage, micro-buckling, delamination, matrix cracking, and compression/shear cracking. As a non- 
catastrophic failure mode [6], it can only be adequately described by taking into account the stress 
redistribution resulting from damage initiation and growth. As a result of the three-dimensional 
nature of the stress field in the bearing contact region, the modeling of  bearing failure represents a 
challenging task. It has been accomplished so far in simplified two-dimensional models [7,8] that 
neglect delamination and stacking sequence effects. In the present work, a three-dimensional stress 
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analysis was performed instead to evaluate the magnitude of the interlaminar stress components and 
the effect of stacking sequence on bearing strength. No effect of stress redistribution due to damage 
was considered. 

To put the stress values in perspective, they were compared to the respective ultimate strength. Six 
dimensionless functions si, i = 1 . . . . .  6. were introduced such that 

f O'li 

SSI = I~ i l  I ' 

(x~.' 

0"11 > 0  

o"11 < 0  

fO'22 fO'33 
i| YT' 0"22 > 0 J YT' 

$2 : 0-22 $3 : 0-33 

0-33>0 

G ~ 3 < 0  

(7) 

(8) 

0"23 O-13 
s4 = ~ -  s5 = -g-- s6 = (9) 

The stress components o-ij, i. j = 1,2,3 are in ply material coordinates and the xFaxis coincides with 
the fiber direction. Parameters Xr and X, are the tension and compression strength of the unidirec- 
tional laminate in the fiber direction, Yr and Yc are the tension and compression strength in the trans- 
verse direction, and S is the in-plane shear strength. The in-plane shear strength is also used for scal- 
ing the interlaminar shear stress components. 

Bearing loading generates a three-dimensional state of stress in the vicinity of the hole edge. Com- 
parison of the stress components to the respective ultimate material direction strengths neglects mode 
interaction. In the present work, the use of interactive failure criteria, such as Tsai-Wu [11] or Hashin 
[12], has been avoided because of a lack of experimental evidence supporting the reliability of 
strength prediction by these criteria in a three-dilnensional state of stress as well as under stress gra- 
dients. All stress components in the present paper will be examined separately by using Eqs 7 to 9. 

Three-dimensional ply level analysis performed in the present paper results in stress singularities 
at the ply interface and the hole edge intersections. In order to predict the onset of failure, a point 
stress criterion was applied. Failure initiation was predicted when one of the functions s,, i = 1 . . . . .  

6 has an absolute value greater than one at a distance of a ply-group (two plies) thickness away from 
the hole edge. The choice of a one-ply-group thickness characteristic distance was influenced by Kim 
and Soni [13] who used a one-ply thickness characteristic distance with an average stress failure cri- 
teria for prediction of delamination onset. 

Numerical Results and Discussion 

A schematic of the bearing specimen is shown in Fig. 1. To perform the three-dimensional stress 
analysis and to apply the failure criteria, a full set of thermoelastic and strength characteristics is 
needed. Because of a lack of sufficient data on the material tested in Ref 1, a similar T300/5250 ma- 
terial was used for the analysis. The stiffness and strength parameters for T30015250 are given in 
Table 2. The estimated temperature difference between the room temperature and the cure tempera- 
ture, required for residual stress calculation, was - 100~ Bearing load was applied through the dis- 
placement boundary conditions (1). The applied bearing stress was calculated as 

o'8 = ~ - ~  G,:(L,y,z)dydz (lo) 
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FIG. 3--Stacking sequence effect on the interlaminar stress components at the bearing plane for 
both specintens. 
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men C, the failed cross section is significantly less expanded in the transverse direction, with delam- 
ination clearly visible, but with much less opening. It must be noted that the correlation outlined 
above is qualitative because the stress state obtained under the assumption of a virgin specimen is not 
valid at the advanced stages of damage. 

The X-rays of the two failed specimens, obtained from Ref 1, show different patterns of 0 ~ ply 
splits. The failure load was O'B = 318 MPa and o'B = 360 MPa for specimen N and specimen C, re- 
spectively. The functions s2 and s6 were analyzed at these load levels in the 0 ~ ply in both specimens 
near the interface with the underlying ply. The observed matrix cracking can be produced both by the 
in-plane transverse tensile stress component and the in-plane shear stress component. Figure 4 dis- 
plays superimposed gray-scale plots of the functions s~ and s6. Only two si value intervals, si < 1 and 
si > 1, are shown for each function. The white area corresponds to s, < 1. The light gray corresponds 
to s6 > 1, the dark gray to s2 > 1, and the medium gray designates the area where both si > 1. Fig- 

FIG. 4--Comparison of s,_ and s6 for 0 ~ plies #7 both specimens at their respective faih~re loads. 
The straight solid lines represent the most clearly distinguishable O~ ply cracks obtained from X-rays 
published in Ref 1. 
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ure 4 also displays the schematics of the matrix cracks in the 0 ~ plies. The 5' are distributed in a rela- 
tively symmetrical manner in laminate C and in a distinctly nonsymmetrical pattern in laminate N. 
These crack distributions agree well with distributions of the combined fields of s2 > 1 and s6 > 1 in 
each laminate displayed in Fig. 4. It is worth noting that the application of Hashin's  [12] matrix crack- 
ing criteria, which combines the shear, transverse normal, and interlaminar normal stress compo- 
nents, also provides good agreement with the 0 ~ ply splitting patterns in the two specimens. 

Failure initiation prediction was performed by examining criteria 7 to 9 at one ply-group thickness 
away fl'om the hole edge. The two specimens appeared to have the same initial damage mode-- ten-  
sile matrix cracking in the 0 ~ and 90 ~ plies. Figure 5 shows the s2 distribution in these plies at the load 

FIG. 5--1nitial damage prediction for both specimens (function s2. The dashed lines represent a 
radius equal to the hole radius plus one ply-group thickness. 
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levels when the s2 > 1 region reached the dashed contour, which is a double ply thickness (one ply- 
group) away from the hole edge. This occurred in the 0 ~ ply at 80 MPa and in the 90 ~ ply at 96 MPa 
in specimen N and in the 0 ~ ply at 128 MPa and in the 90 ~ ply at ! 12 MPa in specimen C. In the 0 ~ 
ply, this region is in the vicinity of the bearing plane: and in the 90 ~ ply, there are two regions at op- 
posite sides of the hole. Interestingly, the cracking of 0 ~ and 90 ~ plies is predicted in reverse order for 
the two laminates. The tensile transverse stress component is the dominating stress component at 
these locations. 

Conclusions 

1. Three-dimensional stress analysis in quasi-isotropic laminates under bearing loading was per- 
formed to explain the effect of stacking sequence on the pin bearing strength observed in Ref 1 by 
calculating accurate stress fields in undamaged plies. 

2. A significant effect of stacking sequence was observed on the transverse normal in-plane 
stress component and predicted failure initiation loads. The specimen with the lower bearing strength 
exhibited lower damage initiation loads and a larger critical transverse normal tensile stress ratio area 
in plies with the same orientation. The 0 ~ ply cracking patterns observed in experiments agree with 
superimposed in-plane shear and transverse normal stress maps. 

3. Transverse shear and normal stresses were analyzed at the bearing plane of the specimens. A 
larger area of critical transverse shear stress ratio was found in the specimen with lower bearing 
strength. The transverse normal stress at the bearing plane of the weaker specimen had large areas of 
significant tensile valnes correlating with massive thickness expansion and delamination under bear- 
ing loading. The stronger specimen had smaller areas of significant tensile transverse normal stresses 
through the thickness of the bearing plane, which is consistent with the smaller thickness expansion 
and mostly compression shear failure pattern observed. 
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ABSTRACT: An approach based on damage tolerance is proposed for the design of bolted composite 
joints. The approach requires knowledge of failure processes and damage accumulation in composites 
under physical loading. Based on experimental observation, a progressive damage model was devel- 
oped for predicting the accumulated damage and failure modes in composite joints. In order to utilize 
the model for design, a computer code, 3DBOLT, has been developed. The code is based on the pro- 
gressive damage model, and it interfaces with the commercial finite-element code ABAQUS to perform 
calculations of three-dimensional stresses, strains, and deformations of the joints for a given load. For 
a given joint configuration, ply orientation, and loading condition, the code can predict the response of 
the joint from the initial loading to final failure, estimate accumulated damage in the joint as a function 
of applied load. and predict the joint deformations. 

In order to verify the proposed damage model, the data obtained from the experiments were compared 
with the predictions from the 3DBOLT/ABAQUS code. Based on the code, a parametric study was per- 
formed to characterize several important factors that can significantly influence the design of bolted 
composite joints. 

KEYWORDS: Bolted composite joint, damage tolerance, progressive damage model, 3DBOLT 

Joining by mechanical fasteners is a common technology for assembling structural components in 
aircraft. Since the integrity of mechanically fastened joints can directly affect the performance and 
safety of structural components, knowing the failure load and the response of bolted joints is critical 
for structural design. Optimal design of joints improves not only structural integrity and performance, 
but more important, it considerably minimizes the weight of the structures and, hence, can increase 
the load-carrying capability. Because of the complex failure modes of composite materials, the me- 
chanical joining of structures made of composite materials demands much more rigorous design 
knowledge and techniques than those currently available to the traditional methodology for metallic 
joints. 

Extensive analyses and experiments have been performed on bolted composite joints to evaluate 
the effect of material properties and ply orientation as well as layup on the joint response and failure 
[1-23]. There are three basic failure modes in composite joints: net-tension, shear-out, and bearing. 
Net-tension failure is associated with fiber and matrix tension failures, due to stress concentrations. 
However, shear-out and beating failures result primarily from the shear and compression failures of 
fiber and matrix. The first two failure types tend to fail catastrophically. The bearing failure is more 
progressive and may not result in a total reduction of the load-can'ying capability of the joints. A com- 
bination of any of the three modes may also occur in practice. 

The properties and configuration of the bolts as well as the clamping effects, such as clamping area 
and initial clamping force, have been shown to significantly affect the response and strength of bolted 
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composite joints [24-39]. For the best performance, the initial clamping force recommended by man- 
ufacturers can be quite different tbr different types of bolts. Undoubtedly, the lateral constraining ef- 
fect on a bolted composite joint is a 3-D problem. However, most of the existing analyses are based 
on a 2-D plane stress analysis, which cannot consider such effects. Very few studies characterizing 
these effects are found in the literature [27,28,34-39]. 

Three-dimensional stress analyses based on pin joints have been studied to model the through-the- 
thickness effect [40-49]. Investigations combining 3-D stress analyses and progressive damage mod- 
els to predict the strength of mechanically fastened composite joints are not found in the literature. 

The objective of this study is to develop a computational tool for analyzing the bolted composite 
joints by providing joint response, joint strength, failure mode, and damage progression. 

Problem Statement 

Consider a bolted joint made of laminated composites. The desire was to develop a computer 
code to determine the effects of lateral clanaping force, washer size. loading condition, and joint 
configuration on the strength of bolted composite joints. The code shall provide the following in- 
formation: 

(1) Failure load of the joint. 
(2) Failure mode of the joint. 
(3) Joint response up to final failure. 
(4) Effect of lateral clamping force on the response and failure of the joint. 
(5) Effect of joint configuration on the response and failure of the joint. 
(6) Effect of material and ply orientation on the response and failure of the joint. 
(7) Damage accumulated in the joint as a function of load. 

Methodology 

Both experiments and analyses were conducted in order to achieve the objectives. Appropriate ex- 
periments were performed to characterize the failure mechanisms and failure modes for various joint 
configurations, loading conditions, and ply orientations. The details of the experiments can be found 
in Chang et al. [73]. Based on the experimental results, a computational method based on the pro- 
gressive damage analysis was developed to predict the failure response and strength of bolted com- 
posite joints. 

The computational method is implemented by the integration of the progressive damage analysis 
and the commercial finite-element code ABAQUS. The progressive damage model was originally de- 
veloped by Chang and his associates [57-59] and was extended to three dimensions for analyzing 
bolted composite joints. The model is composed of two major parts: 

(1) Constitutive modeling--A 3-D constitutive relationship was used on the ply level to calcu- 
late the laminate stiffness. 

(2) Damage estimator--Failure criteria were selected to predict the damage accumulation in 
composites as a function of the applied load. 

In order to facilitate the use of the proposed model with the ABAQUS code, an interface module 
3DBOLT was developed. The module provides a user-friendly input deck, automatically generates a 
joint mesh, produces outputs and graphics for displaying the stresses, strains, and deformations of the 
joints, and predicts the failure progression in joints during loading. Detailed development of the pro- 
gressive damage model and 3DBOLT code was previously given [72,73]. This paper only briefly 
summarizes the model development. 
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Prediction of Accumulated Damage 

Accumulated Damage Prediction 

A set of damage accunmlation criteria for predicting damage accumulated in bolted composite 
joints was proposed by Hung and Chang [59]. Six failure modes were considered in the present study: 
matrix tension, fiber-matrix shearing, fiber tension, matrix compression, fiber-matrix compression, 
and fiber compression. Two-dimensional in-plane stresses were selected to predict damage and the 
corresponding failure mode: 

(1) Matrix Tension ~Y~(d~)] + S - ~  >-1, o ' 2 > 0  

(2) Fiber-Matrix Shearing [o1~ 2 + ( 06 ~ kx , )  ks~6)j >-1, 0"~>0, 0"2+0"3>0 

{0",/-~ 
(3) Fiber Tension \ ~ - }  -- 1, 0"l >- 0 

(4) Matrix Compression [0"2] 2 [ 0-6 ~2 +ks(6)}  >_l, 0-2<0 kvcl  

(5) Fiber-Matrix Compression [o-t)  2 [ o'6 ]2 kx,. ) + ks(4~) ] >- l, 0"~ < o 

(6) Fiber Compression [0"1] 2 > 1, 0"1 < 0 
\ x , ]  - 

where 0"~ and 0-2 are the in-plane normal stresses parallel and normal to the fiber direction of the ply 
under consideration, respectively, o'3 is the out-of-plane normal stress of the ply, and o6 is the in- 
plane shear stress of the ply. The corresponding on-axis coordinate system for a ply is shown in Fig. 
1. X, and Xc are the tensile and compressive strengths of the ply along the fiber direction, respectively. 
Yr(ch), Yc, and S(~b) are the transverse tensile strength, transverse compressive strength, and shear 
strength of the ply, respectively. Since compression does not create matrix cracks, except under shear 
loads, the transverse compressive strength, Yc, is not a flmction of the matrix crack density ~b. 

It's important to point out that both Y,(~b) and S(~b) are not constants and may vary from ply to ply 
in the laminate and depend on the crack density. Both Y,(~b) and S(~b) could be determined based on 
the assumption of conservation of energy through fracture mechanics [57]. The expression of effec- 
tive ply strengths Y~(~b) and S(~b) can be found in Ref 58. 

Based on the experimental observation [73], the test results showed that the lateral compressive 
load could suppress the fiber-matrix splitting. Accordingly, it was postulated that the occurrence of 
fiber-matrix shearing would only occur when 0-2 + 0-3 > 0. 

z 

FIG. l--On-axis coordinate system used in damage analysis for composite material. 
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For a given stress state, if the ply stresses satisfy any one of the criteria, the mode of failure and the 
state of accumulated damage are predicted on a ply-by-ply level. Consequently, the criterion can be 
used to monitor the damage progression in lanfinated composites if the corresponding constitutive 
equations for a ply are developed. 

Consti tut ive Model ing  

Once the damage and the corresponding failure mode are predicted, the resulting residual proper- 
ties of the damaged material have to be determined in order to model the full response of bolted com- 
posite joints. Based on the degradation model developed by Shahid and Hung [58,59], a 3-D material 
degradation model was adopted here. 

Matr ix  Ten s i o n - -U n der  in-plane tensile and shear loads, matrix cracks are progressively generated 
in laminated composites [52-56], which degrades laminate properties. Based on the theory of elas- 
ticity and the concept of continuum damage mechanics, Shahid and Chang [57,58] derived the effec- 
tive constitutive relationships that relate the stiffness of each lamina in a symmetric laminate as a 
function of the matrix crack density in its ply. These relationships can be extended to the 3-D on-axis 
coordinate system of the ply as follows 

{0-} = [C(~b)] {e} (1) 

or 

0-1] F Cl I (IJ)) Cl2((~)dmt C13(~) 0 0 0 
02 ]Czl(6)d.,, C22(49)d,m C23(q ~) 0 0 0 
0"3 = [ C31(~b) C32(~) C33(6) 0 0 0 
0" 4 | 0 0 0 C44({~) 0 0 
~5 [ 0 0 0 0 0 C55(6) 0 
0" 6 0 0 0 0 C66 (~b) 

::] 
2 3/ 
2e5 ] 
286 J 

(2) 

where [C0;b)] is the effective degraded stiffness related to the matrix cracks. 
When the matrix tension has occurred, the stiffness matrix is degraded as follows 

Cll((/) Ct2(qb)dmt Cl 3((/1) 0 0 i ] 
C21(ch)d .... C22(qb)dmt C23((/)) 0 0 

C3l(~) C32(~) C33((] 2) 0 0 
[c(4,)] = o o o c44(6) o 

0 0 0 0 C55(6) 
0 0 0 0 0 C66((J~)A 

where d,,,t is the matrix cracking failure degradation factor, and is defined as follows 

(3) 

d,,. = 1 when e2 < e ~ 

dmt = 0 when e2 ----- e ~ 

where e ~ is defined as the ply transverse tension failure strain corresponding to the saturated crack 
density 6O of a unidirectional ply in the laminate under consideration and is given by 

~ _  I',(60) 
E22 
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where Y,(~bo) is the ply transverse tensile strength at saturated crack density and E22 is the ply trans- 
verse Young" s modulus. & is the matrix crack density in the ply. 

Fiber-Matrix Shearing--For fiber-matrix shearing, the degraded on-axis ply stiffness matrix orig- 
inally proposed by Hung and Chang [35,59] was adopted in the 3-D stiffness matrix as follows 

[ Q ~ ]  = 

"Cll(~p)df, p C12(q~) Cl3(~) 0 0 i ] 
C2ff&) Ce2(4') C23(&) 0 0 
C31 ((/) ) C32((~) C33(41) 0 0 

O 0 0 C44 ((~/~) 0 
0 0 0 0 css(ch)dr, 
0 0 0 0 0 C66(4~)dfsJ 

(4) 

where d/~- dfw are the fiber-matrix shearing failure degradation factors, dj,:~ is defined as lbllows 

d tk = 1 when Yl2 < T~ 

dt~ = 0 when YJ 2 -- 7~ 

where ~]2 is defined as the ply shear failure strain corresponding to the saturated crack density q% of 
a unidirectional ply in the laminate under consideration and is given by 

S(4'o) 7~ 

where S(~bo) is the ply shear strength at saturated crack density, G~ is the ply shear modulus, and @ 
is defined as follows 

@ = l/n 

where n is the number of plies in the ply group under consideration, dr:v, is used to describe the degra- 
dation of ply stiffness in the fiber direction due to the fiber-matrix splitting failure mode in the lami- 
nate. Based on the experimental observation [73], it was postulated that the reduction of fiber stiff- 
ness due to fiber-matrix splitting failure is inversely proportional to the thickness of the ply group 
under consideration. 

Fiber Breakage--For fiber breakage, the degraded on-axis ply stiffness has the following form 
[581 

[c(4,)] = 

"Cll(~)df Cl2(~))df Cl3(qb)d,f 0 0 i ] 
C21(&)df C22(49)df C23(dp)df 0 0 
C31(q~)df C32(~))df C33(q~)df 0 0 

0 0 0 C44(0)d s 0 
0 0 0 0 C55(,b)d~ 
0 0 0 0 0 C66 ( dp)dfJ 

(5) 

where df is defined as follows 

d r =  1 when A f < 6 2  

de. = 0 when A,f --> fi 2 
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where Af is the accumulated fiber breakage area over which the stress is either equal to or higher than 
the fiber longitudinal strength Xt of the composite and 6 is the criteria fiber interaction zone which is 
defined as an effective length of a fiber break on the surrounding fibers [60]. 

Matrix Compression--For matrix compression, the degraded on-axis ply stiffness takes the fol- 

[c (4) ) ]  = 

lowing form [59] 

ell C2 mccl3 ~ ~ i l  C21d ..... C22d,,,c C23 0 0 
C31 C32 C33 0 0 
0 0 0 C44 0 
0 0 0 0 C55(4)) 
0 0 0 0 0 C66(4))J 

where d,,,c is the matrix compression failure degradation factor, and is defined as follows 

(6) 

d,nc = 1 when s 2 < e ~  

d,,,c = 0 when e2~e~ 

where e~ is defined as the ply transverse compression failure and is given by 

Yc 
e ~ -  

E22 

where Yc is the ply transverse compressive strength and E22 is the ply transverse Young's modulus. 
Note that because compression creates no crack in the matrix except under shear loads, the material 
properties, except for the shear modulus, are not functions of the crack density 4). 

Fiber-Matrix Compression--For fiber-matrix compression, the degraded on-axis ply stiffness has 
the following expression 

CI1 C12 C13 0 0 i ] 
IC2l C22 C23 0 0 

[C(4))] = / C31 C32 C33 0 0 
[ !  0 0 C 4 4  0 (7) 

0 0 0 C55(4))df~c 
0 0 0 0 C66(4))dfmcJ 

where d,~.c is the fiber-matrix compression factor, and is defined as follows 

df.,c = 1 when Yl2 < ~12 

df,,,c = 0 when Y~2 -> ~2  

where ~2 is defined as the ply shear failure strain corresponding to the saturated crack density 4)0 of 
a unidirectional ply in the laminate under consideration and is given by 

S ( ~ )  

where S(4)o) is the ply shear strength at saturated crack density and G.~. is the ply shear modulus. 
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Fiber Compression---For fiber compression, the degraded on-axis ply stiffness can be expressed 
as follows 

[ C . d t ~  C,2dic C~drr o o i 1 C21dt~. C22dfc C23dt~ 0 0 
[C(~b)]= C31dfc C32dfc C33dtz. 0 0 (8) 

[ i  ~ ~ 
0 0 0 C55(dp)d 4. 
0 0 0 0 C66(ff))dfc] 

where ds~ is the fiber compression factor, and is defined as follows 

djz. = 1 when el < s ~  

dfc = 0 when et -> e~ 

where e] is defined as the ultimate longitudinal compression strain and is given by 

xc 
e~ - Ell 

where Xc is the longitudinal compression strength of composite and Eu  is the longitudinal Young's 
modulus. 

Notation: 

o-2 /~=~/ ~ j~2q 
o-~ =1~33 / ~3 =/~3~/ 
o-~ /o-~! ~ / ~ /  

L:: J 
Three-Dimensional Bearing Effect 

For bearing failure, experiments demonstrated that bearing damage was limited to a region under- 
neath the bolt-hole contact area. Failure of bolted joints in a bearing mode results from the formation 
of shear cracks [35] associated with fiber compression failure in the bolted region. 

It was observed that shear cracks greatly reduce the stiffness of composite materials in the area 
where bearing damage takes place, and are associated with fiber compression failure. Along the paths 
of the shear cracks, extensive fiber kinking takes place. Therefore, the fiber compression failure mode 
helps trigger the through-the-thickness shear cracks and results in significant stiffness loss in the dam- 
aged material. 

However, the joint strength could be improved significantly by adding lateral supports, such as 
washers and side plates, to a bolted joint. Lateral supports offer constraints on the damaged material 
when the bearing damage occurs. 

Hypothesis for Damaged Material Under Lateral Constraint--The reason why lateral clamping is 
so critical to the joint strength is the volume conserving behavior of the damaged material residing in 
the bearing area. Although the material has been damaged and has lost most of its stiffness under 
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compressive load, it is still constrained by the surrounding intact material and by the lateral support 
offered by the clamping and is thus capable of enduring considerable compressive stresses. 

For composite material in the bolted region that failed in the fiber compression modes, it was as- 
sumed that the damaged material became incompressible due to the lateral clamping constraints. The 
incompressible condition assumed that the change of a unit volume due to compression from one 
strain state to another is zero, i.e. 

n+lv -- ng = AV = 0 i9) 

and 

..kI/ 
e , , -  nV -- E1 + e2 + 83 (10) 

Equation 10 can also be written as follows 

I ell 
e22] 

e33 l e , ,=. l  1 1 0 0 0 e23 (11) 

~313 
el2 

e,, is the volumetric strain of composite material. 
For an incompressible material, the change of volumetric strain e,, is zero. This means that the ma- 

terial is not allowed to expand or shrink but is pemfitted to change its shape as long as its volume re- 
mains a constant. 

hnposing Volumetric Constraint by Penalt3' Method--In order to model the volume conserving be- 
havior of the bearing-damaged material under consideration, a 3-D penalty formulation [69] was in- 
corporated in the current finite-element analysis. 

Consider a motion of a continuum body that deforms from the known current configuration "V to 
the state of the next configuration "+~V due to the applied external loads. Following the method of 
the updated Lagrangian formulation [67], a variational form based on total potential energy of the 
body can be approximately written as [72] 

f ~, n+l o ; z t l  f ;z ~n+ t 11 = 'V n('ijM neklon ei jd ' lr  q- 'v  ortj o,, Tlijd"l: 

( . . . . . .  1 f, n+l'~.~n+l t i f f  F q -  ),%. O'(i On eij tint-' - -  - t~n " 

(12) 

where ,,Ciikl is the tangent moduli of the material at current configuration "V. "+~e 0 is the incremen- 
tal strain tensor associated with infinitesimal displacements "+~ and ,r/0 is the rotational strain tensor 
associated with finite deformation at step n + 1. "+~Ts is the surface traction at current configuration 
"V. "o-,j is the Cauchy stress tensor in the current configuration "V. 

By adding the constraining equation, Eq 10, the total potential energy Eq 12 associated with volu- 
metric c o n s t r a i n t / / c a n  be written as follows 

H + t~ f ,+1 en+l f, n+J, n+l , ,,evo,, e,,d"v II + fl = = m j  ne/j nll~ n ~kl(~ 1J 
V V 

(13) 

The quantity fl is a "'penalty number" required for solving the constrained equations. 
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Complete Damage Model with A&tition of Volumetric Constraint--When bearing damage is pre- 
dicted by the fiber compression criterion and the accumulated damage area is under lateral supports. 
by washers, side plates, etc., the volume conserving mode comes into play. By having the volume of 
the damaged material preserved under lateral supports, the mechanically fastened joints are able to 
carry higher bearing loads and thus achieve better performance. 

As shown in Fig. 2, the volumetric constraint for bearing-damaged composite materials, once de- 
veloped, was added to the existing progressive damage model described earlier to complete the ma- 
terial modeling in the failure analysis of composite bolted joints. Once a damage mode is predicted 
by failure criteria, the material properties are updated accordingly. If fiber compression happens and 
the damaged material is under constraint, the volume conserving technique is imposed upon the dam- 
aged material. 

N u m e r i c a l  P r e d i c t i o n  

Finite-element analysis was adopted to analyze the failure of bolted composite joints including 
open-hole and filled-hole laminates, double lap bolted joints, and single-lap bolted joints. The c o m -  

Stress Analysis -'~ 
J *  3D stress analysis 

J " * Contact 
I * Calculate defbrmation & 
L stress 

f 
Damage Prediction 

*Matrix cracking 
.Fiber-matrix shearing 

I Volumetric 1 *Fiber breakage 
Conservation mode .Matrix compression 

*Fiber-matrix compression 
*Fiber compression 

Update properties 
*Degraded ply stiffness 
eEffective ply strength 

J 

1 
I Joint strength 1 

*Failure load 
*Type of failure 
*Clamping force 
*Etc. 

] 
I Increase loads 

or displacement 

T 
No damage 

FIG. 2--Flow chart of progressive damage attalysis. 
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mercial finite-element package ABAQUS was chosen to complete the task. The 3-D solid eight-node 
brick layered element [72] was utilized to avoid the lengthy computation process of modeling each 
ply with a single element through the laminate thickness. The package uses internal contact elements 
[71] developed to handle the contact between: (i) metal (washers, side plates) and composite, (ii) 
metal bolt and composite, (iii) composite and composite, and (iv) metal bolt and metal plates. Fric- 
tion between these joint parts was also considered in the predictions [72]. 

The proposed progressive damage model was implemented in a computer code 3DBOLT to inter- 
face with ABAQUS/Standard [70]. During the calculations, ABAQUS passes information regarding 
strains distribution to the user's subroutine. The constitutive model in the user's subroutine then cal- 
culates the stress distribution based on the progressive damage analysis. The accumulated damage 
criteria estimates the state and extent of damage with given stresses. The constitutive model then de- 
grades material properties according to the damage modes. Finally, the stresses are passed back to the 
finite-element solver in ABAQUS for the next load increment. Figure 3 shows the analysis scheme. 

Two sequential steps were performed in the computer predictions of the bolted joint tests. In the 
first step, the metal bolt was prestrained in order to generate internal axial tension stress to simulate 
the clamping condition. This was necessary because as a bolt is tightened, it is essentially under ten- 
sion while the washers and side plates are under out-of-plane compression. An artificial coefficient 
of axial thermal expansion in the bolt, a~3, was used to accomplish the task. The axial thermal strain 

r /333 in the bolt induced by the temperature change can be obtained as follows 

T a r A T  (14) 
/ ~ 3 3  ~ . _  

where AT is the temperature change in the bolt and should be negative in order to model the lateral 
clamping. 

In the subsequent step, an incremental displacement was applied on the edge of the composite plate 
to simulate the loading condition. 

The geometries of the composite plates for net-tension and bolt-bearing predictions are shown in 
Fig. 4. Figure 5 shows some typical 3-D meshes of different configurations of bolted joints used in 
the calculations to simulate the joint tests. For open-hole and filled-hole laminates, and double-lap 
bolted joint, only a quarter of the specimen was simulated due to symmetry. For single-lap bolted 
joint, a half of the specimen was simulated. In all cases, one element layer was used through half the 
thickness of the multi-directional laminate plates. The load cell mounted on the side of the fixture was 
also carefully simulated in some configurations. 

I Preprocessing 1 
Mesh, Loading 

Material Properties 

,F 
I Commercial Finite Element Package l 

(ABAQUS) 

"-A 
Progressive Damage Modeling Failure 
(User's Material Subroutine)I I DamagL~ Displacement" l 

FIG. 3--1nteraction of user's material subroutine with ABAQUS. 
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FIG. 4~Geometries of composite plate for net-tension and bolt-bearing prediction. 

Verification and Comparison 

In order to verify the proposed damage model, the data obtained from the experiments were com- 
pared with the predictions from the 3DBOLT/ABAQUS code. This paper summarizes only the com- 
parison for the open-hole and filled-hole laminates, the metal-composite-metal(M/C/M) double-lap 
joints and the composite-composite (C/C) single-lap joints. Using the code, the damage progression 
and failure modes in composites during loading could also be generated, in addition to the load-de- 
formation curve and the clamping force history. The visualization of damage progression and a com- 
plete joint response from the predictions could significantly assist engineers to optimally design 
bolted composite joints. The material properties used in the simulations for T800/3900-2 
graphite/epoxy unidireclional prepreg tapes are listed in Table 1. 

Open-Hole and Filled-Hole Laminates 

Using the model, numerical predictions of tensile strengths of open-hole and filled-hole laminates 
were generated for T800/3900-2. Typical comparisons for the open-hole and filled-hole laminates be- 
tween test data and numerical predictions are shown in Fig. 6 through Fig. 8. Figures 6 and 7 show 
the effect of washer size on the tensile strength of filled-hole laminates. Figure 8 shows the effect of 
clamping force on the tensile strength of filled-hole laminates. Test results were denoted as circles, 
and the predictions were represented by solid lines in the figures. 

Overall, the results of the predictions showed that for the laminates (Group 1) which are not prone 
to fiber-matrix splitting and delamination, the model predictions agreed well with the data. 

Figure 9 shows the X-radiograph of a tested open-hole laminate [(0/+_45/90)2]L, and its predicted 
image of accumulated damage. The predicted damage pattern resembled the X-radiograph well. The 
major dominated failure modes that were predicted were fiber breakage and matrix cracking. 

However, for those laminates which are prone to fiber-matrix splitting and delamination, the pre- 
dictions were not as accurate. The model could underestimate the notched strength by as much as 
20% for some of the open-hole cases. However, the predictions became quite good for the loading 
conditions at which the strengths of the laminates were reduced by the lateral clamping force. Figure 
10 shows the X-radiograph of a tested open-hole [(45/0/0-45/0/0/901010/90)1~ laminate and its pre- 
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FIG. 5--Finite element meshes for (a) open-hole laminate, (b) filled-hole laminate, (c) double-lap 
joint, (d) single-lap joint with one bolt, and (e) single-lap joint with two-bolts. 



TABLE 1 Material properties used in numerical simulation for T800/3900-2 graphite/epo.D" prepreg tapes. 

Material Properties Symbol (units) Value 

Longitudinal Young's modulus Eu  (Msi/ 23.2 
Transverse Young's modulus Ez2 (Msi) 1.30 
Transverse Young's modulus E23 (Msi) 1.30 
Poisson's ratio v~: 0.28 
Poisson's ratio vl3 0.28 
Poisson's ratio v23 0.36 
In-plane shear modulus GI2 IMsi) 0.90 
Out-of-plane shear modulus G t 3 (Msi) 0.90 
Out-of-plane shear modulus G2~ (Msi) 0.50 
Shear nonlinearity o! 11664 
Longitudinal tensile strength Xr (ksi) 412 
Longitudinal compressive strength X~ ~ksi) 225 
Transverse compressive strength Y, (ksi) 24 
Ply thickness h (in.) 0.00645 
Mode I fracture toughness G~c (in.-lb/in.2) 0.86 
Mode II fracture toughness Gnc (in.-lb/in. 2) 2.7 
Fiber imeractionzone a (in.) 0.055 

t Msi 6.9 • 109 Pa 
2 k s i = 6 . 9 •  106Pa 

in. = 25.4 mm 
i in..lb/in.2 = 17.89 m-kghn 2 

FIG. 6---Effect of washer size on tensile strength of  filled-hole laminates for Group I. 

255 
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FIG. 7--Effect of washer size on tensile strength ofifilled-hole laminates for Group 2. 

dicted image of accumulated damage by the code. It is worth noting that extensive fiber-matrix shear- 
ing and matrix cracking failures were predicted by the code before final failure as compared to the 
corresponding X-radiograph. Note that no delamination analysis was included in the model. It is be- 
lieved that the localized fiber-matrix splitting failure around the hole could considerably reduce the 
stress concentration and, consequently, enhance the load-carrying capability of  the laminates. Unfor- 
tunately, the proposed model, which was based on a continuum mechanics approach could not take 
into account the stress reductions due to localized cracking such as fiber-matrix splitting. A refined 
model or fracture model would be needed to address such a local phenomenon. 



FIG. 8--Effect of  clamping force on tensile strength of  filled-hole laminates. 

FIG. 9 X-radiograph (left) and the predicted image of damage in the first 0 ~ ply (right) for 
[(0/+45/90)2L open-hole laminates, D = 0.25 #t. (0.635 cm), W / D  = 4. 

257 
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FIG. tO--X-radiograph (left) and the pre~ficted image of  damage bz the third 0 ~ ply (right) fo r  
[(45/0/0/-45/0/0/90/0/0/90)z], open-hole laminates, D = 0.25 in. (0.635 cm), W/D = 4. 

As shown in Fig. 8, the clamp-up load can improve or reduce the notch strength of laminates, de- 
pending upon the failure modes and damage progression in the laminates. Based on the prediction, it 
was found that friction was the primary factor contributing to the increase in failure loads for those 
laminates which are not prone to fiber-matrix splitting. However, the tensile strength could be re- 
duced, by adding clamp-up, to suppress the fiber-matrix splitting mode for those filled-hole laminates 
that are prone to delamination and fiber-matrix splitting. 

Metal-Composite-Metal Double-Lap Joint 

The comparison of load-deformation response between test data and numerical predictions for 
M/C/M double-lap joints under a fully clamped condition (no washers) is shown in Fig. 11. The cir- 
cles indicate test data and the solid line represents the numerical prediction. No significant load drop 
was found. For the cross-ply laminate, the load reached a plateau after excessive deformation. How- 
ever, the load continued gradually to increase for the [(0/+_45/90)3]s laminate. The calculated clamp- 
ing force history as a function of applied load for both joints is also presented in Fig. 12. The pre- 
dicted clamping force agreed very well with test data. 

Figure 13 shows the comparisons of failure load between test data and predictions for double-lap 
joints with different washer sizes. The failure load was determined by the first occurrence of either a 
significant load-drop or offset value at 8% of bolt diameter. 

Composite-Composite Single-Lap Joint 

Figure 14 shows the comparison of the load-deformation curves between the predictions and test 
data. The circles indicate test data. The solid line represents the numerical prediction where the bolt 
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FIG. 11--Comparisons of load-displacement curves for the [(0/90)6]s and [(0/+_45/90)3]s com- 

posite double-lap joints under fidly clamped condition (no washers). 

was considered to be elastic, and the dashed line represents the prediction, which considered the bolt 
to have an elastic-plastic behavior. The reason for consideration of the plastic deformation for bolts 
was because permanent bolt bending was found from some experiments upon unloading the single- 
lap joints. The constitutive equation of the elastic-plastic bolt was modeled based on the yon Mises 
yield surface model and the isotropic hardening rules [74]. 

The prediction that considered plastic deformation of the bolt showed much better agreement with 
the experimental data than the simulation that considered only elastic deformation for the bolt. Fig- 
ure 15 shows the comparisons of failure load between test data and predictions for single-lap joints 
with different initial clamping loads. The failure load was determined by the offset value at 8% of bolt 
diameter. 

Parametric Study 

Based on the 3DBOLT/ABAQUS code, a parametric study was performed to characterize several 
important factors that can significantly influence the design of bolted composite joints. The results 



260 COMPOSITE STRUCTURES: THEORY AND PRACTICE 

az 

o 

o 

m., 

< 

12000 

9000 

6OO0 

3000. 

0 

2000 

9000- 

6000- 

3000- 

T800/3900-2 
[ ( 0 / 9 0 ) 6 ] s  

D=0.25 inches 
W/D=8, E/D=6 
Fully Clamped 

[(0/+45/903]~ 

o o 

i 

0 Test data 

Simulation 

J 

~ 0 0 0  

0 

J 
o 

0 I 

o , oo soo doo doo 2000 

Clamping Force (lbs) 

FIG. 12--CompaHsons of applied load-clamping force cun,es during the course of loading in the 
[(0/90)6]s and [(0/+45/90)3]~ composite double-lap joints, fully clamped, the initial clamping force 
f~ = 800 Ib (363 kg). 

generated by the parametric study are utilized to show the typical procedures used to design bolted 
composite joints. This paper summarizes only the effect of clamping force, clamped area, joint ge- 
ometry, and joint configuration on the failure load and response of bolted composite joints. Addi- 
tional parametric study and procedures for design of bolted composite joints can be found in a previ- 
ous study [72]. 

The material system used for this parametric study was T800H/3900-2 graphite/epoxy. The failure 
load was determined by the first occurrence of either a significant load-drop or offset value at 8% of 
bolt diameter. 

Effect of the Clamping 

As shown in the previous sections, lateral clamping can affect the strength of bolted composite 
joints. Both the clamped area and the clamping force were evaluated to determine the degree of  their 
influence on the strength of bolted joints. 
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Effect of Size of  Clamped Area--Figure 16 shows the effect of washer size on the strength of 
M/C/M double-lap joints. The joint geometry was D = 0.25 in.. W/D = 8, E/D = 6. The width of the 
joints was particularly selected to ensure that failure would occur in a pure bearing mode. Clearly, as 
the washer diameter-to-hole diameter (Dw/D) ratio was greater than or equal to 3, the joint strength 
reached a plateau for both the finger-tight and the 363 kg (800 lb) clamping force conditions. The 
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"'finger-tight" condition was equivalent to a 23 kg (50 lb) clamping force. The results strongly sug- 
gest that a minimum value of Ow/D greater than 3 shall be recommended for bolted composite joints 
which may fail in a bearing mode. 

As demonstrated in the previous sections, clamping can reduce the notch strength of filled-hole 
laminates under uniaxial tensile load. The filled-hole tension condition is normally referred to as the 
100% bypass condition in bolted joint tests, while the bolted joint  test that has been pertormed in the 
parametric study is typically referred to as the 0% bypass condition. Since bolted joints (at 0% by- 
pass) could also fail in a tension mode similar to that of filled-hole laminates ( 100% bypass), the de- 
sire was to determine if the strength reduction in filled-hole lanfinates due to the clamp-up would also 
appear in bolted joints which fail in a tension mode. 

Accordingly, numerical predictions were performed for both filled-hole laminates and bolted joints 
as shown in Fig. 17. The width of the joints was particularly selected to ensure the joints would fail 
in a tension mode. The geometry of both the double-lap joint and filled-hole laminate was D = 0.25 
in., W/D = 2.5. Tension failure was the failure mode in both the double-lap joint and the filled-hole 
laminate. 

The results of the study clearly showed that unlike filled-hole laminates, bolted joints (0% bypass l 
continue to benefit from the clamp-up in a tension mode, although filled-hole laminates produced 
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higher failure loads than bolted joints. At a Dw/D ratio greater than 3, the joint strength reached a 
plateau. Overall, it is recommended that a Dw/D ratio greater than or equal to 3 be used for bolted 
joint design. 

Effect of the Initial Clamping Force--The effects of the initial clamping force were predicted for 
both [(0/• double-lap joints and [(0/-+45/90)2], single-lap joints. The geometry of both dou- 
ble-lap and single-lap joints was D = 0.25 in., W/D = 8, E/D = 6. In the predictions of double-lap 
joints, no washers were inserted between the metal side plates and the center composite plate. Vari- 
ous levels of initial clamping force were applied. The "'finger-tight" condition was equivalent to a 23 
kg (50 lb) clamping force again. Based on experiments [75], a value of 0.13 was selected as the co- 
efficient of friction between the composite and steel plates while a value of 0.36 was selected as the 
coefficient of friction between composite plates. 

Figures 18 and 19 show the effect of the initial clamping force on the failure load of double-lap and 
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single-lap bolted composite joints, respectively. The failure load of the double-lap pin joint without 
lateral supports was also plotted for comparison. Clearly, the study showed that the initial clamping 
force had little effect on the failure load as long as at least a "finger-tight" initial clamping force was 
applied. 

Effect of  Joint GeometJ3' 

Effect of Panel Width--In order to study the effect of joint width W on the strength of composite 
joints, a large edge-distance (E) was selected to avoid any effect from edge-distance. A fixed EID 
value equal to 6 was chosen in these simulations. Bolt diameter was selected to be 0.25 in. Figure 20 
shows the effect of width on the strength of double-lap and single-lap joints. The bearing strength of 
double-lap and single-lap joints is defined as the failure load divided by the diameter of the hole and 
thickness of the plate. It's clearly evident that for both double-lap and single-lap joints, the failure 
load increased rapidly as width increased and reached a plateau as the width-to-hole diameter ratio 
W/D was greater than or equal to 4. When the width-to-hole diameter ratio W/D is less than or equal 
to 2.5, net-tension is the dominant and final failure mode for both double-lap and single-lap joints. 

Figure 21 shows the predicted damage modes in 0-degree plies and the calculated load-displace- 
ment curve for a [(0/-+45/90)2]s single-lap bolted joint, where the width-to-hole diameter ratio W/D 
was equal to 2.5. In Fig. 21, due to bending effects, more damage accumulated in the third 0-deg ply 
group than the second 0-degree ply group in the single-lap bolted joint. 

Figure 22 shows the progression of damage inside composites and the load-displacement curve for 
a [(0/+45/90)3], double-lap bolted joint, where the width-to-hole diameter ratio W/D was equal to 3. 
It is interesting to point out that, as shown in Fig. 22. bearing damage was the initial dominating fail- 
ure [node in the bolted area, but the net-tension failure mode apparently accumulated faster than the 
beating mode as the load increased. Finally, the joint failed in the net-tension mode. 

Effect of  Edge Distance--Simulations of the effect of edge distance on strength for double-lap and 
single-lap bolted composite joints are shown in Fig. 23. A fixed width-to-hole diameter ratio W/D = 

250 

200 - 

150 - 

= 100 - 

50-  

0 16 

T800/3900-2 
[(0/+45/90)3]s 

Double-lap 

/ 

Single-lap 

,' D=0.25 inches, E/D=6 
No washers 
CF: 800 lbs 

I I I 

4 8 12 

W/D 

FIG. 20--Simulations for effect of  width on strength of  double-lap and single-lap bolted compos- 
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8 was chosen in the simulations. For an E/D value greater than or equal to 2, the edge distance has no 
effect on the failure load/strength of bolted joints. 

Effect of Number of Holes 

The load-displacement responses for [(0/-+45/90)2]s single-lap joints with two bolts in series were 
also generated using the code. The results of the calculations were compared with the joints contain- 
ing only a single hole but the same geometric dimension. Two joint widths (W/D = 8 and W/D = 2.5) 
were selected in the calculations. The selection of W/D = 8 was to ensure that the joints would fail 
in a bearing mode, while W/D = 2.5 was to make the joints fail in a tension mode. 

As shown in Fig. 24, when the width-to-hole diameter ratio W/D was equal to 8, the failure load of 
the single-lap joint with two bolts was almost twice that of the single-lap joint with one bolt. Bearing 
was the failure mode for both joint configurations. However, when the width-to-hole diameter ratio 
W/D was equal to 2.5, the failure load of the single-lap joint with two bolts in series was almost the 
same as that of the single-lap joint  with one bolt. Net tension was the failure mode for these joint 
types. Apparently, the failure mode strongly affects how the load is transferred from one bolt to an- 
other once damage starts to accumulate inside the joints. 

C o n c l u s i o n  

A computer code 3DBOLT/ABAQUS has been developed for predicting the failure response and 
the strength of bolted composite joints. The constitutive model implemented in the code includes a 
progressive damage analysis for the damaged material and a volume conserving technique that ac- 
counts for the incompressible behavior of damaged material due to bearing failure inside the bolted 
joints. To verify the model and computer code 3DBOLT/ABAQUS, experimental data were com- 
pared with predictions from the code. Good agreement was found between the test data and numeri- 
cal predictions. The code could be used for characterizing the response of the laminates for the fol-  
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lowing configurations: (i) open-hole tension, (ii) filled-hole tension, (iii) double-lap joints with and 
without lateral clamp-up loads, and (iv) single-lap joints with and without lateral clamp-up loads. 
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ABSTRACT: Open hole compression (OHC) design criteria often size the thicknesses of composite 
aircraft skin structures. Therefore, there can be a significant payoff in improving OHC allowables 
through better characterization of OHC strength and behavior. This study, using progressive damage 
analysis and empirical methods, provides new insight into OHC strength and failure behavior. 

OHC failure behavior was modeled using PDHOLEC, a progressive damage, 2-D finite-element 
code. Ultimate strength predictions were combined into carpet plots over a wide range of layups in three 
graphite composite material systems. A detailed evaluation of PDHOLEC progressive failure output re- 
suited in the identification of several distinct predicted failure mechanisms. Predicted failure mecha- 
nisms and ultimate strengths are compared with OHC test data. 

Two distinct failure mechanisms for OHC configurations were identified based on the PDHOLEC 
failure study and strength trend studies of test data: a 0 ~ ply kinking/buckling failure mechanism and a 
matrix cracking mechanism. The PDHOLEC predictions and test data were grouped by the identified 
failure mechanisms. Then curve fit equations were generated to characterize the ultimate strength be- 
havior for each failure mechanism. 

KEYWORDS:  composites, stress concentrations, compression, progressive damage, finite-element 
analysis, notches, open hole, strength, failure mechanisms 

Nomenclature 

(a/b/c) 

A M L  

Layup  descr ipt ion m e t h o d  for (0~ ~ laminates  where:  

a = percentage  o f  0 ~ plies 

b = percentage  o f  _+45 ~ plies 

c = percentage  o f  90 ~ plies 

e.g., (62/29/9) is a layup with 62% 0 ~ plies,  29% _+45 ~ plies, and  9% 90 ~ plies 

Ang le  Minus  Loaded-p ly  layup descr ipt ion method ,  

A M L  = % +-45 ~ plies - % 0 ~ plies 

e.g., A M L  = - 3 3  for (62/29/9) 

Technical Terms 

A l l o w a b l e s - - S t r e n g t h  or strain va lues  used  for des ign  

Carpet p lo t - - -Lamina te  s t rengths  plot ted as a failure surface  over  a range o f  l ayups  

O H C - - O p e n  Hole C o m p r e s s i o n  

1 President and vice president, respectively, NSE Composites Stress Services, Seattle, WA 98103. 
2 Principal engineer, Research Structures, Bell Helicopter Textron, Fort Worth, TX 76101. 
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e]U--Ultimate compression strain for unnotched coupon with all 0 ~ plies 
= Ultimate load/(coupon width • nominal thickness • uniaxial lamina modulus) 

eohc--OHC ultimate strain for coupon with centrally located open hole 
= ultimate load/(coupon width • nominal thickness X laminate axial modulus) 

NDI--Nondestructive inspection 
Quasi - isot ropie--A laminate with an equal number of fibers in at least three directions, the most 

common example having 25% of the plies in each of the 0 ~ +45 ~ - 4 5  ~ and 90 ~ directions 
R T A - - R o o m  Temperature/Ambient moisture test environment 
Soft layups or laminates--Layups with a low percentage of 0 ~ plies 

Open hole compression (OHC) design criteria are often used for composite structures in aircraft as a 
simple method to account for free edge effects, repair, and damage. As a result, a significant amount of 
skin thicknesses as well as bolted joint areas of composite skin structures in aircraft are often sized using 
OHC allowables. Improvements in OHC allowables may result in substantial weight savings in new com- 
posite aircraft designs, and may result in increased allowable damage or increased life in existing designs. 

Currently. OHC strength allowables are generated either from notched stress field analyses with 
characteristic dimensions which are determined from tests [1], or by curve-fitting data from large test 
programs [2.3]. These methods may result in design allowables for certain conditions that are exces- 
sively conservative. Therefore, point design tests are often conducted in addition to the allowables 
testing, to either verify or improve the design strength allowables for critical locations. The testing 
and verification for OHC allowables by these methods is time consuming and expensive. By im- 
proving the understanding of OHC strength behavior, a significant payoff in both time and cost may 
be realized in the development of composites design allowables. 

In this study, a parallel empirical/analytical approach with an emphasis on failure mechanisms was 
used to gain improved understanding of OHC strength behavior and to provide a strong basis for the 
validation of an analytical tool. OHC strength behavior was characterized by an approach where test 
data and progressive damage finite-element modeling results were separated by critical failure mech- 
anisms. This approach is based on the premise that there are various mechanisms for failure in com- 
posites and that the strength behavior within each distinct failure mechanism should be consistent. 
Therefore, the strength behavior should be independently characterized for each distinct failure 
mechanism. For example, the strength behavior of a composite coupon with a 0 ~ ply buckling domi- 
nated failure mechanism will be different from the strength behavior of a similar coupon with a 4-_45~ 
ply matrix shear dominated failure mechanism, since the failure strengths will be sensitive to differ- 
ent composite and coupon parameters. 

The OHC test data and analytical results both showed net section failure modes for all layups: how- 
ever, in this approach, the results were further assessed to identity distinct critical ply-level failure 
mechanisms. Several techniques were used to identify the failure mechanisms, as discussed later. Us- 
ing these techniques, the test data were grouped by critical failure mechanisms, then each mechanism 
was evaluated for its strength behavior. The analytical results were grouped and evaluated similarly, 
then compared to the test results. When good correlation was obtained, the strength behavior was char- 
acterized by curve fitting an equation to the test data and/or the analytical results. This curve fit was 
called the "characteristic equation'" for the failure mechanism. Characteristic equations can be used di- 
rectly to generate OHC design strength allowables and/or to validate OHC strength analysis models. 

Test data and progressive damage finite-element analysis results were reviewed for Hexcel 
IM6/3501-6 graphite/epoxy [2], Hexcel 1M7/8552 graphite/toughened epoxy [4], and Toray 
T800H/3900-2 graphite/toughened epoxy [4] tape material systems at room temperature ambient 
and/or 180~ environments. The selected progressive damage finite-element analysis code, 
PDHOLEC [5], is a free-standing code that was developed exclusively for open hole compression. A 
progressive damage analysis model was chosen since it is desirable to track noncritical damage in or- 
der to accurately predict ultimate compression failure. PDHOLEC had not been through a compre- 
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hensive validation prior to this study. In this study, several techniques were used to evaluate the ac- 
curacy of PDHOLEC predicted strength as well as predicted failure mechanisms. 

The tasks and techniques performed for this study of OHC behavior using the empirical/analytical 
separation by failure mechanisms approach are outlined below: 

�9 Identify empirical strength behavior and failure mechanisms by studying ultimate strength 
trends in test data. 

�9 Identify PDHOLEC predicted strength behavior and predicted failure mechanisms by study- 
ing: 

--sensitivity studies of progressive damage analysis input parameters, 
--predicted element damage progressions, and 
--predicted first ply failures. 

�9 Evaluate PDHOLEC analysis method through: 
---comparison of predicted load/deflection plots with load/deflection plots from tests. 
--comparison of ultimate strength predictions with test data, 
--comparison of predicted trends with test data trends, and 

�9 Quantify OHC strength behavior with characteristic equations for distinct failure mechanisms 
with carpet plots. 

Test Data OHC Ultimate Strength Trend Study 

Figure 1 is a plot showing OHC average test strains [2,4] plotted against the AML layup parame- 
ter for 1M6/3501-6, IM7/8552, and T800H/3900-2 tape laminates at room temperature ambient 
(RTA) and 180~ ( -  1.2% moisture content) test environments. All OHC specimens had centrally 
located 0.25 in. (0.635 cm) diameter holes and width/diameter ratios of 6. The Fig. 1 plot shows that 
the OHC ultimate strain behavior for these materials are similar. Most of these tested laminates fell 
within a narrow layup range with 90" plies between 8 and 11%, except for quasi-isotropic. However, 
similar strain behavior has been observed for OHC in other material systems over broader layup 
ranges [6, 7]. Typical OHC behavior Ibr carbon/epoxy laminates can be described as: 

�9 Moderate to stiff laminates (AML < -20) tend have a relatively constant OHC ultimate strain 
behavior. A constant strain behavior would imply a failure mechanism which is dominated by 
the maximum compression strain capability of the 0 ~ fibers. 

�9 Intermediate (-20 < AML < -40) to soft layups (AML > -50) have a trend of increasing ul- 
timate strain with increasing % _+45 ~ plies (increasing AML). A trend of increasing strain with 
increasing _+45 ~ plies would imply a -+45 ~ ply matrix dominated failure mechanism. 

For the studied configurations, the change in failure mode occurs between -0  < AML < -50 de- 
pending upon material system and environment. A study of failed OHC test specimens would aid in 
the identification of the failure mechanism for each test specimen. However, failed specimens corre- 
sponding to the data used in this study were not available. 

PDHOLEC Progressive Damage Models 

PDHOLEC is a progressive damage finite-element code which was developed in 1989 to analyze 
open hole compression in composite materials [5]. PDHOLEC has an automatic mesh generator that 
creates 2-D plate, composite, nonlinear, finite-element models for OHC configurations. The code 
only allows uniaxial compression loading, and does not account for 3-D effects such as delamina- 
tions. PDHOLEC lacks a user-friendly post-processing routine for the progressive damage results, 
which resulted in significant difficulties in evaluating the progressive damage output. For a detailed 
discussion of PDHOLEC see Ref 5. 
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PDHOLEC uses displacement steps in an iterative process to reduce ply properties based on pre- 
dicted damage levels. PDHOLEC uses four-ply failure criteria: fiber kinking, fiber/matrix interface 
shear, matrix compression, and matrix tension. These failure criteria are applied to the element ply 
stresses. When ply failure is predicted in an element, the ply stiffnesses in the element is degraded 
based on the mode of failure predicted by the failure criteria. For example, fiber buckling is assumed 
to be a catastrophic failure mode for an element, so after fiber buckling is predicted in an element, all 
of the ply stiffnesses in that element are degraded to zero. For each displacement increment where 
damage is predicted, the code reformulates the model 's  stiffness matrix with the degraded element 
stiffnesses and applies the same displacement increment until no additional damage is predicted at 
that displacement. Higher displacement increments are then applied in this iterative process until ul- 
timate failure is predicted. PDHOLEC predicts OHC ultimate load when the iterati~,e routines were 
terminated in one of the following four ways: 

�9 10% load drop- -A substantial load drop is the result of a severely degraded stiffness matrix, 
and indicates that additional increments will not result in any higher loads. Lesser predicted 
load drops which do not cause program termination are marked as "possible final failure load" 
in the output file. 

�9 "Failure reached edge"- -PDHOLEC checks the progress of damage across the width of the 
specimen and terminates when elements are failed to the edge. 

�9 Negative Jacobian matrix--The negative Jacobian matrix signifies negative volume in a fail- 
ure check, which indicates buckling [5]. This buckling usually occurs during the onset of ply 
level kinking at the hole edge. 

�9 Nonconvergence--When a load step has an extraordinary number of  iterations tbr its damage 
checks, it is assumed that there will be sustained damage growth progressing until global col- 
lapse is reached. 

Due to the inherent problems with modeling stress concentrations with finite elements, PDHOLEC 
cannot accurately predict initial damage. PDHOLEC was developed to predict ultimate failures and 
assumes that the predicted progressive damage states are not highly dependent on initial damage. 
PDHOLEC analyses have been correlated to fiber, matrix, and interface damage mechanisms ob- 
served from NDI of test specimens of tape laminates. 

As part of the assessment of PDHOLEC' s robustness, sensitivity studies were conducted on many 
PDHOLEC input properties. In these studies, the value of one input parameter was varied, while the 
values for all other parameters were held constant. A few input parameters showed sensitivity prob- 
lems such as inexplicable changes in predicted strength with small changes in input values. Sensitiv- 
ity problems are typical to both progressive damage codes and buckling codes. The investigated pa- 
rameters which appeared to have sensitivity problems were: incremental loading step size, end 
distance, coupon length, fiber volume ratio, and fiber diameter. An effort was made to avoid sensi- 
tive ranges for each of these parameters when appropriate. These parameters can be classified into 
three groups: progressive damage (load step size), finite-element model geometry (end distance and 
coupon length), and buckling (fiber volume ratio and fiber diameter). 

More investigation is needed to resolve PDHOLEC's  buckling-related sensitivity problems. 
PDHOLEC's sensitivity problems which are related to progressive damage and finite-element model 
geometry may be resolved by using a more robust progressive damage formulation and a more robust 
finite-element code, such as PDLAM2D and ABAQUS [8]. PDLAM2D uses PDHOLEC 2-D failure 
criteria for open hole compression analysis configurations, and is a laminated composites progressive 
damage module for the commercial finite-element code ABAQUS. A series of IM6/3501-6 incre- 
mental X-ray, open hole compression tests is being conducted to assess PDLAM2D damage pro- 
gression predictions in a related program [8]. 
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PDHOLEC Element Damage Progression 

Element damage progression plots show the extent of predicted damage in the model. PDHOLEC 
element damage progression outputs were evaluated for several layups in each of the matet'ial sys- 
tems. A post-processing routine is not available for assessing element damage progression. Ttu'ee 
critical failure mechanisms were observed and evaluated. 

0 ~ Ply Kinking~Buckling Faihtre Mechanism 

The PDHOLEC finite-element model illustration with damage progression for a (25/50/25), 
T800H/3900-2, RTA laminate is representative of the critical damage leading to ply kinking/global 
buckling failures (Fig. 2). PDHOLEC predicted similar damage at the side of the hole for all lami- 
nates having the kinking/buckling failure mode in all of the materials studied. For stiff laminates in 
all of the material systems. PDHOLEC also predicted matrix tension damage in 0 ~ plies which initi- 
ated at the hole edge in the elements at the top and bottom of the hole prior to ultimate failure due to 
Poisson's ratio effects and low lamina transverse tension strengths. This 0 ~ ply matrix tension dam- 
age did not spread to meet the damage at the critical failure locations at the side of the hole. 

For each load iteration in which ply failures occur, PDHOLEC reapplies the same load to the model 
until no additional ply failures are predicted in any element. The element damage progressions indi- 
cate that damage initiated at the hole edge with fiber/matrix shear failures (Fig. 2). Prior to kinking, 
fibeffmatrix shear failures generally only occurred within a few elements at the side of the hole near 
the hole edge. After the initiation of kinking, fiber/matrix shear damage continued and became more 
widespread, while kinking continued to progress laterally at the side of the hole. For this failure mech- 
anism, PDHOLEC had negative Jacobian terminations after the kinking reached the sixth element 
away from the hole, indicating an instability condition. 

+45 ~ Ply Matrix Dominated Faihtre Mechanism 

The element damage progression for the (5/86/9) layup IM6/3501-6 damage progression has a dif- 
ferent failure pattern than in the 0 ~ ply kilff3ng/buckling failure mechanisms. Although a graphical out- 
put of this type of failure progression has not been produced, it appears from looking at the damaged el- 
ement locations that the damage for this layup progresses toward the edge at approximately _+45 ~ from 
the hole edge. This pattern was not observed for any of the other layups studied. This pattern indicates 
a _+45 ~ dominated failure mechanism. The failure progression for this configuration is as follows: the 
first damage is fiber/matrix shear and matrix tension in the 0 ~ plies at side of hole, followed by kinking 
(all plies at side of hole). A deflection jump in the load/deflection plot occurs along with kinking, but 
no load drop is predicted. Matrix damage continues to progress (fiber/matrix shear, matrix tension, and 
matrix compression) until fiber/matrix shear failures reach elements at the edge of the coupon. 

0~ ~ Transition Failure Mechanism 

The 1M6/3501-6, (33/56/11) layup shows a slightly different failure progression than either the 0 ~ 
ply kinking/buckling or the +45 ~ dominated failure mechanisms. The progression is very similar to 
0 ~ ply kinking/buckling failures in that ultimate failure is associated with the onset of kinking. How- 
ever, the failure progression leading up to ultimate is different. In this case, the first damage is ma- 
trix tension in the 0 ~ plies at side of hole. This is followed by fiber/matrix shear in the 0 ~ plies at side 
of hole. Ultimate failure was interpreted in this case as a buckling mechanism, where a load drop is 
predicted at the onset of kinking. 

PDHOLEC Ply Failure Progression 

The ply failure progression study is used to evaluate the effectiveness of the ply failure criteria. The 
effects of damage progression on OHC ultimate strain were evaluated by tracking the first occurrence 
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of each of the four possible ply failure mechanisms in each ply direction. This study was conducted 
for IM7/8552 and T800H/3900-2 laminates. Each laminate studied had at least one ply in each of the 
0 ~ +45 ~ - 4 5  ~ and 90 ~ directions, which eliminated layups that had predicted failure modes other 
than 0 ~ ply kinking/buckling. First ply failure loads are plotted on PDHOLEC OHC load/deflection 
plots for selected layups in Fig. 3. 

The IM7/8552 predicted OHC strains for the first failure occun'ences were calculated and plotted 
against AML (Fig. 4). The ply failure progression behavior lbr the T800H/3900-2 laminates is simi- 
lar to the IM7/8552 laminates. PDHOLEC always predicts that 0 ~ plies will experience fibeffmatrix 
shear failures before kinking. This is due to the inclusion of the fiber kinking term in the quadratic 
axial/shear interaction for the fiber/matrix shear failure criteria [5]. PDHOLEC predicts a distinct dif- 
ference between ply failure progression behavior tbr stiffer (low AML) and softer (high AML) lam- 
inates, as seen in Fig. 4 and described below. 

�9 For soft laminates with high AMLs, PDHOLEC predicts a simple ply failure progression, with 
0 ~ ply fiber/matrix shear as the first ply failures~ which occur at about 80% of ultimate failure. 

�9 PDHOLE predicts more progressive failure complexity with decreasing AML (stiffer lami- 
nates). For these laminates, the onset of first ply failures appears to decrease linearly with 
AML. These first ply failures are still generally 0 ~ fiber/matrix shear failures. In addition to 
the first ply failures at lower strains, PDHOLEC predicted more types of damage in stiff lam- 
inates prior to ultimate failure than for the soft laminates. This progressive damage behavior 
for stiff laminates was unexpected. Further study of this predicted phenomenon is recom- 
mended. 

Load/Deflection Study 

Load/stroke plots from OHC tests [2.4] and from PDHOLEC predictions were studied to evaluate 
noncritical damage. Strain gage, extensometer, or fractograph data are preferred over load/stroke 
data: however, OHC allowables specimens are typically not instrumented. Load/stroke data were.the 
only potential indicator of noncritical damage for the evaluated test data. [n the future, the authors 
will conduct additional comparisons between PDHOLEC and incremental X-ray data from an up- 
coming test program. All of the load/deflection plots reviewed from tests and from PDHOLEC were 
close to linear. Slight reductions in slope can be seen in most of the plots after initial damage. Some 
of the PDHOLEC and test plots for very soft laminates were slightly nonlinear throughout loading. 
This is due to the effect of nonlinear matrix shear stress/strain behavior on laminates with a high per- 
centage of -+45 ~ plies. 

OHC load/stroke plots were reviewed for IM6/3501-6 laminates tested at 180~ (82~ with 
the goal of separating the data by failure mechanism. Each different failure mechanism should have 
a distinct behavior that may be reflected in load/deflection plots. Crosshead displacements (stroke) 
may include grip and fixture effects such as slippage, so the plots were evaluated primarily for curve 
shapes, slope changes, and load drops. Some of the curves from testing of stiffer layups are almost 
exactly linear to failure, implying that there was no significant damage prior to catastrophic failure. 
A first ply failure criterion which ignores noncritical damage may be adequate to predict the ultimate 
strength for these types of laminates. However, PDHOLEC predicted more damage prior to ultimate 
failure in these layups. 

Subtle curve shapes were identified that may be used in separating the data by failure mechanism. 
Many of the plots (especially of the softer layups) show slight curvature that may indicate minor 
strain softening. Some layups show a bilinear or subtle piecewise linear behavior with distinct regions 
of slope change, indicating an event which reduces stiffness, for instance a ply failure. A few load/de- 
flection curves had "events" such as load jumps or displacement jumps. These events either indicate 
that there is significant damage prior to ultimate failure, or testing factors such as grip slippage. For 
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laminates with significant noncritical damage, first ply failure criteria are not likely to adequately pre- 
dict ultimate strength. 

OHC load/deflection plots from PDHOLEC were compared to load/crosshead deflection plots 
from V-22 test data (Fig. 4). Load/deflection plots from PDHOLEC output were generated for se- 
lected sets of layups, and ply failure progressions were noted on the plots. PDHOLEC ultimate loads, 
slopes, and ply failures events could then be directly compared to ultimate loads, slopes, slope 
changes, and/or load drop events on the load/deflection curves from actual OHC tests. Figure 4 shows 
curves for (50/42/8) and (5/86/9) layups, which have 0 ~ kinking/buckling and _+45 ~ ply dominated 
failure mechanisms, respectively, based on the results of the separation by failure modes study. 

PDHOLEC Ultimate Strength Predictions versus Test Data 

PDHOLEC predictions were compared to test data for [M6/350 I-6, T800H/3900-2, and IM718552 
tape laminates at room temperature ambient and/or 180~ test conditions. For IM6/3501-6 lam- 
inates, PDHOLEC showed excellent correlation with the test data over the tested laynp range, with 
predicted ultimate strains ranging from 91 to 107% of the test strains (Table 1). PDHOLEC predic- 
tions were compared with test data and three failure mechanisms that were observed in the 
PDHOLEC element damage progression study were identified (Fig. 5). 

PDHOLEC also showed good correlation with test data for IM7/8552 and T800H/3900-2 quasi- 
isotropic laminates and the IM7/8552 (50/42/8) laminates. Since the OHC ultimate strain behavior 
for the 0 ~ buckling mechanism is relatively flat in both test data and PDHOLEC predictions, the cor- 
relation between PDHOLEC predictions to test data for stiff and moderate layups is anticipated to be 
similarly reasonable. However, PDHOLEC did not predict _+45 ~ dominated failure mechanisms in 
the IM7/8552 and T800H/3900-2 material systems, so PDHOLEC significantly underpredicted ulti- 
mate strengths in the softer laminates, especially in the (10/80/10) layups. 

PDHOLEC Trend Study Plots 

PDHOLEC predictions were generated for a series of layups which systematically covered the 
range of (0~176 ~ lalninates. For IM6/3501-6, PDHOLEC runs were conducted lbr the whole 

TABLE I--PDHOLEC predicted vs. wsted open hole compression strains. 

Test Environment 

Material ~ Moisture Layup Predicted/Test OHC Strains 

1 M6/3501-6 180 wet (5/86/9) 91% 
(33/56/l l ) 95% 
(50t42/8) 102~ 
162/29/9) 105% 
(68/23/9) 107% 

T800H/3900-2 70 ambient (10/80/10) 62%* 
(23/67/10) 80% 
(25/50/25) 89% 

T800H/3900-2 180 wet (10/80/10) 62%* 
(25/50/25) 83% 

IM7/8552 RTA ambient (50/42/8) 91% 
(25/50/25) 94% 
(20/67/13) 91% 

IM7/8552 180 wet {50/42/8) 89% 
(25/50/25) 95% 
(20/67/13) 84% 

* PDHOLEC did not correctly predict the -+45 ~ dominated failure mechanism for this laminate. 
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layup range, including extreme laminate such as (0/100/0), (100/0/0). and (0/0/100). For the 
IM7/8552 and T800H/3900-2 study, all of the studied laminates had at least one ply in each direction 
(5%), so PDHOLEC was not evaluated for extreme layups in those material systems. 

Figures 6 and 7 show PDHOLEC predictions plotted against the AML layup parameter. These 
trend study plots were reviewed in terms of failure mechanisms along with PDHOLEC progressive 
failure output. PDHOLEC predicted a 0 ~ ply kinking/global buckling failure mechanism for all of the 
analyzed laminates in the T800H/3900-2 and IM7/8552 material systems and for most of the 
IM6/3501-6 laminates. PDHOI_EC predicted other failure mechanisms for some of the extreme 
IM6/3501-6 laminates. All of these failure mechanisms are described below. 

0 ~ Ply Kinking~Buckling 

For all of the tape laminate systems, a nearly constant strain behavior was readily apparent for the 
majority of the layups. The near constant strain behavior is attributed to the 0 ~ ply kinking/buckling 
critical mechanism described in the Element Damage Progression section. In PDHOLEC, the OHC 
ultimate strain in the ply kinking failure mechanism is a function of two competing and opposing fac- 
tors: the stress concentration effect, and the effect of shear nonlinearity in the matrix. For the ply kink- 
ing/buckling mechanism in all of the material systems, the slightly increasing general trend in strain 
with AML is due to the rate of reduction in stress concentration with reduced laminate axial stiffness. 
Figure 6 shows a drop in OHC strain at AMLs > 60. which has not been observed in test data. Sen- 
sitivity studies indicated that this PDHOLEC predicted drop is a result of the increased effect of the 
shear nonlinearity factor for these laminates. 

For the IM7/8552 and T800H/3900-2 layups studied. 0 ~ kinking/buckling was the only ultimate 
failure mechanism predicted by PDHOLEC. A nearly constant strain behavior is typical in OHC test 
data for moderate to stiff laminates. However, typical OHC test data for aerospace graphite compos- 
ite material systems show significantly higher ultimate strains for soft laminates. Therefore, 
PDHOLEC predicted behavior did not consistently correlate well with test data for soft laminates in 
these material systems. 

Matrix Dominated Failures 

PDHOLEC analyses for IM6/3501-6 laminates predicted high ultimate strains for laminates with 
few 0 ~ plies, which indicates matrix dominated failure mechanisms (Fig. 7). Most of these IM6/3501- 
6 layups with the high ultimate strain matrix dominated failure mechanisms were extreme layups that 
did not contain any 0 ~ plies. Sensitivity studies indicated that the high uhimate strains for layups with 
no 0 ~ plies were a result of two different progressive failure mechanisms, a matrix cracking mecha- 
nism and a -+45 ~ ply dominated mechanism. Sensitivity studies were conducted to determine the ef- 
fect of input parameters on PDHOLEC predicted matrix dominated failures. These sensitivity stud- 
ies were not conclusive in determining PDHOLEC's inconsistency in correctly predicting +_45 ~ ply 
dominated failure mechanisms in soft laminates. The strains for several layups which had very few 
0 ~ plies, were somewhat higher than the relatively constant strains for the 0 ~ ply kinking/buckling 
mechanism. These layups were identified to have an inte~a~aediate 0~ ~ transition mode. 

Matrix Cracking Mechanism--The failure strains were extremely high for these laminates with no 
0 ~ plies. For the majority of these soft layups, the ultimate loads were proportional to transverse com- 
pression strength. Failure in these layups did not appear to be dominated by a single ply group, so 
they were designated as the "Matrix Cracking" failure mechanism. 

+45 ~ Dominated Mechanism--For the remaining soft layups (with very high % 45 ~ plies), load is 
not proportional to transverse compression strength, and therefore, these layups are not transverse 
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