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CHAPTER 7 DAMAGE RESISTANCE, DURABILITY, AND DAMAGE TOLERANCE

7.1 OVERVIEW AND GENERAL GUIDELINES
7.1.1 Principles

Engineered structures must be capable of performing their function throughout a specified lifetime
while meeting safety and economic objectives. These structures are exposed to a series of events that
include loading, environment, and damage threats. These events, either individually or cumulatively, can
cause structural degradation, which, in turn, can affect the ability of the structure to perform its function.

In many instances, uncertainties associated with existing damage as well as economic considerations
necessitate a reliance on inspection and repair programs to ensure the required structural capability is
maintained. The location and/or severity of manufacturing flaws and in-service damage can be difficult to
anticipate for a variety of reasons. Complex loading and/or structural configurations result in secondary
load paths that are not accurately predicted during the design process. Some manufacturing flaws may
not be detectable until the structure is exposed to the service environment. For example, joints with con-
taminated surfaces during bonding may not be detectable until the weak bond further deteriorates in ser-
vice. The numerous variables associated with damage threats (e.g., severity, frequency, and geometry)
are rarely well defined until service data is collected. Moreover, established engineering tools for predict-
ing damage caused by well-defined damage events often do not exist. Economic issues can include both
non-recurring and recurring cost components. The large number of external events, combined with the
interdependence of structural state, structural response, and external event history, can result in prohibi-
tive non-recurring engineering or test costs associated with explicitly validating structural capability under
all anticipated conditions. Moreover, large weight-related recurring costs associated with many applica-
tions rule out the use of overly conservative, but simpler approaches.

The goal in developing an inspection plan is to detect, with an acceptable level of reliability, any dam-
age before it can reduce structural capability below the required level. To accomplish this, inspection
techniques and intervals for each location in the structure must be selected with a good understanding of
damage threats, how quickly damage will grow, the likelihood of detection, and the damage sizes that will
threaten structural safety. To avoid costs associated with excessive repairs, inspection methods should
also quantify structural degradation to support accurate residual strength assessments.

This concept of combining an inspection plan with knowledge of damage threats, damage growth
rates and residual strength is referred to as “damage tolerance”. Specifically, damage tolerance is the
ability of a structure to sustain design loads in the presence of damage caused by fatigue, corrosion, envi-
ronment, accidental events, and other sources until such damage is detected, through inspections or mal-
functions, and repaired.

Durability considerations are typically combined with damage tolerance to meet economic and func-
tionality objectives. Specifically, durability is the ability of a structural application to retain adequate prop-
erties (strength, stiffness, and environmental resistance) throughout its life to the extent that any deterio-
ration can be controlled and repaired, if there is a need, by economically acceptable maintenance prac-
tices. As implied by the two definitions, durability addresses largely economic issues, while damage tol-
erance has a focus on safety concerns. For example, durability often addresses the onset of damage
from the operational environment. Under the principles of damage tolerance design, the small damages
associated with initiation may be difficult to detect, but do not threaten structural integrity.

7.1.2 Composite-related issues

All structural applications should be designed to be damage tolerant and durable. In using composite
materials, a typical design objective is to meet or exceed the design service and reliability objectives of
the same structure made of other materials, without increasing the maintenance burden. The generally
good fatigue resistance and corrosion suppression of composites, help meet such objectives. However,
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the unique characteristics of composite materials also provide some significant challenges in developing
safe, durable structure.

The brittle nature of some polymer resins causes concern about their ability to resist damage and, if
damaged, their ability to carry the required loads until the damage is detected. While the primary con-
cerns in metal structure relate to tension crack growth and corrosion, other damages, such as delamina-
tion and fiber breakage resulting from impact events and environmental degradation are more of a con-
cern in polymer matrix composites. In addition, composites have unique damage sensitivities for com-
pression and shear loading, as well as tension.

In composite structure, the damage caused by an impact event is typically more severe and can be
less visible than in metals. As a result of the increased threat of an immediate degradation in properties,
another property, damage resistance, has been used for composite structures and material evaluation.
Damage resistance is a measure of the relationship between parameters which define an event, or enve-
lope of events (e.g., impacts using a specified impactor and range of impact energies or forces), and the
resulting damage size and type.

Damage resistance and damage tolerance differ in that the former quantifies the damage caused by a
specific damage event, while the latter addresses the ability of the structure to tolerate a specific damage
condition. Damage resistance, like durability, largely addresses economic issues (e.g., how often a par-
ticular component needs repair), while damage tolerance addresses safe operation of a component.

Optimally balancing damage resistance and damage tolerance for a specific composite application
involves considering a humber of technical and economic issues early in the design process. Damage
resistance often competes with damage tolerance during the design process, both at the material and
structural level. In addition, material and fabrication costs, as well as operational costs associated with
inspection, repair, and structural weight, are strongly influenced by the selected material and structural
configuration. For example, toughened-resin material systems typically improve damage resistance rela-
tive to untoughened systems, which results in reduced maintenance costs associated with damage from
low-severity impact events. However, these cost savings compete with the higher per-pound material
costs for the toughened systems. In addition, these materials can also result in lower tensile capability of
the structure with large damages or notches, which might require the addition of material to satisfy struc-
tural capability requirements at Limit Load. This extra material and associated weight results in higher
material and fuel costs, respectively.

7.1.3 General guidelines

There are a large number of factors that influence damage resistance, durability and damage toler-
ance of composite structures. In addition, there are complex interactions between these factors which
can lead to non-intuitive results, and often a change in a factor can improve one of the areas of damage
resistance, durability, or damage tolerance, while degrading the other two. It is important for a developer
of a composite structure to understand these factors and their interactions as appropriate to the struc-
ture's application in order to produce a balanced design that economically meets all of the design criteria.
For these reasons, this chapter contains detailed discussions of influencing factors and design guidelines
in each of the areas of damage resistance, durability, and damage tolerance (Sections 7.5 through 7.8).
The following paragraphs outline some of the areas where significant and important interactions occur.
The intent is to highlight these items that involve areas of several of the following detailed information sec-
tions.

e An important part of a structural development program is to determine the damages that the
structure is capable of carrying at the various required load levels (ultimate, limit, etc.). This in-
formation can be used to develop appropriate maintenance, inspection and real-time monitoring
techniques to ensure safety. The focus of damage tolerance evaluations should be on ensuring
safety in the event of "rogue" and "unanticipated" events, not solely on likely scenarios of dam-
age.
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The damage tolerance approach involves the use of inspection procedures and structural design
concepts to protect safety, rather than the traditional factors of safety used for Ultimate Loads.
The overall damage tolerance database for a structure should include information on residual
strength characteristics, sensitivities to damage growth and environmental degradation, mainte-
nance practices, and in-service usage parameters and damage experiences.

e Fiber and matrix materials, material forms, and fabrication processes are constantly changing. This
requires a strong understanding of the durability and damage tolerance principles, the multitude of
parameter interactions, and an intelligent, creative adaptation of them to achieve durability and safety
goals. Also, new materials and material forms may have significantly different responses than exhib-
ited by previous materials and structures (i.e., "surprises" will occur). Therefore, the information and
guidelines based on previous developments should not be blindly followed.

Focusing strictly on meeting regulatory requirements will not ensure economical maintenance
practices are established. For example, the Ultimate Load requirements for barely visible impact
damage, BVID, in critical locations (see FAR 23.573, AC 20-107A, etc.) result in insufficient data
to define allowable damage limits (ADLS) in higher-margin areas. Similarly, demonstrating com-
pliance for discrete source damage requirements typically involves showing adequate structural
capability with large notches at critical locations. Neither of these requirements ensure safe
maintenance inspection practices are established to find the least detectable, yet most severe de-
fect (i.e., those reducing structural capability to Limit Loads). As a result the supporting data-
bases should not be limited to these conditions. An extensive residual strength database ad-
dressing the full range of damage variables and structural locations is needed to provide insights
on ADLs for use in Structural Repair Manuals. For example, clearly visible damage may be ac-
ceptable (i.e., below the ADLs) away from stiffening elements and in more lightly loaded portions
of the structure. A more extensive characterization of the residual strength curves for each char-
acteristic damage type (impact, holes, etc.) will also help define damage capable of reducing
strength to Limit Load.

Well-defined inspection procedures that (a) quantify damage sufficiently to assess compliance
with Allowable Damage Limits (ADLs) and (b) reliably find damage at the Critical Damage
Threshold (CDT), discussed in Section 7.2.1, will help provide maintenance practices which are
as good or better than those used for metal structure. Clearly defined damage metrics facilitate
guantitative inspection procedures, which can be used to define the structural response of the de-
tected damage.

Currently, most initial inspections of composite structure have involved visual methods. There-
fore, dent depth has evolved as a common damage metric. Development efforts should define
the dent depths that correspond to the threshold of detectability for both general visual (surveil-
lance in Boeing terminology) and detailed visual levels. The influence of dent-depth decay, which
can come from viscoelastic and other material or structural behaviors, must be considered for
maintenance inspection procedures and the selection of damage that will be used to demonstrate
compliance.

Another factor motivating a more complete characterization of damage and structural variables is
that the internal damage state for a specific structural detail is not a unique function of the dent
depth. It is a complex function of the impact variables (i.e., impactor geometry, energy level, an-
gle of incidence, etc.). A range of these variables should be evaluated to understand the rela-
tionship between them and to determine the combinations that result in the largest residual
strength degradation.

Structure certified with an approach that allows for damage growth must have associated in-
service inspection techniques, which are capable of adequately detecting damage before it be-
comes critical. These inspection methods should be demonstrated to be economical before
committing to such a certification approach. In addition, the damage growth must be predictable
such that inspection intervals can be reliably defined.
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7.1.4 Section organization

This chapter of the handbook addresses the multitude of issues associated with the damage resis-
tance, durability, and damage tolerance of composite materials. Discussions are heavily reliant on ex-
perience gained in the aircraft industry, since it represents the area where composites and damage toler-
ant philosophy have been most used. As the associated composite technologies continue to evolve, ad-
ditional applications and service history should lead to future updates with a more complete understand-
ing of: (1) potential damage threats, (2) methods to achieve the desired reliability in a composite design,
and (3) improved design and maintenance practices for damage tolerance.

Section 7.2 focuses on the requirements for military and civilian aviation applications, as well as
methods of compliance. Discussion of the characteristics of various types of composite damage and a
list of possible sources of the damage are given in Section 7.3. Composite damage inspection methods
and their limitations are discussed in Section 7.4. Sections 7.1 through 7.4 are relatively mature in their
content.

Sections 7.5 through 7.8, which comprise the bulk of this section, address the major material and
structural responses: damage resistance, durability, damage growth under cyclic loading, and residual
strength, respectively. Each section includes detailed discussions of: (a) the major factors that affect re-
sponse; (b) design-related issues and guidelines for meeting objectives and requirements; (c) testing
methods and issues; and (d) analytical predictive methods, their use, and their success at predicting ob-
served responses.

At this point in time, not all parts of Sections 7.5 through 7.8 are complete. Section 7.5, Damage Re-
sistance, currently contains information on influencing factors and guidelines; sections on test and analy-
sis methods will be added in the future. Section 7.6, Durability, currently contains only limited information.
Future updates will complete this section. Section 7.7, Damage Growth Under Cyclic Loading, contains
some limited information on the growth of impact damages. Additional parts of this section will be added
in the future. Section 7.8, Residual Strength, contains extensive information on influencing factors, guide-
lines and analysis methods; the section on test methods will be added in the future.

Section 7.9 includes several examples of successful damage-tolerant designs from a number of com-
posite aircraft applications. These examples illustrate how different aspects of damage tolerance come to
the forefront as a function of application.

7.2 AIRCRAFT DAMAGE TOLERANCE

Damage tolerance provides a measure of the structure’s ability to sustain design loads with a level of
damage or defect and be able to perform its operating functions. Consequently, the concern with damage
tolerance is ultimately with the damaged structure having adequate residual strength and stiffness to con-
tinue in service safely until the damage can be detected by scheduled maintenance inspection (or mal-
function) and be repaired or until the life limit is reached. The extent of damage and detectability deter-
mines the required load level to be sustained. Thus, safety is the primary goal of damage tolerance.

Damage tolerance methodologies are most mature in the military and civil aircraft industry. They
were initially developed and used for metallic materials, but have more recently been extended and ap-
plied to composite structure. The damage tolerance philosophy has been included in regulations since
the 1970's. It evolved out of the “Safe Life” and “Fail Safe” approaches (Reference 7.2).

The safe-life approach ensures adequate fatigue life of a structural member by limiting its allowed
operational life. During its application to commercial aircraft in the 1950’s, this approach was found to be
uneconomical in achieving acceptable safety, since a combination of material scatter and inadequate fa-
tigue analyses resulted in the premature retirement of healthy components. The approach is still used
today in such structures as high-strength steel landing gear. Due to the damage sensitivities and rela-
tively flat fatigue curves of composite materials, a safe-life approach is not considered appropriate.
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The fail-safe approach assumes members will fail, but forces the structure to contain multiple load
paths by requiring specific load-carrying capability with assumed failures of one or more structural ele-
ments. This approach achieved acceptable safety levels more economically, and, due to the relative se-
verity of the assumed failures, was generally effective at providing sufficient opportunity for timely detec-
tion of structural damage. Its redundant-load-path approach also effectively addressed accidental dam-
age and corrosion. However, the method does not allow for explicit limits on the maximum risk of struc-
tural failure, and it does not demonstrate that all partial failures with insufficient residual strength are obvi-
ous. Moreover, structural redundancy is not always efficient in addressing fatigue damage, where similar
elements under similar loading would be expected to have similar fatigue-induced damage.

7.2.1 Evolving military and civil aviation requirements

The “duration of damage or defect” factor based on degree of detectability has been the basis for es-
tablishing minimum Air Force damage tolerance residual strengths for composite structures in require-
ments proposed for inclusion in AFGS-87221, “General Specification for Aircraft Structures”. These
strength requirements are identical to those for metal structure having critical defects or damage with a
comparable degree of detectability. Requirements for cyclic loading prior to residual strength testing of
test components are also identical. The non-detectable damage to be assumed includes a surface
scratch, a delamination and impact damage. The impact damage includes both a definition of dent depth,
i.e., detectability, and a maximum energy cutoff. Specifically, the impact damage to be assumed is that
“caused by the impact of a 1.0 inch (25 mm) diameter hemispherical impactor with a 100 ft-lb (136 N-m)
of kinetic energy, or that kinetic energy required to cause a dent 0.10 inch (2.54 mm) deep, whichever is
least.” For relatively thin structure, the detectability, i.e., the 0.1 inch (2.5 mm) depth, requirement pre-
vails. For thicker structure, the maximum assumed impact energy becomes the critical requirement. This
will be illustrated in Section 7.5. The associated load to be assumed is the maximum load expected to
occur in an extrapolated 20 lifetimes. This is a one-time static load requirement. These requirements are
coupled with assumptions that the damage occurs in the most critical location and that the assumed load
is coincident with the worst probable environment.

In developing the requirements, the probability of undetected or undetectable impact damage occur-
ring above the 100 ft-lb (136 N-m) energy level was considered sufficiently remote that when coupled with
other requirements a high level of safety was provided. For the detectability requirement, it is assumed
that having damage greater than 0.10 inch (2.5 mm) in depth will be detected and repaired. Conse-
guently, the load requirement is consistent with those for metal structure with damage of equivalent levels
of detectability. Provisions for multiple impact damage, analogous to the continuing damage considera-
tions for metal structure, and for the lesser susceptibility of interior structure to damage are also included.

In metal structure, a major damage tolerance concern is the growth of damage prior to the time of
detection. Consequently, much development testing for metals has been focused on evaluating crack
growth rates associated with defects and damage, and the time for the defect/damage size to reach re-
sidual strength criticality. Typically, the critical loading mode has been in tension. Crack growth, even at
comparatively low stress amplitudes, may be significant. In general, damage growth rates for metals are
consistent and, after test data has been obtained, can be predicted satisfactorily for many different aircraft
structural configurations. Thus, knowing the expected stress history for the aircraft, inspection intervals
have been defined that confidently ensure crack detection before failure.

By contrast, composites have unique damage sensitivities for both tension and compression loads.
However, the fibers in composite laminates act to inhibit tensile crack growth, which only occurs at rela-
tively high stress levels. Consequently, through the thickness damage growth, which progressively
breaks the fibers in a composite, has generally not been a problem. In studying the effects of debonds,
delaminations or impact damage, the concern becomes compression and shear loads where local insta-
bilities may stimulate growth. Unlike cracks in metal, growth of delaminations or impact damage in com-
posites may not be detected using economical maintenance inspection practices. In many cases, the
degraded performance of composites with impact damage also cannot be predicted satisfactorily. Hence,
there is a greater dependence on testing to evaluate composite residual strength and damage growth
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under cyclic loads. In the absence of predictive tools for growth, design values are typically established
with sufficient margins to ensure that damage growth due to repeated loads will not occur. This method
for avoiding the potential growth of damage in design and certification is known as the "no-growth" ap-
proach. It has been practical for most composite designs, which have proved to be fatigue insensitive at
typical design stress levels.

The damage tolerance design procedures for civil/lcommercial aircraft are expressed more generally
but with equal effectiveness. Civil aviation requirements are addressed in Federal Aviation Regulations
(FAR) 23.573, 25.571, 27.571, 29.571 and Joint Airworthiness Requirements (JAR) 25.571. Advisory Cir-
cular 20-107A and ACJ 25.603 provide means of compliance with the regulations concerning composite
material structure. Advisory Circular AC25.571-1 (rev. B was issued 2/18/97) provides means of compli-
ance with provision of FAR Part 25 dealing with damage tolerance and fatigue life (25.571). Unlike mili-
tary requirements, civillcommercial ones do not recommend any energy level or detectability thresholds.
In fact, they do not assume the inspections will be visual. Relative to impact damage, it is stated in the
FAA guidelines in AC20-107A, Paragraph 6.g. “It should be shown that impact damage that can be realis-
tically expected from manufacturing and service, but not more than the established threshold of detect-
ability for the selected inspection procedure, will not reduce the structural strength below Ultimate Load
capability. This can be shown by analysis supported by test evidence, or by tests at the coupon, element,
or subcomponent level.” This guidance is to ensure that structure with barely detectable impact damage
will still meet ultimate strength requirements. A similar wording to the above has been added to FAR
23.573. In practice, visual inspections are most often used for initial detection. It is important to consider
lighting conditions when determining visibility. Dent depth thresholds are typically used to quantify visibil-
ity, with typical values being 0.01 to 0.02 inches (0.25 to 0.50 mm) for tool-side impacts and 0.05 inches
(2.3 mm) for bag-side impacts.

It is also stated in 7.a(2) of AC 20-107A “The extent of initially detectable damage should be estab-
lished and be consistent with the inspection techniques employed during manufacture and in service.
Flaw/damage growth data should be obtained by repeated load cycling of intrinsic flaws or mechanically
introduced damage.” And, in 7.a.(3) of AC 20-107A, it is stated “The evaluation should demonstrate that
the residual strength of the structure is equal to or greater than the strength required for the specified de-
sign loads (considered as ultimate).” This guidance is to ensure that visible impact damage (VID) will be
detected in a timely manner and will be repaired before strength is reduced below Limit Load capability.
Damage such as runway debris, which may not be immediately obvious, would likely be considered as
VID. The difference in the Air Force specification and the FAA guideline is primarily in the residual
strength value. Also, while the Air Force specification assumes visual inspection, the FAA guideline
leaves the inspection method to be selected. Consequently, since specifications and guidelines differ with
the type of aircraft, the manufacturer must be aware of the differences and apply those guidelines and
specifications appropriate to the situation.

The FAA guidelines for discrete source damage are stated in 8.b of AC 25.571-1A. They state that
“The maximum extent of immediately obvious damage from discrete sources (§ 25.571(e)) should be de-
termined and the remaining structure shown, with an acceptable level of confidence, to have static
strength for the maximum load (considered as Ultimate Load) expected during completion of the flight.” It
is stated in 8.c.(2) of AC 25.571-1A “(2) Following the incident: Seventy percent (70%) limit flight maneu-
ver loads and, separately, 40 percent of the limit gust velocity (vertical or lateral) at the specified speeds,
each combined with the maximum appropriate cabin differential pressure (including the expected external
aerodynamic pressure).” The discrete sources listed in 25.571(e) are as follows: (1) Impact with a 4-
pound bird; (2) Uncontained fan blade impact; (3) Uncontained engine failure; or (4) Uncontained high
energy rotating machinery failure. These high-energy sources are likely to penetrate structures. Damage
from a discrete source that is not immediately obvious must be considered as VID with Limit Load. MIL-
A-83444 has similar requirements for “in-flight” and “ground evident damage”. The design loads for these
two conditions are the maximum loads expected in 100 flights.

The following summarize current aeronautical requirements for composite aircraft structures with
damage:
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1. Structure containing likely damage or defects that are not detectable during manufacturing in-
spections and service inspections must withstand Ultimate Load and not impair operation of the
aircraft for its lifetime (with appropriate factor).

2. Structure containing damage that is detectable during maintenance inspections must withstand a
once per lifetime load, which is applied following repeated service loads occurring during an in-
spection interval (with appropriate factor).

3. All damage that lowers strength below Ultimate Load must be repaired when found.

4. Structure damaged from an in-flight, discrete source that is evident to the crew must withstand
loads that are consistent with continued safe flight.

5. Any damage that is repaired must withstand Ultimate Load.

Static and fatigue tests are usually conducted during design development and validation to show that
composite structures satisfy certification requirements (Reference 7.2.1(a)).

The [inverse] relationship between design load levels and damage severity is shown in Figure
7.2.1(a). As is the case with metal commercial aircraft components, ultimate strength and damage toler-
ance design philosophies are used to help maintain the reliable and safe operation of composite struc-
ture. The load and damage requirements are balanced such that there is an extremely low probability of
failure. Residual strength design requirements for relatively small damage, which are likely to occur in
service, are matched with very high (unlikely) load scenarios (ultimate). The design requirement for more
severe damage states, such as those caused by impact events that have a very low probability of occur-
rence, are evaluated for the upper end of realistic load conditions (limit). The most severe damage states
considered in design are those occurring in flight (e.g., engine burst). The flight crew generally has
knowledge of such events and they limit maneuvers for continued safe flight. Depending on the specific
structure and an associated load case, continued safe flight load requirements may be as high as limit
(e.g., pressure loads for fuselage).

Maintenance technology for composite aircraft structure benefits from a complete assessment of ser-
vice damage threats on structural performance. Unfortunately, the necessary links between composite
design practices and maintenance technology has not received the attention required to gain acceptance
by commercial airlines and other customers. In the past, damages selected to size structure for the de-
sign load conditions shown in Figure 7.2.1(a) have not met all the needs of maintenance. A more com-
plete database is needed to determine the effects of a full range of composite damages on residual
strength. A complete characterization of the residual strength curve (i.e., residual strength versus a
measurable damage metric) can help establish the Allowable Damage Limits (ADL) and Critical Damage
Threshold (CDT) as a function of structural location. Well-defined ADLs can help airlines accurately de-
termine the need for repair. Generous ADLS in areas prone to damage may help minimize maintenance
costs by allowing cosmetic repairs instead of structural repairs that require more equipment and time.

The amount of damage that reduces the residual strength to the regulatory requirements of FAR
25.571 are referred to as the Critical Damage Threshold (CDT). It is desirable to design structure such
that service damage falling between the ADL and CDT limits can be found and characterized using practi-
cal inspection procedures. This goal provides aircraft safety and maintenance benefits. By definition, all
damage of this extent must be repaired when found. Damage approaching the CDT must be found with
extremely high probability using the selected inspection scheme (i.e., it should be reliably detectable with
the specified inspection scheme). A complete description of the critical damage characteristics, as re-
lated to the inspection scheme, is valuable information for maintenance planning activities. As with met-
als, damage tolerant design to relatively large CDTs provides the confidence for safe aircraft operations
with economical inspection intervals and procedures.

The ADL and CDT definitions in Figure 7.2.1(a) both imply zero margins of safety for respective load
cases. These parameters will vary over the surface of the structure as a function of the loads and other
factors driving the design. As such, they have meaning to maintenance and should not be thought of as
the design requirement for ultimate and Limit Loads. Design requirements and objectives are established
for a given application, within general guidelines set by industry experience and the FAA. The design cri-
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teria used to meet these requirements become even more program-specific, depending on available da-
tabases for the selected structural concept.

Sructural durability affects the frequency
and cost of inspection, replacement,
repair, or other maintenance

Sructural damage tolerance ensures
damage will be found by maintenance

EeS(Ijgn Ultimate | practices before becoming a safety threat
oa 1.5 Factor

Level of Safety Discrete source events (e.g.,
Limit engine burst, birdstrike)
can cause severe damage

~ Maximum load but it is known to pilot
per fleet lifetime
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(ADL) (CDT)
-
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FIGURE 7.2.1(a) Design load and damage considerations for durability & damage tolerance.

Figure 7.2.1(b) helps illustrate the requirements for damage subjected to time in service (i.e., re-
peated loads and environmental cycling). For relatively small damages, which likely exist in the structure
and may be undetected by either quality control at the time of manufacturing or service inspection, the
structure should retain static strength for Ultimate Loads over the aircraft's life. When detailed visual in-
spection techniques are used for service, barely visible impact damage (BVID) is usually classified as a
threshold for undetectable damage. If damage is of a size and characteristic that can be detected by se-
lected service inspections (e.g., visible impact damage, VID), then the load requirement drops to Limit
Load. Structure with such damage is only expected to sustain the service environment for a period of
time related to the inspection interval. In the cases of both undetectable and detectable damages, factors
are typically applied in fatigue testing, damage tolerant design and maintenance to account for the vari-
ability in material behavior under repeated loading and the reliability of inspection techniques. In certifica-
tion practice for composite materials, a load enhancement factor is often used to reduce the additional
test cycles needed to account for material variability (References 7.2.1(b) to 7.2.1(d)).
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Design Load

) ® Sdlected manufacturing or service flaws which may
Requirement
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(e.g., BVID, small delaminations, porosity)

B Sdlected rogue manufacturing or
service flaws which likely will be
detected by selected service
inspection (e.g., VID, missing
fasteners, small penetrations,
delaminations)

Damage Size
(Severity)

_-- Maintenance Inspection Interval x Factors
(accounting for design factors of safety, reliability
of inspection methods, material variability)

Designed Service Life x Factors (accounting
- for factors of safety, material variability)

/
Time (repeated loads, environment)

FIGURE 7.2.1(b) Repeated load and residual strength requirements for damaged composites.

Figure 7.2.1(c) illustrates another important aspect of damage tolerance, which is related to rare acci-
dental damage and discrete source impact events that yield relatively large damages. Such damages are
typically treated as obvious or assumed to exist when a discrete source event occurs in service that is
known to the crew. In both cases, there is no repeated load requirement. The requirements for discrete
source damage are defined in aeronautical regulations. There is generally no specific damage size re-
qguirements for obvious damage, but to be classified as such, it must be detectable without directed in-
spection (e.g., large penetrations or part malfunction). Service databases have shown that such damage
does occur and may go undiscovered for a short period of time. As a result, it is good fail-safe design
practice to ensure structure is capable of sustaining Limit Load with obvious damage. The analyses and
test databases used to meet discrete source damage requirements typically characterize the residual
strength curve, which can also be used to meet design criteria for obvious damage. For bonded struc-
ture, there are other requirements to ensure fail safety in the case of large debonds (e.g., FAR 23.573).
Such requirements relate to the unreliability of secondary bonding.

The range of damages shown in Figures 7.2.1(b) and 7.2.1(c) have traditionally provided a basis for
durability and damage tolerance assessments of composite structure. However, complex design details
and secondary load paths can also result in damage initiation and significant growth in composites struc-
tures. Since these details and load paths are difficult to analyze, the resulting damage initiation and
growth are often not identified until large-scale tests of configured structure are conducted. Alternatively,
damage growth must either be arrested by design features or be predictable and stable (e.g., analogous
to metal crack growth). In this case, safety is achieved through damage tolerant design and maintenance
practices similar to those for metal structures.
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Design Load
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FIGURE 7.2.1(c) Residual strength requirements for large damage in composite structure.

7.2.2 Methods of compliance to aviation regulations

There is a notable difference between military and civil aviation methods of compliance. For military
aircraft, the government defines the requirements (Military Specifications) and works with the manufac-
turer to establish the method of compliance. The government is also the customer in this instance. In
civil aviation, the government defines the requirements through regulations (FAR'’s, JAR’s) and accepted
means of compliance through guidance material (Advisory Circulars). Compliance must be demonstrated
to the agency (FAA, JAA). In this instance the government is a neutral, third party.

This difference in ultimate ownership also influences the attitude the different agencies adopt regard-
ing durability. To the extent that durability is an economic issue, it is not generally of concern to civil avia-
tion authorities. It is a concern to military agencies because maintainability expenses affect their cost of
ownership.

The reason why visual inspection methods, rather than a special one (requiring some special tech-
nigues like ultrasonic pulse echo for instance), is preferred by the aircraft manufacturers and operators for
impact damage detection is purely economic. Unlike fatigue cracks in metallic structure that can only be
initiated at restricted and easily identifiable areas (where stress raisers and/or corrosion exist) impact
damage may occur anywhere on large exposed surfaces, raising the cost of an inspection plan covering
the entire surface of the structure.

The use of visual methods for initial damage detection results in a more conservative (i.e., heavier)
design than would the use of more stringent inspection methods, since the damage level required for visi-
bility is more severe. However, the visual approach results in improved damage tolerance capability,
since the structural strength is typically less sensitive to changes in damage severity as damage severity
increases. A majority of the compression strength reduction occurs for energy levels below the detectabil-
ity threshold that will govern static strength requirements. Then, limited extra strength reductions should
be expected for higher energies to be considered for damage tolerance evaluation.
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7.2.2.1 Compliance with static strength requirements (civil aviation)

As far as impact damage is concerned, the AC 20-107A (8 6g) proposes the following means for
complying with the regulations: It should be shown that impact damage that can be realistically expected
from manufacturing and service, but no more than the established threshold of detectability for the
selected inspection procedure, will not reduce the structural strength below Ultimate Load capability.

This sentence explicitly defines energy cut-offs and detection thresholds, which are illustrated in Fig-
ure 7.2.2.1. The first cut-off threshold is the established threshold of detectability for the inspection
method used. The second cut-off threshold is the maximum impact energy that the structure can be ex-
pected to tolerate during manufacturing and in service. These two thresholds are assumed to describe
accidental damage for new structure representative of the minimum quality. Minimum values of these cut-
offs and thresholds need to be established so that there is consistency between the detectable size and
the selected NDT procedure plus consideration of realistic energy levels.

Damage size
(for detectability)
Thin skin area (e.g. sandwich construction for control surfaces)
established threshold of
detectability for the ‘ *
selected inspection N N
procedure - M ) A
N [
=]
Thickness 1 g t2
S t3 e
< t4 Thick skin area
=4 (e.g. solid laminate
o . .
= / construction for wings
|—| t1<t2<t3<..<tn tn and ernpennages)
A
-
A

Energy level
Energy level that can be realistically
expected from manufacturing and service

FIGURE 7.2.2.1 Damage size as a function of impact energy for different laminate thickness.

Establishing the energy cut-off values requires defining the energy level associated with the word re-
alistic. The rectangle in Figure 7.2.2.1 represents the domain in which structure is capable of withstanding
Ultimate Loads, without necessary repairs. This applies to the start of service life, when the aircraft rolls
out of the manufacturer's plant, as well as at the end of lifetime when composite parts are likely to have
accumulated some accidental damage below the detectability thresholds. Damages that are above the
rectangle in Figure 7.2.2.1, are assumed to be detected and repaired with cosmetic or structural solutions
so that the structure's residual capability to withstand Ultimate Loads is preserved or restored, respec-
tively.

The purpose of “damage tolerance” is to address situations with only a limited occurrence; therefore,

a large majority of the aircraft structure should retain Ultimate Load capability during the service life. A
discussion of one method of estimating these realistic energy levels is given in Section 7.3.3.
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7.2.2.2 Compliance with damage tolerance requirements (civil aviation)

Damage tolerance has to address the situation where, due to fatigue, corrosion or accidental occur-
rence, Ultimate Load strength capability may not exist and will have to be restored before the damage
becomes critical. As far as accidental impact is concerned, two situations have to be addressed. The first
case involves those damages that meet static strength requirements (as per 25.305) and that might
evolve during fatigue loading, while still remaining undetectable with the selected inspection procedure.
The second case involves those damages that are outside the coverage illustrated by Figure 7.2.2.1, due
to higher energy levels that will produce:

e More easily detectable damages associated with additional strength reduction for thin gage lami-
nates (detectability threshold situation),
e Additional strength reduction without visual detection capability, in case of energy cut-off (E>Eco).

Obviously, there will be an intermediate situation where damages that were not previously detectable will
become detectable. The damages that have to be addressed in a damage tolerance substantiation are
illustrated in Figure 7.2.2.2(a).

Residual

Astrength No large additional strength
reduction may be expected

Detect. threshold

Residual
A strength Large additional strength
reduction may be expected

A dent size

X(.. e )

Detect. threshold

Energy
x damages addressed for meeting § 25 305 requirements

@ additional damages to be addressed for § 25 571 requirements

FIGURE 7.2.2.2(a) Damages beyond those for Ultimate Load considerations.

Depending on their detectability, different § 25 571 sub-paragraphs will apply:

e For those accidental impacts that will never be detected by the selected (visual) inspection pro-
cedure, meaning those already accounted for in the scope of static strength requirements plus
those with an increased energy, damage tolerance as per 25 571 (b) is impractical. Then, dem-
onstration will have to be made according to sub paragraph 25 571 (c), fatigue (safe-life) evalua-
tion. In fact, due to the presence of initial damage in that fatigue demonstration, the latter is usu-
ally called “safe-life flaw tolerant” or “enhanced safe-life” demonstration.

e For those visually detectable accidental impacts, damage tolerance as per § 25 571 (b) applies.
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As for § 25 305 requirements, new cut-offs and thresholds have to be defined:

e A new energy cut-off level limited to the maximum value that is to be assumed in a risk analysis
and that should correspond to extremely improbable events (less than 10° per hour according to
ACJ 25 1309),

e A new detectability threshold above which damage will become “obvious” (detectable within a
very small number of flights by walk-around inspection).

Between the damage size detectable at detailed scheduled inspections and this new threshold, resid-
ual static strength requirements are laid down in the regulatory documents § 25 571(b). There is no re-
sidual strength requirement associated with “obvious” damage. However, aircraft take off is not allowed in
such situations before assessment and restoration of Ultimate Load capability

There is a third detectability threshold which corresponds to the situation where the flight crew is at
once aware of the event; then, lower loads (per 8 25 571(e)) are required. This situation is referred to as
“discrete source” damage. All these new thresholds are illustrated in Figure 7.2.2.2(b).

A Damage size
-

_ /

-
Threshold of detectability
for scheduled inspection (e.g t1
1C, 2C, 4C) t2

Discrete source

Obvious

| tl<t2<t3<.<tn |

t
/ /n/ Energy level

Energy level that can be realistically T A

expected from manufacturing and service.
Order of magnitude : 10°t010-6 per flight hour

Limitation of the analysis to a probability of 10 E-9/ flight hour

FIGURE 7.2.2.2(b) Additional damage size and energy level thresholds.

As discussed previously, impact damage can cause an immediate drop in composite residual
strength. In most cases, such damage does not grow due to the generally good fatigue resistance of
composites. The fact that an accidental impact damage in a composite structure is generally not ex-
pected to propagate in fatigue raises a specific issue for interpreting § 25 571 (b), as illustrated in Figure
7.2.2.2(c). This sketch shows the difference that can be found between non-growing impact damage in a
composite structure and a, prone to grow, fatigue crack in a metallic one. Whatever the damage source is,
damage tolerance per § 25 571(b) requires the following: "The residual strength evaluation must show
that the remaining structure is able to withstand loads (considered as Ultimate Loads) corresponding to
the following conditions...". As shown with the metal curve in Figure 7.2.2.2(c), an inspection interval can
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be rationally derived such that fatigue damage in metallic structure is safely detected and repaired before
the strength drops below Limit Loads. Metal crack growth analyses and tests have matured to support
such an assessment.

<
‘g) I\ Possible long duration below UL
0:) Composite

under impact

Short duration below UL
Metallic

under fatigue

uL N

LL \

Damage detection and repair
% to restore UL carrying capability

time
P

FIGURE 7.2.2.2(c) Comparison of composite non-growing damage and metal fatigue crack
damage (Ultimate Load, UL, and Limit Load, LL).

For the case of the no-growth, composite concept, a structure with impact damage could sustain a
long duration below Ultimate Load without a threat of the residual strength further dropping to the critical
threshold defined by § 25 571(b) (i.e., Limit Load). This interpretation could lead to the situation of a
composite structure allowed to fly a long time with residual strength just above Limit Loads, as illustrated
in Figure 7.2.2.2(c). Regardless of the damage growth resistance of composite structure, damage that
lowers the residual strength below Ultimate Load must be detected and repaired when found. Hence, the
issue becomes one of defining a rationale inspection interval to attain equivalent or higher levels of safety
than metal practice.

The advisory circular AC 20 107A, addresses the issue illustrated in Figure 7.2.2.2(c) in the para-
graph 7a (4), which is related to the selection of inspection intervals: "For the case of the no-growth con-
cept, inspection intervals should be established as part of the maintenance program. In selecting such
intervals, the residual strength associated with the assumed damages should be considered". In other
words, the larger the strength reduction is, the sooner the damage should be detected. Also, the prob-
ability of damage occurrence plays a major role in deriving inspection intervals. For instance, more fre-
guent inspections should normally be required for a flap, which is subjected to more damage threats, than
for a vertical fin. In other words, both the capability of the composite structure and service history should
be considered in defining the inspection intervals. Although metal structure has similar considerations for
accidental damage, an inherent resistance to foreign object impact makes fatigue damage growth a domi-
nant factor in defining inspection intervals for metal parts.

In considering the issues of damage severity and probability of occurrence for a composite structure,
damage reducing residual strength to Limit Load should be extremely unlikely. The residual strength
curve, damage growth resistance, service databases and user maintenance practices should all be con-
sidered in establishing the inspection intervals. In addition, the design criteria and certification approach
used to substantiate the composite structure for damage tolerance should be coupled with subsequent
maintenance practices. In the end, the composite structure should be sufficiently tolerant to damage such
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that economical maintenance practices can be safely implemented (e.g., detailed damage inspections
and repair at scheduled maintenance intervals).

7.2.2.3 Deterministic compliance method (civil aviation example)

This section describes an analysis and testing methodology to support certification and maintenance
of composite structures based on: (a) establishing residual-strength-versus-damage-size relationships;
(b) establishing methods of damage detection and minimum detectable damage sizes; and (c) determin-
ing damage sizes that reduce capability to both to Ultimate Load and Limit Load. Flow charts outlining an
approach for achieving damage tolerant and fail-safe designs are presented.

Several composite primary structures, such as the Boeing 777 empennage and NASA-ACEE/Boeing
737 horizontal stabilizers, have been certified per FAR 25 and JAR 25. The 737 stabilizers have demon-
strated excellent service performance (Reference 7.2.2.3(a)). This service experience, as well as com-
ponent testing (References 7.2.2.3(b) through 7.2.2.3(e)), has shown that current composite primary air-
craft structure has excellent resistance to environmental deterioration and fatigue damage. This leaves
accidental damage as the primary consideration for damage tolerance design and maintenance planning
for the relatively thicker-gage composites associated with primary structure.

In-service damage resistance and repair of thin gage composite structure has become a major issue
for the commercial airlines. In order to make composites cost effective for the airlines, allowable damage
limits (ADLs) must be as large as possible while still meeting regulatory Ultimate Load requirements. To
achieve this goal, test data and analytical methods encompassing the complete range of potential dam-
age sizes and types are required.

This discussion presents a design approach to ensure that composite structures have low in-service
maintenance costs as well as adequate damage tolerance. Several damage sizes based on detectability
levels are described, and requirements for each damage size relative to FAA and JAA regulations are dis-
cussed. Suggestions are made for developing appropriate databases to satisfy regulatory damage toler-
ance requirements and achieve low maintenance costs.

Several methods for improving the performance of impacted composite panels and components have
been proposed (References 7.2.2.3(f) and (g)). One approach is to increase the inherent toughness of
the composite by using tougher resin matrices; this is only appropriate for medium to thick gage laminates
as increased toughness has little benefit for thin laminates or sandwich facesheets. Although this method
improves damage resistance and reduces maintenance costs, increased material costs, reductions in ma-
trix stiffness at elevated temperatures, and potential reductions in large notch residual strengths must be
considered in the final selection.

In metallic structures, damage tolerance has been demonstrated using fracture mechanics to charac-
terize crack growth under cyclic loading, predict the rate of crack growth in the structure under anticipated
service loads, and establish inspection intervals based on realistic damage detection reliability considera-
tions (Reference 7.2.2.3(h)). Since typical CFRP composites have relatively flat S-N curves, and because
these damages do not propagate under aircraft wing/empennage operational loading spectra, the above
method normally cannot be used to establish inspection plans. Instead, a no-growth approach has been
used to demonstrate compliance with damage tolerance requirements for composite primary structures
on commercial aircraft for current composite structures.

The types and sizes of damages that are barely detectable or larger are classified into several groups
based on the likelihood of damage detection, as shown in Figure 7.2.2.3(a). The selection of damage
sizes must be consistent with the established inspection program and with the corresponding reduction in
static strength. The following paragraphs describe the different damage types and sizes:
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FIGURE 7.2.2.3(a) Residual strength requirements versus damage size.

1. Barely visible impact damage (BVID) establishes the strength design values to be used in analy-
ses demonstrating compliance with the regulatory Ultimate Load requirements of FAR 25.305.
For small aircraft and different classes of rotorcraft the corresponding requirements are 23.305,
27.305 and 29.305. In the case of small aircraft, the BVID static strength requirement has been
added to the regulation for composite damage tolerance, FAR 23.573. The extent of such dam-
age needs to be established as part of criteria defined prior to the design phase. The term visible
is used since the primary inspection method in current use involves visual observation. An upper
limit of 100 ft-Ib (140 Joules) on the BVID impact energy level is applied based on this value be-
ing at the upper limit of what could be realistically expected.

2. Allowable damage limits (ADL), defined as damage that reduces the residual strength to the regu-
latory Ultimate Load requirements of FAR 25.305, are determined to support maintenance docu-
ments. Given that the structure’s strength with BVID damage will result in positive margins at
design Ultimate Load (DUL), the corresponding ADL will generally be larger than the BVID (see
Figure 7.2.2.3(a)). Characteristics describing the detectability of the ADL as well as the type and
extent of the damage are documented to support maintenance programs.

3. Maximum design damage (MDD) establishes the strength design values to be used in analyses
demonstrating compliance with the regulatory damage tolerance requirements of FAR 25.571(b).
In the case of small aircraft, the regulation for composite damage tolerance, FAR 23.573, while
analogous rotorcraft rules can be found in 27.571 and 29.571. Current efforts are underway to
develop a unique composite damage tolerance rule for rotorcraft, which will be given the numbers
27.573 and 29.573, depending on the class of rotorcraft. The extent of such damage needs to be
established as part of criteria defined prior to the design phase.

4. Critical damage thresholds (CDT) are defined as damages that reduce the residual strength to
the regulatory requirements of FAR 25.571(b) (or the equivalent for other types of aircraft). Given
that the structure’s strength with MDD-sized damage will result in positive margins at design Limit
Load (DLL), the corresponding CDT will be larger than the MDD. Characteristics describing the
detectability of the CDT as well as the type and extent of the damage are documented to support
the establishment of required inspection methods and intervals. Using the selected inspection
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technique, realistic damages smaller than the corresponding CDT are shown to be detectable
with high probability before any growth causes it to exceed the CDT.

5. Readily detectable damage (RDD) can be detected within a small number of flights during routine
aircraft servicing. For damage that is not readily detectable, the structure should be evaluated for
all possible damage growth mechanisms. The maximum extent of damage that is considered
readily detectable, but which is not immediately obvious, should be established. The advisory cir-
cular for damage tolerance, ACJ 25.571(a), allows the residual strength of RDD to be confirmed
at load levels less than the regulatory loads specified in FAR/JAR 25.571(b) (Reference
7.2.2.3(i)).

6. Damages larger than the maximum RDD are considered to be immediately obvious. Except for
damage resulting from in-flight discrete sources (rotor burst, bird strike, etc.), no residual strength
analysis is required for obvious damage.

The residual strength curve shown in Figure 7.2.2.3(a) starts near ultimate strength and spans the
range to discrete source damage sizes. This range encompasses damage conditions critical to meeting
all requirements such as:

1. Damage sizes and states which support the ADL (Ultimate Load levels) and repairable damage
sizes to be placed into the Structural Repair Manual;

2. CDT damages for Limit Load design values;

3. RDD for less than Limit Load but greater than continued safe flight load design values; and

4. *“Discrete source” damage for continued safe flight load design values.

Test data and analysis methods developed by the Boeing-NASA/ACT program (References 7.2.2.3(j)
through 7.2.2.3(l)) show that the inspection methodologies and damage growth mechanisms should be
established to ensure accidental damage occurring in service can be found and repaired before compro-
mising limit strength capabilities. Visual inspection is the preferred damage detection method, and the
no-growth approach for damages less than Limit Load size has been the basis for certification. For new
composite primary structure application, these approaches will require revalidation.

Figures 7.2.2.3(b) and 7.2.2.3(c) identify the inspection decision points, requirements, development
tasks, analyses and actions required to meet the damage tolerance requirements of a principal structural
element (PSE). Figure 7.2.2.3(b) outlines the levels of damage tolerance requirements and can be used
for test, analysis and maintenance planning. Figure 7.2.2.3(c) defines the flow of events and actions to
be used to develop the data required for damage tolerance certification.

The deterministic compliance method is based on a minimum of two sets of testing and analysis. The
first set is designed to show positive margins of safety at design Ultimate Load with BVID size damages.
This testing includes mostly coupons and subcomponents containing BVID. The second set of testing is
designed to show positive margins of safety with large damage at design Limit Load. This testing in-
cludes subcomponent (e.g., five-stringer panels) and component structures with through the thickness
damage, skin-stiffener debonds, large impact damages, etc. These types of damage are considered to
be maximum design damage (MDD). Tests are used to show MDD-sized damage is easily detectable.
Tests are also used to show MDD-sized damage and smaller will not grow under operational loads.

Although this method meets FAA requirements for damage tolerance, it may not provide enough data
to support the definition of accurate ADLs in structural repair manuals. Consequently, allowable damage
sizes are conservatively set to smaller values. This has had the effect of increasing in-service repair
costs of thin composite honeycomb sandwich panels in commercial aircraft.
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FIGURE 7.2.2.3(b) Levels of damage tolerance assessments.

The following are recommended approaches for developing data to support certification and to allow
for reduced maintenance costs of composite aircraft structures:

1. The residual strength curve for each significant type of potential damage on each principal struc-
tural element should be determined by analysis and/or test.

2. Characteristics describing the inspectability of the CDT as well as the type and extent of the
damage should be documented to support maintenance planning activities.

3. For readily detectable damage, the magnitude of the threats that should be considered, similar to
those in FAR 25.571(e), should include impact damage by ground vehicles and ground handing
equipment, impact with jet gates, runway debris and thrown tire treads. Service experience has
shown that damage associated with such events may persist for a few flights before the damage
is detected and the structure repaired. The extent of damage that should be considered must be
established by taking into account susceptibility to each type of accident.

Structural damage design should be coupled with development of the aircraft maintenance plan in
order to reduce in-service damage occurrences and repair costs. Test validation and analyses should
address design ultimate strength, damage growth, residual strength, and maintenance issues for compos-
ite structures. Independent studies of design Ultimate Load or Limit Load strength without data and
analyses at intermediate load levels will not provide a balanced design that supports cost-effective main-
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tenance. For example, damage considered for ultimate strength analyses is more likely to occur in-
service while the associated loads are very unlikely. The reverse is true for limit strength analyses. A da-
tabase that covers a range of damage scenarios increasing in severity will allow for more cost-effective
use of composite structures in commercial aircraft service.
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FIGURE 7.2.2.3(c) Damage tolerance assessment flowchart for fail-safe loads.

7.2.2.4 Probabilistic or semi-probabilistic compliance methods (civil aviation)

Probabilistic or semi-probabilistic methods consider first that the scheduled inspection program must
account for damage severity. The use of these methods are acceptable for civil aviation as they comply
with paragraph 7a (4) of the FAA Advisory Circular AC20 107A: “For the case of the no-growth concept,
inspection intervals should be established as part of the maintenance program. In selecting such inter-
vals, the residual strength associated with the assumed damages should be considered.”

In other words the larger the strength reduction is, the sooner the damage should be detected. Fur-

thermore, these methods also consider that the need for inspection cannot disregard the likelihood of
damage occurrence. The more likely the damage is, the sooner it should be detected. As a result, these
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methods depend on service data. Figure 7.2.2.4(a) illustrates how this “residual strength associated with
the assumed damage” is governed by both the inspection interval and the damage probability.
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FIGURE 7.2.2.4(a) lllustration of probabilistic determination of acceptable residual strength levels.

Since these methods require some probabilistic input data, they are referred to as probabilistic or
semi-probabilistic approaches. They were initially developed by Aerospatiale for certification of the ATR
72 outer wing, and later for the A330/340 ailerons. Subsequently a probabilistic approach was imple-
mented by ALENIA for the ATR carbon tail.

The basis of a probabilistic approach is to demonstrate that the inspection program will ensure that
the combination of an occurrence of a load having “k x LL” intensity, with the presence of a “missed” acci-
dental impact damage reducing the structure strength to “k x LL" load level, remains acceptable. The term
“k x LL" refers to a factor times Limit Load. For primary structure catastrophic failure, this combination
must be extremely remote (probability < 107 per flight hour according to ACJ 25 1309). Higher probabili-
ties can be accepted for less critical parts.

Except for the case of hailstone impacts, load and damage occurrences can be considered as inde-
pendent phenomena. Then it should be demonstrated that:

Probability|oect (k LL) * Probabilitymissed damage (kLL) < 107 7.2.2.4(a)
The following elements are contained in all probabilistic methodologies:

1. Perform a building block approach for deriving strength versus energy curves for all critical parts
of the structure.

Investigate impact damage scenarios in order to derive the impact threat probability laws.
Demonstrate the no-growth concept of all damages up to VID threshold, in general through a full-
scale fatigue test.

2.
3.
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4. Perform residual static tests for checking the assumed strength of the damaged structures.

General Method

The first step of a probabilistic damage tolerance evaluation is the identification of each critical part of
the structure with respect to low-velocity, impact damage tolerance. External skins of the aircraft, sub-
jected to high compression stresses, which are exposed to in-service accidental impacts, are of prime
concern. The following steps are applied to each critical zone:

1. Derive the entire residual static strength versus impact energy curve from analysis supported by
test.

2. Determine accidental impact threats in terms of energy versus probability curves.

3. Calculate, within each scheduled inspection interval, the probability to have such accidental dam-
ages on the structure.

4. Determine load (or stress, or strain) occurrences versus probability curves.

5. Check that the scheduled inspection program will make damage detection highly probable before
the probability target is exceeded.

Such probabilistic or more exactly semi-probabilistic approaches are detailed in References
7.2.2.3(e), 7.2.2.4(a) and (b). Since not all of the input parameters used in these referenced methods are
expressed through a probability law, for instance the residual static strength versus impact energy, the
methods are semi-probabilistic.

The input parameters for the method are defined as follows (Reference 7.2.2.3(e)):

The Impact Threat. The method takes into account a complex threat consisting of miscellaneous
damage sources, including occasional sources that may occur only during maintenance operations be-
tween two scheduled detailed inspections, and continuous sources for which damage may occur at each
flight. Each source of damage is described by a probability function to model the impact energies in-
volved (log-normal law).

The typical impact sources, which are taken into account in the analysis, are:

e Continuous impact sources: Tool drop, foot traffic, collision with service vehicles, projection of
runway debris.
e Occasional impact sources: Fall of a removable component during a maintenance operation.

The Inspection Program. The method takes into account a complex maintenance program composed
of several types of inspections (see Section 7.4) with a different periodicity. The efficiency of each type of
inspection is described by a probability distribution to model the detection probability as a function of the
damage dent depth. This means that damages that have to be taken into consideration are not only
those naturally omitted by the inspection level (damages up to "visible" impact damage (VID) are to be
assumed between two detailed inspections), but also those existing and not noticed by the inspector dur-
ing the procedure. The latter still have to be accounted for during the next inspection intervals.

For commercial aircraft composite structures, complex non-destructive methods are typically not used
to find damage. Once the damage is found, other methods (e.g., ultrasonic) may be used to better char-
acterize its extent. The three methods of inspection considered to initially find damage include general
visual inspection, external detailed visual inspection and internal detailed visual inspection. The mathe-
matical modeling of the detection probability is based on statistical studies, which allow for each type of
inspection to derive a probability distribution (log-normal law).

The Occurrence of Static Loads. The probability of occurrence of static loads (between limit and ulti-
mate Load) is described by a log-linear probability distribution. The probability of occurrence of static
loads varies uniformly (on a log-linear basis) from the range of 10° per flight hour for a static load equal to
Limit Load up to 107 per flight hour for a static load equal to Ultimate Load.
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strength versus impact energy. The effects of environment are taken into account by the use of residual

strength values obtained under worst environmental conditions.

The Relationships Between Energy, Damage Size, and Indentation. Two empirical deterministic rela-

tionships are taken into account in the analysis. The first one links impact energy to the associated dam-
age size (delaminated area), and the second one relates the damage size (and thus the impact energy) to
an associated indentation parameter (this latter being the relevant parameter for the visual detectability of

the damage).

The analysis enabling the assessment of the probability of failure (calculated at its maximum, i.e.,
during the last flight hour of the aircraft’s life) is then based on a partition of the energy range involved in

the description of the impact sources.

The two main steps of the method are:

1.

(date and type of each inspection).

per flight hour (see Figure 7.2.2.4(b)).

A special use of this probabilistic method also enables the determination of the load level kxLL to be
sustained by a structure damaged by a VID, in such a way that the static test at kxLL implies an accept-

able in-service risk level for the structure with its inspection program.

The calculation of the probability of existence of a damage of a given size at the beginning of the
last hour of the aircraft life. This calculation takes into account the different damage sources
(continuous and occasional in-service sources) as well as the complex maintenance program

The calculation of the probability of failure during the last flight hour, which must be less than 10'9
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FIGURE 7.2.2.4(b) Probabilistic methodology for determining inspection intervals.
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Simplified Method

In References 7.2.2.4(a) and (b) there is, first, no differentiation between discrete and continuous
damage sources. Therefore, all damage threats are equally shared throughout the inspection interval.
Secondly, this method does not include any probability law for detecting the dent - the BVID energy or
dent depth must be selected high enough to prevent any oversight.

Both assumptions allow calculations to be simplified in the following way:

Let pa = probability of accidental damage at the end of unit aircraft utilization (e.g., one flight
hour, one flight ....).

n = inspection interval expressed in terms of unit aircraft utilization (n flights, n hours)

Pr = probability of occurrence of the flight load (e.g., gust), the intensity of which com-
bined with the accidental damage of probability pa would lead to a catastrophic fail-
ure.

The probability to have at least one accidental damage at the last flight preceding the inspection (where
the likelihood of a damaged structure is higher) is then equal to:

1-(1-pa)" = (n)(pa) 7.2.2.4(b)

The relationship 7.2.2.4(a) then takes the following simple formulation:

(Pr)(n)(pa) < 10°° 7.2.2.4(c)

The following steps of the damage tolerance evaluation are illustrated in Figure 7.2.2.4(c) taken from Ref-
erence 7.2.2.4(b):

1. The residual static strength versus energy curve is evident as the first quadrant of the diagram. A
“B” basis value curve is recommended.

2. The damaged state of the structure after n flights is represented in the fourth quadrant. This is a
probability law assumed here to be log-linear in order to simplify the sketch. Actually this law is
close to log-linear. From equation 7.2.2.4(b) this curve can be easily obtained through a simple
translation of the damage threat per flight. For this illustration, “n” has been assumed to be a
thousand flights.

3. The probability law for load (or stresses, or strain) occurrences is represented in the second
guadrant. This law is assumed to be log-linear in the interval between limit and Ultimate Loads.
Figures reported on the horizontal axis are typical of a commercial aircraft.

4. Each point on the strength versus energy curve (quadrant 1) corresponds to:

a. One energy level with its associated probability to have at least one damage of such severity
(or higher) on the structure at the last flight before inspection.

b. One residual static strength with the associated probability to encounter a load of the same
magnitude per flight.

5. The product of these two probabilities is plotted in the third quadrant where a picture of the whole

first quadrant curve can be drawn. In the same quadrant, a line representative of equation
7.2.2.4(c) splits the diagram into two domains:
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a. Acceptable values (probabilities lower than 107 ), top right
b. Not acceptable values (probabilities higher than 10° ), bottom left

Allowable damage size

Critical damage size

Load in:tensity probability / flight : P
i 1 1 1

]
10° 106 107 108 109 v

sm\mwi 169

Assumed impacg_m«e‘*'/' flight
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FIGURE 7.2.2.4(c) Simplified probabilistic methodology for determining inspection intervals.

Acceptable damage tolerance is demonstrated for an inspection interval equal to n if the whole curve
is located above the border line. This illustration shows that when the inspection interval (n) increases,
the strength-energy picture curve moves downward while the straight line delimiting the 10°°, probability
target moves upward. Acceptable damage tolerance is not achieved when both curves cross.

For very thick laminates where VID is extremely improbable, the calculation is performed with n equal
to the whole aircraft lifetime. For thinner laminates where VID can be expected, the maximum acceptable
inspection interval is the highest one, among those of the scheduled inspection program, containing the
whole strength-energy picture curve above it.

7.2.2.5 Comparison of deterministic and probabilistic methods

The following paragraphs briefly summarize the major differences between the deterministic compli-
ance method and the semi-probabilistic method given in the previous two sections. Both of these meth-
ods have been used to successfully certify composite primary structure on commercial transport aircraft.
Other probabilistic approaches, covering various aspects of composite design and certification, are re-
viewed (Reference 7.2.2.5). In the same reference, Northrop Grumman Commercial Aircraft Division
(NGCAD) proposes a quite comprehensive method covering both static and damage tolerance require-
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ments, with an application exercise to the Lear Fan. Nevertheless, none of these methods have so far
been implemented in an aircraft certification program.

In the deterministic method, an upper limit of 100 ft-Ib (140 Joules) is used for ultimate strength im-
pact damage, whereas in the probabilistic method, lower levels have been used based on the assess-
ments discussed in Section 7.3.3.

In the deterministic method there is no upper limit on the energy level for impact damages to be con-
sidered for Limit Load analyses; damage is considered up to the point of being readily detectable. In the
Erobabilistic method, the upper limit on impact energy for Limit Load analyses is set at a probability of 10°

In the deterministic method, inspection intervals have been set based on a qualitative rating system,
which is derived based on structural capability and aircraft service experience for the effects of accidental
damage and environmental degradation. In the probabilistic method, the maximum inspection intervals
are derived using the probabilities of damage and load occurrence, with a reliability of at least 10°.

7.2.2.6 Full-scale tests for proof of structure (civil aviation)

Compliance with the requirements is built, step by step, through what is usually called a “building
block approach” (see Volume 3, Chapter 4). Tests carried out to support the analysis are arranged like a
pyramid, where a full-scale test culminates at the top, the bottom referring to generic tests dedicated to
the derivation of a statistical basis for allowable values. Low velocity impacts, with their relevant thresh-
olds, should be addressed throughout this pyramid of tests, from the “allowable” level to the full-scale
demonstration.

When introducing a low velocity impact damage in a test article, it is important that the selected de-
tectability threshold captures the worst possible situation in terms of internal damage, hence the need to
use blunt impactors. Hemispherical impactor geometry, with the smallest size at least 0.5 inch (12.5 mm)
diameter, are recommended.

Due to the absence of interaction between high static stresses and fatigue behavior, it is current prac-
tice of transport aircraft manufacturers to conduct tests on only one full-scale test article, for both static
and fatigue/damage tolerance demonstration. A typical arrangement of tests for this purpose (from vari-
ous Airbus applications), is illustrated Figure 7.2.2.6.

Limit load

Ultimate load tests k x limit load application
tests Compliance with 25 305 & 307 compliance with 25 571

onelifetime

(1.15 load enhancement factor)

Degradation + Fatigue safe-life demo.

for initial flaws

half alifetime ‘
(2.15 load enhancement factor)

DT demo. for in-service damage
(no-growth concept)

Start with a structure representative of
the minimum quality

Introduce detectabl e accidental
damage with increased energies

)

FIGURE 7.2.2.6 Test sequence for the full-scale aircraft, proof of structure test.
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Proof of structure, full-scale static test. The test program starts with an article provided with simu-
lated low velocity impact damages, limited by the selected energy cut-off levels and deliberately inflicted
at the most stressed areas of the structure. The Ultimate Load capability is demonstrated after fatigue,
allowing for environmental adverse conditions. This is in line with the means of compliance provided by
the AC 20 107A 8 6 Proof of structure-static, sub 8 (a) : The effects of repeated loading and environ-
mental exposure which may result in material property degradation should be addressed in the static
evaluation.

Proof of structure, full-scale fatigue/damage tolerance test. When considering the effects of ma-
terial variability on the repeated load behavior of composite structures, a factor on loads is preferred to a
factor on life. The rationale of such approach and the recommended load enhancement factors can be
found in References 7.2.1(a) to 7.2.1(d). The demonstration has two parts.

First, an enhanced safe life (flaw tolerant) demonstration, to show that no damage will initiate and
grow in a structure representative of the minimum quality allowed by the quality control specification (con-
sidering not only impact damage but also various manufacturing flaws). This phase is in line with AC 20
107A 8 7 Proof of structure - Fatigue/Damage tolerance, (b) fatigue (safe life) evaluation: Fatigue sub-
stantiation should be accomplished by component fatigue tests or by analysis supported by test evidence,
accounting for the effects of the appropriate environment. The test articles should be fabricated and as-
sembled in accordance with production specifications and processes so that the test articles are repre-
sentative of production structure, etc.

Second, a no-growth demonstration for more severe impact damages, some of which may become
detectable at the scheduled inspection intervals. This phase is in line with AC 20 107A § 7 Proof of struc-
ture - Fatigue/Damage tolerance, sub 8§ (a): Structural details, elements, and subcomponents of critical
structural areas should be tested under repeated loads to define the sensitivity of the structure to damage
growth. This testing can form the basis for validating a no growth approach to damage tolerance require-
ments.

A demonstration of the regulatory static load capability is needed to complete this second phase. A “k”
value higher than 1.0 can be required depending on the result of a probabilistic approach, if used for certi-
fication. It is the second phase of the full-scale test that brings most to the demonstration of the structural
safety. At this stage, a precise definition of damage growth is required. For instance, there may be a
possibility where an impact damage will grow under the first service loads following the occurrence and,
then reach a definite size after a certain time. This is still to be assumed as a “no-growth” situation, since
the "growth" is not detrimental to the structural capability. On another hand, a damage can be definitely
arrested by a design precaution (a bolt row for instance). Provided regulatory load capability exists after
this size extension, the result is comparable to a ho-growth situation.

7.3 TYPES, CHARACTERISTICS, AND SOURCES OF DAMAGE

Damages are generally discussed in two frames of reference - by stage of occurrence and by physi-
cal anomaly. Stage of occurrence is separated into manufacturing and in-service categories. Damages
occurring during manufacturing are more accurately classified as “flaws” rather than “damages”. They are
not distinguished as such in this write-up.

Composite aircraft parts can be damaged during manufacturing, shipping, and service. A primary
focus in composites is low velocity impacts that can cause significant damage that may not be clearly
visible. Sources of such impact damage include falling tools and equipment, runway debris, hail, birds,
and collision with other airplanes or ground vehicles. Airplanes can also be damaged by high velocity
impacts from discrete source events (e.g., parts of rotating machinery that fail in turbofan engines and
penetrate the engine containment system, the aircraft skin, and supporting structure). All of the above
damages can occur to either military or commercial aircraft. Military aircraft may also suffer ballistic dam-
age, as may occur in battle.
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Concerns about the effects of impact damage can be quite different, depending on the specific design
and application. Compressive residual strength of laminated composite material forms is known to de-
pend on the extent of delaminations and fiber failure caused by transverse impacts. Tensile residual
strength is affected by fiber failure. Impact damage can also affect the environmental resistance of a
composite structural component or the integrity of associated aircraft systems. For example, impact dam-
age may allow moisture to penetrate into the sandwich core in light-gauge fairing panels or provide a path
for fuel leaks in stiffened wing panels. These effects must be understood for safe and economic
composite applications.

7.3.1 Damages characterized by stage of occurrence
7.3.1.1 Manufacturing

Manufacturing damage includes anomalies such as porosity, microcracking, and delaminations result-
ing from processing discrepancies and also such items as inadvertent edge cuts, surface gouges and
scratches, damaged fastener holes, and impact damage. The inadvertent (non-process) damage can
occur in detail parts or components during assembly or transport or during operation. A list of sources of
manufacturing defects is given below:

Improper cure or processing
Improper machining
Mishandling

Improper drilling

Tool drops

Contamination

Improper sanding
Substandard material
Inadequate tooling
Mislocation of holes or details

Most manufacturing damage, if beyond acceptance limits, will be detected by routine quality inspec-
tion. For every composite part, there should be acceptance/rejection criteria to be used during inspection
of the part. Damage that is acceptable will be incorporated in the substantiation analysis and test pro-
gram to demonstrate ultimate strength in the presence of this damage. Some “rogue” defects or damage
beyond specification limits may go undetected and consequently, their existence must be assumed as
part of damage tolerant design. Establishing the size of the “rogue” or missed flaw is part of the design
criteria development process.

Examples of rogue flaws occurring in manufacturing include a contaminated bondline surface, or in-
clusions such as prepreg backing paper or separation film that is inadvertently left between plies during
lay-up. Current inspection methods may not detect these types of defects. As a result, current design
practices include the effect of large debonds in damage tolerance criteria which may impose severe
weight penalties. In the future, advanced inspection techniques and in-process quality control may lead
to less severe criteria. Without adequate inspection techniques, in-process quality controls must be suffi-
ciently rigid to preclude this type of defect.

7.3.1.2 Service

The main characteristic of in-service damage is that it occurs during service in a random manner.
Damage characteristics, location, size, and frequency of occurrence can only be predicted statistically,
which involves a large amount of data accumulation. In-service damage is typically classified as non-
detectable and detectable (often referred to as non-visible and visible). A part has to be designed in such
a way that likely, non-detectable damage (per the selected inspection method) can be tolerated under
Ultimate Loads and for the life of the structure. The most common in-service damage is due to an impact
event. A list of sources of in-service damage threats is given below:
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Hailstones

Runway debris

Ground vehicles, equipment, and structures
Lightning strike

Tool drops

Birdstrike

Turbine blade separation
Fire

Wear

Ballistic damage (Military)
Rain erosion

Ultraviolet exposure
Hygrothermal cycling
Oxidative degradation
Repeated loads
Chemical exposure

7.3.2 Damages characterized by physical imperfection

Damage can occur at several scales within the composite material and structural configuration. This
ranges from damage in the matrix and fiber to broken elements and failure of bonded or bolted attach-
ments. The extent of damage controls repeated load life and residual strength, and is, therefore, critical
to damage tolerance.

Fiber Breakage. This defect can be critical because structures are typically designed to be fiber
dominant (i.e., fibers carry most of the loads). Fortunately, fiber failure is typically limited to a zone near
the point of impact, and is constrained by the impact object size and energy. Only a few of the service
related events listed in the previous section could lead to large areas of fiber damage.

Matrix Imperfections. (Cracks, porosity, blisters, etc.) These usually occur on the matrix-fiber inter-
face, or in the matrix parallel to the fibers. These imperfections can slightly reduce some of the material
properties but will seldom be critical to the structure, unless the matrix degradation is widespread. Accu-
mulation of matrix cracks can cause the degradation of matrix-dominated properties. For laminates de-
signed to transmit loads with their fibers (fiber dominant), only a slight reduction of properties is observed
when the matrix is severely damaged. Matrix cracks, a.k.a. micro-cracks, can significantly reduce proper-
ties dependent on the resin or the fiber/resin interface, such as interlaminar shear and compression
strength. For high temperature resins, micro-cracking can have a very negative effect on properties. A
discussion of the effects of matrix damage on the tensile strength can be found in Reference 7.3.2(a).
Matrix imperfections may develop into delaminations, which are a more critical type of damage.

Delamination and debonds. Delaminations form on the interface between the layers in the laminate.
Delaminations may form from matrix cracks that grow into the interlaminar layer or from low energy im-
pact. Debonds can also form from production non-adhesion along the bondline between two elements
and initiate delamination in adjacent laminate layers. Under certain conditions, delaminations or debonds
can grow when subjected to repeated loading and can cause catastrophic failure when the laminate is
loaded in compression. The criticality of delaminations or debonds depend on:

e Dimensions

e Number of delaminations at a given location.

e Location - in the thickness of laminate, in the structure, proximity to free edges, stress concentra-
tion region, geometrical discontinuities, etc.

e Loads - behavior of delaminations and debonds depend on loading type. They have little affect
on the response of laminates loaded in tension. Under compression or shear loading, however,
the sublaminates adjacent to the delaminations or debonded elements may buckle and cause a
load redistribution mechanism, which leads to structural failure. Methods to estimate the criticality
of delamination and debonds are presented in Section 7.8.4.2.
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Combinations of Damages. In general, impact events cause combinations of damages. High-energy
impacts by large objects (i.e., turbine blades) may lead to broken elements and failed attachments. The
resulting damage may include significant fiber failure, matrix cracking, delamination, broken fasteners,
and debonded elements. Damage caused by low-energy impact is more contained, but may also include
a combination of broken fibers, matrix cracks and multiple delaminations. There is some experimental
evidence that, for relatively small damage sizes, impact damage is more critical than other defects (see
Figures 7.3.2(a) and (b), References 7.3.2(b) and (c)). Note that all of the data shown in these figures are
for damage sizes less than 2 inches (50 mm). Some results for damages greater than 2 inches (50 mm)
suggest large holes or penetrations are at least as severe as equivalent sizes of impact damage.

Damage diameter (in.) or % porosity
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® Filled hole and O Impact damage
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0 12.7 254 38.1 50.8
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FIGURE 7.3.2(a) Relative severity of defect damage on static compression strength.

Flawed Fastener Holes. Improper hole drilling, poor fastener installation, and missing fasteners may
occur in manufacturing. Hole elongation can occur due to repeated load cycling in service. Such issues
can effectively extend the size of the hole and lead to assumptions that the hole is open (or filled, depend-
ing on which leads to the greater notch sensitivity). The notch sensitivity of a composite has generally
been dealt with by using semi-empirical analyses.
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FIGURE 7.3.2(b) Relative severity of defect damage on compression fatigue strength, R=10.

7.3.3 Realistic impact energy threats to aircraft

As discussed in Section 7.2.2, certification of aircraft composite structure requires the establishment
of realistic impact energy level cut-offs for Ultimate Load considerations. A conservative assumption is to
set the energy level at a 90% probability, analogous with the concept of a B-basis strength value. This
then means that the realistic energy cut-off has been selected in such a way that, at the end of lifetime of
the aircraft, no more than 10% of them will have been impacted with an energy value equal to this cut-off
level or higher. For these 10% corresponding to a more damaged situation, and then possibly not being
able to comply with the Ultimate Load requirements, damage tolerance considerations will demonstrate
the regulatory safety level.

Letting Eco = energy cut-off value, and with Pathe probability, per flight, to encounter one impact with
an energy E > Eco, then, (1-Pa) is the probability for an aircraft to have encountered either no impact or
impacts of a lower energy on that flight. In fact the risk of low velocity impact damage is not likely to occur
during the actual flight, but during the various operations associated with this flight, e.g., aircraft servicing
and a shared part of the risk associated with the scheduled inspections.

Then it follows that:

(1-Pa)" is the probability to have never encountered any impact with an energy of E > Eco after n
flights, and then the probability to have encountered at least one damage created by an impact with
an energy of E > Eco after n flights is given by:

P=1-(1-Pa"
Assuming that:

n = 50,000 flights for a short/medium range commercial aircraft,
P=0.1

Then Pa=2.1x 10°
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In this case, the realistic energy level to be allowed for is the one corresponding to a probability of
occurrence of 2.10° per flight. Should the target of P be 0.01, Pawould then be equal to 2.1 10”, which
obviously corresponds to a higher energy level, though not very far from it since the probability versus
energy relationship is assumed to be log-linear.

In the case of FAR 25 fixed wing structures, both values for Pa are lower than the probability com-
monly associated with Limit Loads occurrences, which can be assumed in the range of 10° per flight hour.
It may be unreasonable to state that such so-called “realistic” energy level occurrence is more “realistic”
than a limit Loads event. Then, clipping this probability figure at the 10° per flight value should also be
acceptable where the average duration of one flight is around one hour.

At this stage, one must unfortunately admit that there is very little data for quantifying energy levels in
relation to these probability values. Just for the purpose of an exercise to illustrate this approach, some
figures drawn from the literature are given hereafter.

In reality, Pais the product of two probabilities since associated events are assumed as independent:
Pa = Probahility (impact damage occurrence) x Probability (damage energy > Eco)

As far as the second term is concerned, the only results known from a field survey are reported in
Reference 7.3.3(a). With the analysis of 1644 impacts, this survey can be considered as quite compre-
hensive. Although, these records are representative of military aircraft from the US Navy Forces (F-4,
F-111, A-10 and F-18), they can be extended to transport category aircraft investigations since mainte-
nance tools and operations should not be very different. In this study, all the 1644 impact dents observed
on the metallic structures have been converted into energy levels through a calibration curve obtained on
a F-15 wing, shown in Figure 7.3.3(a). According to this reference, the upper limit impact energy for the
aircraft surveyed is approximately 35 ft-Ib (48 joules).

Number of exceedances
|_\
o
o

10
§ Impact energy
I (joules)

0 10 20 30 40 50

FIGURE 7.3.3(a) Number of exceedences versus impact energy level for an aircraft lifetime.

Since this report does not mention the aircraft lifetime in relation to each identified damage and the
impact location, it is impossible to derive an impact hazard per flight hour. Nevertheless, this survey pro-
vides: 1) the order of magnitude of the expected energy, should an impact occur, and 2) the shape of the
curve of exceedence (Ne) versus energy. The latter can be assumed as log-linear in this range of energy,
with a slope of about -11 ft-Ib/Log Ne (-15 joules/Log Ne).
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The probability (Pe) of exceeding a given level of energy, should an accidental impact occur, can be
then easily drawn from this curve through the relationship:

LogPe=-x(j)/ 15

More rigorously, a two-parameter, Weibull distribution has been established from this field survey (Refer-
ence 7.3.3(a)), with shape and scale parameters equal to 1.147 and 8.2 (5.98 for ft-lb energy units), re-
spectively.

In regards to the probability of damage occurrence, useful data are published in Reference 7.3.3(b).
Data collected from visits to American Airlines, Delta Airlines, United Airlines, the North Island Naval Avia-
tion Depot and from communications with De Havilland Aircraft Inc. are summarized in this report. Re-
cords concerning 2100 aircraft shared by 19 operators have been analyzed. For a total number of
3,814,805 flight hours, 1484 maintenance induced damages - which correspond to low velocity impact
damages - have been noticed. Statistics on hail storms, lightning strikes and bird strikes are also reported
in this reference. Unfortunately, the energy level associated with these maintenance-induced and service
damages have not been investigated.

From these data, the low velocity impact damage probability of occurrence can be estimated at 3.9
10* per Flight Hour. This figure obviously concerns the whole aircraft and the probability associated to a
dedicated part - e.g. a rudder skin - should be lower. Given that “Murphy's law” should not be ignored,
impact damage probabilities of the same order of magnitude should be assumed. With a figure ranging
between 10° and 10° per hour, the event should be assumed as reasonably probable, according to the
definitions provided by the ACJ 25 1309.

Now combining all these field survey data, Figure 7.3.3(b) shows the value of Pa versus impact en-
ergy for various damage occurrence probabilities (per hour) in the reasonably probable domain. With the
objective that the “realistic” energy level encompasses 90% of the aircraft population at the end of lifetime
(Pa=2.1 10'6), assuming a damage occurrence probability at the upper bound of the reasonably probable
domain and one flight times one hour, the result of this application exercise is:
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FIGURE 7.3.3(b) Probability of different levels of impact events.

Eco should not be below 30 ft-Ibs (40 joules). Assuming now Pa = 10°, the associated energy level is
22 ft-Ibs (30 joules).
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The energy cut-off threshold selected for Airbus programs (since the A320 type certification and after)
is 37 ft-Ib (50 joules), except for the inboard part of the horizontal tailplane, where the cut-off is 103 ft-Ib
(140 joules). Reflecting USAF requirements and company design criteria, Boeing has used an impact
energy cut-off threshold of 100 ft-Ib (136 joules) for commercial aircraft certification programs.

With the view to implement a probabilistic approach in the damage tolerance demonstration of the
ATR 72 CFRP outer wing, Aerospatiale investigated accidental impact scenarios for deriving the figures
needed by their method (Reference 7.3.3(c)) . After these investigations, a 27 ft-Ilb (36 joules) cut-off
threshold for structural substantiations was used.

7.4 INSPECTION FOR DAMAGE

The ability to detect damage is the cornerstone of any maintenance program employed to ensure the
damage tolerance of a specific structure. Such a program must combine one or more inspection methods
with an appropriate schedule to reliably detect damage prior to unacceptable performance degradation.
Inspection methods are also relied upon to quantify such damage in support of residual strength assess-
ments. Accessibility for inspection must be accounted for in the design and in maintenance plans.

To achieve economic goals, in-service inspection programs often rely on combinations of frequent,
relatively simple inspections (usually of broad areas) and less frequent, but more intense, examinations
(typically of more localized areas). The capabilities of each inspection method (i.e., detectability thresh-
old, detection reliability) must be well understood as a function of damage state for each structural loca-
tion. Since the impact variables (i.e., impactor geometry, velocity, angle of incidence, etc.) strongly influ-
ence the damage state at a specific location, the detectability thresholds and reliabilities should be quanti-
fied considering the ranges of these variables expected in service.

Inspection procedures can be divided into two main classes. The first, which is most general, in-
cludes both destructive and nondestructive methods used for concept development, detailed design, pro-
duction, and maintenance. The second class includes only those nondestructive evaluation (NDE) meth-
ods that can be practically used in service to locate and quantify the effects of impact damage. The sec-
ond class is a subset of the first and depends on a technology database suitable for relating key damage
characteristics to structural integrity.

7.4.1 Aircraft inspection programs

In aircraft applications, scheduled inspections are the basis for initially detecting damage that does
not result in an obvious malfunction. Aircraft structures have historically relied heavily on visual methods
in this process. Typical scheduled inspections for these applications are:

e Walk around — long distance visual inspection to detect punctures and large areas of indentation or
fiber breakage, i.e., readily detectable damage.

e General visual inspection — careful visual examination of relatively large areas of internal and/or ex-
ternal structure for indications of impact damage (e.g., dents, fiber breakout) or other structural
anomaly. Adequate lighting and appropriate access to gain proximity (e.g., removal of fairings and
access doors, use of ladders and work stands) are required. Inspection aids (e.g., mirrors) and sur-
face cleaning may also be necessary.

e Detailed visual inspection — close-proximity, intense visual examination of relatively localized areas of
internal and/or external structure for indications of impact damage or other structural anomaly. Like
general visual inspections, adequate lighting and appropriate access to gain proximity are required.
Inspection aids and techniques may be more sophisticated (e.g., lenses, grazing light on a clean ele-
ment) and surface cleaning may also be necessary.
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e Special detailed inspection — inspections of specific locations for non-visible damage using non-
destructive procedures (e.g., ultrasonics, x-ray, and shearography).

The use of visual inspection methods for initial damage detection is likely to continue due to the cost
and time associated with applying other NDE procedures over the full surface of a structure. Advances in
optical techniques, for example, allow large areas of a structure to be quickly inspected for local defects;
however, the high cost of equipment needed for such procedures remains as a barrier to implementation
of the technology by aircraft operators.

The widespread use of visual inspection procedures for finding service damage in composite struc-
ture has led to the use of barely visible impact damage (BVID) thresholds in design sizing (Reference
7.4.1(a)). The FAA has recommended such design practice for composite structure to account for dam-
age that may never be found in service. Past interpretations of the threshold for visibility have been
somewhat subjective, with different commercial and military applications defining minimum visible dent
depths between 0.01 in. (0.25 mm) and 0.10 in. (2.5 mm).

When damage is initially detected, more detailed visual measurements and various types of ultra-
sound are used in directed inspections to quantify its extent. Surface damage measurements (e.g., loca-
tion, dent depth, or crack length) can be quantified with gages and scales commonly used in mainte-
nance. “Coin tapping,” which is based on principles similar to lamb wave propagation, provide a rough
measure of the extent of sub-surface damage. Pulse-echo ultrasound, which requires equipment and
some training, has also been applied in service to get a more accurate measurement of the extent of sub-
surface damage with single-side access. These procedures are simple to apply without having to disas-
semble the structure, but tend to yield very subjective results. More repeatable measurements are con-
ceivable when the structural repair manual (SRM) provides instructions on how they should be applied to
specific structure.

Aerospatiale (Reference 7.4.1(b)) has shown that a dent depth between 0.01 and 0.02 in. (0.3 and
0.5 mm) is detectable, through a detailed visual inspection, with a probability better than 0.90. However,
the use of dent depth as a damage metric has several shortcomings. First, dent depths depend on a
number of impact variables, including the impactor geometry, and may not be a good indication of the ex-
tent of underlying damage. Also, in Reference 7.4.1(c) it was shown that the impact dent could decay
with time under the combination of fatigue and aging due to viscoelastic phenomena. In some cases, the
initial impact indentation dent depth (8,) may be as much as 3 times that of the decayed dent depth. This
was also confirmed by Canadian investigations reported in Reference 7.4.1(d). Dent decay versus time is
probably material dependent. When using maintenance damage detection schemes based on visibility, it
is thus necessary that damages used to demonstrate tolerance to BVID have decayed dent depths
greater than or equal to the detectability thresholds (84). Therefore, in the absence of data, an initial dent
depth of at least .04 in. (1 mm) should be selected to remain detectable at the end of the longest sched-
uled inspection interval.

7.4.2 Recommendations for damage inspection data development

Aircraft manufacturers apply a range of inspection procedures to help meet development and applica-
tion goals. These goals include identifying: (a) critical damage types and design criteria for specific struc-
tural details, (b) process and quality controls for production parts, and (c) reliable procedures for mainte-
nance in the field. Impact surveys, which involve applying a range of impact damage to representative
structure, are recommended to support the development of enabling inspection technologies. They
should result in definition of visual damage characteristics for routine inspections, and more rigorous, but
reliable, NDE procedures that may be used to quantify residual strength. These efforts should include
guantification of the impact event, and application of both nondestructive (e.g., through-transmission ul-
trasound) and destructive (e.g., microscopic cross-sections) measurements of the resulting damage.
Note that, as discussed in Section 7.5 (Damage Resistance), impact surveys provide the most meaningful
results when applied to specific structural configurations and design details.
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7.4.2.1 Goals

The most obvious goal of the impact survey inspection results is the definition of detectability limits
and detection probabilities for the recommended in-service inspection methods. Comparison of results
from the in-service techniques with more sophisticated laboratory methods provides a strong basis for
guantifying both parameters. The range of impact variables and structural configurations included in the
impact survey allow variations in the detectability limits and detection probabilities with these variables to
be addressed.

A less apparent, but equally important goal of the impact survey inspection results is the development
of techniques for quantifying structural degradation. Reductions in structural performance parameters
(i.e., stiffness, strength) must be defined to avoid overly conservative assumptions in residual strength
assessments, which lead to excessive repair requirements. The impact survey results provide the oppor-
tunity to accomplish this through the development of relationships between field-measurable damage pa-
rameters and the actual degradation determined from destructive evaluation. Note that there is little rele-
vance to relationships between impact event metrics and the resulting structural degradation since, gen-
erally, little or nothing is known about the event that caused the damage (e.g., impactor geometry, energy
levels, time since occurrence).

7.4.2.2 Inspection techniques

Both destructive and NDE methods should be applied to maximize the information gained from im-
pact surveys. All of the NDE methods recommended for field maintenance should be included in the sur-
vey. Correlation between field NDE techniques and more rigorous laboratory evaluations, including de-
structive mechanical tests (to be discussed in Section 7.8.3) and microscopy of cross-sections, should
help establish key characteristics of impact damage.

Inspection methods which are generally only suitable for impact surveys conducted in the laboratory
include through transmission ultrasound (TTU), microscopy, thermal deply, local reduced stiffness meas-
urements, and residual strength tests. The last one will be presented in Section 7.8.3. The use of TTU
requires access to both sides of a structure, special equipment (e.g., ultrasonic signal generators and
transducers capable of frequencies between 1 and 10 MHz) and a grease or fluid media to couple probes
with the damaged structure. Microscopic cross-sections are best used to see matrix cracks and delami-
nation. A polished cylindrical-section highlighted by dye penetrant may help define how such matrix dam-
age combines to form sublaminates (which will be discussed further in Sections 7.8.2 and 7.8.3). De-
structive methods which burn away resin (referred to as thermal deply for laminates) are the most efficient
laboratory procedures for characterizing the extent of fiber damage. Although such methods were first
applied to laminates made from unidirectional tape, they also work for other material forms, such as tex-
tiles.

Pulse-echo ultrasound (PEU) and X-ray, which both require special equipment, can be used in either
laboratory or field applications. Only one-side access is needed for PEU. It has been used to provide
some measure of the extent of delamination at different levels. As was the case with TTU, some fluid
media is normally required to couple the PEU transducer with a damaged structure’s surface. More ad-
vanced ultrasonic methods using laser pulses and optical data reduction (one-sided, no contact access)
are expected to emerge as NDE technology progresses. X-ray typically requires the penetration of spe-
cial fluids to highlight the damaged substructure.

The reduced stiffness resulting from damage may be quantified in a test laboratory, without generat-
ing further damage, by applying an out-of-plane load at the impact site and measuring the local deflection.
This technique, which applies load in a manner similar to quasi-static impact tests, provides a measure of
local load carrying capability. Local reduced stiffness measurements help to quantify effective mechanical
properties rather than discrete damage characteristics and, therefore, can result in simpler residual
strength analyses. An ultrasonic method, which (with more development) may be suitable for field appli-
cations, uses lamb wave dispersion measurements to quantify axial and flexural stiffness (Reference
7.2.2.3()) and 7.4.2.2). Lamb waves propagate in a flexural mode at wavelengths on the order of struc-
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tural thickness. Relatively low frequencies (less than 1 MHz) are required to generate such waves.
Changes in velocity as a function of frequency (i.e., wave dispersion) relate to structural bending and ex-
tensional stiffness through analysis. This method has been successfully applied to quantify the reduced
stiffness of impact damage created by a wide range of sources. Figure 7.4.2.2 shows a plot correlating a
mechanical measurement of local reduced bending stiffness with that obtained from flexural wave propa-
gation. Note that neither dent depth nor ultrasonic C-scan area had as good a correlation with mechani-
cal measurements of reduced stiffness.
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FIGURE 7.4.2.2 Mechanical and ultrasonic experimental measures of local reduced stiffness
at impact damage (References 7.2.2.3(j) and 7.4.2.2).

7.5 DAMAGE RESISTANCE

Damage resistance, as used in the context of this discussion, relates to a structure’s resistance to
various forms of damage occurring from specific events. It is generally an issue of structural weight for
the designer, and of economics for the operator. Considering potential threats for commercial and military
aircraft, this covers a large range of damage states. Based on the specific structural configuration and
design details, some damage types pose a more serious threat to structural performance than others.
The ensuing discussion will highlight known damage resistance mechanisms and the trade in properties
one can expect in selecting a particular material type or design configuration for different applications.

7.5.1 Influencing factors

The composite impact damage characteristic that has been given the most attention to date is de-
lamination and/or element disbond resistance. Numerous attempts at improving this property through
material developments were pursued during the 1980s and into the 1990s. These included toughened
resin systems, stitching, z-pinning, and textile material forms (with varying degrees of through the thick-
ness reinforcement). Fiber stress versus strain properties were also found to be important to the resis-
tance of impact damage dominated by fiber failure. The high tensile strain-to-failure of fiberglass and
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aramid fibers make them significantly more resistant to failure under impact loads than carbon. Finally,
impact damage resistance has been found to depend on both the structural configuration and local design
detail. Examples of the former have been noted in differing impact damage characteristics for composite
structures stiffened by sandwich core materials and discrete elements. Laminate stacking sequence, lo-
cal thickness buildups at bonded elements, adhesive layer inserts, proximity of discrete structural ele-
ments, and redundant mechanical fasteners are some typical examples of structural details crucial to im-
pact damage resistance.

7.5.1.1 Summary of results from previous impact studies

The majority of composite damage studies performed to date have pursued the fundamentals of
composite material response. Reviews of studies addressing the fundamentals of composite material
response, as related to damage resistance, can be found in References 7.5.1.1(a) through 7.5.1.1(d).

Many impact studies performed in the past concentrated on relatively thick wing-type structures (Ref-
erences 7.5.1.1(e) through 7.5.1.1(i)). Impact testing was performed on both coupons and subcompo-
nents using simulated impact threats, usually with a hemispherical impactor tip (typically referred to as a
“tup”). These tests correlated well with industry studies involving various shop tools dropped onto test
articles. Documented studies for tests performed at the structural level generally evaluated damage by
visibility and residual strength, although planar ultrasonic C-scans have also been used in some cases.
More detailed evaluations of impact usually occurred only at the coupon level. For example, results
shown in Figure 7.5.1.3 are characteristic of those obtained with standard test coupons developed by
NASA (impact specimen size = 7 in. X 12 in. (180 mm x 300 mm) and machined CAl specimen size = 5
in. X 10 in. (130 mm x 250 mm)) and Boeing (impact and CAIl specimen size =4 in. X 6 in. (100 mm x 150
mm)).

The damage states and resulting residual strengths observed in these early tests were found to be a
strong function of impact energy and relatively independent of the impactor shape. Transverse cracks
and delaminations were found to be the primary failure mechanism for the “brittle” epoxy laminates under
study at that time, with the areal extent of damage being a strong function of the impact energy. Local
fiber failures were suppressed, until penetration was achieved, by the formation of large delaminations
which reduced contact forces by locally softening the laminate. Matrix damage was primarily responsible
for reduced CAI strength, while fiber failure, which would be influenced by impactor geometry, was not
found to be a strong contributor to the observed compression strength degradation. These findings,
along with ease of analytical modeling, led to the use of spherical shaped impactors with diameters be-
tween 0.5 in. (13 mm) and 1.0 in. (25 mm) for the majority of impact studies on fibrous composites to
date.

Towards the end of the 1980s, an extensive evaluation of impact in wing-gage structure was per-
formed by Northrop and Boeing under contract with the U.S. Air Force (Reference 7.5.1.1(j)). The focus
of this study was on the impact damage resistance of material, laminate, and structural geometry. A build-
ing-block test approach was used, including coupons, 3- and 5-stringer stiffened panels, and wing boxes
(multi-spar and multi-rib). Those variables that were found to have a significant effect on the test results
included laminate thickness, laminate lay-up, material toughness (as quantified by interlaminar G,.), stiff-
ener type, impact location, and panel boundary conditions. Tests and analyses were documented on the
impact structural response, characteristics of the resulting damage, and CAl strength. Figure 7.5.1.1
shows typical results from this extensive study. Note the effects of laminate thickness and impact energy
on the resulting damage, as measured by visible dent depth. As shown in Figure 7.5.1.1, an energy cut-
off, rather than visibility limits, has been used to bound Ultimate Load design requirements for thick struc-
ture. Also worthy of note for stiffened structure is the importance of local fiber failure in the flange and
webs of stiffeners subjected to impact. This effect is not shown in Figure 7.5.1.1 although the high levels
of impact energy required to create such damage may also lead to an energy cut-off for ultimate design
considerations. Realistic impact threat levels should also be considered when establishing Limit Load
requirements; however, an energy cut-off is not appropriate since aircraft safety is dependent on detecting
any damage occurring in a multitude of real-world scenarios.
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More recently, the impact damage resistance of relatively thin-gage stiffened fuselage and sandwich
structures were studied by Boeing under contract with NASA (References 7.5.1.1(I) through 7.5.1.1(n)).
Several material, laminate and structural variables were evaluated in a designed experiment which also
included a wide range of extrinsic variables related to the impact event. The extent and type of impact
damage to the matrix and fibers was measured using several different destructive and nondestructive
methods. Some of the thicker-gage fuselage panels included in this study were on the order of outboard
wing or empennage panels (skin gages = 0.18 in. (4.6 mm)).
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FIGURE 7.5.1.1  Test results for the effects of laminate thickness on dent depth for a range
of impact energies (Reference 7.5.1.1(k)).

As was the case with previous studies, impact energy and laminate thickness were found to have a
strong effect on the resulting damage in fuselage gage structure (Reference 7.5.1.1(l)). Of the extrinsic
variables found to be important, impactor diameter and shape had the most important implications to
damage resistance, inspectability and post-impact residual strength. At high impact energies, impactors
with relatively large diameter created more extensive damage and less surface indication (i.e., dent
depth) than smaller impactors which typically penetrated the laminate. Unlike the relatively thick lami-
nates (0.2 to 0.5 in. (5.1 mm to 13 mm)) considered for wing structures, matrix toughness had little effect
on the damage area of minimum gage fuselage structure (i.e., 0.09 in. (2.3 mm) thick). Other design
variables affecting impact damage resistance included stiffener geometry, addition of adhesive layers at
skin/stiffener interfaces, carbon fiber type, and matrix toughness for the thicker laminates. Several inter-
actions between these variables were found to be as strong as the individual variable main effects. Test
correlation with analytical simulations showed that the fixture used to support the stiffened panel had a
significant effect on the structure’s dynamic response during impact. This shows the need to test panels
with boundary conditions as close to those of the configured structure as feasible or use static indentation
tests.

7.5.1.2 Through-penetration impacts

Few investigations have addressed resistance to high-energy impact events that penetrate the entire
laminate. Reference 7.5.1.2 performed limited through-penetration impacts of all-CFRP and GFRP/CFRP
hybrid laminates using a blade-like impactor, shown in Figure 7.5.1.2(a). Impact energies were selected
to be at least sufficient to result in penetration. Comparison of the instrumented force-displacement re-
sults for through-penetration impacts revealed significant differences between material types.
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Curves for several CFRP materials are shown in Figure 7.5.1.2(b). The AS4/938 tow has a higher
load than the AS4/938 tape, resulting in an approximately 60% higher event energy. This difference may

be attributed to the larger damage formed adjacent to the penetration in the tow-placed laminate, as ob-
served in ultrasonic scans.
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FIGURE 7.5.1.2(a) Penetrating impact support fixture.
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FIGURE 7.5.1.2(b) Instrumented impact results for through-penetration of AS4/938 tow
and tape, IM6/3501-6, and IM7/8551-7.

7-39



MIL-HDBK-17-3F
Volume 3, Chapter 7 - Damage Resistance, Durability, and Damage Tolerance

The IM6/937A tape results showed a peak load and total event energy that were 20-25% above that
of the AS4/938 tape. The amount of damage area created was similar for the two materials, as might be
expected for equivalent resin systems. The energy differences, therefore, might be due to the slightly
higher laminate bending stiffness and fiber strengths, both a result of the higher stiffness of the IM6 fiber.

Penetration of IM7/8551-7 tape resulted in a 40% higher maximum load and a 65% higher total event
energy than IM6/937A tape. Ultrasonic scans indicated that damage created adjacent to the penetration
was significantly smaller in IM7/8551-7 than in any of the other materials. Possible causes for the energy
difference include: (@) the slightly higher bending stiffness and fiber strength with the IM7 fiber, and (b)
the increased energy absorbed per unit damage due to the higher toughness of 8551-7. Neither of these,
though, appear likely to account for a majority of the energy increase. Extension of the crack beyond the
net impactor length, however, would require additional fiber failure and associated energy. This scenario
is plausible since 8551-7 resin is resistant to matrix damage that would reduce the stress concentration
near the corners of the penetrator. Note that the ultrasonic methods used for the current study are unable
to distinguish fiber failure zones.

Force-displacement curves are presented in Figure 7.5.1.2(c) for tow-placed laminates of 100%
AS4/938, 100% S2/938, and an intraply hybrid consisting of 50% AS4 / 50% S2 / 938 with a 12 tow re-
peat unit width. As expected from the fiber stiffness difference, the slope of the 100% S2/938 curve is
less than that of the 100% AS4/938, and that of the intraply hybrid falls midway between. The total event
energy of the S2/938 was over twice as large as that of the AS4/938, and the intraply hybrid energy was
midway between. Another conspicuous feature of the intraply hybrid curve is the relative ductility of the
failure, as compared to either the AS4/938 or S2/938.
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FIGURE 7.5.1.2(c) Instrumented impact results for through-penetration of tow-placed
laminates consisting of various percentages of AS4 and S2.

Lay-up and/or thickness effects were also observed to significantly affect the resulting damage state.
Figure 7.5.1.2(d) compares the delamination extent for the 10-ply laminate with that of the 16-ply lami-

nate. The relatively high bending stiffness of the 16-ply laminate may result in the formation of larger ma-
trix splits and delaminations near the crack tip.
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FIGURE 7.5.1.2(d) Ultrasonic C-scans of AS4/938 tape 10-ply and 16-ply through-
penetration specimens.

7.5.1.3 Material type and form effects

The ability of composite structures to resist or tolerate damage is strongly dependent on the constitu-
ent resin and fiber material properties and the material form. The properties of the resin matrix are most
significant and include its ability to elongate and to deform plastically. The area under a resin’s stress-
strain curve indicates the material’'s energy absorption capability. Damage resistance or tolerance is also
related to the material's interlaminar fracture toughness, G, as indicated by energy release rate proper-
ties. Depending on the application G,, G, or G;;; may dominate the total G calculation. These parameters
represent the ability of the resin to resist delamination, and hence damage, in the three modes of fracture.
The beneficial influence of resin toughness on impact damage resistance has been demonstrated by tests
on newer toughened thermoset laminates and with the tougher thermoplastic material systems.

Investigations have been conducted on the effect of fiber properties on impact resistance. In general,
laminates made with fabric reinforcement have better resistance to damage than laminates with unidirec-
tional tape construction. Differences among the carbon fiber tape laminates, however, are small. Some
studies have been made of composites with hybrid fiber construction, that is, composites in which two or
more types of fibers are mixed in the lay-up. For example, a percentage of the carbon fibers are replaced
with fibers with higher elongation capability, such as fiberglass or aramid. Results (References 7.5.1.3(a)
through 7.5.1.3(d)) in both cases have shown improvement in damage resistance and residual compres-
sion strength after impact. Basic undamaged properties, however, were usually reduced.

Figure 7.5.1.3 shows typical standard flat specimen test results which distinguish the impact damage
resistance of a toughened composite (IM7/8551-7) and an untoughened material system (AS4/3501-6).
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The toughened material resists delamination growth under transverse loading, resulting in smaller dam-
age diameter per given level of impact force. Studies have shown that mode Il interlaminar fracture
toughness (G),¢) is the critical property for resisting delamination growth under transverse load conditions
(References 7.5.1.3(e) and (f)). The G, ¢ of a laminate can be enhanced by toughening the matrix. The
value of Gy ¢ has also been found to be a strong function of the thickness of toughened resin interlayers
existing between plies in the laminate. Composite laminates with this microstructure have improved de-
lamination resistance. However, systems that use toughened resins throughout the laminate may have a
significant loss of hot/wet compressive strength, reduced large notched tensile strength, and other draw-
backs.
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FIGURE 7.5.1.3 Impact test results for untoughened and toughened, interlayered
carbon/epoxy laminate made from prepreg tape (Reference 7.5.1.3(i)).

It should be noted that the test results in Figure 7.5.1.3 are a strong function of the laminate thick-
ness, stacking sequence, and specimen geometry. All of these structural variables were held constant for
both materials in the figure. Although the relationship between damage size and impact force may differ
somewhat, test trends shown in Figure 7.5.1.3 are similar to those obtained from impacts occurring mid-
bay (centered between longitudinal and transverse stiffening elements) in stiffened skin panels which
have similar laminate thickness. Figure 7.5.1.3 also shows static indentation tests produced similar dam-
age sizes to those obtained in falling-weight impact events.

Some textile material forms offset the effects of matrix damage through delamination growth resis-
tance and/or other mechanisms (Reference 7.5.1.3(g)). Stitching, which can be achieved by a number of
different fabrication processes, does not completely suppress the formation and growth of matrix damage
when a structure is subjected to impact. However, stitching improves sublaminate buckling resistance;
and hence, helps to minimize reductions in compression-after-impact (CAl) strength related to matrix
damage (Reference 7.5.1.3(h)).

7-42




MIL-HDBK-17-3F
Volume 3, Chapter 7 - Damage Resistance, Durability, and Damage Tolerance

7.5.1.4 Depth of damage

Impacts to thin composites cause damage throughout the thickness even for relatively small impact
forces and energies. In the contact region, the damage consists of fiber and matrix damage; beyond the
contact region, the damage consists only of matrix damage. The diameter of the contact region is only a
small fraction of the impactor radius and of the same order of magnitude as the thickness. For example,
the contact diameters for the impact tests in Figure 7.5.1.3 are only a few millimeters compared to dam-
age diameters from 0.4 to 2.8 in. (10 to 70 mm). (The impacts were conducted using 0.5 in. (12.7 mm)
diameter tups.) Because the damage extends far beyond the contact region, the shape of the impactor
has little effect on the extent of the damage. Impacts to thick composites, on the other hand, will not
cause damage throughout the thickness except for very large impact forces and energies.

Damage depth measured in radiographs is plotted against impact force in Figure 7.5.1.4 for a 1.4 in.
(36-mm) thick, AS4/epoxy composite (Reference 7.5.1.4). (The radiographs were made from the sides of
the specimens, which were only 1.5 in. (38 mm) wide.) This material represented the Filament Wound
Case (FWC) made for the solid motors of the Space Shuttle. The FWC was composed of 0° (hoop) and
+56.5° (helical) layers. The impacts were made with the following indenters: a 0.25 in. (6.35 mm) diame-
ter rod, a 90° corner, and 0.5 and 1 in. (12.7 and 25.4 mm) diameter hemispheres. The mass of the im-
pactor was 11 Ib (5.0 kg) and each symbol is the mean value for several specimens. The diameters of
the contact region were much smaller than the thickness. The rod made the deepest damage, followed
by the corner, the small hemisphere, and large hemisphere. The rod acted like a punch and, after a criti-
cal force was exceeded, plunged through the composite with only a small increase in force. The data for
the corner and hemispheres had similar slopes, and impact force to cause damage of a given depth was
greater for the more blunt indenter. The filled and open symbols indicate visible and non-visible damage,
respectively, as viewed on the impacted surface. All the damage for the rod, corner, and most of that for
the small hemisphere was visible. But damage as deep as 0.2 in. (4 mm) was not visible for the 1.0 in.
(25.4 mm) hemisphere. Thus, impactor shape has a significant effect on the depth and visibility of dam-
age for thick composites. Also, notice that the impact forces in Figure 7.5.1.4 are much greater than
those in Figure 7.5.1.3.

7.5.1.5 Laminate thickness effects

Low velocity impact damage is potentially more of a problem for thin laminates than for thick lami-
nates, see Figures 7.5.1.5(a) and (b). Figure 7.5.1.5(a) contains a graph of kinetic energy versus thick-
ness for two different dent depths for the tests. For the range of thicknesses shown, kinetic energy re-
quired to produce a given level of damage (as characterized by indentation depth) increases with increas-
ing thickness to approximately the 3/2 power. Figure 7.5.1.5(b) contains a graph of damage diameter
versus force for static indentation tests of the same composites in Figure 7.8.1.2.7(a). The force to initiate
damage also increases with increasing thickness to approximately the 3/2 power. The 16-ply composite
was penetrated with a force of 700 Ib;. Composites of 24, 32, and 48 piles were not penetrated with even
larger forces. Thus, the force to penetrate likewise increases with increasing thickness.

For very thick composites, damage does not develop throughout the thickness, as shown in Figure
7.5.1.4, and the damaged layers may fail under in-plane tension loading and disbond from the remaining
layers. Residual tension strengths for the 1.4 in. (36 mm) thick specimens in Figure 7.5.1.4 are plotted
against damage depth in Figure 7.5.1.5(c). The strengths were normalized by the undamaged strength,
and each symbol is the mean value for several specimens. The filled symbols indicate the stress when
the damaged layers failed, and the open symbols indicate the stress when the remaining layers failed
(maximum load). (All stresses were calculated using the total area.) The damaged layers disbonded
from the remaining layers when they failed. For very shallow damage, the initial failure was catastrophic;
but for deeper damage additional load was required to fail the remaining layers. The decrease in strength
with increasing damage depth was greater for the damaged layers than the remaining layers. The dam-
aged layers were shown to fail according to a surface crack analysis (Reference 7.5.1.4), that is strength
varies inversely with square root of damage depth. The remaining layers were shown to fail approxi-
mately as an unnotched laminate.
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7.5.1.6 Structural size effects

Impact response for coupons and structures can be quite different. Consider a plate with transverse
force and flexural stiffness k and natural frequency ® impacted by a mass m.. When the ratio of o?/(k/m;)
is greater than 100, the impact response is essentially quasi-static (Reference 7.5.1.3(i)). That is, the
force displacement relationships for an impact and for quasi-static loading are the same. Moreover, from
energy balance considerations, the impact force F is given by:

2 5/3
F
1mivi2 _1FTmax | 2 Fnex 7.5.1.6(a)
2 2 Kk 5n2/3

where

n =%EZ\/FTi 7.5.1.6(b)

V; is the velocity of the impactor, R, is the radius of the spherical impactor, and E, is the modulus in the
thickness direction. The second term on the right hand side of equation 7.5.1.6(a) accounts for local in-
dentation. Thus, when k is small compared to n, the impact force increases in proportion to the square
root of the product of kinetic energy and flexural stiffness. Thus, impact force increases with decreasing
size, increasing thickness, and the addition of stiffeners. Also, damage resistance increases with increas-
ing thickness, and stiffeners can increase strength by arresting a fracture.

It should also be noted that when the ratio of w?(k/m,) is less than 100, the impact response is tran-
sient (Reference 7.5.1.3(i)). That is, the plate behaves as though it were smaller, resulting in larger im-
pact forces than those given by Equation 7.5.1.6(a). On the other hand, the development of damage has
the effect of reducing impact force. In Equation 7.5.1.6(a), both k and n decrease with increasing dam-
age, thereby reducing F.» The maximum value of impact force is limited by the resistance of the plate to
penetration. Thus, the effect of plate size can be counteracted by damage.

The effects of size are illustrated in Figures 7.5.1.6(a) through 7.5.1.6(c). Figure 7.5.1.6(a) contains a
bar graph of minimum kinetic energy to reduce burst pressure for two filament-wound cylinders with the
same membrane material and lay-up but with different sizes (Reference 7.5.1.6(a)) . The minimum kinetic
energy to reduce burst pressure for the 18.0 in. (45.7 cm) diameter was almost ten times that for the 5.7
in. (14.6 cm) diameter.

Figures 7.5.1.6(b) and (c) contain graphs of impact force and resulting damage diameter, respectively,
versus kinetic energy for .25 in. (6.3 mm) - thick, quasi-isotropic plates of various sizes (Reference
7.5.1.6(b)). For a given kinetic energy, the impact force and accompanying damage size decrease with
increasing plate size - no damage at all was discernible in the 8.2 in.-square (53 cm-square) plates for
energies less than 30 ft-Ib (41 J). Thus, the energy threshold for causing damage increases with increas-
ing size in a manner consistent with the energy threshold for burst strength in Figure 7.5.16.(a). It should
be noted that damage reduces impact force by reducing the flexural stiffness, more so for a small plate
than a large plate. Thus, the impact forces for the two smallest plates in Figure 7.5.1.6(b) were similar in
magnitude due to damage.
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FIGURE 7.5.1.6(c) Impact damage for small plates of various sizes (Reference 7.5.1.6(b)).

7.5.1.7 Sandwich structure

The core and facesheet thickness in sandwich stiffened designs play an important role in impact
damage resistance. Critical core variables include density, fiber type, matrix type, cell geometry, and fiber
orientation. Most of the impact test and analysis evaluations performed to date were with sandwich pan-
els having a facesheet thickness between 0.03 in. and 0.15 in (0.8 mm and 3.8 mm). The extent of dam-
age in the core and outer impacted facesheet has been found to approach an asymptote. For example,
the database collected by Boeing in the early 1990’s under contract with NASA found this asymptote to be
somewhat larger than the impactor diameter and dependent on the specific combination of composite
core and laminate materials for panels with facesheets on the order of 0.08 in. (2.0 mm) thick (Reference
7.5.1.1(n)). Such inherent resistance to the development of large impact damage areas can have signifi-
cant benefits in minimizing the effects on residual strength.

Thin-gauge honeycomb panels (facesheets less than 0.02 in. (0.5 mm) thick) have been found to
damage at very low levels of impact and allow environmental degradation of the core (e.g., moisture in-
gression), leading to significant durability problems. Also, limited testing suggests that, for thick-facesheet
sandwich panels (i.e., t > 0.20 in. (5.1 mm)), that a damage diameter much larger than the impactor di-
ameter is possible with less surface visibility; however, residual strength tests suggest that this damage
was asymmetric because the CAI strength was large and not commensurate with extensive through-
thickness damage of the size noted.

Some sandwich core materials have failure mechanisms which are not limited to the local area of the
impact event. Instead, core damage propagates, allowing the composite facesheet to absorb energy in
deflection without failure. Damage created for such combinations of material become a threat to sand-
wich panel integrity when significant compression or shear loads exist because the failed core does not
stabilize the facesheet over a large area. In addition, an undamaged facesheet springs back after impact,
reducing visible indications of massive core failure. This phenomenon was observed in previous NASA-
funded contract work performed at Boeing in the mid-1980s (Reference 7.5.1.7). The honeycomb core
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material used in these studies (a bias weave glass fabric impregnated with a heat resistant resin) propa-
gated a failure that was much larger than the local “core crush region,” which typically occurs below the
impactor. Figure 7.5.1.7 shows measurements of the extent of this damage. The compressive residual
strength with such damage was found to be very low. As a result, the particular honeycomb core material

used in these studies would not be a good candidate for primary structure applications.

For sandwich materials with thin faces, impact can result in visible core damage which has been
shown to reduce the compressive and shear strengths. Impact damage which causes a break in the
facesheet of the sandwich (as well as porosity, a manufacturing defect) also presents a long term durabil-

ity problem in that it can allow water intrusion into the core.
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FIGURE 7.5.1.7 Micrograph and through-transmission ultrasound data for an undesirable
core impact failure mode (Reference 7.5.1.7).
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7.5.2 Design issues and guidelines

In normal operation, aircraft are subjected to potential damage from a variety of sources, including
maintenance personnel and tools, runway debris, service equipment, hail, and lightning. Even during ini-
tial manufacturing and assembly, parts are subject to dropped tools, bumps during transportation to as-
sembly locations, etc. The aircraft structure must be able to endure a reasonable level of such incidents
without requiring costly rework or downtime. Providing this necessary damage resistance is an important
design function. Unfortunately for the designer, providing adequate damage resistance may not always
be the most popular task. Resistance to damage requires robustness, and commonly necessitates the
addition of extra material above that necessary to carry the structural loads. It also influences the choice
of materials, lay-up, design details, etc. As a result, there are many pressures to compromise because of
competing goals for minimum weight and cost.

In order to establish minimum levels of damage resistance, various requirements for aircraft structure
have been identified in the past. For example, the Air Force requirements are defined in their General
Specification for Aircraft Structures, AFGS-87221A (Reference 7.5.2). In general, the Specification de-
fines the type and level of low energy impact that must be sustained without structural impairment, mois-
ture ingestion or a requirement for repair. It provides provision for such incidents as dropped tools, hail,
and impact from runway debris. The aircraft may be zoned depending on whether the region has high or
low susceptibility to damage. In some cases, commercial airline operators have requested specific levels
of damage resistance, or particular material selections for components in high impact threat areas.

7.5.2.1 Use of impact surveys for establishing critical damages

Impact surveys with configured structure are required to establish critical damage scenarios for par-
ticular design and inspection procedures suitable for field maintenance. These surveys can help establish
design features crucial to structural integrity. A range of impact scenarios and structural locations are in-
cluded in an impact survey. Critical damage can be identified based on post-impact evaluations of: (1)
damage visibility, (2) extent of delamination and fiber failure, (3) reduced local stiffness (i.e., loss of load
path) and (4) residual strength. Due to the large number of material, structural, and extrinsic variables
affecting damage, impact surveys have been found to provide the most meaningful results when applied
to specific built-up structure. As a result, surveys using large structural configurations with representative
design detail and boundary conditions are recommended. Such studies are practical because numerous
impacts can be applied to a single test article. Smaller “building block” panels (e.g., 3-and 5-stringer pan-
els) with representative impact damage are also generally required to quantify residual strength.

7.5.2.2 Structural arrangement and design details

An impact survey consists of a series of impacts applied at varying impact energies and locations to a
structure. The goal of an impact survey is usually to define the relationships between impact energy,
damage detectability and damage characteristics. The results of the survey are often used to establish
the impact variables (energy, location, etc.) to be applied to structural test articles used to determine post-
impact residual strength.

Impact at design details. The damage resistance of composite structure is strongly dependent on
design detail (e.g., material form, constituents, lay-up, thicknesses, and structural configuration). It is cru-
cial to get early design development data from structural element and subcomponent tests in order to
meet goals for damage resistance. For example, impact damage in bonded or bolted structure accumu-
lates differently than it does in flat plates. Design development data should consider a range of damage
scenarios, from those known to cause durability or maintenance problems in service to those having a
significant effect on residual strength requirements for ultimate and Limit Loads.

In defining the requirements for damage resistance, the type of structure is pertinent. For example,
the level of impact energy which typically must be sustained by honeycomb sandwich control surfaces
without requiring repair or allowing moisture ingestion is quite low, e.g., 4 to 6 in-lb (0.5 to 0.7 J). One
reason these parts have been kept very light is to minimize weight and mass balancing, consequently,
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damage resistance is minimal. Repair is facilitated somewhat because these parts can usually be readily
replaced with spares while repairs are being accomplished in the shop. Because of their light construc-
tion, however, they must be handled carefully to prevent further damage during processing or transport.
By contrast, the damage resistance requirement for primary laminate structure, which is not normally
readily removable from the aircraft, is typically much higher, e.g., 48 in-Ib (5.4 J).

Damage-susceptible regions and details. There are certain damage-susceptible regions of the
airplane that require special attention. Examples of these are the lower fuselage and adjacent fairings,
lower surfaces of the inboard flaps and areas around doors. These need to be reinforced with heavier
structure and perhaps glass fiber reinforcement, instead of carbon. In addition to the above, structure in
the wheel well area needs special attention because of damage susceptibility from tire disintegration.
Similarly, structure in the vicinity of the thrust reversers is damage prone due to ice or other debris thrown
up from the runway.

Minimum weight structure, such as that used for fairings, can cause excess maintenance problems if
designed too light. Sandwich structure with low density honeycomb core is an example. Also, face
sheets must have a minimum thickness to prevent moisture entrance to the core. The design should not
rely on the paint to provide the moisture barrier. Experience has shown that the paint often erodes or is
abraded and then moisture enters.

Honeycomb sandwich areas with thin skins adjacent to supporting fittings are particularly vulnerable
to damage during component installation and removal. Consequently, solid laminate construction is
commonly used within a reasonable working distance of fittings.

Trailing edges of control panels are highly vulnerable to damage. The aft 4 inches (102 mm) are es-
pecially subject to ground collision and handling, as well as to lightning strike. Repairs in this region can
be difficult because both the skins and the trailing edge reinforcement may be involved. A desirable ap-
proach for the design is to provide a load carrying member to react loads forward of the trailing edge, and
material for the trailing edge, itself, that will be easily repairable and whose damage will hot compromise
the structural integrity of the component. Close out details should avoid the use of potting compounds
due to the tendency to crack and cause sealing problems.

7.5.2.3 Ground hail

It may also be desirable to design composite aircraft structure to be resistant to typical hail strike en-
ergies to minimize the amount of repair required after a hailstorm. Such damage typically only occurs
when the aircraft is on the ground, except for leading edges, which can experience in-flight hail damage.

7.5.2.4 Lightning

High-energy lightning strikes can cause substantial damage to composite surface structure. For civil
aircraft and rotorcraft, the FAA regulations for lightning protection are FAR 25.581, 23.867, 27.601, and
29.610. Fuel system lightning protection requirements are in 25.954 and 23.954. System lightning pro-
tection requirements are in 25.1316. Advisory circulars AC20-53 and AC20-136 provide means of com-
pliance with the regulations. Military requirements are defined in Mil-STD-1795 - Lightning Protection of
Aerospace Vehicles and Hardware, Mil-Std-1757 - Qualification Test Techniques for Lightning Protection
and Mil-B-5087 - Bonding, Grounding and Lightning Protection for Aerospace Systems.

There are zones on the airplane with high probability of lightning strike occurrence. These zones are
called lightning strike zones. Protection of composite structure by conductive materials is required on
lightning strike zones and beyond them to enable conductivity of induced currents away from attachment
zones. An all-composite wing may have to be completely covered by a conductive layer, even if the at-
tachment zone is located near the wing tip.

At fasteners and connections, electrical resistance to current flow generated by lightning produces
heat that causes burning and delaminations. Minor lightning attachment also can cause significant dam-

7-51



MIL-HDBK-17-3F
Volume 3, Chapter 7 - Damage Resistance, Durability, and Damage Tolerance

age, particularly to the tips and trailing edges. The following are guidelines to reduce the repair require-
ment:

e Provide easily replaceable conductive material with adequate conductive properties.
e Provide protection at tips and along trailing edge spans.
o Make all conductive path attachments easily accessible.

7.5.2.5 Handling and step loads
In addition to impact induced loads, there also needs to be requirements of resistance to damage
from normal handling and step loads that might be encountered in manufacturing and operational envi-
ronments. The following are suggested considerations:
Handling loads:
Difficult access - interpreted as finger tips only.
Overhead easy access - the ability to grip and hang by one hand.
Step loads:
Difficult access - interpreted as allowing, with difficulty, a foothold on a structure.
Easy access from above - interpreted as allowing a 2g step or “hop” onto the structure.

Note that contact areas, locations, and weights associated with each of these conditions must be de-
fined.

7.5.2.6 Exposed edges

Laminate edges should not be positioned so they are directly exposed to the air stream since they are
then subject to delamination. Options include:

1. Provide non-erosive edge protection such as a co-cured metal edge member.

2. Provide an easily replaceable sacrificial material to wrap the edges.

3. Locate the forward edge below the level of the aft edge of the next panel forward.
7.5.3 Testissues

This section is reserved for future use.

7.5.4 Analysis methods - description and assessment

This section is reserved for future use.

7.6 DURABILITY (DAMAGE INITIATION)
7.6.1 Introduction

In general, composite materials exhibit superior fatigue properties relative to that of metals. Their
corrosion resistance also provides better durability for aircraft structures. Composite structural designers
can usually utilize the high fatigue threshold that has been observed for commonly applied materials to
simplify the fatigue design processes.

However, special considerations must be applied in fatigue/durability design of composites due to
increased scatter in both strength and fatigue life due to the presence of multiple constituents. The fa-
tigue life scatter in composites and metals are compared in Figure 7.6.1 (Reference 7.6.1) in terms of
Weibull shape parameters (o). As it may be noted, a higher value of Weibull shape parameter signifies
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lower data variation. As shown in the figure, the modal Weibull shape parameter for commonly used
composites is approximately 1.25, compared with approximately 7.0 for metals.

Composite Life Scatter is Significantly Higher Than Metal
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FIGURE 7.6.1 Fatigue life scatter comparison, composites vs. metals.

In addition to the higher scatter, two other factors significantly affect damage initiation and damage
progression of composites: (1) multiple damage modes, and (2) no dominant strain energy release
mechanisms.

Because composites consist of more than one constituent material, fatigue damage can initiate and
propagate in any one material and/or along any material interface. Possible damage modes include fiber
breakage, matrix cracking, fiber pull-out, and multi-mode delamination. Depending on the type of struc-
tural loading and the laminate construction, different modes of fatigue damage can occur at rather random
locations in the composite during the process of damage initiation. Once a damage is initiated, its pro-
gression is driven by strain energy release to create new surfaces. However, because of the many
modes of damage and because there is no dominate energy release mechanism, there is no clear path
for damage progression. It has been observed that damage in composites often advances as a progres-
sive damage zone that includes multiple damage types.

Unlike metallic structure, where single mode damage is propagated in a self-similar manner, the com-
plex damage initiation and progression in composite makes analytical modeling extremely difficult. There-
fore, durability of composite structures is mostly assured by performing adequate fatigue tests. Several
fatigue test schemes have been proposed to overcome the scatter issue and to take advantage of the
superior fatigue behavior of composites. These test schemes are discussed below.

7.6.2 Life factor approach

The life factor test approach has been successfully used for metal to assure structural durability. In
this approach, the structure is tested for additional fatigue life to achieve the desired level of reliability.
The test duration is determined based on the material fatigue life scatter, the number of test specimens,
and the required reliability. For example, for B-basis reliability (i.e., 90% probability that the structural life
exceeds the design lifetime, with 95% confidence), the required test life for typical composites and alumi-
num alloys are shown in Figure 7.6.2(a). As shown, the conventional two-lifetime test for aluminum struc-
ture is sufficient to assure B-basis life reliability. However, 14 lifetimes would be required for composites

7-53




MIL-HDBK-17-3F
Volume 3, Chapter 7 - Damage Resistance, Durability, and Damage Tolerance

to assure equal reliability. The required test lives for the typical range of Weibull shape parameters for
composites is tabulated in Figure 7.6.2(b) and plotted in Figure 7.6.2(c).

n=1 n=5 n=15
Composites Alpha = 1.25 13.558 9.143 7.625
Metals Alpha = 4.0 2.093 1.851 1.749

FIGURE 7.6.2(a) Comparison of B-basis life factors, composites vs. metals.

Mean/B-basis
ALPHA n=15 n=>5 n=1
0.50 383.569 603.823 1616.895
0.75 39.596 53.584 103.327
1.00 13.849 17.376 28.433
1.25 7.625 9.143 13.558
1.50 5.206 6.056 8.410
1.75 3.999 4,552 6.032
2.00 3.298 3.694 4,726
2.25 2.848 3.151 3.921
2.50 2.539 2.780 3.385
2.75 2.314 2.513 3.006
3.00 2.144 2.313 2.726
3.50 1.906 2.034 2.342
4.00 1.749 1.851 2.093
5.00 1.553 1.625 1.793

FIGURE 7.6.2(b) Values of B-basis life factor as a function of Weibull shape parameter.

The Weibull shape parameter for fatigue life distribution of commonly used composites has a modal
value of 1.25, as observed in Reference 7.6.1. That is, the fatigue life variability has a coefficient of ap-
proximately 0.805. The required test life for a sample size of between 5 to 15 is from 9.2 to 7.6. For a
single test article, such as a full-scale component test, the required life factor is 13.6. Such a test would
cause significant cost and schedule impact in an engineering program. In addition, a prolonged fatigue
test would cause fatigue failure in the metal parts of a mixed metal-composite structure, precluding the
verification of the composite’s reliability.
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FIGURE 7.6.2(c) Life factor for commonly used composites.

7.6.3 Load enhancement factor approach

In order to relieve the cost and schedule impacts of composite structural fatigue tests, a combined
load factor and life factor approach is developed in References 7.6.1 and 7.6.3. The objective of this ap-
proach is to increase the applied loads in the fatigue tests so that the same level of reliability can be
achieved with a shorter-duration test. The required load enhancement and test life depend on the statisti-

cal distributions of both the baseline fatigue life and the residual strength.

Assuming that both the fatigue life and residual strength distributions can be described by two-
parameter Weibull distribution, then the Load Enhancement Factor (LEF) in terms of test duration, N, can

be written as (Reference 7.6.1):

where oR is the Weibull shape parameter of the residual strength distribution,
oL is the Weibull shape parameter of the fatigue life distribution,
| is the reliability, 0.9 for B-basis, 0.99 for A-basis,
v is the level of confidence,
N is the test duration,
nis the sample size,
I" is the Gamma function,

x2 is the Chi-square value.

7.6.3

Equation (7.6.3) indicates that the LEF also depends on the sample size and the required reliability.
For oL = 1.25 and aR = 20.0, the A-basis and B-basis LEF in terms of test duration, N, are plotted in Fig-
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ure 7.6.3(a). Required LEF for one-lifetime and two-lifetime tests are shown in Figure 7.6.3(b). Depend-
ing upon the number of specimens tested, Figure 7.6.3(b) shows that for B-basis reliability, the required
load enhancement is less than 18%.

1.5
. Alpha R = 20.0
\
1.4 Fu Alpha L = 1.25
i§!
Q
1.3 | WA

1.2 |

1.1 =SS Sz zzsz===
-

1.0 |

B-Basis
0.9 |

Load Enhancement Factor, LEF

0'8 ' ' '
0.0 5.0 10.0 15.0 20.0

Test Duration, N

FIGURE 7.6.3(a) LEF for commonly used composites.

The LEF approach provides an efficient way to assure the structural life reliability. However, other
effects may also require a load enhancement and resulted in an undesirably high load factor. For exam-
ple, an environmental compensation factor is usually applied in order to account for service environment
effects, and a spectrum severity factor is usually applied for military aircraft. Thus, an LEF of 1.18, an
environmental compensation factor of 1.06, and a spectrum severity factor of 1.20 would result in an
overall fatigue test factor of 1.50. This would either change the fatigue failure mode or reach the static
strength of the structure. Therefore, in the application of the LEF approach, it is very important to ensure
that the fatigue failure mode is preserved.

. One Lifetime Test Two Lifetime Test
Sample Size - - - -
A-Basis B-Basis A-Basis B-Basis
1 1.324 1.177 1.268 1.127
2 1.308 1.163 1.253 1.114
5 1.291 1.148 1.237 1.100
10 1.282 1.140 1.227 1.091
15 1.277 1.135 1.223 1.087
30 1.270 1.130 1.217 1.082

FIGURE 7.6.3(b) Typical LEF for one-lifetime and two-lifetime tests.

7.6.4 Ultimate strength approach

The Ultimate Strength Approach uses an increased static strength margin in conjunction with the fa-
tigue threshold to demonstrate adequate fatigue life. This approach is discussed in detail in References
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7.6.1 and 7.6.4. This is a conservative approach, but, if it is satisfied, no structural fatigue test is neces-
sary. This approach assumes that a fatigue threshold exists at a relatively high proportion of the static
strength. In order to apply the ultimate static strength approach, it is necessary to design structures such
that the maximum spectrum design load is no greater than the B-basis fatigue threshold.

The ultimate strength approach has seen limited application in rotorcraft design since the number of
fatigue load cycles in rotorcraft fatigue spectra are approximately two orders of magnitude higher than for
fixed-wing aircraft. Fatigue thresholds are not fully established at such high load cycles. Further research
is needed to develop a database in order to apply this approach.

7.6.5 Spectrum truncation

In addition to the Load Enhancement Approach and Ultimate Strength Approach, spectrum truncation
also utilizes the high fatigue threshold behavior to reduce composite fatigue test time. This is because
the composite fatigue process, unlike that of metals, is relatively insensitive to the low stress (strain) cy-
cles and fatigue life is dominate by the high stress (strain) cycles. It has also been observed that com-
posite behavior is not affected by fatigue load sequence, possibly due to the brittleness of the material. In
fact, the results of References 7.6.5(a) and (b) indicated that under certain types of fatigue load spectra,
most of the fatigue failures were “quasi-static failure”. That is, damage initiation and progression only
take place under a limited number of high stress (strain) load cycles. Removing the low stress (strain)
cycles will not affect the fatigue life nor the damage evolution processes. An extensive database was de-
veloped in Reference 7.6.5(c) to demonstrate the validity of the spectrum truncation technique. Refer-
ences 7.6.5(d) and (e) also successfully applied this technique to modify the fatigue load spectrum.

Although there are no general guidelines for spectrum truncation for composite fatigue tests, the fa-
tigue threshold of the material is usually used to determine the cycles to be truncated. Stress (strain) lev-
els below the fatigue threshold are considered to cause no fatigue damage (initiation or progression) and
theoretically can be removed from the spectrum without changing the test results. However, in practice,
the truncation level is usually a certain percentage of the A- or B-basis fatigue threshold (e.g. 60% to
70%).

7.6.6 Durability certification

Because of the unique fatigue behavior of composites (high threshold, high data scatter and multiple
fatigue damage mechanisms) durability certification of composite structures should be addressed differ-
ently from that of metallic structures. Also because of their particular fatigue behavior, durability of com-
posite structures is assured mostly by testing instead of analysis. The building block approach is recom-
mended for durability certification testing of composite structures. The emphasis in planning the building
block test plan should be in the design development testing, which include coupons, elements, element
combinations, and subcomponents. Durability and fatigue life should be verified at these lower levels of
testing. The environmental effects on structural durability should also be considered in the test planning.
At the full-scale level, fatigue tests should be used to verify the life of the metallic parts only. The time and
cost of the durability testing can be significantly reduced by proper combination of the load enhancement
factor approach and the spectrum truncation techniques. The ultimate strength approach is conservative,
in general, and an extended database must be developed for application to high cycle fatigue structures,
such as rotorcraft components.

7.6.7 Influencing factors
This section is reserved for future use.
7.6.8 Design issues and guidelines

This section is reserved for future use.
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7.6.9 Testissues
This section is reserved for future use.
7.6.10 Analysis methods - description and assessment

This section is reserved for future use.

7.7 DAMAGE GROWTH UNDER CYCLIC LOADING
7.7.1 Influencing factors

Just after compression strength reduction due to low velocity impact was recognized in the late
1970's, many composite research teams then took up investigating the fatigue behavior of impacted
CFRP specimens. Among all available results, those shown in this section are drawn from a French-
German collaborative program (Reference 7.7.1(a)) involving CEAT, Aerospatiale, DASA Munich and the
WIM (in Erding).

In this program, specimens representative of real world stacking sequences were impacted with vari-
ous energy levels but not higher than those corresponding to the creation of visible impact damages.
Usually impact damages that are to be assumed for fatigue (safe-life) investigations are those not suffi-
ciently visible for being readily detectable. Those more severe, easily detectable, should not have to
prove their capability to sustain a large number of fatigue cycles in service.

These specimens were then tested in compression-compression fatigue (R = 10) in order to :

e Plot Wohler curves for several energy levels,
e Monitor damage growth and residual static strength versus time.

Wohler curves for the IM7/977-2 and the T800H/F-655-2 material references are reported in Figure
7.7.1(a) for various energy levels. The ratio between the endurance limit at 10° cycles and the initial static
strength turned out to be between 0.50 and 0.75. This means that sizing a structure (with these materials)
using Ultimate Loads should push fatigue loads down to a level likely to limit fatigue problems with low
energy impact damages.

Figure 7.7.1(b) illustrates damage growth, measured by C-SCAN, versus fatigue cycles for the
T800H/F655-2 material. Unrealistic fatigue stresses (above 75% of the static strength) were needed to
allow such measurement. This illustration shows that, despite the log axis, damage growth starts very
close to the end of the specimen lifetime (between 85% and 95% for all cases investigated in this pro-
gram), with a very high slope.

From these results it is apparent that, as far as low velocity impact damages are concerned, assum-
ing the possibility of a stable (or slow) growth approach for certification purposes may not be possible.
This conclusion is also supported by other laboratory results such as, for example, those presented in
Reference 7.7.1(b) where very high slopes have also been shown for da/dN versus AG curves. These
data were obtained on Double Cantilever Beam specimens made of two composite materials - the
IM7/8552 and the HTA/6376 - and are representative of a mode | delamination growth phenomenon.
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FIGURE 7.7.1(a) Failure stress versus cycles for impact damaged laminates.
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FIGURE 7.7.1(b) Post-impact delamination size versus load cycles.

Aside from this intrinsic material behavior, another reason for avoiding the use of a slow growth con-
cept in certification is that the composite community is still short of analytical tools for predicting impact
damage growth in fatigue. Single delaminations for which tools have been developed are not representa-

tive of the complex damage state induced by an impact.

In summary, impact damage growth under fatigue should not be used as an aircraft certification ap-
proach except in the cases of:
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Readily detectable damage
Situations where the structural design provides a damage arrest capability

The use of a no-growth approach is then recommended for aircraft certification purposes. Due to the low
fatigue sensitivity of impacted composites, this no-growth approach should be able to cover most situa-

tions.

7.7.2 Design issues and guidelines

This section is reserved for future use.

7.7.3 Testissues

This section is reserved for future use.

7.7.4 Analysis methods - description and assessment

7.7.4.1 Large through-penetration damage

This section is reserved for future use.

7.7.4.2 Single delaminations and disbonds

This section is reserved for future use.

7.7.4.2.1 Delamination growth

Under certain conditions delaminations subject to out-of-plane displacements or loading can grow and
reach critical dimensions. The growth of delaminations can be treated according to the principles of frac-
ture mechanics, using the Fracture Energy Criterion. The general procedure is as developed in Refer-

ence 7.7.4.2.1.
1. Stress field around the delaminated area is calculated (in most cases numerically).
2. Agrowth direction is assumed. This requires experience, otherwise several directions have to be
checked.
3. The crack is expanded by da, as small as possible.
4. The energy dissipated between the two stages, G, is calculated and compared to the experimen-

tally obtained G¢. If G > G¢ the delamination grows.

It should be noted that delamination growth is a competing failure mechanism with the in-plane stress
concentration described in Section 7.8.3.2.1. As a result, some stable delamination growth may occur
prior to an increase in stress concentration and fiber kink failure.

7.7.4.3 Impact damages

This section is reserved for future use.

7.7.4.4 Cuts and gouges

This section is reserved for future use.
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7.8 RESIDUAL STRENGTH

One of the key aspects of the damage tolerance design approach involves ensuring that damaged
structure has adequate residual strength and stiffness to continue safely in service until the damage can
be detected by scheduled maintenance inspection and be repaired, or until the life limit is reached. The
potential damage threats, the extent of damage to be considered, the structural configuration and the de-
tectability of the damage using the selected inspection methods determine the required damage sizes to
be evaluated for the regulatory load levels to be sustained. This section discusses influencing factors on
the residual strength characteristics of damaged composite structure, guidelines for testing of damaged
structure, and analytical methods for predicting residual strength.

7.8.1 Influencing Factors

This section discusses the varied factors that influence the residual strength of a damaged composite
structure. These factors include material properties, structural configuration, loading conditions and char-
acteristics of the damage state within the structure. Analysis methods and test programs must be config-
ured to account for the range of these variables appropriate for the design in order to establish a set of
residual strength versus damage curves.

7.8.1.1 Relationships between damage resistance and residual strength

The characteristics of the response of a material/structure to an impact event (damage resistance)
and the strength of a structure with a given damage state (residual strength) are often confused. While
these two items are somewhat interrelated, the following should be understood. The damage tolerance
design approach uses the capabilities of a selected inspection method to establish the damage sizes to
be considered for residual strength analysis. This means that the required damage sizes are functions of
the detectability of the damage for the selected inspection method, and are not typically functions of a
specific energy level. Practically, this means that a "tougher" structure that is more resistant to a given
damage threat (impact energy level) may require more impact energy to achieve the same level of dam-
age detectability as a "brittle" structure. Given the same level of damage detectability, the residual
strength of the tougher structure may or may not be greater than the brittle structure.

Some of the material and structural characteristics that improve damage resistance tend to degrade
residual strength, especially for large damage sizes, while other characteristics have a beneficial effect on
both damage resistance and residual strength. The effects of these characteristics on damage resistance
are discussed in Section 7.5, while the effects on residual strength are discussed in the following sub-
sections. As is the case in other material and structural property tradeoffs, several technical and eco-
nomic issues must be considered in balancing the damage resistance and residual strength of a given
composite design. It should be kept in mind that a highly-damage-resistant structure may not be very
damage tolerant and vice versa.

7.8.1.2 Structure with impact damage
7.8.1.2.1 Material effects

Material parameters, including matrix toughness, form (tape or fabric), and stacking sequence, mostly
influence the damage pattern, thus the damage resistance. Material properties may, however, influence
both damage propagation under repeated loads and residual strength. The response of a given damage
will be influenced by a combination of structural parameters, like strength and stiffness of sublaminates,
or fiber fracture and matrix cracking at notch tips.

Some studies have been made of composites with hybrid fiber construction, that is, composites in
which two or more types of fibers are mixed in the lay-up. For example, a percentage of the carbon fibers
are replaced with fibers with higher elongation capability, such as fiberglass or aramid. Results (Refer-
ences 7.8.1.2.1(a) through 7.8.1.2.1(d)) in both cases have shown improvement in damage resistance
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and residual compression strength after impact. Basic undamaged properties, however, were usually re-
duced.

In thin gage structures, such as a two-or three-ply fabric facesheet sandwich construction, materials
can have a significant effect on damage resistance and residual strength. Investigations have generally
shown that compression strength (both before and after impact) increases with the fiber-strain-to-failure
capability within a particular class of materials. Higher strain capability aramid or glass fiber structures
tend to be more impact resistant than high-strength carbon fiber structure. However, the compressive
strengths of the undamaged and damaged aramid and glass structures are lower than that of carbon.
Structure incorporating high-modulus, intermediate-strength carbon fibers, with higher strain-to-failures
offer significant impact resistance while retaining higher strength.

7.8.1.2.2 Interlaminar toughness effects

In thermoset material systems, the nominal matrix toughness variations influence the impact resis-
tance of thin gage structures but generally to a lesser extent than in thicker structures. For thermoplastic
material systems, however, the generally much larger increase in the fracture toughness (G, Gic, etc.) of
the resins do translate into significant impact resistance and residual strength improvements.

Although interlaminar toughness is crucial to the extent of damage created in a given impact event,
the CAl of laminates with equivalent damage states (size and type) was found to be independent of mate-
rial toughness (References 7.8.1.2.2(a) through 7.8.1.2.2(c)). The model from Reference 7.8.1.2.2(b)
(see also Section 7.8.4.3.1), which accounts for the in-plane stress redistribution due to sublaminate
buckling, has worked equally well for tough and brittle resin systems studied. Since delamination growth
may be possible with some materials and laminate stacking sequences (LSS), a more general model
would also account for out-of-plane stresses.

A comparison of results from Figures 7.5.1.3 and 7.8.1.2.2 show that the toughened material has
greater impact damage resistance, but essentially the same CAI strength for damages greater than 0.8 in.
(20 mm) in diameter. Although the curves shown in Figure 7.8.1.2.2 are best-fit to the data, similar accu-
racy has been achieved for these materials and stacking sequences using the engineering analysis de-
scribed in Section 7.8.4.3.1 (References 7.8.1.2.2(a) through 7.8.1.2.2(d)).

7.8.1.2.3 Stacking sequence effects

The laminate stacking sequence (LSS) can affect compression after impact strength (CAl) in several
ways. First, the bending stiffness of a laminate, and failure mechanisms that occur during an impact
event, are strongly dependent on the LSS. Load redistribution near the impact site is dependent on the
distribution of damage through the laminate thickness (e.g., the LSS of sublaminates affects their stabil-
ity). Finally, damage propagation leading to final failure also depends on the LSS. Additional discussion
of LSS effects is contained in Section 7.8.4.3.1.

Many of the impact damage states studied in the past have been dominated by matrix failures. The
creation of matrix cracks and delaminations which combine to form sublaminates depends strongly on
LSS (References 7.8.1.2.2(a) and 7.8.1.2.2(d)). Homogeneous stacking sequences have been found to
lead to characteristic damage states which repeat through the laminate thickness. Alternatively, plies can
be stacked in a sequence which concentrates damage in specific zones on the laminate. Figure 7.8.1.2.3
shows experimental data indicating that LSS has a strong effect on CAl strength.
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7.8.1.2.4 Laminate thickness effects

Some data exists which indicates thicker laminates have higher compressive residual strength for a
given damage size. This has been observed for both laminated plates and sandwich panels (Reference
7.8.1.2.4(a) and (b)). Most of this strength data was collected for open holes and notch-like large
penetrations. However, based on failure due to the local compressive stress concentration next to
buckled sublaminates, such an understanding of this behavior would also be crucial to accurately
predicting CAI.
7.8.1.2.5 Through-thickness stitching

Methods such as through-thickness stitching have also been used to improve damage resistance and
residual strength. The effect of stitching has been to reduce the size of internal delaminations due to im-
pact and arrest damage growth. Tests involving conventional carbon/epoxies have shown increases in
the residual strength of up to 15% for comparative impact energy levels (however, when comparing on a
equivalent damage "detectability” criteria, the increase in residual strength may be lower). The stitching
process is quite expensive, however, and probably should be considered for applications in selected criti-
cal areas only. Additionally, the stitches tend to cause stress concentrations and the tensile strength,
transverse to the stitching row, is usually reduced.

7.8.1.2.6 Sandwich structure

Core density and material type has been found to have a significant influence on the damage resis-
tance of sandwich panels. Lightweight, weak core materials allow for through-penetration damage of the
facesheet under the impacting object. Damage in this case is typically localized to the rough size of the
impactor. Also, lightweight core materials have a tendency to fracture under even small impact energies;
if the energy is low then the facesheet may be undamaged and may spring back leaving non-visible dam-
age to the core material. Conversely, dense, high-strength cores are less likely to fracture under the im-
pact load, and the resulting damage is typically a dented area somewhat larger than the impacting object.

The residual strength of an impact damaged sandwich facesheet is not significantly dependent on
core density if the failure mode is predominately controlled by the resulting in-plane stress concentration.
However, core density can have a significant effect on the residual strength of the sandwich if the failure
mode is an instability type (e.g., face wrinkling).

Although the inherent bending stiffness of a sandwich design will minimize the effect of impact loca-
tion, the characteristic damage state (CDS) will have some relationship with internal stiffening elements
(e.g., frames, ribs, edge closeouts, and bulkheads). For impact occurring away from stiffening elements,
the CDS is expected to be similar to that observed when impacting sandwich test panels. As discussed in
Section 7.4, the extent of planar impact damage in the core and impacted facesheet were found to be
nearly the same for many combinations of materials and a facesheet thickness on the order of 0.08 in.
(2.03 mm) (Reference 7.8.1.2.4(a)). Figure 7.8.1.2.6 shows a correlation between the extent of meas-
ured core and facesheet damage. The relationship shown in the figure may relate to mechanisms
whereby the core first fails under the impactor, and then facesheet damage develops directly above the
planar area where core damage has greatly reduced the local shear stiffness of the sandwich panel.

7.8.1.2.7 Impact characteristic damage states

Low velocity impacts, e.g., impacts from dropped tools as opposed to ballistic impacts, present a spe-
cial problem. Impacts on the laminate surface, especially those made by a blunt object, may cause con-
siderable internal damage without producing visible indications on the surface. Damage to the resin may
be particularly severe as evidenced by transverse shear cracks and delaminations. Consequently, the
resin loses its ability to stabilize the fibers in compression and the local failure may initiate total structural
collapse. Similarly, the impact may damage fibers and cause local stress concentrations, which could
result in significant loss of tensile, shear, or compressive strength. With conventional graphite/epoxy sys-
tems, which are quite brittle, losses in tensile and compressive strength for non-detectable impact may
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approach 50% and 60%, respectively. Post-impact failing strains from Reference 7.8.1.2.7 are plotted
against dent depth in Figure 7.8.1.2.7(a). The AS4/3501-6 plates, which were made by resin film infusion
of uniweave fabric, were 16, 24, 32, and 48 plies thick. The post-impact failing strains were lower for
compression than tension. The failing strains for tension were larger than those for compression because
the size of the region with damaged fibers was much smaller than that with damaged matrix.
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FIGURE 7.8.1.2.6 Comparison of the planar extent of impact damage in sandwich facesheet
and core materials (Reference 7.8.1.2.4).

Much of the work documented to date on specific characteristics of impact damage has focused on
impact normal to the surface of a flat plate. Figure 7.8.1.2.7(b) shows a schematic diagram classifying
planar and cross-sectional views of damage observed in flat laminates following low-velocity impact by
spherical objects. Three main classes of damage are shown. These include fiber failure, matrix damage,
and combined fiber and matrix damage. As shown at the bottom of Figure 7.8.1.2.7(b), symmetric or un-
symmetric cross-sections further distinguish each class of damage. As discussed in Section 7.4, numer-
ous material, structural, and extrinsic variables affect damage size and type.

The most general classification of impact damage involves both fiber and matrix failures. The impor-
tance of each type of damage to structural integrity depends on the loads, part function, and further ser-
vice exposure. Fiber damage, when present, tends to concentrate at an impact site. Typical matrix dam-
age includes both matrix cracking and delamination. Matrix damage is also centered at the impact site
but tends to radiate away from this point to a size dependent on the impact event and delamination resis-
tance. Impacted laminates tend to develop a characteristic damage state (CDS) or pattern of through the
thickness fiber and matrix failures. This CDS has been found to depend on the laminate stacking se-
guence (References 7.8.1.2.2(a), 7.8.1.2.2(b), and 7.8.1.2.2(d)).

Many factors can affect the symmetry of a CDS. Test observations indicate that thin laminates, par-
ticularly those with heterogeneous stacking sequences, tend to have asymmetric CDS, with damage initi-
ated towards the side opposite the impacted surface (such as that shown in the bottom of Figure
7.8.1.2.7(b)). Very thick laminates also have asymmetric damage, but with the damage initiating close to
the impacted surface. Work with laminates consisting of materials that have high delamination resis-
tance, also have a greater tendency for asymmetric CDS than brittle materials tested with the same im-
pact variables. This probably relates to the specific damage initiation and growth mechanisms.
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FIGURE 7.8.1.2.7(a) Post-impact tension and compression strengths for [45/0/-45/90],s
AS4/3501-6/RFI uniweave (0.5 in. (12.7 mm-diameter tup))
(Reference 7.8.1.2.7).

The tendency for CDS to develop in a composite material subjected to an impact event is very impor-
tant to subsequent inspection and residual strength assessments. The extent of impact damage grows
with the magnitude of a given impact event but the basic CDS tends to remain the same. The CDS of a
specific configuration can be defined, prior to service exposure, during impact surveys that support de-
tailed design. During such studies, the correlation between destructive laboratory measurements of the
CDS and those obtained using NDE methods that are suitable for service can help establish a link to the
residual strength prediction. For example, microscopy and TTU may be used to define the full extent of
matrix and fiber failure in a CDS, while dent depth and coin tapping may be used to define the damage
periphery. The combination of this information can then be used to predict residual strength. In practice,
NDE data from service will yield a metric on the size of damage, while existing databases that define the
CDS provide a link to residual strength prediction.

Compression and shear loaded structure are sensitive to both fiber and matrix damage that exist in
the CDS. Matrix cracks and delaminations can link to locally break the base laminate into multiple “sub-
laminates” that can become unstable under compression or shear loads. Figure 7.8.1.2.7(c) shows a
schematic diagram of one CDS which was defined for a quasi-isotropic laminate lay-up with repeating
stacking sequence (References 7.8.1.2.2(a), 7.8.1.2.2(b), and 7.8.1.2.2(d)). This is the same laminate
stacking sequence that is commonly used for impact material screening tests with standard specimens
(Reference 7.8.1.2.2(c)).
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FIGURE 7.8.1.2.7(b) Potential impact damage states for laminated composites (Reference 7.8.1.2.2(a)).
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FIGURE 7.8.1.2.7(c) Matrix cracks and delaminations for a quasi-isotropic stacking
sequence combine to form distinct sublaminates
(References 7.8.1.2.2(a), 7.8.1.2.2(b), and 7.8.1.2.2(d)).
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Transverse cracks bridge wedge shaped delaminations between adjacent plies in the CDS shown in
Figure 7.8.1.2.7(c). This pattern continues through the laminate thickness, with interconnected delamina-
tions spiraling toward the center, reversing direction, and proceeding out toward the back side. Depend-
ing on the specific stacking sequence, the sublaminates in a particular CDS are likely to change. Proce-
dures that provide a circular cross-section for microscopic evaluation may be best for identifying the inter-
nal structure of sublaminates (See Reference 7.5.1.1(l)). Application of dye penetrant to the circular sec-
tion’s edge help to highlight the sublaminate structure.

7.8.1.2.8 Residual strength - compressive/shear loads

Experimental data using 1.0 in. (25.4 mm) diameter impactors with rounded tups show that compres-
sive strength is reduced with damage size, see Figure 7.3.2(a), but levels off at the so-called “damage
tolerance strain” (3000 to 3500 microstrain for brittle carbon epoxy systems (Reference 7.3.2(a)). This is
a conservative but powerful and frequently used preliminary design strength value for Ultimate Load con-
siderations.

Compressive failure prediction depends on the observed failure characteristics of a laminate with
buckled sublaminates. Results obtained to date for a limited number of material types and laminate
stacking sequences have shown that the dominant failure mode is associated with local in-plane com-
pressive stress concentration. As a result, similar compressive residual strength curves are observed for
laminates having either a toughened or untoughened matrix. Figure 7.8.1.2.2 shows normalized CAI
curves for the interlayer-toughened (IM7/8551-7) and untoughened (AS4/3501-6) materials used as ex-
amples in Section 7.3.1 (note that Figure 7.5.1.3 shows transverse impact test results for the same
specimens).

Delamination growth may be a critical failure mechanism for compression after impact (CAl) strength,
depending on the specific damage size, laminate lay-up, and delamination growth resistance of a material
(References 7.8.1.2.8(a) and (b)). Analysis of such failure modes show that damage growth tends to be
stable, requiring larger compressive strains to grow larger damage. As a result, the local compressive
failure due to in-plane stress redistribution remains the dominant mode, particularly for larger damage
sizes. This can be explained physically by considering how much load is carried by large diameter
sublaminates, which buckle at very low compressive strains. When little load is required to buckle the
sublaminate, its effect on the adjacent structure is like that of a large open hole. In a sufficiently large
structure, the material adjacent to the buckled impact damage may fail in compression before enough out-
of-plane displacement occurs in the buckled sublaminates for significant growth. This occurs because
large buckling displacements require sufficient compressive strain in adjacent undamaged material.
Nevertheless, the delamination growth of buckled sublaminates should be evaluated as a potential failure
mode since it has been observed in some very brittle matrix materials. Note the future development of
materials with higher in-plane compression strength (i.e., greater fiber microbuckling strength) may also
lead to the potential for competing failure modes.

When the CDS is dominated by fiber failure, both tension and compression residual strength will be
affected. Although sublaminate buckling is not an issue, prediction of the residual strength of composites
with local fiber failure still requires an estimate of the effective reduced stiffness. Once a measure of the
effective reduced stiffness is known, methods which predict the stress concentration for a soft inclusion
(References 7.8.1.2.8(c) and (d), 7.8.1.2.2(b)) and notched strength failure criteria can be applied (Refer-
ences 7.8.1.2.8(e) through 7.8.1.2.8(g) and 7.8.1.2.2(b)). Recent efforts have shown that a strain soften-
ing analysis provides an alternative to semi-empirical criteria traditionally used for the latter (References
7.8.1.2.8(h) and (i), 7.8.1.2.4(a)).

When the CDS includes both fiber failure and matrix damage (e.g., sublaminates), it is likely that a
combination of methods will be needed to predict compressive strength. Fiber damage at the center of
the damage may only affect the strength for relatively small damage sizes in which sublaminates buckle
at relatively high strains. When the damage is larger, sublaminates buckle at much lower strains, effec-
tively masking the effects of local fiber failure in the center of the CDS. Note that CAIl results with small
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damage for the toughened material in Figure 7.8.1.2.2 are affected by local fiber failure (Reference
7.8.1.2.2(a)).

Figure 7.8.1.2.2 shows post-impact compressive strength results that are similar to those observed
for holes or penetrations. Such behavior is recognized by the shape of the residual strength curve that
initially drops steeply as a function of increasing damage size, and then flattens out for large damage.
Based on the sublaminate residual strength analysis described above, impact damage larger than 2 in.
(50 mm) diameter would tend to collapse onto the compressive residual strength curve for open holes.
Whether this trend can be expected for all laminates and other composite material forms loaded in com-
pression or shear remains to be demonstrated.

The compressive residual strength behavior of a given material form and laminate should be deter-
mined in support of detailed design. As mentioned earlier, the thickness of laminated composites has
been shown to effectively increase the compressive residual strength. Some stitched and textile com-
posites have been found to have very flat residual strength curves, implying reduced notch sensitivity.
These examples highlight the importance of studying specific design detail (laminate, thickness, lay-up,
and material form). There are currently no theories to reliably predict the compressive residual strength of
composite materials without some notched strength data. A limited amount of test data indicates some
dependence of compressive residual strength on notch geometry with ellipse-shaped damage having a
high aspect ratio resulting in the lowest strength.

7.8.1.2.9 Residual strength - tensile loads

Degradation in the residual strength of tensile-loaded structure is most sensitive to fiber failure. As
discussed earlier, fiber failure localizes within a zone that is roughly the size of the impactor. As a result,
the size and shape of an impactor are crucial to the extent of fiber failure. Although impact by large di-
ameter objects pose the most severe threats, rare impact events of significant magnitude (e.g., service
vehicle collision) would be required to cause extensive fiber damage over a large area of an aircraft struc-
ture’s surface. Delamination and matrix cracks do not generally decrease the integrity of tensile-loaded
structure. However, the combined effect of matrix damage surrounding fiber failure should not be ignored
because the former may actually increase tensile residual strength by softening the stress concentration.

In the case of tensile-loaded structure, delamination growth is generally not an alternate failure mode
(Reference 7.8.1.2.9(a)). It seems reasonable to expect that the tensile residual strength of a structure
with through-penetrations will be lower than one with similar sized impact damage (i.e., a softened impact
damage zone carries some load). Penetrations caused by impact events may be more or less severe
than those obtained by machining the same sized notch. In some materials, the penetration may include
an extended zone of fiber failure beyond visible penetration. This tends to further reduce residual
strength. Other materials have a large zone of matrix failure surrounding the penetration, helping to sof-
ten the stress concentration and provide higher residual strength. Many factors have been found to affect
the tensile residual strength of composite materials, including fiber, matrix, manufacturing process, hy-
bridization, and lay-up (References 7.8.1.2.9(b), 7.8.1.2.8(e) through 7.8.1.2.8(g), and 7.8.1.2.8(i)). As is
the case for compression, some notched strength testing is required to establish reliable failure criteria.

7.8.1.2.10 Stiffened panels

Characteristics of impact damage in structural configurations are strongly dependent on the impact
location. The CDS of panels stiffened by discrete elements will also depend on whether the element is
bonded or mechanically fastened. Skin impacts spaced sufficiently far from the stiffening elements will
have a CDS similar to those obtained in tests with plates. Impacts occurring near an element will experi-
ence a much stiffer structural response, with potential failures occurring within the element and its at-
tachment with the skin. Bondline and/or delamination failures are common between bonded elements
and skin. The extent of such failure will depend on the impact event and design variables (e.g., the use of
adhesive layers, doubler plies, and material delamination resistance). Delaminations may originate at the
interface between skin and stiffener, and then penetrate to grow delaminations between base laminate
plies having lower toughness than the adhesive. Fiber failures typically occur in blade, |- or J-stiffeners
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when impacts occur on the outer skin’s surface, directly over the stiffener’s web. Figure 7.8.1.2.10(a)
shows an example of this type of local failure. The distribution of fiber failure for this type of damage is an
important component of the CDS since it affects the section bending properties (see Reference 7.5.1.1(1)).
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FIGURE 7.8.1.2.10(a) Stiffener web damage in blade-stiffened skin panels (Reference 7.5.1.1(1)).

The difference between impact responses of coupons and three-spar stiffened panels is illustrated in
Figure 7.8.1.2.10(b). Post-impact compressive failing strains are plotted against kinetic energy for “hard”
wing skins. The skins were nominally % inch (6.35 mm) thick and were made with [38/50/12] and
[42/50/8] lay-ups for coupons and panels, respectively. (The notation [38/50/12] indicates the percentage

of 0° plies, *45° plies, and 90° plies, respectively.) The spacing of the bolted titanium stiffeners was 5.5
inches (139.7 mm). A% inch (12.7 mm) diameter tup and 10-lbm (5 kg) impactor was used for the cou-
pons, and, a 1 inch (25.4 mm) diameter tup and 25 Ibm (11 kg) impactor was used for the panels. The
two panels impacted with 40 and 60 ft-Ibf ( 54 and 81 N-m) energies were impacted two times on the
transverse centerline (over skin only), once midbay of the center spar and left-most spar and once midbay
of the center spar and right-most spar. The panel impacted with 20 ft-Ibf (27 N-m) energy was impacted
at only one midbay location. The three panels impacted with 100 ft-Ibf (135 N-m) energy were impacted
three times each: once midbay (between stiffeners - over skin only), once over the skin only but near the
edge of a stiffener, and once over a stiffener. A curve was fit to the coupon results. Failures were catas-
trophic for coupons and for panels with mid-bay impacts and failing strains were essentially equal. Fail-
ures of the panels with multiple 100 ft-Ibf (135 N-m) impacts were not catastrophic. After fracture arrest
by the stiffeners, the loads were increased 36% and 61% to cause complete failure. The initial failing
strains for the panels with multiple 100 ft-Ibf (135 N-m) impacts agreed with an extrapolation of the cou-
pon data. Thus, the stiffeners reduced the effective size of the panel by increasing flexural stiffness and
increased strength by arresting fractures.
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FIGURE 7.8.1.2.10(b) Impact response of coupons and panels with three bolted spars
(Reference 7.8.1.2.3)

Structural panel level residual strength prediction involves more analysis steps than that for flat com-
posite plates. As a result, additional structural building block tests are required. The analysis still starts
with a quantitative metric which provides effective properties of the CDS for loads of interest. This meas-
ure is used to estimate the local stress or strain concentration. The effects of a given structural configura-
tion on this stress concentration must be analyzed to predict the onset of damage growth. In redundant
structural configurations, growth and load redistribution simulations may be needed for final failure predic-
tion. Damage growth has often not been observed in composite structure because relatively small dam-
age has typically been tested. For example, severe impact damage localized at a stiffener will require
significant panel loads before gross damage propagation initiates (e.g., panel strains on the order of
0.004 in/in). Since the damage was small to start, a dynamic growth phenomena is observed, whereby
the adjacent stiffening elements are unable to arrest damage growth. When the initial damage is signifi-
cantly larger (e.g., a penetration which completely severs the stiffener and adjacent skin material), growth
to the adjacent stiffening elements is more stable and arrest has been observed. (Reference 7.8.1.2.10).

7.8.1.3 Structure with through-penetration damage

A significant database addressing through-thickness notches was generated on a NASA/Boeing con-
tract during the early 1990’s. This activity addressed the response for a range of materials, notch sizes
and structural complexity. The following discussion, except where noted, is based on those findings (Ref-
erences 7.8.1.3(a) through 7.8.1.3(e), 7.8.1.2.4(a), 7.8.1.2.8(g), 7.8.1.2.8(i), and 7.8.1.2.10).

A major component of that activity was the use of tow placement (a.k.a. fiber placement) for lay-up of
the skin materials. The tow placement process uses preimpregnated tow as the raw material form, and
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lays down multiple tows in a single pass of the tow-placement head, as illustrated in Figure 7.8.1.3(a).
This technique allows the cost-effective use of intraply hybrid materials, which are materials with tows of
more than one fiber type combined in a repeating pattern within each individual ply (e.g., S2-glass), as

shown in Figure 7.8.1.3(b). In this program, such intraply hybrids were explored, primarily with the hy-
bridization occurring in all plies.

FIGURE 7.8.1.3(a) Automated tow placement.

Tension.

A number of variables strongly affect tensile residual strength response in the presence of through-
thickness notches. In general, there is a trade-off between small-notch strength (i.e., "strength”) and
large-notch strength (i.e., "toughness"); high strengths are typically accompanied by low toughnesses,
and visa versa. Low-strength, high-toughness behavior is characterized by lower sensitivity to changes in
notch length, resulting in flatter residual strength curves.

//C

1 As4-Carbon Tows
L1 S2-glassor T1000-Carbon Tows

FIGURE 7.8.1.3(b) Intraply hybrid materials.

The effect of material for a single laminate is illustrated in Figure 7.8.1.3(c). The toughened-matrix
materials (IM7/8551-7) demonstrate high strength and low toughnesses, while brittle-matrix materials
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(AS4/938) exhibit lower strengths but higher toughness. An intraply hybrid of 75% AS4/938 and 25%
S2/938 demonstrated the highest toughness through a very low sensitivity to changes in notch length.
Note that this increased strength occurs despite a lower stiffness (i.e., higher stiffness carbon fibers were
replaced with lower-stiffness glass fibers), indicating that the increase in failure strain was even higher.
As shown in the figure, strengths of different materials can vary 30 to 50% for large notch lengths of inter-
est to damage tolerance assessments (e.g., greater than 10 in. (250 mm)).
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AS4/938
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ol N S,
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FIGURE 7.8.1.3(c) Material effects on tension-fracture strength.

The effects of hybridizing variables on tensile fracture strength for notch lengths of 2.5 in. (63 mm)and
less were reported in Reference 7.8.1.3(c). High-strain glass (S2) and carbon (T1000) fibers were used
to hybridize the baseline carbon fiber (AS4) laminate. Results for 2.5 in. (63 mm)notches are shown in
Figure 7.8.1.3(d). The hybrids exhibited reduced notch sensitivities and large amounts of matrix splitting
and delamination prior to failure, as shown in Figure 7.8.1.3(e). The AS4/S2-glass hybrids also had sig-
nificant post-failure load carrying capability.

Lay-up was found to have a similar effect on tensile fracture strengths as does material, with higher-
modulus laminates exhibiting higher strengths and lower toughnesses relative to lower-modulus lami-
nates. High-modulus laminates of toughened-resin materials tend to have notch-length sensitivities simi-
lar to those predicted by linear elastic fracture mechanics (LEFM), while the sensitivities of other mate-
rial/laminate combinations are lower. Figure 7.8.1.3(f) illustrates a representative magnitude of this effect.

A ply of plain-weave fabric included on each surface of each facesheet for manufacturing reasons
resulted in significant tensile fracture improvements over tow-only laminates for most lay-ups, as shown in
Figure 7.8.1.3(g). While a direct comparison of identical laminates was not available in the test results,
the trend is convincing. The improvement is likely due to the added energy absorption of the fabric plies
during the failure process and/or to a decreased stress concentration resulting from an increased repeat-
able inhomogeneity created by the fabric.

A comparison of AS4/8552 sandwich panel test results with those of AS4/938, AS4/S2/938 hybrid,
and IM7/8551-7, all of which include notch sizes of 8 to 12 in. (200 to 300 mm), are shown in Figure
7.8.1.3(h). Lay-up differences are present within and between materials, confounding comparisons. The
AS4/8552 results appear closest to a less-stiff AS4/938 laminate. This indicates that the impact-damage-
resistance advantages of toughened-resin materials may be attainable without the loss of the tension-
fracture advantages of the brittle-resin materials by incorporating fabric surface plies.
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FIGURE 7.8.1.3(d) Tension fracture strength of intraply hybrids for 2.5 inch (63 mm) crack.

Material form and processing variables also were found to have a significant influence on tensile frac-
ture performance. Tests from the AS4/3501-6 tape laminate are compared with results for AS4/938 tow
and AS4/938 tape in Figure 7.8.1.3(i). These data indicate significantly reduced tensile fracture perform-
ance of tape when compared to tow (i.e., approximately 44% for a 9 in. (230 mm) notch). It was hypothe-
sized that the most significant contributor to this difference was the larger scale of repeatable inhomoge-
neity in the fiber-placed laminates, resulting from geometrical nonuniformities in the band cross-section.
This characteristic can be observed in ultrasonic scans, as shown in Figure 7.8.1.3(j). In tape, a more
uniform thickness, and offset of the course-to-course splices for similarly oriented plies results in much

smaller, and non-repeatable, inhomogeneities. It should be noted that the AS4/3501-6 tape panel had a
resin content significantly below the process specification.

The improved tow performance, however, did not appear to be robust relative to processing parame-
ters. Results from a series of panels are compared in Figure 7.8.1.3(k). The two 32-tow band panels
both demonstrated lower tensile fracture strengths than the 12-tow band panels throughout the full range
of notch sizes tested, eliminating a large portion of the tow's performance advantage over tape. The
slightly reduced sensitivity to notch size of the 32-tow band panels, however, may result in superior per-

formance for notches above 30 to 40 in. (760 to 1000 mm). Their lower strengths for notch sizes below
that range are likely due to a combination of

o Differing tow-placement heads and the resulting band cross-sectional geometry changes,

Reduced panel thickness and the associated reductions in resin content and/or fiber areal weight
(likely caused by different bagging procedures), and

e Reduced prepreg tow unidirectional strength.
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FIGURE 7.8.1.3(e) Ultrasonic scans of failed fracture specimens.

Infinite Plate Strength, ksi
60

Construction: Sandwich
50 Material: AS4/8552

40
| Layup
2/6/2
3/4/2
3/6/3
2/4/2
2/4/3

30

20

10

O L L L L L L L L L L L L L L L L L L L
0 5 10 15 20

Notch Length, in.

FIGURE 7.8.1.3(f) Effect of lay-up on tension fracture strength.
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FIGURE 7.8.1.3(g) Effect of fabric surface plies on tensile fracture strength of AS4/8552.
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FIGURE 7.8.1.3(h) Comparison of AS4/8552 (tow/fabric) sandwich tensile fracture results with
those of AS4/938 (tow), AS4/S2/938 intraply hybrid (tow) and IM7-8551-7 (tape)
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FIGURE 7.8.1.3(i) Comparison of tow and tape tensile fracture strengths.
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Circumferential
Frame

FIGURE 7.8.1.3(j) Ultrasonic scan showing repeatable inhomogeneities.

AFP Like-Band | Tow Resin
Head Alignment | F(tu) | Content
12-tow stacked 287 34.6%
32-tow stacked 261 32.3%
32-tow 1/2-band 261 32.3%
offset

60 1|

Construction: Laminate
Material: AS4/938
Layup: Crown3-Hoop

Infinite Plate
Strength, ksi 49 | E&

20 + -

Notch Length, 2a, in.

FIGURE 7.8.1.3(k) Effect of AFP processing parameters on tensile fracture strength.

An additional contributor may have been the age of the material for the 32-tow band panels (approxi-
mately 2 years), which could have affected the AFP processing characteristics.

This strength-toughness trade is not unlike that observed in metallic structure. Figure 7.8.1.3(l) com-
pares the response of a brittle-resin (AS4/938) and a toughened-resin (IM7/8551-7) composite material

with that of a brittle (7075-T651) and a ductile (2024-T3) aluminum.
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FIGURE 7.8.1.3(I) Comparison of composite and metallic tensile response.

Figure 7.8.1.3(m) summarizes the influencing factors on the strength-toughness trade in composite
tension fracture. Higher strength but lower toughness resulted from toughened-resin materials and hard
(0°-dominated) laminates. Lower strength and higher toughness resulted from brittle-resin materials, soft
laminates and intraply hybridization with S2-Glass. Larger scales of repeatable material inhomogeneity
appeared to result in improved toughness with little effect on strength. Matrix toughness appeared to
have a larger influence on the behavior than laminate type.

Large scale of

repeatable
*Brittle Resin inhomogeneity
+Soft Laminate

*S2 hybridization
Fracture

Toughness

*Tough Resin

Small scale of -
repeatable *Hard Laminate
inhomogeneity

Strength

FIGURE 7.8.1.3(m) Strength-toughness trade-off in tension.

In addition to the strong strength-toughness trade-offs, non-classical material responses were ob-
served. Notch-tip strain distributions prior to any damage formation were seen to be less severe, and
more gradual, than classical theoretical predictions, as shown in Figure 7.8.1.3(n). Similar distributions
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are predicted by non-local material models, suggesting that such behavior may be active. Large speci-
men finite-width effects were also found to occur, particularly with those laminate/material combinations
that exhibited reduced notch-length sensitivity. As shown in Figure 7.8.1.3(0), isotropic finite-width correc-
tion factors, which have been found to differ only slightly from similar orthotropic factors, were unable to
account for the differences in the two notch-to-specimen-width data sets. This has been attributed to the
significant damage zones created prior to failure, and the resulting interaction with the specimen bounda-
ries.

Strain, micro-in/in

3,000 r
r Measured Construction: Laminate
2,500 Material: AS4/938
I Layup: Crown4-Axial
2,000 °
L [ ]
1,500 |-
1,000 |-
500 , LEFM Prediction
0 i . . . . | . . . . | . . . .
0 0.5 1 1.5

Distance Ahead of Notch Tip, in.

FIGURE 7.8.1.3(n)  Non-classical notch tip strains observed in large-notch tensile fracture
tests.

Infinite Plate Strength, ksi
60

50

40

30

20

Construction: Sandwich

10 Material: AS4/8552 Tow + Fabric
t Layup: 3/6/3
| L

0 2 4 6 8
Notch Length, in.

0

FIGURE 7.8.1.3(0) Specimen finite width effects for quasi-isotropic AS4/8552 sandwich.

Most efforts addressing through-penetration damage have used machined notches to represent the
damage state created by a penetrating event. Reference 7.8.1.3(c) conducted limited tensile fracture
comparisons of 0.875 in. (22.2 mm) through-penetrations and machined cracks. Creation of the penetra-
tions and the resulting damage are discussed in Section 7.5.1.2. The strength results are shown in Fig-
ure 7.8.1.3(p). For the thinner specimens (t = .059 - .074 in. (1.50 - 1.80 mm)), penetration strengths
were within 10% of the machined-crack strengths. One notable exception was for a toughed resin mate-
rial (IM7/8551-7), which had post-impact tensile fracture strengths that were 20% lower than those for
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specimens with machined cracks. Evidence suggests that impact penetration of these laminates may
result in effective crack extension via fiber breakage. In the case of the thickest laminates tested
(t=0.118 in. (3.00 mm)), the tensile fracture strengths of specimens with impact penetrations were up to
20% higher than those for specimens with machined cracks. This difference in response from the thinner
laminates was attributed to the formation of larger delaminations near the crack tip, which reduced the
stress concentration.

60

Ln
L

Ln
o
T ™

&

re
(=3

{IM7/8S51-7

Except as noted:

| «Fibers= AS4, IM6, S2-glass (including intraply hybrids)

*Matrix = brittle (938 or 937A)

sLaminate = 8-ply quasi-isotropic or [45/90/-45/0/+30/-30/0/-45/90/+45]
P P

45 50 55 60
Nominal Machined-Crack Strength, ksi

Nominal Penetration Strength, ksi

FIGURE 7.8.1.3(p) Comparison of penetration and machined-crack strengths.

Compression. The compressive fracture results showed significantly lower strengths than for ten-
sion, as illustrated in Figure 7.8.1.3(q). The effect of lay-up appears somewhat smaller than that for ten-
sion. The compression results also exhibit a reduced notch-length sensitivity relative to LEFM.

Unlike the tensile fracture case, where strong specimen finite-width effects accompanied reduced
notch-length sensitivities, the finite-width effects in compressive fracture did not differ significantly from
those predicted by isotropic correction factors, as shown in Figure 7.8.1.3(r). This suggests that large
damage zones are not present prior to specimen failure, which is consistent with experimental observa-
tions.

The strongest effect observed in the compression testing was that of thickness. As shown in Figure
7.8.1.3(s), notched strengths of a wide range of materials, lay-ups, cores, and construction all with total
laminate/facesheet thicknesses between 0.11 and 0.20 in. (2.80 and 5.1 mm) are within approximately
+10% of an average curve The several tests of sandwich laminates with total facesheet thicknesses of
0.44 in. (11 mm) resulted in strengths approximately 25% higher than those of the thinner laminates. This
behavior was also seen in a subsequent study; the results are shown in Figure 7.8.1.3(t) (Reference
7.8.1.2.4(b)). This insensitivity to material and lay-up variables and the strong sensitivity to thickness
suggest that local instability may be controlling failure.
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Infinite Plate Strength, ksi
60

Construction: Sandwich
Material: AS4/8552 Tow + Fabric

50

Tension

}<> 2/412
3/4/2

T B 2/4/3

Notch Length, in.

FIGURE 7.8.1.3(q) Comparison of compressive and tensile fracture results.
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FIGURE 7.8.1.3(r) Specimen finite width effects in compression.
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FIGURE 7.8.1.3(s) Thickness effects on compressive fracture strength.
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FIGURE 7.8.1.3(t) Thickness effects on compression-fracture strength.

7.8.1.3.1 Stitched skin/stiffener panels

A large flat wing panel with blade stiffeners containing an 8.0 in. (20.3 cm) long cut that also severed
the central stiffener was testing in tension (References 7.8.1.3.1(a) and (b)). The skin material was made
from 54 layers of dry uniweave fabric that were stitched together using Kevlar 29 thread. The lay-up of
the skin was [0/45/0/-45/90/-45/0/45/0]zs. The stiffener material was made from 36 layers of the dry uni-
weave fabric with a lay-up [0/45/0/-45/90/-45/0/45/0],s. The T-section stiffeners were made by stitching
together dry angle-section stiffeners that were formed from the dry skin fabric. The flanges of the T-
section stiffeners were stitched to the skin, and the panel was then infiltrated with 3501-6 resin. The skin
fractured at a strain of 0.0023 in/in, the fracture propagated to the edge of the stiffener and was arrested.
With increasing load, the fracture turned and grew parallel to the stiffener. At a strain of 0.0034 in/in, fail-
ure occurred at the loading grips. Thus, the stitched stiffeners resulted in considerable increase in failure
strain.

7.8.2 Design issues and guidelines
7.8.2.1 Stacking sequences

When impact damage is dominated by fiber failure (e.g., Reference 7.8.1.2.8(c)), it is desirable to
stack primary load carrying plies in locations that minimize fiber failure. Since fiber failure typically occurs
first near outer surfaces, primary load carrying plies should be concentrated towards the center of the
LSS. Experience to date suggests that a homogeneous LSS might be best for overall CAl performance
dominated by matrix damage (Reference 7.8.2.1).

7.8.2.2 Sandwich structure
Caution should be applied when using sandwich material combinations where significant impact
damage can occur within the core, without visible surface indications in the facesheet. (This type of im-

pact critical damage state (CDS) has been identified for certain types of honeycomb (Reference
7.8.1.2.2(d)) and foam cores.) This is particularly true for compressive or shear loaded structures in
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which such damage may grow undetected to critical sizes. Simple impact screening tests can be used to
identify this failure mechanism and the related drops in residual strength.

7.8.3 Testissues

Structural residual strength tests are typically performed to support impact surveys, detailed design
development and provide structural substantiation data. Figure 7.8.3 shows the results from such a test
performed with a stiffened skin panel design. Multiple impacts, spaced far enough to avoid interactions,
may be used in such studies to identify the critical impact location. A range of impact damage sizes in
smaller test panels and elements can help to establish the shape of the residual strength curve. This
should provide the necessary building blocks to analytically determine ADL and CDT as a function of
structural load paths. Tests supporting the analysis of structural configurations should be large enough to
allow load redistribution and the associated damage accumulation/arrest. As a further word of caution,
residual strength tests with very wide but short panels should be avoided because the effects of damage
may be masked by an insufficient length for proper load introduction. The results from such tests may be
unconservative. Also, the skin buckling pattern of the test panel should match that of the full-scale struc-
ture, otherwise the local stresses in the vicinity of the impact damages may not be representative and

thereby produce an invalid failure result.

-30
| 283 MN
¢ FMLURE—/ (637 KIPS)
—-25
5L 215MmN
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al (MPACTED AT —1~20
EOF BLA
LOAD o —_—
(100KIPS) 3| L —-1=15 (MN)
UNDAMAGED
20 -4 -1.0
1L MATL: IM6/18081 _] _ 0o 5
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0 0.0

| 2l
0.0 1.3 25 3[8 5.'1
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Load-displacement for three-stringer stiffened panels.

FIGURE 7.8.3  Post-impact compressive strength test results for a stiffened structural
configuration (Reference 7.8.1.2.9(b)).

7.8.3.1 Impact tests on coupons
This section is reserved for future use.

7.8.3.2 Impact tests on stiffened panels
This section is reserved for future use.

7.8.3.3 Impact tests on sandwich panels

This section is reserved for future use.
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7.8.3.4 Tests for large through-penetration damage to stiffened panels
This section is reserved for future use.

7.8.3.5 Tests for large through-penetration damage to sandwich panels
This section is reserved for future use.

7.8.4 Analysis methods - description and assessment

7.8.4.1 Large through-penetration damage

In many instances, damage tolerance assessments require the consideration of residual strength in
the presence of large notches (i.e., greater than 6 inches (150 mm)). Analysis methods that can extrapo-
late from small notch strengths, determined from relatively small tests, to large notch sizes are highly de-
sirable.

This section focuses on analytical methods for large through-penetration type damage in unstiffened
and stiffened panels resulting from severe accidental or "discrete source" damage. For metal skins of
commercial transport structures, discrete source damage is usually represented by a cut. The length of
cut has traditionally been two bays of skin including one severed stiffener or frame (see Figure 7.8.4.1(a)).
Similar configurations are cited in MIL-A-83444 for “fail safe crack arrest structure.” For composite lami-
nates, cuts also give a lower bound to tension strengths. See the results in Figure 7.8.4.1(b) for cuts, im-
pact damage, and holes (References 7.8.4.1(a), 7.8.1.2.8(c), and 7.8.2.1).

Discrete Discrete
source A A . source
damage damage
L
' 2y
Stringer ¥, yyJs 4 ’ LY
spacing e 4’/ \\/)
Stringer Frame

spacing spacing

FIGURE 7.8.4.1(a) Schematics of discrete source damage.

Numerous models and methods have been developed for fracture of composites with crack-like cuts
and tension loads. The following is a list of the methods discussed in the following sections. All of these
methods represent a composite structure as an anisotropic continuum amenable to classical lamination
theory.

1. Mar-Lin model.

2. Strain softening method.

3. Linear elastic fracture mechanics (LEFM)
4. R-curve method.

The primary purpose of fracture analysis methods is to provide failure predictions beyond the notch
sizes and structural geometries tested during material characterization. To ensure this extrapolation ca-
pability, suitable models must revolve around theories with a basis in the physics of the problem. It is also
desirable to minimize the number of degrees-of-freedom in a model to reduce material testing require-
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ments. The following is a discussion of various analysis methods, and a brief evaluation of how well they
predict the test data.

Cut
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FIGURE 7.8.4.1(b) Tension strengths of laminates (prepreg tape) with impact damage,
open holes, and cuts. (References 7.8.4.1(a), 7.8.1.2.8(c), and 7.8.2.1).

Summary of Tensile Failure Criteria. Several failure criteria have been proposed for tensile
fracture. In the following discussion of the criteria, o, and o, are the notched and unnotched strengths
of an infinite plate, respectively, and a is the half-crack length (Reference 7.8.1.2.8(e)).

The stress distribution at a crack tip is singular for classical continuum theories. In linear elastic frac-
ture mechanics (LEFM) for homogeneous materials, a square-root singularity exists, and failure is pre-
dicted by

« K
on ——Ic 7.8.4.1(a)
vra
where K| is the critical stress intensity factor. This approach suffers from the physically unacceptable
situation of infinite stresses at the crack tip. As a consequence, oy, increases rapidly with decreasing a
and o, becomes infinite, in the limit, as aapproaches 0.

In composites, this has been addressed by several theories through the use of a characteristic di-
mension, inherent flaw size or critical damage zone length. The Whitney-Nuismer (WN) point-stress crite-
ria (References 7.8.4.1(b) and (c)), for example, predicts failure when the stress at a characteristic di-
mension, d;, ahead of the crack tip equals or exceeds o,. The notched strength, then, is given by
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2
a
o 1— 7.8.4.1(b
op =0g,/( (a+d1j (b)

The two parameters in this model that must be determined are o, and d;.

The Pipes-Wetherhold-Gillespie (PWG) model (References 7.8.4.1(d) and (e)) extends the WN point-
stress model to include an exponential variation of d; with crack length. This provides added flexibility in
predicting small crack data, but requires an additional parameter to be determined.

Another multi-parameter model, proposed by Tan (Reference 7.8.4.1(f)), uses a characteristic dimen-
sion to predict failure of a plate with an elliptical opening subjected to uniaxial loading. In this model, a
high-aspect-ratio ellipse is used to simulate a crack. Notched strengths are predicted by factoring the
actual unnotched laminate strength by the ratio of predicted notched to predicted unnotched strengths.
Both of these predicted strengths are obtained using a quadratic failure criterion in conjunction with the
first-ply-failure technique. The predicted notch strength is determined by applying the failure criterion at a
characteristic dimension away from the crack. The coefficients in this criterion are the additional parame-
ters that must be determined.

The Poe-Sova (PS) model (References 7.8.4.1(g) and (h)) may also be formulated with a characteris-
tic dimension, d,, but predicts failure when the strain at that distance ahead of the crack tip equals or ex-
ceeds the fiber failure strain. The notched failure stress is given by

o =220 7.8.4.1(c)

[ 2
1+a§—
2d,

where € is a functional that depends on elastic constants and the orientation of the principal load carrying
plies. The characteristic dimension relates to a material toughness parameter, which was found to be
relatively independent of lay-up. The two parameters that must be determined for this model are the fiber
failure strain and ds.

Two other frequently-used models, Waddoups-Eisenmann-Kaminski (WEK) and WN average stress,
each have undamaged strength as the first parameter. The second parameters for WEK and WN aver-
age stress models are referred to as critical damage size and average stress characteristic dimension,
respectively. The WEK model (Reference 7.8.4.1(i)) applies LEFM to an effective crack that extends be-
yond the actual crack by the inherent flaw size. The WN average stress model (References 7.8.4.1(b)
and (c)) assumes failure when the average stress across the characteristic dimension equals or exceeds
o, Both the WEK and WN average stress models were found to be functionally equivalent to the PS
model if a linear strain-to-failure is assumed.

The approaches described above which use a length parameter (e.g., characteristic dimension) were
formulated to account for observed experimental trends for composites. In practice, these length parame-
ters are determined from notched strength data and given limited physical meaning in relationship to any
micro-structural dimension of the material. They are often thought of as classical analysis correction fac-
tors, which enable the user to account for apparent changes in the stress distribution or fracture tough-
ness with increasing crack size. It should be noted that the length parameter calculated for the WN point
stress, WN average stress, PS, WEK, and Tan models will generally take on different values for the same
set of data.

A more physically acceptable approach to predicting composite fracture may involve changes in the
crack tip stress distribution as a function of material length parameters that define levels of inhomogene-
ity. Simplified analysis performed to evaluate the effect of inhomogeneities at the fiber/matrix scale indi-
cated that the crack size should be at least three orders of magnitude larger than the fiber diameter to
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vindicate the classical continuum homogeneity assumption (Reference 7.8.4.1(j)). The results of Refer-
ence 7.8.4.1(j) show that inhomogeneity tends to reduce stress intensity factors for a range of crack
lengths that is related to the level of inhomogeneity. Considering the fiber/matrix dimensional scale, the
crack length range affected by inhomogeneity is smaller than that for which characteristic lengths are
needed to correct classical fracture analyses for graphite/epoxy composites. However, higher levels of
inhomogeneity exist in tape and tow-placed laminates due to manufacturing processes. These character-
istics of composite materials may be responsible for the reduced stress concentrations traditionally found
for small cracks.

Solutions to fracture problems using generalized continuum theories have also yielded results consis-
tent with experimental trends in composites, without a semi-empirical formulation. Generalized continuum
theories are formulated to have additional degrees of freedom which characterize micro-structural influ-
ence. The stress concentrations for such theories change as a function of relationships between notch
geometry and material characteristic lengths (e.g., References 7.8.4.1(k) through 7.8.4.1(m)). Note that
the characteristic lengths of generalized continuum models are different than those in models described
earlier because they are fundamentally based on moduli from the theory. As a result, the moduli have
relationships with other material behavior (e.g., wave propagation) and their values can be confirmed from
a number of independent experimental measurements. Ultrasonic wave dispersion measurements have
been used to predict the moduli and notched stress concentration for wood composite materials (Refer-
ence 7.8.4.1(l)). Unfortunately, considerably more work is needed to develop generalized continuum
theories for applications with laminated composite plates.

For inhomogeneous materials, the stress distribution at the crack tip is also not limited to a square-
root singularity. The Mar-Lin (ML) model (References 7.8.4.1(e) and 7.8.4.1(n)) allows the singularity, n,
to be other than square-root. The notched failure stress is given by

o = 7.8.4.1(d)

n

(2a)

where H. is the composite fracture toughness. In general, H. and the exponent n are the two parameters
that must be determined. In the Reference 7.8.4.1(e) and 7.8.4.1(n) studies, the exponent, n, was related
to the theoretical singularity of a crack in the matrix, with the tip at the fiber/matrix interface. For this case,
the singularity is a function of the ratio of fiber and matrix shear moduli and Poisson's ratios. Using this
method, the singularities for a range of typical fiber/matrix combinations were determined to be between
0.25 and 0.35.

The Tsai-Arocho (TA) model (Reference 7.8.4.1(0)) combines the non-square-root singularity of the
ML model with the inherent flaw concept of the WEK method. At the expense of another parameter, addi-
tional flexibility in predicting small-crack strengths is gained, although this effect lessens as the order of
the singularity is reduced.

Other theoretical approaches which have been applied to predict tension fracture in composites in-
clude damage zone models, DZM (e.g., References 7.8.4.1(p) and (q)), and progressive damage analy-
sis, PDA (e.g., References 7.8.4.1(r) and (s)). Both methods use finite elements to account for notch tip
stress redistribution as damage progresses. The DZM utilized a Dugdale/Barenblatt type analysis for co-
hesive stresses acting on the surface of an effective crack extension over the damage zone length. As
was the case for characteristic-length-based failure criteria described above, a Barenblatt analysis (Ref-
erence 7.8.4.1(t)) resolves the stress singularity associated with cracks. The PDA methods account for
the reduced stress concentration associated with mechanisms of damage growth at a notch tip by reduc-
ing local laminate stiffness. From a practical viewpoint, both DZM and PDA methods may be more suit-
able in determining finite width effects and for predicting the performance of final design concepts.

Failure Criteria Functionality. This subsection reviews the degrees of freedom in curves from two

parameter models which have been used extensively to predict tensile fracture for composite laminates
(Reference 7.8.1.3(c)). This background will help to interpret discussions that compare theory with ex-
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perimental databases. Predictions for both small crack (2a ~ 1.2 in. (30.5 mm)) and large crack (2a up to
20 in. (510 mm)) sizes will be compared. The former crack sizes are characteristic of much of the data
collected for composites to date. Four theories are covered in detail; classical LEFM, WN (point stress),
PS (point strain), and Mar-Lin. As a baseline for comparing changes in crack length predicted by the four
theories, curves will be generated based on average experimental results (finite width corrected) for the
IM6/937A tape material with W/2a = 4 and a lay-up of [+45/90/-45/0/+30/-30/0/-45/90/+45]. This will en-
sure that all theories agree for at least one crack length.

Figure 7.8.4.1(c) shows a comparison of the four theories for small crack sizes. Only a small differ-
ence is seen between PS and WN criteria. A close examination of the LEFM and ML curves indicates
that the singularity has a significant effect on curve shape. For crack lengths less than the baseline point,
ML predictions are less than those of LEFM. For crack lengths greater than the baseline point, the oppo-
site is true, and theories tend to segregate based on singularity (i.e., WN, PS, and LEFM yield nearly the
same predictions).
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Comparison of curve shapes for notched strength prediction theories
in small crack range.

FIGURE 7.8.4.1(c)

Figure 7.8.4.1(d) shows that singularity dramatically affects differences between predictions in the
large crack length range. The ratio of notched strength predictions for theories with the same order of
singularity becomes a constant. For example, WN and LEFM become functionally equivalent and the
relationship

K|C = O'O\IZﬂ'd]_

will yield a value for K. such that the two theories compare exactly for large cracks.

7.8.4.1(e)
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FIGURE 7.8.4.1(d) Comparison of curve shapes for notched strength prediction theories
in large crack range.

In order to compare the effect of a range of singularities on notched strength predictions, curves in
Figures 7.8.4.1(e) and (f) vary the value of n from 0.1 to 0.5. All curves in Figure 7.8.4.1(e) cross at the
baseline point used to determine the corresponding fracture toughness values. By allowing both varia-
tions in fracture toughness and order of singularity, the ML criterion could statistically fit a wide range of
notched strength data trends for small crack sizes. Extreme caution should be used in implementing such
an approach however, since, as shown in Figure 7.8.4.1(f), projections to large crack sizes are strongly
dependent on the assumed singularity.

Figures 7.8.4.1(g) and (h) show how the two parameters in the WN point stress criteria, ¢, and di,
affect both the shape and relative positions of notched strength curves. Again comparisons are made
with classical LEFM equations passing through common points. The lower set of curves corresponds to
the baseline data point. Unlike the LEFM curves which rise sharply with decreasing crack length, the
point stress theory has a finite strength, c,, at a= 0. For a given value of o,, increasing d; tends to in-
crease the predicted notched strength and, hence, has an effect similar to increasing K. in LEFM (see
upper curves in Figures 7.8.4.1(g) and (h).
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FIGURE 7.8.4.1(e) Effect of singularity on curve shapes for notch strength prediction theories

in small crack range.
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FIGURE 7.8.4.1(g) Effects of characteristic dimension and unnotched strength on curve
shapes for notch strength prediction theories in small crack range.
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FIGURE 7.8.4.1(h)  Effects of characteristic dimension and unnotched strength on
curve shapes for notch strength prediction theories in large crack range.
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In the small crack length range, a reduced value of 6, can have the appearance of reducing the sin-
gularity. The curve shapes for lower curves in Figure 7.8.4.1(g) indicate that various combinations of ¢,
and d; could be selected to represent data trends that follow any of the singularities shown in Figure
7.8.4.1(e) (particularly for a < 0.25). For small crack sizes characteristic of past databases, the curve-fits
for WN and ML theories are nearly indistinguishable (Reference 7.8.1.2.8(e)). This inability to distinguish
lower orders of singularity in past composite data may relate to measured values of 6, that were low due
to edge delamination phenomena in finite width specimens. For large crack lengths, Figure 7.8.4.1(h)
shows that the magnitude of ¢, and d; determine residual strength, but curve shape is dominated by the
order of singularity. As discussed in reference to Figure 7.8.4.1(f), the proper order of singularity is best
judged at large crack lengths.

Modified analysis methods that include "characteristic dimensions" are better at predicting small crack
experimental trends than LEFM with the classical singularity of 0.5. This suggests the classical crack
stress intensity is inaccurate for composites and that the actual distribution has characteristics that have
an effect similar to the point stress and point strain formulations (i.e., stress intensity that is generally
lower and a function of notch size). A hypothesis was posed based on evidence from analysis and ex-
periments that suggest small crack stress distribution is strongly influenced by material inhomogeneity.
Reductions in stress concentration occur for cracks having a length within several orders of magnitude of
the material inhomogeneity scale. For a given crack size, therefore, notched strength increases with in-
creasing scale of inhomogeneity. Possible scales of inhomogeneity include fiber diameter, tow width, and
hybrid repeat unit width.

Each fracture theory converges to a curve dominated by the order of singularity at large crack sizes.
Larger crack data (i.e., up to 2.5 in. (63 mm) long) for several materials and laminate lay-ups tended to
converge with failure criteria having a singularity of 0.3. One notable exception was a toughened mate-
rial, IM7/8551-7, that tended to converge to the classical curve for singularity of 0.5. This and other evi-
dence suggested that the effective singularity was dependent on matrix splitting. The ability to split and
relieve the notch stress concentration relates to characteristics of the material and laminate lay-up.

The finite element method provides the flexibility and accuracy for the multitude of configurations en-
countered in aircraft structure. Two methods exist to account for the effects of damage progression on
load redistribution in finite element models. Progressive damage methods that degrade various stiffness
properties of individual elements as specified failure criteria are met (e.g., Reference 7.8.4.1(s)) have
shown some successes in modeling damage growth in specimen configurations. The magnitude of the
calculations, however, provides a significant obstacle to incorporating them into the complex models re-
quired for stiffened structure.

Strain-softening models (e.g., References 7.8.4.1(d) and 7.8.4.1(u)), however, appear to have the
required simplicity. Such models have been successfully used in the reinforced concrete industry, and
provide the ability to capture the global load redistribution that occurs as the crack-tip region is softened
by damage formation, without the computational concerns of detailed progressive damage models.
These strain-softening models use a nonlinear stress-strain law that allows for a decreasing load-carrying
capability of the material as strains increase beyond a critical value. A range of softening laws has been
proposed. In finite element models, nonlinear springs can be used to simulate this behavior. The models
can be calibrated using small-notch test results, then extended to large-notch configurations. Issues as-
sociated with modeling and calibrating bending stiffness reductions are being evaluated. These reduc-
tions are of concern for most structural configurations, where out-of-plane loading, load eccentricities, and
bending loads are common. A more detailed discussion of strain-softening methods is given in Section
7.8.4.1.2

7.8.4.1.1 Reduced singularity (Mar-Lin) model
References 7.8.1.3(c) and (d) demonstrated that many material/laminate combinations have signifi-

cantly lower sensitivities to large changes in notch size than predicted by classical fracture mechanics.
The Mar-Lin model (References 7.8.4.1(e) and 7.8.4.1(n)) allows for non-square-root singularities that
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capture these reduced sensitivities by having a variable exponent, n. Specifically, the notched failure
stress is given by

of = 7.8.4.1.1(a)

(2a)"

where oy is the infinite plate notched strength, and H, is the composite fracture toughness. In the Ref-

erence 7.8.4.1(e) and 7.8.4.1(n) studies, the exponent, n, was related to the theoretical singularity of a
crack in the matrix, with the tip at the fiber/matrix interface. For this case, the singularity is a function of
the ratio of fiber and matrix shear moduli and Poisson's ratios. Using this method, the singularities for a
range of typical fiber/matrix combinations were determined to be between 0.25 and 0.35.

However, this idealization is overly simplistic for a notch through a multi-directional composite lami-
nate. Alternatively, the functional form can be used, but both H, and the exponent, n, can be considered
simply as two degrees-of-freedom in the model. This approach maintains the advantages of the func-
tional form, without requiring the exponent to depend on the simplistic idealization. Figure 7.8.4.1(f) illus-
trates the effect of the exponent, n, on residual strength, as n varies from 0.5 (classical) to 0.1. Each
curve in the figure goes through the same point for a 0.25 in. (6.3 mm) notch. Decreases in the exponent,
n, result in large increases in large-notch strength.

This functional form was successfully used (e.g., References 7.8.1.2.4(a) and 7.8.1.3(d)) to predict
unconfigured large notch strength (i.e., 8 to 12 in. (200 to 300 mm)) from smaller notch data (i.e., < 2.5 in.
(63 mm)). The following procedure was used to determined the values for H, and n.

1. The infinite-width strength was determined for each test data point using the isotropic finite-width
correction factor (FWFC).

on = FWCF* oy 7.8.4.1.1(b)
where

FWCF= /sec(”waj , a= half notch length, W = specimen width

Note that all data was tested using the same width-to-notch-length (W/2a) ratio, avoiding problems
associated with having data obtained by varying this ratio (see Reference 7.8.1.3(c)).

2. The curve was required to go through the average strength of the largest of the small-notch data
(typically 2.5 in. (63 mm)). This requirement determines H, for any selected value of n.

3. A precise, verified method for determining the appropriate order of singularity, in the absence of
large notch data, has not been developed. In the method developed and applied during the Ref-
erence 7.8.1.2.4(a) and 7.8.1.3(e) studies, the value of n was generally selected as the smallest
value that resulted in (a) the actual small-notch data being less than or equal to the resulting Mar-
Lin curve, and (b) an increasingly larger difference between the two as notch size decreases.
This approach, which is illustrated in Figure 7.8.4.1.1(a), is justified since the small-notch re-
sponse is typically characterized by increasing fracture toughness with notch size until the “par-
ent” fracture toughness curve is reached.

Caution should be exercised in selecting exponents for extrapolation, since it is possible to select
values that over-predict large-notch capability (i.e., are unconservative). In general, verification
tests should be conducted with notch lengths of sufficient size to minimize the extent of extrapola-
tion. In the absence of related large-notch data, a somewhat conservative selection of the expo-
nent is prudent to avoid potential design deficiencies.
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FIGURE 7.8.4.1.1(a) Selection of singularity from small-notch data.

This reduced-singularity method described in this section has been successfully used in assessing
residual strength of configured structure, as well (References 7.8.1.2.10 and 7.8.1.3(e)). The approach
mimicked that often used in metallic analysis, which involves applying empirical or semi-empirical elas-
tic/plastic factors that account for configurational effects to the unconfigured notch strength (e.g., Refer-
ence 7.8.4.1.1). Factors developed for metallic configurations were used after modification for directional
and part-to-part modulus differences.

Semi-Empirical Mar-Lin Examples

Strength prediction models, including square-root and reduced-singularity approaches, were dis-
cussed and compared in Reference 7.8.1.3(c). The four primary models included in the functionality as-
sessment were: linear elastic fracture mechanics (LEFM), Whitney-Nuismer point stress (WN, Refer-
ences 7.8.4.1(b) and (c)), Poe-Sova (PS, References 7.8.4.1(g) and (h)), and Mar-Lin (ML, References
7.8.4.1(e) and 7.8.4.1(n)). When calibrated through a single notch-length/failure-strength point, the WN
and PS methods were found to be functionally equivalent. The effect of the characteristic dimensions
used in these methods is to reduce the small notch strength predictions from the parent LEFM curve. As
crack lengths increase, differences between these characteristic-dimension methods and LEFM converge
to a constant value that is small in comparison with the prediction.

The ability of the LEFM, PS, and ML methods to predict residual tensile strength over a wide range of
notch sizes were assessed in Reference 7.8.1.3(d). These findings will be summarized here. Additional
work on tension and compression of sandwich configurations were reported in References 7.8.1.2.4(a)
and 7.8.1.3(e), with similar results.

Three material systems and three lay-ups were included in the evaluation, as described in Figures
7.8.4.1.1(b) and (c), respectively. In each case, the LEFM, PS, and ML methods were calibrated through
the average strength with a 2.5 inch (63 mm) notch. The ML exponent, n, was varied to determine the
singularity providing the best prediction of the largest-notch strength.
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Material Description
IM7/8551-7 | Intermediate modulus carbon fiber in a particulate-toughened resin
AS4/938 Standard modulus carbon fiber in an untoughened resin

S2/AS4/938 | Intraply hybrid, with each ply consisting of alternating bands of 1 tow
of S-glass fiber and 3 tows of standard modulus carbon fiber, both in
an untoughened resin

FIGURE 7.8.4.1.1(b) Material description for tension tests.

Relative Stiff-
Laminate Ply Orientations ness in Load
Direction
Crown3-Axial | [ 45/-45/90/0/60/-60/90/-60/60/0/90/-45/45 ] soft
Crown3-Hoop | [ -45/45/0/90/-30/30/0/30/-30/90/0/45/-45 ] hard
Crown4-Axial | [45/-45/90/0/60/-60/15/90/-15/-60/60/0/90/-45/45 ] hard

FIGURE 7.8.4.1.1(c) Lay-up definition for tension tests.

Figure 7.8.4.1.1(d) contains the five material/lay-up combinations that were evaluated, as well as the
singularity that best fits the 2.5 in. (63 mm) and large-notch (8-12 in. (200-300 mm)) data for each case.
Figures 7.8.4.1.1(e) through 7.8.4.1.1(i) compare LEFM, PS, and ML curves with all test data for each
configuration. In all but the first case, the square-root-singularity methods provide conservative estimates
of the measured large-notch capability. While this conservatism may appear small in absolute magnitude,
it can be large as a percentage of the actual capability. This latter relationship defines the required mate-
rial, assuming that large-notch strength is controlling the design. Note that the Mar-Lin functionality al-
lows excessive conservatisms to be avoided.

Material Lay-up Rglatlve BeSt”_
Stiffness Singularity
IM7/8551-7 Crown3-Hoop Hard 0.5
Crown3-Axial Soft 0.3
AS4/938 Crown3-Hoop Hard 0.3
Crown4-Axial Soft 0.2
S2/AS4/938 Crown4-Axial Soft 0.1
FIGURE 7.8.4.1.1(d) Reduced singularity comparisons of material/lay-up combinations in tension.
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FIGURE 7.8.4.1.1(e) Comparison of IM7/8551-7, Crown3-Hoop experimental tension results
with different failure criteria.
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FIGURE 7.8.4.1.1(f) Comparison of IM7/8551-7, Crown3-Axial experimental tension results
with different failure criteria.
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Comparison of AS4/938, Crown4-Axial experimental tension results with
different failure criteria.
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FIGURE 7.8.4.1.1(i) Comparison of 25%-Glass Hybrid, Crown4-Axial experimental tension
results with different failure criteria.

This approach was also applied to sandwich configurations with facesheets using higher-toughness
resins (AS4/8552). Several small-notch (0.875 and 2.5 in. (22.2 and 63.5 mm)) specimens and a single
large-notch (9 in. (230 mm)) panel were tested. As shown in Figure 7.8.4.1.1(j), the Mar-Lin extrapolation
of the 0.875 and 2.5 in. (22.2 and 63 mm) notch data was significantly more accurate than the LEFM pre-
diction, but it over-predicted the large-notch strength by approximately 10%. The “best” Mar-Lin curve
reflects the fit between the two largest notch sizes. This example illustrates the benefit of conservatively
selecting the exponent when related large-notch data does not exist.

50 : :
Ly Mar-Lin extrapolation from
I \ coupon results (n = 0.16)
2401 "Best" Mar-Lin fit
< L (n=0.24)
=
© 30 -
n A N R N Y g
L N T
m ---------
o 20
2 - Test Data T 'K- - _
£ 7
10 | LEFM
Construction: Sandwich
| Material: AS4/8552 Tow + Fabric
Layup: 2/4/2 ‘ ‘

0
0 5 10 15

Notch Length, in.
FIGURE 7.8.4.1.1(j) Extrapolation of small-notch results to large-notch sizes for AS4/8552 sandwich.
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In Reference 7.8.1.2.10, unconfigured notched-strength predictions based on the reduced-singularity
method were extended to structural configurations using configuration factors. The response of a 5-
stringer panel, shown in Figure 7.8.4.1.1(k), was predicted and compared to experimental measurements.
The panel was tow placed from AS4/938, and contained a 14 in. (360 mm) notch that severed a full skin
bay and the central stringer.

- 63.0" >
EA y - A
Eea A 14" Notch Severing
EApanel Skin & Central
Stringer
O 118"
/ ; \ N 137.0"
2"
O 111" J
4.90"
_V

Q

FIGURE 7.8.4.1.1(k) Flat 5-stringer panel configuration.

In the test panel, damage grew asymmetrically from the notch tips in a stable manner within the skin
to the adjacent stringers, where it arrested. The final failure sequence was caused by extension of the
fiber failure beyond the adjacent stringer. Reduction of the skin-to-stringer load transfer, caused by de-
lamination growth that accompanied extension of fiber failure beyond the stringer, provided additional
driving force during the failure sequence.

X-rays taken at pre-failure load levels allowed construction of a residual strength curve, shown in Fig-
ure 7.8.4.1.1(I). The elastic prediction curve significantly overpredicts the effectivity of the adjacent, un-
severed stiffening element in reducing the skin notch tip stresses. A prediction based on elastic/plastic
analysis and tests of metallic configurations, similar to those shown in Reference 7.8.4.1.1, provided very
good correlation with the observed behavior. This may be coincidental, however, since the metallic con-
figuration included inverted, mechanically-fastened hats while the tested configuration had non-inverted,
co-cured hats. The important factor, however, is that consideration of inelastic behavior reduces the ef-
fectivity of the unsevered stiffening element, decreasing skin-strength predictions.
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Gross-Area €
Strength, ksi Severed Adjacent
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FIGURE 7.8.4.1.1(1) Comparison of crown 5-stringer tension damage tolerance results with predictions.

A similar approach was applied to two curved panels tested under biaxial loading in a pressure-box
test fixture. The general arrangement of the panels is shown in Figure 7.8.4.1.1(m). These panels, des-
ignated Panel 11b and TCAPS-5, each contained a 22 in. (560 mm) longitudinal notch severing skin and
the central frame. Differences in design detail are highlighted in Figures 7.8.4.1.1(n) and (0). Panel 11b
included all-graphite skins with a relatively high hoop modulus, and bolted frames with mouseholes that
extend beyond the full width of the stringers. TCAPS-5 featured a graphite-glass intraply hybrid skin with
a relatively low hoop modulus and higher-stiffness bolted frames. Glass-fabric pads beneath the frame
allowed a direct bolted attachment between the frame and the stringer flange and the mousehole configu-
ration to be significantly narrower.

72.0 =‘

e—22.0 —+
h I N g

Il B B N r

63.0 — . e

I 1220
LF__- »

\

FIGURE 7.8.4.1.1(m) Pressure-box test panel geometry.
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Braid/RTM Frames
o Lower Circumferential Stiffness (7.76 Msi)
¢ Wide Mousehole
* Bolted

AFP Skins
e AS4/938
¢ Higher Hoop Stiffness (9.11 Msi)

Cocured Stringers
*» AS4/938 Tow
¢ High Axial Stiffness (12.3 Msi)

FIGURE 7.8.4.1.1(n) Panel 11b structural configuration.

AFP Skins Braid/RTM Frames
e AS4/S2/938 Intraply Hybrid ¢ Higher Circumferential Stiffness (9.05 Msi)
¢ Lower Hoop Stiffness (6.33 Msi) ¢ Narrow Mousehole

 Bolted (including through Stringer Flange)

* Fiberglass Fabric Pads
beneath frames

Cocured Stringers
* IM6/3501-6 Tape
» High Axial Stiffness (11.2 Msi)

FIGURE 7.8.4.11(0) TCAPS-5 structural configuration.

Both panels were subjected to internal pressure only. Figures 7.8.4.1.1(p) and (q) illustrated the
damage state in each panel after completion of the tests. The maximum pressure for Panel 11b was 10.0
psi, at which time an explosive decompression occurred. The damage was characterized by extensive
delamination and an intense region of fiber failure extending approximately 11 in. (280 mm) from the
notch tips to the adjacent frames. TCAPS-5 reached a maximum pressure of 15.5 psi, when air supply
limitations precluded further loading. Its final damage state was characterized by delaminations and fiber
failure regions on the order of only 3-4 in. (80-100 mm), despite sustaining 55% higher pressure.
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Internal Pressure = 10.0 psi
Axial Load = 0.0

Fiber Failure
Delamination

FIGURE 7.8.4.1.1(p) Panel 11b final damage state.

Internal Pressure = 15.3 psi
Axial Load = 0.0

|

-

Fiber Failure

[l
I

Delamination

|

FIGURE 7.8.4.1.1(q) TCAPS-5 final damage state.

Residual strength response was predicted for these panels using Mar-Lin extrapolations of notched
strength data from flat unstiffened laminates in combination with metallic elastic-plastic configurational
correction factors that were modified to account for modulus differences. These predictions are com-
pared with the actual damage growth in Figure 7.8.4.1.1(r). The prediction for Panel 11b was quite accu-
rate for damage growth in the skin, but overpredicted the load transfer to, and hence the beneficial effect
of, the undamaged adjacent frames. This reduced load transfer observed in the test is again related to
skin delaminations effectively decoupling the frame from the skin. Predictions of TCAPS-5 response were
not as accurate. The response, however, exceeded its much higher predicted capability.
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FIGURE 7.8.4.1.1(r) Comparison of predicted and measured damage growth in crown
pressure-box test panels.

7.8.4.1.2 Strain softening laws

Experimental evidence has demonstrated that composite materials exhibit significant strain capability
beyond that associated with the maximum load-carrying capability (Reference 7.8.1.2.8(i)). This strain-
softening characteristic, shown in Figure 7.8.4.1.2(a), is not readily apparent in unnotched or small-
specimen testing, where failures can appear brittle due to limited load redistribution after localized fail-
ures. In notched specimens or in structures capable of load redistribution, however, the strain-softening

response is more easily observed.

€

FIGURE 7.8.4.1.2(a) Strain softening laws.

To date, most engineering applications using strain-softening approaches have occurred in analyzing
inhomogeneous materials used in the building industry (e.g., concrete). References 7.8.4.1.2(a) and (b)
extensively document the use of strain-softening methods for analyzing the fracture and collapse of engi-
neering structures. Strain-softening methods have been applied to some laminated composite problems
(e.g., References 7.8.4.1.2(c), 7.8.4.1(d) and 7.8.4.1(p)). The most significant application of these meth-
ods to large-notch residual strength of composite structure was performed in a series of NASA/Boeing
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contracts reported in References 7.8.4.2.1(d) and (e), 7.8.1.2(g), 7.8.1.2.4(a), 7.8.1.2.8(h) and (i), and
7.8.1.3(e). The following discussion is based on the findings from that work.

The use of strain softening laws to simulate damage progression has several attractive features.
First, it is a generalized continuum approach and is, therefore, more compatible with the complex finite
element models required to properly approximate structural configurations than are rigorous progressive
damage models (i.e., those with ply-by-ply assessment and tracking of multiple failure mechanisms). The
approach also captures the load redistribution caused by local damage formation and growth, and the
resulting influence on deformations and other potential failure modes.

Strain-softening laws are typically incorporated into geometrically nonlinear finite element analyses as
non-linear, non-monotonic material stress-strain curves. The global analysis becomes a structural col-
lapse problem, as shown in Figure 7.8.4.1.2(b); the damage growth forces load redistribution toward the
specimen edges until insufficient material exists to sustain the applied load.

g’\;’& Qi.& %iu—\

Ao Ao Ao

FIGURE 7.8.4.1.2(b) Modeling of structural collapse due to damage growth.

Strain-softening laws are strongly dependent on a numerous variables, including material, lay-up,
stacking sequence, manufacturing process, environment, and loading. As illustrated in Figure
7.8.4.1.2(c), the shape of the strain-softening curve has a strong influence on the predicted notch-strength
response. Material laws with relatively high maximum stresses but low total fracture energy are required
to predict high strength, low toughness response. These laws also capture the relatively small notch-tip
damage zones and small specimen size effects observed in tests. Conversely, laws with low maximum
stresses but high total fracture energies are necessary to capture low strength, high toughness behavior.
They also predict the large notch-tip damage zones and the significant specimen size effects observed in
tests.

Efficient methods for determining the strain-softening law for a specific combination of these variables
are not fully developed for composites. They can be found either by indirectly by matching analysis with
small coupon test data (e.g., Reference 7.8.4.1.2(e)) or directly from test measurements (e.g., Reference
7.8.4.1.2(f)). Once determined, these laws are used in finite element models to predict the response of
other geometries.

A number of significant difficulties arise in attempting to implement this method, and not all have well-

established solutions. The following subsections attempt to summarize the current state-of-the-art for the
significant implementation issues.
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FIGURE 7.8.4.1.2(c) Effect of strain softening material law on notch-length sensitivity.

Complexity of Strain-Softening Modeling. Application of the strain-softening law can be accom-
plished in a variety of ways. The method chosen for a specific problem depends on the loading and dam-
age growth assumptions. For uniaxial in-plane loading, where the assumption of self-similar crack growth
is reasonable, a uniaxial implementation can be used. In this case, uniaxial springs, with nonlinear stiff-
nesses directly related to the strain-softening material law, can be placed between the surfaces of the
crack plane, as shown in Figure 7.8.4.1.2(d).

SYM

SYM

FIGURE 7.8.4.1.2(d) Spring implementation of strain softening.

For multi-directional in-plane loading, a multi-directional strain-softening law must be defined, since
the direction of damage propagation cannot be assumed. In References 7.8.4.1.2(d) and (e),
7.8.1.2.4(a), 7.8.1.2.8(g) through 7.8.1.2.8(i), and 7.8.1.3(e), the strain-softening laws were defined for the
two orthotropic directions of the laminate, and a Hill yield function used for the interaction.

For situations with significant variations of load, geometry, or damage through the thickness of the
part, (e.g., bending moments, post-buckled structure, out-of-plane loading, unsymmetrical damage), the
modeling approach must also allow variable softening through the thickness. In Reference 7.8.4.1.2(d),
this was accomplished by defining several integration points in the thickness direction of the finite element
representing the laminate, and applying the strain-softening relationship independently to each of these
points. However, it was also noted that a more general formulation is required if the laminate properties
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vary significantly through the thickness, since the stress-strain relationship is generally developed for the
whole laminate assuming homogeneous ply stacking sequences.

Numerical Solution Issues. Finite element solutions of problems involving a strain-softening mate-
rial laws involve a number of complexities not often associated with static structural analysis. Specifically,
singular stiffness matrices are encountered when material failure is occurring in a sufficiently large area
and/or when the structure is buckling. In the Reference 7.8.4.1.2(d) studies, ABAQUS® was selected be-
cause it has a variety of robust, nonlinear solution algorithms and is capable of modeling strain-softening
response for orthotropic materials. Arc length methods, such as Riks (Reference 7.8.4.1.2(g)), have
proven useful in dealing with snap-through stability problems, and were useful in initial efforts to model
tension loaded strain-softening problems. However, numerical stability problems and very long solution
times were frequently encountered, particularly when the unloading portion of the strain-softening curve
was very abrupt or steep.

Solving the problem dynamically minimizes a number of numerical difficulties. Similar to real struc-
tures, damping and inertial forces smooth out system response and greatly reduce numerical noise in the
solution process. As the maximum load is reached, local failure occurs thus accelerating parts of the sys-
tem. The numerical integration in time can be stopped when a minimum acceleration related to system
failure has been achieved. This has proven to be very accurate failure criterion for compression-loaded
structural systems (Reference 7.8.4.1.2(d)).

Element Size and Formulation. Strain-softening laws and the finite element size are interrelated,
due to the effect of element size on notch-tip strain distribution. Larger elements result in less-severe, but
broader, stress concentrations. This is similar to the response of non-classical material models (i.e.,
Cosserat, non-local) in the presence of a stress concentration (e.g., References 7.8.4.1.2(h) and
7.8.4.1(m)), and also similar to deviations observed in actual strain distributions from classical predictions.
Larger element sizes result in strain-softening curves with steeper unloading segments (Reference
7.8.4.1.2(d)).

Element size, therefore, is another degree-of-freedom in the strain-softening approach that must be
determined. Fortunately, damage in composite materials typically localizes on a relatively large scale
(e.g., relative to plastic yielding at a crack tip in metal). Relatively large elements (i.e., > 0.20 inches (5.0
mm)) are, therefore, found to provide good results. Element sizes required to accurately predict notch-
length and finite-width effects in compression are typically larger than those required for tension.

Finite element analyses based on non-local formulations (i.e., the stress at a point is dependent on
the strain at that point and the strain in the vicinity of that point) can overcome this element-size depend-
ency. The need to combine strain-softening laws with non-local material models has also been seen in
work related to civil engineering structures (e.g., References 7.8.4.1.2(a), 7.8.4.1.2(i), and 7.8.4.1(u)).
Several methods (other than element size) have been used to account for non-local responses. The most
widely used method to incorporate non-local analysis is based on an integral approach, where a weighted
average strain is determined as a material property and is referred to as the characteristic size of the ma-
terial. Another approach is based on a second order differential method, where the strain used for the
stress calculation is based on both the value and second derivative of the point strain. In fact, these two
methods are related, and, with selected weighting functions, there is a one-to-one correspondence. A
third proposed method involves an imbricated element formulation (Reference 7.8.4.1.2(i)). An approxi-
mation of this technique (i.e., overlaid and offset 8-noded elements), shown in Figure 7.8.4.1.2(e), was
attempted, but was abandoned due to difficulties associated with modeling at specimen and crack
boundaries.

Element formulation and strain softening laws are also interrelated. Limited studies of 4-, 8-, and 9-

noded shell elements found that higher order elements lead to higher fracture strengths and large dam-
age zones (Reference 7.8.1.2.8(h)).
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FIGURE 7.8.4.1.2(e)  Staggered layering of 8-node shell elements used to model nonlocal
effects of a stress concentration.

Determination of Strain-Softening Law. Using the indirect method to determine a strain-softening
law requires an understanding of the key characteristics of strain-softening curves, and their influence on
the structural response. The law is iterated until small-notch data is matched. Test results to support this
approach are not well established, but the goal is to have sufficient data to capture notch-size effects and
specimen finite-width effects. In the NASA/Boeing research studies, for example, typical test data for de-
termining the tension law consisted of three or four specimen configurations, as shown in Figure
7.8.4.1.2(f). Laws obtained in this manner were typically use to predict the response of configurations
with notches in the range of 8 to 20 inches (200 to 500 mm).

Notch Size, Specimen Width-to-Notch-
in. (mm) Width, in. (mm) Size Ratio

0.88 (22.4) 3.5(89) 4

1.75 (44.5) 3.5(89) 2

2.50 (63.5) 10.0 (254) 4

5.00 (127) 10.0 (254) 2

FIGURE 7.8.4.1.2(f) Typical test for determining strain-softening law in the NASA/Boeing
research programs.

Determination of the strain-softening material laws for both tension and compression through trial and
error requires a relatively large number of tests, and is computationally intensive. Approaches have been
presented to determine these laws from relatively few tests via energy methods (e.g., Reference
7.8.4.1.2(f)). These require measurement of crack opening displacements (COD) for two specimens of
identical geometry and differing notch lengths. Attempts to accomplish this with center-notch specimen
configurations were unsuccessful. Two specimens of each of two notch lengths were tested. The result-
ing strain softening laws for the four specimen combinations are shown in Figure 7.8.4.1.2(g) along with
an average response. The scatter was unacceptably large, and is likely a result of the small differences
in response of specimens with differing notch lengths relative to experimental error.

Development of improved specimen geometries has also been pursued (e.g., University of British
Columbia). In particular the over-height compact tension specimen, shown in Figure 7.8.4.1.2(h), is being
evaluated. The greater dependence of specimen compliance on notch length should resolve the prob-
lems associated with the center-notch specimens. Test measurements and destructive evaluations are
being conducted to provide further insights into the damage growth mechanisms. One unresolved issue
with this specimen configuration is the effect of the bending stress distribution on the strain-softening law.
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FIGURE 7.8.4.1.2(g) Strain-softening laws determined from center-notch specimens using
energy methods.

T +-—/—0OV O——» T

FIGURE 7.8.4.1.2(h) Over-height compact tension specimen for strain-softening law determination.

Any approach to determine the material laws directly from test measurements must use tests of suffi-
cient size to capture process-induced performance characteristics.

Load Transfer to Stiffening Elements. In structural configurations with stiffening elements, the abil-
ity to model the degradation of the load-transfer capability between the skin and the stiffener is crucial to
predict final failure. Physically, this degradation occurs as the damage approaches the stiffener, and can
be caused by delamination damage in the skin, or yielding of either the bonded or mechanical attach-
ment. Strain-softening models do not discretely address delamination damage in laminates, and the
model fidelity required to predict either yielding for bonded or bolted joints is not compatible with struc-
tural-scale models. A practical method to address these issues has not been identified.

Strain-Softening Examples

The described approaches were used to predict unconfigured and configured notched compression
strength. The unconfigured results are summarized in Figure 7.8.4.1.2(i). Three test points were used to
calibrate the material law, while the other two tests were predicted. The predictions were within 3% of the
test results.
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FIGURE 7.8.4.1.2(i) Strain softening prediction on unconfigured notched compression strength.

Predictions were also made of 30 x 44 in. (80 x 1100 mm) curved panels (122 in. (310 m) radius) with
4 in. (100 mm) notches and a 66 x 88 in. (1.7 x 2.2 m) curved panel with and 8.8 in. (223.5 mm) notch.
The predictions are compared with the experimental results in Figure 7.8.4.1.2(j). Predictions were within
7% of the measured values.

7.8.4.1.3 LEFM - based methods

Using classical linear fracture mechanics, the strain in a fiber direction at a distance r directly ahead
of a crack tip can be written in the following infinite series (Reference 7.8.4.1(h)).

e1=Q(2mr) V2 +0(r) 7.8.4.1.3(a)

where
Q=K&/E, 7.8.4.1.3(b)
&= [1— (vxyvyx )UZM( Ex/Ey )1/2 sin’ o+ cos® a} 7.8.4.1.3(c)
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r is the distance from the crack tip, K is the usual stress intensity factor, x and y are Cartesian coordinates
with x perpendicular to the crack, E is a modulus of elasticity, v is a Poisson’s ratio, o is the angle that the
fiber makes to the x axis (perpendicular to the crack), and O(r°) indicates terms of order r° and greater.
For small r, the terms O(r°) are negligible.

Failure Load, kips/in.

5
Prediction
Measured

7

3 -

2 L

l .

4" Notch 8.8" Notch

FIGURE 7.8.4.1.2(j)) Comparison of measured notched compression failure loads with strain
softening predictions.

For the point strain failure criterion, & =&y atr=d,, where g, is the ultimate tensile failure strain of
the fibers. Thus, rearranging equation 7.8.4.1.3(a),

(27do )% = Qo / s 7.8.4.1.3(d)
and
/
Kq=QcEx /& = (270, )" e Ex /¢ 7.8.4.1.3(e)

where the subscript ¢ indicates critical value and Kq is the laminate fracture toughness.

Equation 7.8.4.1.3(e) can be used to predict fracture toughness without conducting fracture tests.
The elastic constants and the failing strain of the fibers can usually be obtained using data from the mate-
rial supplier and classical lamination theory. Residual strengths can be calculated by equating the frac-
ture toughness and stress intensity factors determined by theory of elasticity or finite element analyses.
Approximate stress intensity factors for panels with bonded stiffeners are given in Reference 7.8.1.3.1(a).

7.8.4.1.4 R-curves

1/2 .
, IS not a con-

For many composites, the value of the normalized characteristic dimension, (Zﬂ'do)
stant but increases with crack length, especially for thin laminates made with brittle resins. Values of
(27zdo)1/2 are plotted against damage growth in Figure 7.8.4.1.4(a) for a 13-ply fuselage crown laminate
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made of prepreg tape using a tow-placement process (Reference 7.8.1.3.1(a)). The damage growth
measured in radiographs and calculated from measurements of crack-opening displacements (COD) are
in good agreement. (The crack length including damage growth is proportional to the COD, which was
measured by a "displacement gage" located midway between the ends of the cut).

The maximum value of (27zd0)1/2 in Figure 7.8.4.1.4(a) is about 63% greater than the LEFM value,

1/2
)

and the maximum damage growth was one third of the cut length. The values of (2zd, were calcu-

lated using the length of cut plus growth. The curve in Figure 7.8.4.1.4(a) can be used as a crack-growth
resistance curve (R-Curve) with failure defined by the tangency of the R-Curve and the crack-driving-force
curve (F-Curve) calculated using Equation 7.8.4.1.3(d) and stress intensity factors determined by theory
of elasticity or finite element analyses. In the ASTM E561-86 standard (Reference 7.8.4.1.4(a)), the R-
and F-Curves are expressed in terms of stress intensity factor. However, for composites, it is convenient

to use (27d, )1/2 instead of stress intensity factor to normalize for lay-up and material.

3 ———————
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FIGURE 7.8.4.1.4(a) R-curve for tow-placed AS4/938 fuselage crown laminate (cut length
=9in. (23 cm) and width = 36 in. (91 cm)) (Reference 7.8.1.3.1(a)).

R-Curve Examples

Tensile failing strains for large flat fuselage panels with straps and hat-section stiffeners are plotted
against cut length in Figures 7.8.4.1.4(b) and (c) (Reference 7.8.1.3.1(a)). The panel with straps con-
tained a 10.0 in. (25.4 cm) cut and that with hat-section stiffeners contained a 14.0 in. (35.6 cm) cut. The
central stiffener in both panels was severed, and the skins were [-45/45/0/90/-30/30/0/30/-30/90/0/45/-45]
AS4/938 tow placed fuselage crown laminates. The stiffness of the straps was 56% of that of the hat-
section stiffeners. The amount of crack growth observed in the test is indicated by the arrow drawn to the
right of the "test failure" symbol. The panel with straps in Figure 7.8.4.1.4(b) failed catastrophically at an
applied strain of 0.00275 with about 1.0 in. (2.5 cm) of stable tearing at each end of the cut. The cut in
the panel with hat-section stiffeners grew stably into the stiffener (about 7 in. (18 cm) at each end of the
cut) before catastrophic failure at an applied strain of 0.00274.
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Tensile failing strains calculated using LEFM and R-Curve are also plotted against cut length in Fig-
ures 7.8.4.1.4(b) and (c). Approximate, closed-form equations in Reference 7.8.1.3.1(a) were used to
calculate F-Curves for the various cut lengths. An envelope of F-Curves in Reference 7.8.1.3.1(a) similar
to the one in Figure 7.8.4.1.4(a) was used for the R-Curve. The jumps in failing strains occur when the
end of the cut (LEFM) or the end of the cut plus stable growth (R-Curve) coincide with the edge of the
stiffener. The horizontal dashed lines indicate the region of cut lengths for fracture arrest and give the
failing strains with subsequent loading. For cut lengths to the left of the dashed line, failures are catastro-
phic. The LEFM predictions were 45 and 58% below the test values for the straps and hat-section stiff-
eners, respectively, and the R-Curve predictions were 14% below and 16% above the test values for the
straps and hat-section stiffeners, respectively. The nature of failure, that is catastrophic versus fracture
arrest, were predicted correctly by both LEFM and R-Curve.

0'004 L) L) L) L) L) L) L) L) L) I L) L) L) L) L) L) L) L) L) I L) L) L) L) L) L) L) L) L)
i [745/0/90/+30/0], AS4/938 1
i R-Curve 7
0.003 |~ ./_ Test -
R . ]
i N LEFM 1
Tension - ‘/: E
failing » ]
strain 0.002 M

~ Crack arrest T

- S~ I/__ region T
0.001 [~ ]

7 Cut /— Skin, (E ), = 1.78 (EV i ener ~ Stiffener

OIII/IIIIIIIII

Cut half-length, cm

FIGURE 7.8.4.1.4(b) Measured and predicted failing strains for three-stringer tow-placed
fuselage crown panel 30 x 83.9 in. (76 by 213 cm) (Reference 7.8.1.3.1(a)).
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FIGURE 7.8.4.1.4(c) Measured and predicted failing strains for five-stringer tow-placed AS4/938
fuselage crown panel 63 by 137 in. (160 by 348 cm) (Reference 7.8.1.3.1(a)).

It should be noted that flat panel results can not be applied directly to shells with longitudinal cracks
and internal pressure because stress intensity factors for pressurized shells can be much greater than
those for flat plates. (Strengths and burst pressures vary inversely with stress intensity factor.) See Fig-
ure 7.8.4.1.4(d), where stress intensity correction factors from Reference 7.8.4.1.4(b) are plotted against

a/+/Rt for isotropic pressurized cylinders and spheres. For a wide body fuselage with a cut equal to two

times the frame spacing, a/ \/ﬁ can be as large as five. In that case, the stress intensity factor for an
unstiffened cylinder would be more than five times that for a flat unstiffened plate. Analytical results for
specially orthotropic cylinders are given in References 7.8.4.1.4(c) and (d). These results were experi-
mentally verified for 12 inch (30 mm) diameter pressurized composite cylinders with longitudinal cuts in
Reference 7.8.4.1.4(e). Frames and tear straps can not only reduce the stress intensity factor (Reference
7.8.4.1.4(f)), they can also turn a fracture and limit a failure (see Reference 7.8.4.1.4(qg)).

An R-Curve was also successively used to predict residual strength of a curved panel with stiffeners,
pressure loading, and discrete source damage in Reference 7.8.4.1.4(h). The F-Curve was calculated by
a nonlinear finite element analysis taking into account out-of-plane displacements.

7.8.4.2 Single delaminations and disbonds

The previous section discussed severe accidental and discrete source damage only, represented by
crack-like, penetrating cuts. Analysis of laminates containing single plane delaminations or disbonds can
also be performed. As discussed earlier, delaminations have little effect on tension strength but delamina-
tions can be critical for compression or shear loading. Analysis methods for damage (including delamina-
tions) resulting from impact damage is contained in Section 7.8.4.3.

7-113




MIL-HDBK-17-3F

Volume 3, Chapter 7 - Damage Resistance, Durability, and Damage Tolerance

6 T

2a = crack length

L p = internal pressure 1

5 |- R = shell radius 2 ]

L t = wall thickness ]
e

Meridional crack in

/ ]

K, [ sphere, 6 =pRi2h ~\ , < Longitudinal crack in
| /

/

o(na)M2 , cylinder, o =pR/h

/7
/
v

Circumferential crack in
cylinder, ¢ =pR/2h
0 1 2 3 4 5 6
a(Rt)-UZ

FIGURE 7.8.4.1.4(d) Stress intensity correction factors for pressurized shells with cuts

(Reference 7.8.4.1.4(b)).

7.8.4.2.1 Fracture mechanics approaches
This section is reserved for future use.

7.8.4.2.2 Sublaminate buckling methods

Method A: Successive Sublaminate Buckling

This method is applicable to solid laminates or facings of sandwich structures. When loaded in com-
pression or shear, the sublaminate adjacent to the delamination may buckle (Reference 7.8.4.2.2(a)). In
sandwich structures only the surface sublaminate, not the one bonded to the core, can buckle. In solid
laminates both sides can buckle. When the sublaminate buckles, out-of-plane loads develop at the edge
of the sublaminate causing a growth of the delamination. A larger delamination will buckle at a lower
load. Once a sublaminate buckles it is assumed that it is unable to sustain further loads. This is the basic
conservative assumption of the analysis method. The analysis method (References 7.8.4.2.2(b) and (c))
is a step by step application of lamination theory together with first fiber mode failure criteria and buckling
analysis of anisotropic plates. The following steps are performed:

The laminate is divided into sublaminates according to the through the thickness location of the

The external load is distributed between the sublaminates according to their stiffness.
The sublaminates are checked for static compression, shear or combined load according to lami-

The sublaminates are checked for buckling. Simply supported boundary conditions are assumed
for outer sublaminates. Clamped boundary conditions are assumed for inner sublaminates in a

1.
delamination as obtained from NDE.
2.
3.
nation theory.
4,
case of multiple delaminations.
5.

A buckled sublaminate is conservatively assumed to be unable to sustain the buckling load. Addi-
tional load is transmitted to the unbuckled sublaminates.

For a single delamination, the strength of the delaminated laminate will equal the strength of the
sublaminate with the larger resistance to buckling. For multiple delaminations, as in the case of impact
damage (see Section 7.8.1), steps 2-5 are repeated until failure.
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This simplified model gives conservative results for sandwich facings, and good results for solid lami-
nates containing delaminations and impact damage.

Method B: In-Plane Stress Concentration Adjacent to Buckled Sublaminates

In Method B, the buckled sublaminates have reduced stiffness, carrying their buckling loads until
laminate failure due to an in-plane stress concentration.

7.8.4.3 Impact damages

Impact damage has been shown to reduce structural residual strength under tension, compression,
shear, and combined load cases. Post-impact residual strength is an important consideration for damage
tolerant design and maintenance. Several different approaches to predicting post-impact residual
strength have been documented in the literature. A semi-empirical analysis was developed from the large
database collected during the U.S. Air Force contract (Reference 7.5.1.1(j)) for stiffened wing structure.
This analysis predicted residual strength as a function of key design variables and impact energy. Al-
though such an approach supports design, it has limited benefit to service problems in which little or no
data is available on the impact event. Residual strength predictions based on a quantitative measure of
the CDS have subsequently emerged.

7.8.4.3.1 Sublaminate buckling methods

When impact damage is dominated by matrix cracks and delaminations, sublaminate stability is cru-
cial to compression or shear stress redistribution and reduction in residual strength (References
7.8.1.2.2(a) through 7.8.1.2.2(d)). The CDS must be known in order to predict sublaminate stability. For
example, the CDS shown in Figure 7.8.1.2.7(c) is dominated by 4-ply thick, unsymmetric sublaminates
that repeat through the laminate thickness, depending on the number of repeating ply groups in the stack-
ing sequence.

Once buckled, sublaminates may be assumed to carry a constant load and a stress concentration
develops in the adjacent undamaged material. The stress concentration is related to the effective re-
duced stiffness of the buckled sublaminates, which changes as a function of the initial buckling stress and
increasing loads. The reduced stiffness at failure can be estimated by matching the buckling stress with
the material’'s local compressive strain at failure. Test measurements of local strains show that these
analysis assumptions provide reasonable accuracy in estimating the stress concentration at the edge of
buckled damage (Reference 7.5.1.1(m)). Prediction of CAIl has also been confirmed by residual strength
tests (References 7.8.1.2.2(a) through 7.8.1.2.2(d)). This engineering approach to predicting CAl has
been successfully applied to sandwich panels (Reference 7.8.4.3.1(a)). More involved methods, including
finite element simulation of the sublaminate buckling and adjacent stress concentration, have also been
used to predict failure of laminated composites (Reference 7.8.4.3.1(b)). Such an approach may be re-
quired for built-up structure, in which load redistribution occurs.

The basic sublaminate stability analysis (Reference 7.8.4.1(a)) involves four steps. First, the damage
state is characterized with the help of NDI and the damage is simulated as a series of sublaminates.
Second, sublaminate stability is predicted with a model that includes the effects of unsymmetric LSS.
Third, the in-plane load redistribution is calculated with a model that accounts for structural geometry
(e.g., finite width effects). Finally, a maximum strain failure criterion is applied to calculate CAI strength.
Figure 7.8.4.3.1(a) shows typical results from this analysis procedure.
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FIGURE 7.8.4.3.1(a) Analysis and test results for 5 in. (127 mm) wide specimens, AS6/3501-6,
[45/0/-45/90]5s and ply thickness = 0.0074 in. (0.1880 mm).

A similar model with slightly different assumptions has been developed in References 7.8.4.3.1(c)
through 7.8.4.3.1(e). The residual strength of an impacted laminate loaded in compression and shear can
be estimated by considering the successive buckling of sublaminates and load redistribution among non-
buckled sublaminates, until fiber mode failure of the remaining laminate. This model requires input data
from NDE to define position, number, and dimensions of the delaminations that divide the laminate into
sublaminates. The Damage Model is built from the NDE data and conservative assumptions. The im-
pacted region is simplified to a sequence of sublaminates bonded at the delamination boundaries, Figure
7.8.4.3.1(b). The failure analysis is described schematically in Figure 7.8.4.3.1(c). The applied load is
distributed between the various sublaminates according to their relative stiffness. Failure of each
sublaminate is checked for compressive strength and buckling. As one sublaminate buckles, it is as-
sumed that it cannot carry additional load, and all the load is redistributed between the remaining
sublaminates, until fiber mode failure of the remaining laminate. In spite of the many assumptions made
in the interpretation of the NDE results as well as in the construction of the damage and failure model, the
results are in very good agreement with compression after impact experimental data for various materials
and impact energies (Figures 7.8.4.3.1(d) and (e)). This agreement exists because of the sequential na-
ture of the model. Since the layers are failed one after another, the exact value of a sub-laminate failure
is not important, as long as the failure sequence is correct. The overall precision of the calculation is the
precision of the fiber mode failure of the last failed sublaminate.

Similar analysis can be applied to compression facings of sandwich structures (Reference

7.8.4.3.1(f)). Sublaminates can only buckle away from the core and the core has a stabilizing effect, so
the predictions are more conservative than for thick laminates.

7-116




MIL-HDBK-17-3F

Volume 3, Chapter 7 - Damage Resistance, Durability, and Damage Tolerance

FIGURE 7.8.4.3.1(b)

- z
Depth of delamination (layers)

(b)

(©) (d)

Construction of damage model (AS4/3502, impact energy of 67.8 ft-lbs
(91.9 N-m)) (a) damaged specimen; (b) cross-section through damage
region (aa); (c) shape of major delaminations; (d) rectangular delaminations
used in the model (References 7.8.4.3.1(c) through 7.8.4.3.1(¢e)).
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FIGURE 7.8.4.3.1(c) Schematic description of failure model (References 7.8.4.3.1(c)
through 7.8.4.3.1(e)).
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FIGURE 7.8.4.3.1(d) Failure Load as a function of impact energy (References 7.8.4.3.1(c)
through 7.8.4.3.1(e)).
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FIGURE 7.8.4.3.1(e) Failure load as a function of material (References 7.8.4.3.1(c) through 7.8.4.3.1(e)).

7.8.4.3.2 Strain softening methods

The strain-softening approaches discussed for large through-penetration damage in Section 7.8.4.1.2
can be adapted to address impact damage scenarios. In studies reported in References 7.8.1.2.8(g) and
7.8.1.3(e), material laws for the damaged facesheet material within the impact zone was scaled from the
undamaged material law, as shown in Figure 7.8.4.3.2(a). The scaling factors were determined from tests
conducted on relatively small specimens containing representative impacts. The indentation resulting
from the impact was approximated by reducing the core height at nodes to best represent that measured
in the impact trials. Note that the approximations of the perimeter were significantly limited by the fixed
mesh size necessary to complement the strain—softening law.
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FIGURE 7.8.4.3.2(a) Strain-softening laws for impact damaged material.
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The described approaches were used to predict unconfigured and configured impacted compressive
strength. The unconfigured results are summarized in Figure 7.8.4.3.2(b). Two test points were used to
calibrate the material law, while the other two tests were predicted. The predictions were within 10% of
the test results.

Predictions were also made of two 30 x 44 in. (762 x 1118 mm) curved panels (122 in. (3.1 m) radius)
with two circumferential frames. Both panels were impacted at 200 in-lb (22.6 N-m) impact damage, with
one of the panels impacted on the inner (IML) facesheet, while the other was impacted on the outer
(OML) facesheet. The predictions are compared with the experimental results in Figure 7.8.4.3.2(c).
Predictions were within 7% of the measured values.
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FIGURE 7.8.4.3.2(b) Strain softening predictions of unconfigured impacted compression strength.
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FIGURE 7.8.4.3.2(c) = Comparison of measured impacted compression failure loads with strain
softening predictions.

7.8.4.4 Cuts and gouges

Fortunately, most of the damage that is critical to tensile loading such as cuts and gouges is, to some
degree, visible. Tests have shown that for tensile loading, the residual strength of a laminate with a cutout
is primarily dependent on the width of the cutout and essentially independent of the cutout shape. Thus
ultimate design values reduced to account for the presence of a 0.25 inch (6.4 mm) diameter hole also
account for an equivalent length edge cut. Cuts of this type that might be produced during manufacturing
are a special problem since they may be filled with paint, and consequently, not detected. Sufficient test-
ing should be done as part of design verification programs to ensure that cuts and gouges that are on the
threshold of visibility will not degrade the structural strength below Ultimate Load requirements.

Small cuts and gouges (< 0.25 inch (6.4 mm)) can also affect the residual strength for load cases
dominated by compression and shear. Such damage has not been a design driver for compression and
shear Ultimate Load requirements of composites with first-generation, brittle epoxy matrices because
BVID is more critical for such materials. However, small cuts and gouges can be critical for such load
requirements when using toughened matrix, textile, or stitched composite materials.

Larger cuts or gouges, which are clearly visible, lower compression, shear, and tensile strengths be-
low Ultimate Load requirements. Methods discussed in Section 7.8.4.1 can be used to evaluate panels
with this level of damage.

7.9 APPLICATIONS/EXAMPLES

Composite structure application in the aerospace industry has progressed to the extent that a number
of vehicles containing primary composite components have been certified/qualified for use. This section
presents a discussion of some representative applications in various categories and types of aircraft. The
examples are intended to provide the reader with some insight to how vehicle prime contractors have ap-
proached durability and damage tolerance issues and successfully satisfied appropriate requirements.
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Requirements are evolving and specific structural applications on various vehicles often contain
unique features, hence the examples are not to be construed as the only way to accomplish damage tol-
erance and durability. Instead, they illustrate the thinking, focus, and scope of the task. It is hoped this
will be of help in future programs.

7.9.1 Rotorcraft (Sikorsky)

The damage tolerance approach for composite rotorcraft under cyclic loading combines analysis and
building block testing (from coupon to full scale level) to demonstrate the required level of reliability (A or
B-basis) of composite parts in the presence of damage. The approach demonstrates no growth of dam-
age under spectrum loading for the required number of cycles at the representative environment(s) and
with the appropriate load enhancement factors for statistical reliability. At the end of the lifetime fatigue
test, residual strength is demonstrated.

7.9.1.1 Damage

The damage should be representative of the type of damage expected during manufacturing and ser-
vice. The size of damage is determined as a combination of the maximum damage size allowed by the
inspection means selected and a statistical treatment of the expected threats (tool drops, hail, runway
debris, etc.). The location of damage is based on statistical analysis of the damage scenarios and the
threats to which the most highly loaded areas of the structure may be exposed. Since routine inspections
during service are visual inspections, no damage growth of non-visible damage must be demonstrated for
the full service life of the aircraft. For visible damage, no growth must be demonstrated for at least three
inspection intervals.

7.9.1.2 Environment

The structure should be tested at the worst environment expected in service. For most composite
materials used in rotorcraft, this means elevated temperature wet conditions for static and residual
strength testing, and room temperature wet conditions for fatigue testing. To avoid increased costs asso-
ciated with setting up and maintaining environmental chambers, tests can be conducted at room tempera-
ture ambient conditions provided the applied loads are adjusted for environment with the use of an ap-
propriate load acceleration factor. This factor is defined by analysis, coupon, and element testing that
determine the environmental knockdown factor from room temperature ambient to the service condition
for the type of loading and particular failure mode.

7.9.1.3 Test loading conditions related to critical failure modes

The loads applied during testing at the element and component levels should simulate the internal
loads in the vicinity of inflicted damage. This is critical in the case of open hole compression and com-
pression after impact tests. Many rotorcraft components such as flexbeams are designed to interlaminar
shear or peel loads. Therefore, open hole compression or compression after impact tests are not directly
applicable without prior demonstration of equivalence through adjustment of loading and hole size.

7.9.1.4 Testloads - load enhancement factor (LEF)

In addition to the load acceleration factor to account for environmental effects, a load enhancement
factor is used to account for material variability. The full scale specimen is tested at a combination of life-
times (typically one for rotorcraft due to the large number of cycles per lifetime) and applied loads such
that at the end of a successful test, the required reliability (A or B-basis) is demonstrated. The LEF de-
pends on the static and fatigue scatter exhibited by the material(s) used. Sufficient tests at the coupon,
element, and component level are necessary to quantify the scatter. Weibull statistics and the approach
given in Reference 7.9.1.4 are used for the determination of the LEF.
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7.9.1.5 Spectrum - truncation

Helicopter dynamic components such as rotor and transmission components as well as airframe or
empennage components exposed to rotor wake loading experience a very large number of cycles per
lifetime. Typically, a 30000 hour lifetime may include more than a billion cycles. For this reason, a trunca-
tion level is established to eliminate loads from the test spectrum which will not propagate damage in the
aircraft lifetime.

The truncation level is determined as a ratio of the stress (or strain) corresponding to 10® cycles on
the S-N curve to the static room temperature wet A basis (or B-basis) strength with damage. This is done
for each of the R ratios, loading, and failure modes expected in service. It should be pointed out that the
room temperature wet A basis strength value may be significantly higher than the corresponding Limit
Load. The truncation level determination is depicted graphically in Figure 7.9.1.5.

The truncation ratio can be shown to depend on R ratio (o, / omax ) and damage type (hole versus

impact or delamination for example). It will also depend on the materials used. For this reason, coupon
and element test data covering materials, lay-ups, and representative R-ratios are necessary to establish
a conservative truncation level that covers all cases.

As an alternative approach for the determination of the truncation level, the wearout equation pro-
posed by Sendeckyj (Reference 7.9.1.5) and discussed in Reference 7.9.1.4 can be used. This requires
sufficient data for each R ratio, material, and damage type which can be an exhaustive series of tests.
The wearout equation in Reference 7.9.1.5 can be used to determine the truncation level as the A (or B)
basis residual strength at a given number of cycles.
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FIGURE 7.9.1.5 Truncation level determination.
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7.9.1.6 Residual strength test

At the end of a successful fatigue test, residual strength must be demonstrated. Limit Load or Ulti-
mate Load capability must be demonstrated depending on whether the damage present is visible or non-
visible, respectively. The environment should be the worst environment for static loading (elevated tem-
perature wet for most materials). Periodic residual strength tests can be incorporated during the fatigue
test to protect against early failure or damage growth. In such a case, the last successful residual
strength test marks the number of cycles for which the current design is certified.

The damage tolerance certification procedure for rotorcraft composites under fatigue loading is shown
in Figure 7.9.1.6.

7.9.2 Commercial aircraft (Boeing 777 empennage torque boxes)

The damage tolerance approach for certification of commercial aircraft composite principal structural
elements involves analysis and building block testing from the coupon to the full-scale levels (Reference
7.9.2). The approach demonstrates no growth of damage at the threshold of detectability (BVID) under
repeated loading for a minimum of two airframe design service objectives (“lifetimes”). Residual strength
for several damage scenarios is demonstrated after application of the repeated loading. The structural
inspection plan is developed based on the maintenance program and on environmental deterioration and
accidental damage ratings developed in accordance with FAR 25.571.

This section outlines the tests and analyses used to validate the damage tolerance of the Boeing 777
empennage main torque box structure.

Load Spectrum Loading (RTW)
truncated: with LEF ‘Three mspection intervals,

Y Y
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Manulacturing llaws .
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damage
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one lifetime

RS: Residual Swrength Test (ETW)

FIGURE 7.9.1.6 Schematic of fatigue testing for rotorcratft.

7.9.2.1 Durability - environmental

Environmental durability of the materials and structure was validated by:
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e Long term exposure of panels attached to racks in several locations. Periodically the panels are
retrieved, specimens machined and tested, and the data compared to baseline data.

e Temperature-moisture cycling of a three (3) stringer skin panel section, bolted joints with mold-
able plastic shims (MPS), and laminates with resin rich areas.

7.9.2.2 Durability - mechanical loads

A series of coupons, element and sub-component level tests were used to validate that damage from
repeated loading does not occur at operational load and strain levels. The following coupon tests were
conducted to at least 106 load cycles:

Unnotched laminates (edge delamination test).
Laminates with an open hole.

Laminates with pad-ups.

Bolted joints (composite-composite, composite-titanium).
Radius details.

The following sub-component tests were conducted without experiencing damage initiation in the
composite structure:

e Five stringer panel with a bonded repair and “barely visible impact damage” (BVID) impacts;
tested to 2 lifetimes of repeated loads.

e Horizontal stabilizer skin splice joint panel with BVID impacts; tested to 2 lifetimes of repeated
loads + 1 lifetime with enhanced loads.

e Vertical fin-to-body root joint panel; tested to 38 equivalent lifetimes repeated loads.

In addition, a pre-production horizontal stabilizer test box and the 777 horizontal stabilizer and vertical
fin were tested to at least two lifetimes of repeated loads without experiencing damage initiation in the
composite structure.

7.9.2.3 Damage

The 777 empennage composite structure is designed to be resistant to corrosion, and strain levels
are such that damage initiation or growth (of visible and non-visible damages) does not occur with re-
peated operating loads. Therefore, accidental events are the only realistic damage source for damage
tolerance evaluation of the composite structure.

The damages for evaluation are representative of the type and severity expected during manufactur-
ing and service. The size of damage is determined based on the capability of the selected inspection
method(s). Structure with damage at the threshold of detectability (BVID) must be capable of Ultimate
Loads and demonstrate “no damage growth” under operating loads for the expected service life of the
airplane. If detrimental damage growth is indicated, then damage must be shown to be detectable before
it reduces the structural strength below Limit Load capability. Damages are generally applied to the most
critically loaded areas of the structure.

The main source of discrete source damage for the empennage main torque boxes is from impacting
objects. The main torque boxes are located in lightning strike zone 3 (no direct attachment or swept light-
ning strikes) and, therefore, are not affected by direct lightning. The leading edge structures are of metal
construction, and are designed to prevent bird strike damage to the main box.

7.9.2.4 Damage tolerance - "no growth" tests
Since routine inspections of the 777 composite structures during service are visual inspections, and

since the characteristic growth of typical damage to composite structure is not visual, the “no growth” ap-
proach for damage tolerance certification is used. The “no growth” of damages at the threshold of detect-

7-125



MIL-HDBK-17-3F
Volume 3, Chapter 7 - Damage Resistance, Durability, and Damage Tolerance

ability must be demonstrated for the service life of the aircraft. For visible damages which are readily de-
tectable by scheduled inspections, “no-growth” must be demonstrated for at least two inspection intervals.
This is to insure that the damages will not progress beyond the critical damage threshold (CDT) for which
the structure must maintain Limit Load capability.

The “no-growth” of small damages was demonstrated with element, sub-component and component
level tests tested to a minimum of 2 lifetimes of repeated loads. The following element and sub-
component repeated load tests demonstrated no damage growth:

Laminates with BVID impacts.

Shear panels with BVID impacts at the edge of cutouts.

Five stringer panel with a bonded repair and BVID impacts.
Horizontal stabilizer skin splice joint panel with BVID impacts.
Spar shear beams with BVID impacts at the edge of web cutouts.

A pre-production horizontal stabilizer test box was subjected to a series of static and repeated spec-
trum loads to verify the materials, design concepts, manufacturing processes, analysis methods, “no-
growth” of damages, and ultimate and residual strength capabilities. Compression has been shown to be
the critical mode of loading for impact damaged composite structures. The damage emphasis in the test
program was on the highest loaded compression areas.

The specific locations of the individual damages were chosen on the basis of strain patterns devel-
oped by FE modeling and previous test results of sub-component panels which indicated critical areas.
Various levels of damages were introduced into the test article on three separate locations in the test se-
guence (see Figure 7.9.2.4).

Apply BVID (small) damages
60% Design Limit Load (DLL) Conditions - Strain Survey
Repeated Loads (Fatigue Spectrum) - 1 Lifetime
60% DLL Conditions - Strain Survey
Repeated Loads (Fatigue Spectrum) - 1 Lifetime
Apply visible damages
Repeated Loads (Fatigue Spectrum) - 2 Inspection Intervals
100% DLL Conditions
Apply element damages
70% DLL Conditions - “Continued Safe Flight” Load Levels
Repair visible and element damages
Design Ultimate Loads (DUL) Conditions
Load to Destruction

FIGURE 7.9.2.4 Testing sequence for pre-production horizontal stabilizer test box.

The first damages applied were BVID or "small* damages. These were introduced before the start of
testing. Small damages are defined as those which are visible at a distance of less than 5 feet (1.5 m)
(threshold of detectability or BVID) or are the result of impacts at an energy level less than 1200 in-lb.
(135 J), which is the energy level cutoff used for BVID. The small damages were inflicted at critical loca-
tions on the skin panels and spars to verify that the structure was capable of sustaining design Ultimate
Loads with BVID present. All BVID were assumed to be undetectable and were not repaired during the
test program. After application of BVID, the test box was subjected to two lifetimes of repeated loads that
included a 1.15 load enhancement factor to account for potential data scatter in CFRP S-N curves. The
second damages applied were "visible" damages. These damages were introduced after the end of the
two lifetimes of repeated loads. Visible damages were defined as damages readily detectable during the
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scheduled inspection plan, and included dents and small cuts to the skin panels and spars. The visible
damages were then subjected to repeated load testing equivalent to two inspection intervals and then to
design Limit Loads.

No significant damage growth was detected at any of the BVID or visible damage locations on the
test box. Minor amounts of “rounding” of the damage shape and separation of delaminated surfaces were
detected early in the load cycling (delaminations where the ply surfaces are in contact are sometimes not
detected by NDI). No damage growth occurred thereafter.

7.9.2.5 Damage tolerance - residual strength

Residual strength tests were conducted on sub-components and the pre-production test box to verify
required load levels and validate analytical methods. The following sub-component test types were used
to demonstrate limit and discrete source level damage capability.

Five stringer skin panels with disbonded stringer (Limit Load).

Five stringer skin panels with visible impact damage (Limit Load).

Five stringer skin panels with a cut skin bay (Limit Load).

Five stringer skin panels with a cut center stringer and skin bay (continued safe flight load).

The third set of damages applied to the pre-production test box were "element" damages. These
damages were introduced after the completion of the repeated loads testing and Limit Load testing of the
visible damages discussed above. Element damages were defined as complete or partial failure of one
or more structural units. Three damages were applied: a cut stringer and skin bay, a cut front spar chord
and adjacent skin, and a cut rear spar chord and adjacent skin. The test box was then subjected to series
of "continued safe flight" static load conditions (approximately 70% of the empennage design Limit
Loads). No significant damage growth was detected after application of the load conditions.

Analytical methods were used to demonstrate residual strength capability of the 777 empennage
structure for the following damage types. The methods were validated by the sub-component and test
box results. Environmental effects were accounted for in the damage tolerance analyses by applying fac-
tors derived from coupon tests to material property inputs for the analyses.

Disbonded stringer - load redistribution and crippling analysis.
Visible impact damage on skin panel - notch fracture analysis.
Cut skin - notch fracture analysis.

Cut skin and stringer - notch fracture analysis.

Cut spar chord and skin - FE load redistribution analysis.

7.9.2.6 Inspection plan

The inspection plan for the 777 empennage is based on visual inspections. Since the “no-growth”
approach was adopted and validated, the inspection intervals are based on environmental deterioration
and accidental damage ratings (EDRs/ADRS), rather than on damage growth characteristics. A C-check
(a comprehensive inspection of installations with maximum access to components and systems) for the
777 is typically performed at 4000 flight cycles or two years, whichever comes first. Typically, external
surveillance inspections for the composite structure are scheduled at 2C intervals. Internal surveillance
inspections for the composite structure are scheduled at 4C intervals.

7.9.3 General aviation (Raytheon Starship)
7.9.3.1 Introduction

The first airplanes were built of wood, fabric, and resin. In a way, today's composite airplanes are re-
turning to those basics, except now, the fibers are carbon and Kevlar and these are set in high tempera-
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ture curing epoxy resins. The benefits of modern composite construction are obvious: low weight, high
bending stiffness, and the ability to fabricate very large structures with compound curvature. These may
be cured in a single piece, eliminating parts, joints, sub-assemblies, and associated inspection costs. The
civil airplane certification of composite structures involves all the strength, stiffness, and damage toler-
ance evaluations normally applied to metallic structures; however, in damage tolerance evaluation of
composite structures, although the same principles apply as those for metallic structures, the application
of these principles must take into account the particular properties of composite structures.

7.9.3.2 Damage tolerance evaluation
7.9.3.2.1 Regulatory basis

Damage tolerance evaluation has been the norm for Transport Category Airplane structures (metal or
composite) certified under Part 25 of the Federal Aviation Regulations since the late 1970’s. The Starship
was the first airplane to be certified to damage tolerance requirements under Part 23 Small Airplane regu-
lations. Raytheon engineers worked in cooperation with FAA specialists to establish Special Conditions for
Fatigue and Damage Tolerance Evaluation which were first published for application specifically to the
Starship in 1986. These conditions have since been codified into the main body of Part 23, Federal Avia-
tion Regulations.

The intent of damage tolerance evaluation is the same regardless of the size of the airplane, even
though the regulations may contain different wording. In general terms, the intent is to ensure long term
safety based on published inspection procedures considering manufacturing quality intrinsic to the proc-
esses used and recognizing that certain damage may occur during service.

7.9.3.2.2 Typical damage scenarios and related requirements
Three different damage scenarios will normally be considered:

Scenario 1, Initial Quality. This covers items intrinsic to the manufacturing process and the inspec-
tion standards. Scenario number 1 represents the as-delivered state and, therefore, the structure must
be capable of meeting all requirements in terms of strength, stiffness, safety, and longevity.

Scenario 2, Damage During Assembly or Service. Damage from scenario number 2 must exhibit
predictable growth, or no growth, during a period of in-service loading (usually expressed in humber of
inspection intervals) and must be detectable by the specified in-service inspection methods. Also, the re-
sidual strength of the structure with such damage must always be at least equal to the applicable residual
strength requirements.

Scenario 3, Damage from Discrete Sources. Damage resulting from scenario number 3 will be
obvious to the crew during a flight (or be detected during a preflight inspection) and, therefore, a specific
set of residual strength criteria apply which are concerned with safely completing a single flight.

7.9.3.2.3 Damage source and modes

Up to this point no details of damage mode, damage magnitude, or structural response have been
discussed. It simplifies the evaluation to first recognize the generic scenarios and potential damage
sources. Then, from those, identify the possible damage modes and the desired structural response.
From the above definitions it is not too difficult to build a matrix such as the one shown in Table 7.9.3.2.3.

The damage modes from scenario 1 are typically not a significant problem from the load capability
point of view. However, the potential damage modes from intrinsic manufacturing quality must be identi-
fied and controlled by the manufacturing specifications and acceptance criteria. Given this, it is usually
easy to demonstrate that these small imperfections will not grow under cyclic loads typical of commercial
airplane service.
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Scenario 3 imparted damage is at the opposite end of the scale: these modes of damage are easily
detectable and will need attention before further flight (except maybe for an authorized ferry flight to a
repair facility). Therefore, inspection and longevity are not concerns.

The scenario which creates the most need for investigation is scenario 2, and a typical test program
is described in the following section.

7.9.3.2.4 Element testing

To evaluate composite honeycomb structural performance under the various damage modes, element
testing is usually performed. It is possible to conduct these evaluations on the full scale test articles, but
this is a risky approach and the results will be too late to guide the design to a minimum weight and cost
configuration.

TABLE 7.9.3.2.3 Example matrix: damage source and potential modes.

SCENARIO 1 SCENARIO 2 SCENARIO 3
Source Damage Source Damage Source Damage
Modes Modes Modes
Manufacturing  Small Tools Resin cracking | Severe lightning Plies burned
process imperfections | Baggage Delamination Puncture
within the Halil Core crush Bird strike Delamination
inspection Gravel Puncture Core crush
sensitivity and | Lightning Resin burn Puncture
acceptance Delamination Rotor burst Puncture
criteria: Loose rivets Severed
elements
- Porosity Water Core cell Engine fire Resin burn
- Voids intrusion damage Delamination
- Disbonds Cyclic Delamination Ground Puncture
loading growth equipment
Disbond growth | Hangar doors
Bleed air Resin burn

Static Tests. Testing to validate tolerance to the damage modes in scenario 2 will include impact
tests without puncture, puncture tests of detectable size and larger, water ingression tests with
freeze/thaw cycles, and lightning strike tests. Strength testing will be performed for the failure modes
shown to be critical based on the internal loads analysis, typically a finite element analysis.

The static strength portion of the element test matrix is shown in Table 7.9.3.2.4(a).

A larger number of undamaged specimens may be tested at a selected loading in order to validate
the laminate analyses by comparison of mean and B-basis test results to analytical predictions. This may
also be desirable in order to establish that undue variability is not introduced by a particular manufacturing
process.

Cyclic Tests. The test matrix for cyclic loading follows the same pattern, except now loading at mul-
tiple stress levels is desirable to establish the sensitivity of flaw growth to cyclic stress level. Again an in-
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creased number of specimens may be tested at a selected condition to identify variability, in this case as it
affects flaw growth. Generally, cyclic testing of undamaged composite panels is not of great interest. Also,
composite panels are less sensitive to flaw growth under tensile loading. This insensitivity can be demon-
strated by testing at a constant amplitude of 67 percent of the maximum stress test result from similar
specimens under static tensile loading, see Table 7.9.3.2.4(b). In addition to constant amplitude stress
level testing, spectrum loads representing lifetime varying amplitude loads should be tested as there is,
today, no industry-wide acceptance of analytical methods predicting flaw growth rates under lifetime vari-
able amplitude loading.

Pressure Cabin Shell Residual Strength. Honeycomb construction has a particular advantage in
maintaining residual strength after incurring large size damage from sources such as those described
scenario 3. This is due to the honeycomb shell stiffness imparting great resistance to crack bulging which
in thin skin structures is a source of high crack extension forces. Tests to validate residual strength in the
presence of large puncture damage are usually conducted on cylinder wall samples loaded to simulate
internal pressure or a combination of pressure and shear.

TABLE 7.9.3.2.4(a) Element test matrix--static loading.

TEST TYPE/ TENSION COMPRESSION SHEAR
DAMAGE MODE (Fuselage Top) (Fuselage Bottom) (Fuselage Side)
Hoop | Longitudinal
Undamaged 3 3 12 3
Impact 3 3 3 3
Detectable Puncture 3 3 3 3
Large Puncture 3 3 3 3

NOTE: Numbers in cells indicate number of replicates.

TABLE 7.9.3.2.4(b) Element test matrix - cyclic loading.

TENSION COMPRESSION SHEAR
STRESS 1 2 3 1 2 3 Spectrum 1 2 3
LEVEL Loading
Impact 3 3 3 3 3 3 3 3
Detectable
Puncture 3 3 12 3 3 3 3 3

NOTE: Numbers in cells indicate number of replicates.

7.9.3.2.5 Test results
Selected examples of element test results in typical presentation formats are shown in the following

figures. The results shown were obtained from samples representing fuselage shell construction on a
business jet. However, scale matters, and different results might be obtained from tests on samples rep-
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resenting large transport airplanes because of different face sheet thicknesses and core densities re-
quired to carry the basic pressure and bending loads.

Tension. From Figure 7.9.3.2.5(a), hoop tensile loading from internal pressure, it's clear that design-
ing for damage tolerance need not impose a serious weight penalty. Ultimate design pressure must be
carried with the undamaged panel and this means that just a little additional material will enable the panel
to meet the required residual strength load with large puncture damage. This is because residual strength
required for the pressure case is about 60 percent of the ultimate pressure. In the case of longitudinal
tensile loading from fuselage bending, Figure 7.9.3.2.5(b), the residual strength requirement is Limit Load,
i.e., about 67 percent of the ultimate pressure, and again to carry that load with a large puncture a small
amount of material must be added. In both cases a more robust structure would result if Ultimate Loads
were to be carried with impact damaged panels. And this may be required by the regulations unless im-
pact damage is readily detectable.

100 T
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I I I I I
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o
|

Percentage Strength

PN W
o O O o
| | | |

Undamaaed Impact Detectable Puncture Large Puncture

FIGURE 7.9.3.2.5(a) Tension - hoop.

Compression. As shown in Figure 7.9.3.2.5(c), a similar situation exists in the case of compressive
loading from fuselage bending. Designing to the residual strength requirement with large puncture dam-
age would imply using approximately 85 percent of the allowable undamaged strength; but if impact dam-
age is to be good for Ultimate Load then only 65 percent of the undamaged strength will be used. This
may not be a serious penalty as the maximum compressive loads occur in the fuselage bottom from
down-bending load cases and the lower fuselage is usually reinforced by cargo or passenger floor struc-
ture.

Shear. Maximum shear loading occurs along the side of the fuselage. Again, designing to carry Limit
Load (67 percent of Ultimate Load) with large puncture damage is a slight weight penalty, approximately
82 percent of the maximum undamaged strength can be used. But in this case, 82 percent of undamaged
strength will accommodate impact damage at Ultimate Load. This is illustrated in Figure 7.9.3.2.5(d).

7-131




MIL-HDBK-17-3F
Volume 3, Chapter 7 - Damage Resistance, Durability, and Damage Tolerance

=

o

o
|

Percentage Strength
P N WS OO N 0O
O O OO OO oo o o

Undamaged Impact Detectable Large Puncture
Puncture

FIGURE 7.9.3.2.5(b) Tension - longitudinal.
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FIGURE 7.9.3.2.5(c) Compression.
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Impact Detectable Large Puncture
Puncture
FIGURE 7.9.3.2.5(d) Shear.

Pressure Cylinder Results.

Figure 7.9.3.2.5(e) presents an assemblage of test results illustrating
the trend from no damage to massive damage. Massive damage being the type of wall puncture that
could only occur from a serious collision with ground support equipment such as steps, generator carts,
refueling equipment, baggage handling equipment, and so on.
damage should be obvious and should be detected before flight, but, just in case... tests are conducted to
determine cylinder wall residual strength with large and obvious damage. The test points indicated as
MIT in Figure 7.9.3.2.5(e) are from honeycomb wall cylinders tested at MIT, see Reference 7.9.3.2.5. The
trend revealed is typical of test results from big and small airplane pressure containment structure in that

with larger and larger damage a residual strength threshold becomes apparent.
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FIGURE 7.9.3.2.5(e) Cylinder wall test results (internal pressure).
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Cyclic Test Results. An example is presented in Figure 7.9.3.2.5(f) of typical constant amplitude test
results for large puncture damage under constant amplitude compressive loading. The most useful pres-
entation for these data is as shown, i.e., a best-fit straight line. This type of plot can be used to assess
important damage tolerance characteristics of the materials tested. The significance of scatter in flaw
growth life can be assessed by plotting a B-basis stress-life line assumed to be parallel to the mean life
plot. The flaw growth threshold may then be determined by extrapolation of the B-basis life line to ten mil-
lion cycles (100 million in the case of rotating equipment with high cycle loading).

A prime use of these data is to structure the full scale cyclic test to run in an economical, yet rational,
manner. All stress cycles below the flaw growth threshold may be eliminated from the full scale test spec-
trum. Also, scatter in flaw growth life may be accounted for by a factor increasing the applied loads and,
therefore, reducing the number of test lifetimes.

Cyclic Test Results
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FIGURE 7.9.3.2.5(f) Constant amplitude cyclic test results - large puncture damage
under compression loading.

7.9.3.2.6 Full scale tests

Full Scale Cyclic Tests.  Certification of major load carrying structure requires that components
such as wings, fuselages, and tail structures are tested through a sequence of loads representing at least
two lifetimes of expected missions. Each lifetime consists of thousands of load cycles, including wing lift,
fuselage reactions, tail loads, pressure cycles, and landing loads. During these tests damage will be me-
chanically inflicted in the structure to simulate in-service damage. These situations include lightning strike,
hail damage, runway damage, and tool impacts. These damage modes will be tested through as much as
one lifetime of fatigue testing to prove that the structure is, in fact, damage tolerant in the full size articles,
i.e., that damage will not grow in an unpredictable manner and will always be detected by the inspections
specified.
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Larger damage may be inflicted later in the full scale cyclic testing to simulate impacts with ground
service equipment, impacts with hangar doors and other aircraft (hangar rash) and poor maintenance
practices; all bad things that occasionally happen in the loading, handling, and maintenance of commer-
cial airplanes. The larger damage modes should be detected before the next flight and so the demonstra-
tion for these modes may consist of a relatively few flights of cyclic loading and inclusion in the residual
strength tests.

Full Scale Residual Strength Tests. After completion of the lifetimes of cyclic testing, the major
components of wing, fuselage and tail will be subjected to load tests to verify that, in spite of all the load
cycles and inflicted damage, the remaining structure will still carry the required residual strength loads
(flight loads and/or pressure loads expected to be encountered during the service life of the aircraft, ex-
cept for the larger damage modes which are associated with specific residual strength criteria).

7.9.3.2.7 Continued airworthiness inspections

Based on interpretation of the test results obtained, inspection procedures, threshold time, and fre-
guency of inspections will be established and published in the airplane manuals. A factor is usually ap-
plied so that allowance is made for the damage to exist over several inspection intervals, depending on
the criticality of the structure. A further factor may be needed to account for scatter revealed in the flaw
growth test results.

7.9.3.3 Service experience

The service experience with primary composite structures in civil aviation has been excellent. Beech
Starships have been flying since the late 80’s and no problems with major structure have been encoun-
tered. Composite stabilizer structures have been in use on Beech 1900 commuters flying typically 2500
hours per year since the mid 80’s; again no problems related to the composites have been reported.

Safety in the event of an emergency landing has also proven to be outstanding. A nose landing gear
collapsed during a landing of one of the Starship test airplanes; the airplane was flown home and was
back in service in 10 days. The repairs were made by procuring blank parts from the factory, cutting out
the needed replacement sections, and splicing these into place by bonding and fastening.

An even more spectacular event occurred in Denmark in February, 1994. Starship number 35 ran off
the runway into a snow bank at approximately 130 mph (210 km/hr) after an aborted take off. Crew and
passengers were shaken but otherwise unhurt. No fuel was spilled, no seats came loose, no windshield
or window glass was broken, or even cracked, and the cabin was undistorted enabling the cabin door to
open normally. The crew and passengers unbuckled their seat belts and walked away. The right hand
main gear collapsed, the other main gear and the nose gear were sheared off (not torn out, but the alumi-
num forgings severed) from the force of hitting the snow bank at high speed. The right hand wing tip was
dragged along the ground and as a result suffered damage to the flaps, tip sail, and rudder. The nose
section was damaged by the nose gear being severed and forced upward into the structure. The cabin
underbelly was crushed through skidding along without the landing gear but the damage was localized to
the area between the seats.

Ateam was sent to survey the damage and list the replacement parts needed. Later the airplane was
repaired on-site by a crew of five technicians plus one engineer, one inspector, and one service manager.
Some parts with localized damage were repaired using techniques published in the Starship Structural
Repair Manual which allows damage to be repaired on-site by trained service staff. For more extensive
damage, blank parts were delivered from the factory and were used as stock from which to cut replace-
ment panels which were then bonded and/or fastened into place. Of course, aircraft systems such as
landing gear, hydraulics, antennae, etc., were simply replaced with factory spare parts. The repairs were
finished and the airplane rolled out for flight test in July of 1994. This was ahead of schedule and under
budget, much to the surprise of the insurance company and the Danish aviation authorities who were both
convinced that a metal airplane would have suffered much greater damage and would have been totaled
by such an incident.
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7.9.3.4 Conclusions

Modern manufacturing methods enable the fabrication of composite primary load carrying structures
for commercial aircraft use which are low cost as well as low weight. These structures require a damage
tolerance evaluation for certification to Part 23 or Part 25 of the FAA regulations. A rational damage sce-
nario and a supporting element test program will considerably assist the damage tolerance evaluation.

Composite structures can be designed to tolerate large damage with a small weight penalty. It may
not be required to design to carry Ultimate Loads after impact damage (it depends on the inspections
specified). However, a more robust product will result when composite structures are designed to carry
Ultimate Load with impact damage. In fact, the FAR 23 regulations are quite specific in this area and re-
quire Ultimate Load capability with impact damage at the level of detectability based on the inspection
methods.

Composite structures are relatively insensitive to cyclic loading, and a flaw growth threshold may be
defined from the test results. Scatter in flaw growth life should be examined in order to establish a rela-
tionship between test lifetimes and service lifetimes for full scale cyclic testing. This will also enable the
full scale tests to be conducted more economically than on equivalent metal structures.

With the combination of careful analysis, rational testing, and advanced manufacturing techniques,
further civil airplane applications of composite primary structures can be expected.

7.9.4 Military aircraft

Reserved for future use.
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